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Aerothermodynamic Design Problems of
Winged Re-Entry Vehicles

In this chapter, we consider selected aerothermodynamic design problems of
winged re-entry vehicles (RV-W’s, Section 1.1). Of these vehicles the Space
Shuttle Orbiter so far is the only operational vehicle. The other ones are con-
ceptual studies or projects, which have reached different degrees of maturity.

RV-W’s are either launched vertically with the help of rockets or, in the
case of TSTO systems, horizontally from a carrier vehicle, the lower stage of
the system. Other launch modes have been considered, viz., horizontal launch
from a sled. Return to the Earth surface in any case is made with an unpowered
gliding flight, followed by the horizontal landing on a runway.

A winged re-entry vehicle is heavier and more complex than a non-winged
vehicle (capsule), Chapter 5, and in principle is a re-usable vehicle, unlike the
latter. Its relatively high lift-to-drag ratio allows for a large cross-range capa-
bility. The aerodynamic design of RV-W’s is driven by their wide Mach number
and altitude range, whereas the structural design is driven by the large thermal
loads, which are present on the atmospheric high-speed segment of the re-entry
trajectory.

In this chapter we give an overview of aerothermodynamic phenomena
found on RV-W’s, look at a major simulation problem, viz., that due to high
Mach number and enthalpy effects, and discuss particular aerothermodynamic
trends. This is followed by a presentation of aerodynamic coefficients of the
longitudinal motion of several vehicles. Finally, we study implications of Os-
watitsch’s Mach number independence principle in view of the hypersonic
pitching moment anomaly observed during the first re-entry flight of the Space
Shuttle Orbiter.

3.1 Overview of Aerothermodynamic Issues of Winged
Re-Entry Vehicles

3.1.1 Aerothermodynamic Phenomena

Winged re-entry vehicles basically fly a braking mission during return from or-
bit or sub-orbit to the surface of Earth. They are, therefore, on purpose blunt
and compact vehicles. The largest part of their trajectory is flown at high an-
gle of attack, Fig. 3.1, which is in contrast to airbreathing cruise and acceler-
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Fig. 3.1. Angle of attack α and flight Mach number M∞ of a) the Space Shuttle
Orbiter, and b) the TSTO space transportation system SÄNGER up to stage sepa-
ration as function of altitude [1].

ation vehicles (CAV’s, Chapter 4) and RV-NW’s (Chapter 5). The high angle
of attack of the vehicle with a relatively flat windward side (Sub-Section 3.2.2)
increases the effective bluntness and thus increases further the (wave) drag of
the vehicle. The large nose and wing leading edge radii, and the highly swept
wing, permit effective surface radiation cooling [1].

The very small aspect ratios of such vehicles, as for all hypersonic flight
vehicles, causes difficulties in low-speed control, such as during approach and
landing. A remedy is to provide a double-delta, or strake-delta wing, Fig. 3.2.1

In the case of HERMES, low-speed handling is improved by the winglets, see
also Chapter 6.

In the aerothermodynamic design of RV-W’s, flow and high temperature
real gas phenomena which do not occur in subsonic, transonic and low super-
sonic flight must be taken into account. Major phenomena of the flow past RV-
W’s in the continuum-flow regime (below approximately 90–100 km altitude)
are indicated in Fig. 3.3.

As mentioned, high drag demand and thermal load minimization call for a
blunt nose and large angle of attack of the more or less flat lower side of the
vehicle. Such a geometry gives rise to a detached bow shock and strong com-
pressibility effects on the windward side. Due to the high angles of attack on
the re-entry trajectory down to low altitudes, the flow past the windward side
of the vehicle is of major interest. The leeward side is in the hypersonic shadow
and is important in view of vehicle control, Section 2.1 and Chapter 6.

On the windward side of the vehicle, we first point out the presence of the
entropy layer. Two forms of the entropy layer are possible [1]. One, typical for
symmetric flow, has a (inviscid) velocity profile normal to the body surface
which resembles the velocity profile of a slip-flow boundary layer. The second

1 The effective wing surface includes the whole lower side of the airframe. With
CAV’s, the lower side of the airframe is also part of the propulsion system, Chap-
ter 4.
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Fig. 3.2. Planform and size of example hypersonic flight vehicles [2]. HYTEX: air-
breathing experimental vehicle studied in the German Hypersonics Technology Pro-
gramme [3].

form is typical for asymmetric flow, where the streamline impinging the for-
ward stagnation point does not cross the normal portion of the bow shock sur-
face. In this case, the maximum entropy streamline lies off the body surface. It
is also the minimum inviscid velocity streamline. The entropy layer hence has
a wake-like structure. This form, which in general seems to be present at the
windward side of a RV-W configuration at high angle of attack, is discussed in
some detail in Sub-Section 6.2.2.

The windward side is marked further by strong high temperature real gas
effects. Thermo-chemical equilibrium and non-equilibrium flow is present at
the forward stagnation point region and downstream, depending on flight speed
and altitude. The strength of surface catalytic recombination depends much on
the properties of the surface coating. As indicated in Fig. 3.3, the general trend
is that oxygen tends to recombine at rearward locations because the tempera-
ture is too high at forward locations where nitrogen may recombine.

The static temperature at the edge of the boundary layer is very large. The
attached viscous flow is in general of second-order boundary layer type [1].
Above 40–60 km altitude, the boundary layer is usually laminar, which eases
some of the aerothermodynamic simulation problems. Below that altitude, the
boundary layer becomes turbulent. The wall temperature, due to surface ra-
diation cooling, is much smaller than the recovery temperature, decreasing at



62 3 Aerothermodynamic Design Problems of Winged Re-Entry Vehicles

Fig. 3.3. Locations of flow and high temperature real gas phenomena on a RV-W
(HERMES) at hypersonic flight [4]. Upper figure: view from below, middle figure:
side view, lower figure: view from above. (N2), (O2): location of possible/expected
catalytic surface recombination of nitrogen, oxygen. Note that all indicated phenom-
ena depend on flight speed and altitude, and on the shape and attitude of the given
RV-W.

M∞ = 24 and 70 km altitude from around 2,000 K at the stagnation point to
around 1,000 K at a downstream distance of about 30 m.

The radiation-adiabatic temperature Tra, also called radiation equilibrium
temperature, in general is a good approximation of the actual wall tempera-
ture Tw. The heat flux qw into the thermal protection system (TPS) is small,
compared to the heat flux in the gas at the wall, qgw, Section 9.1. Due to the
large temperature and heat flux gradients downstream from the nose, partly
also in lateral direction, the thickness of the TPS varies with the location in
order to reduce its mass. It can be noted that the TPS of the Space Shuttle
Orbiter has about 30,000 tiles of different thickness, shape and size.

Due to the large angle of attack, the boundary layer edge Mach number
Me at the vehicle’s windward side is small compared to the flight Mach num-
ber.2 Hence the boundary layer is transonic/supersonic in nature. When the

2 Of influence are also the large static temperature at the windward side and high
temperature real gas effects.
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boundary layer becomes turbulent at the lower segments of the trajectory, both
temperature and heat flux at the wall increase markedly, Section 9.2. Hence
thermal loads are also of concern in that portion of the trajectory.

Hypersonic viscous interaction and rarefaction effects are mainly confined
to the initial re-entry trajectory segment. Strong interaction phenomena, like
separation, attachment, reattachment, shock/boundary layer as well as vor-
tex/boundary layer interaction may occur at several locations, depending on
the shape and attitude of the flight vehicle, but especially in the hinge-line
neighborhood of aerodynamic control surfaces, Section 6.3. Jet/boundary layer
interaction occurs at the location of the thrusters of the reaction control sys-
tem, Section 6.5. Base flow and base drag in general are of minor interest on
the high-speed segments of the trajectory, because the base pressure is close to
zero there.

Summarizing, we note that we have mainly in the flow path at the wind-
ward side of RV-W’s:

– strong compressibility effects,
– strong high temperature real gas effects,
– surface radiation cooling, mostly without but partly with non-convex effects,

radiation cooling related hot-spot situations,
– complex surface heat transfer mechanisms (thermal surface radiation, non-

equilibrium effects, catalytic surface recombination, slip flow and tempera-
ture-jump),

– strong shock/shock and shock/boundary layer interaction, corner flow,
boundary layer separation,

– viscous and thermo-chemical surface effects,
– hypersonic viscous interaction and rarefaction effects at high altitudes,
– gap flow (trim and control surfaces, thermal protection system),
– strong flow interactions related to reaction control systems,
– base flow, plume spreading,
– laminar flow at altitudes above approximately 40–60 km,
– Mach number and surface property effects on laminar–turbulent transition

and on turbulent flow phenomena.

It is important to note, and this holds for the aerothermodynamic phenom-
ena of CAV’s, ARV’s and RV-NW’s, that the listed phenomena usually do not
occur in isolation. Strong interference may occur which can result in a highly
nonlinear behavior. Such interference may make it difficult to understand each
effect and its influence on flight vehicle performance. In such situations, prop-
erly simulating the effects in ground simulation facilities or computationally is
very difficult, if not impossible.
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3.1.2 Major Simulation Problem: High Mach Number and Total
Enthalpy Effects

In view of the dominating compressibility effects, Mach number and high tem-
perature real gas effects are extremely important, but difficult to treat in
ground-simulation, Section 9.3, see also the discussions in [1]. This holds for
both ground facility and computational simulation.

In principle, ground simulation in modern facilities is possible for the whole
Mach number range of RV-W’s. The problem is to have a sufficiently large
wind-tunnel or shock-tunnel model and further, regarding especially data set
generation, a high enough productivity of the ground-facility (polars per time
unit). The latter holds for computational simulation, too. However, the grow-
ing computer capabilities will help to overcome this problem rather soon.

The fact that force coefficients, shock wave shapes, etc. become indepen-
dent of the flight Mach number above a configuration-dependent Mach num-
ber (Oswatitsch’s Mach number independence principle, Sub-Section 3.6.1),
allows measurements to be made at much lower Mach numbers than actual
flight Mach numbers. Despite this there are dangers, as was seen with the hy-
personic pitching moment anomaly observed with the Space Shuttle Orbiter,
Section 3.5.

High-enthalpy facilities allow real flight enthalpies to be achieved but at
too low a Mach number due to the high static temperature in the test section.
However, if the Mach number is large enough, so that independence is present,
this is not a major problem.3 The problem is the role of high temperature real
gas effects on the Mach number independence principle. We discuss this prob-
lem in Section 3.6.

In view of the still growing computation capabilities, one is tempted to as-
sume that data generation in ground simulation facilities will become obsolete
in some years. This assumption requires that flow physics, thermodynamics
and surface property models are improved in computational simulation.

3.2 Particular Trends in RV-W Aerothermodynamics

3.2.1 Stagnation Pressure

The stagnation pressure coefficient for incompressible flow is with pstag = p∞+
q∞ where the dynamic pressure q∞ ≡ ρ∞v2∞/2:

cpstag ≡ pstag − p∞
q∞

= 1. (3.1)

At the stagnation point in subsonic flow, isentropic compression yields pstag ≡
pt [1] and hence

3 Of course, there are other problems in such facilities, which are discussed in [1].
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Fig. 3.4. Stagnation pressure coefficient cpstag as function of the flight Mach number
M∞, γ = 1.4.
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This means that for 0 < M∞ � 1 and γ = 1.4 we have 1 � cpstag � 1.2756.
In supersonic flow, a bow shock exists in front of a blunt body which causes

a loss of total pressure. In the case of a symmetric blunt body at zero angle of
attack, the total pressure loss can be treated as that across the normal shock
portion of the bow shock, see, e.g., [1]. Taking that into account, we have:

cpstag = cpt2
=

2
γM2∞

{[
(γ + 1)2M2

∞
4γM2∞ − 2(γ − 1)

]γ/(γ−1)[2γM2
∞ − (γ − 1)
γ + 1

]
−1

}
.

(3.3)
For very large Mach numbers where M∞ → ∞, this relation reduces to:

cpstag = cpt2
→ 4

γ + 1

[
(γ + 1)2

4γ

] γ
(γ−1)

. (3.4)

With γ = 1.4, we obtain cpstag = 1.8394. Hence, in supersonic and hypersonic
perfect gas flow with M∞ > 1, 1.2756 < cpstag < 1.8394, Fig. 3.4. This means
that at hypersonic Mach numbers, a finite but not very large pressure coeffi-
cient exists at the forward stagnation point of a blunt body.

However, the question is, how do high temperature real gas effects change
this picture. Table 3.1 lists a number of computed cases for which the stag-
nation pressure coefficients as a function of the Mach number are shown in
Fig. 3.5. In Fig. 3.5 the stagnation pressure coefficients, actually the cpw at
the forward stagnation points, of the computations are marked by symbols. In
addition, curves of cpstag (M∞) are given which were found with the normal-
shock relations with different values of γeff , Sub-Section 10.1.3. These curves
represent the stagnation pressure coefficient cpt2

just behind the normal shock.
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Table 3.1. Configuration, flight data and computation details of the stagnation pres-
sure data given in Fig. 3.5. For Nos. 6 and 7, mean values from several contributions
to [5] (proceedings of the 1991 Antibes workshop) are given in Fig. 3.5.

No. Configuration M∞ H α Eqs. Gas Model Ref. Remarks

[−] [km] [◦]

1 double ellipse 6.6 – 0 NS non-eq. [5] WT cond.

2 sphere 10 30.0 0 Euler eq. [6]

3 sphere 15 50.0 0 Euler eq. [6]

4 sphere 20 50.0 0 Euler eq. [6]

5 Space Shuttle Orb. 23.86 73.1 40 NS non-eq. [7] flight cond.

6 double ellipsoid 25 75.0 40 Euler, NS non-eq. [5]

7 double ellipsoid 25 75.0 40 Euler, NS eq. [5]

0 1 5 10 15 20 25
1

1.2

1.4

1.6

1.8

2

M∞

c p
st

ag

γ
2
 = 1.4

γ
2
 = 1.3

γ
2
 = 1.2

γ
2
 = 1.1

γ
2
 = 1.0

No. 1 No. 2 No. 3 No. 4 No. 5 No. 6 

No. 7 

Fig. 3.5. Computed stagnation pressure coefficient cpstag of different, mainly invis-
cid cases, Table 3.1, as function of the flight Mach number M∞. Included are curves
cpstag (M∞) for different γeff (≡ γ2).

In reality, γ is not constant in the layer between the bow shock and the body
surface. Further, if the body is asymmetric or at angle of attack, the streamline
impinging the forward stagnation point does not cross the normal portion of
the bow shock surface. In this case, the maximum entropy streamline lies off the
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body surface. Nevertheless, the curves in Fig. 3.5 give the general trend of cpw

in terms of cpstag at the forward stagnation point of blunt bodies at hypersonic
flight Mach numbers. For γ → 1, cpstag = 2 at all Mach numbers which, of
course, represents the Newton limit (M∞ → ∞) [1].

We note that cpstag increases with increasing Mach numberM∞ for all γeff .
The gradient d cpstag/dM∞ becomes small and then approximately zero, Figs.
3.4 and 3.5. Decreasing γeff increases cpstag at all Mach numbers. As we will
see in Section 3.6, this behavior is reversed, at least for blunt body shapes, at
some location downstream of the stagnation point region. The crossover loca-
tion in general lies at the beginning of the flat surface portion of the windward
side, see also next sub-section. Behind it, the inviscid wall pressure coefficient
cpw decreases with increasing Mach number as well as with decreasing γeff ,
both independently of each other. However, there exists presumably—for suf-
ficiently high flight Mach numbers—a wall (boundary-layer edge) Mach num-
ber interval, the “benign”Mw interval, where these effects are so small that we
have virtually attained flight Mach number and real gas effect independence.4

Also important is the observation that the small gradient d cpstag/dM∞ at
high supersonic/hypersonic Mach numbers would make flight speed and Mach
number determination with a conventional Pitot tube, for instance during re-
entry of a RV-W-type vehicle, difficult if not impossible at high Mach numbers.
This effect is also a consequence of Oswatitsch’s Mach number independence
principle.

There are possible situations in a vehicle where a much larger wall pres-
sure than the forward stagnation point pressure can arise. This happens when
a multiple shock system is present, which leads, for instance, to the Edney type
IV shock/shock interaction [1]. At such locations, a localized, intense wall pres-
sure of ten times and more than the stagnation pressure can exist. Unfortu-
nately in such strong interaction situations, the thermal loads are also locally
very large. We can find such a situation at locations where the vehicle bow
shock interacts with an embedded bow shock, for instance, that of a pylon in
the famous X-15 case which was the motivation for Edney’s work [8]. Other
locations where such situations can arise are at wings, stabilizers if the sweep
angle locally is small or in the inlets of CAV’s and ARV’s.

3.2.2 Topology of the Windward Side Velocity Field

From an aerothermodynamic point of view, the windward side of a RV-W ide-
ally should be predominantly flat. This also means that fuselage and wing com-
bined should have a plane lower side. A flat windward side would lead to a
larger bow shock portion with high shock angle θ against the free-stream. In

4 The curves in Fig. 3.5 suggest Mach number independence occurs at lower Mach
numbers with increasing high temperature real gas effects. However, such a con-
clusion should be drawn with caution.
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Table 3.2. Flight parameters of the numerical simulation of the flow past the HALIS
configuration [9].

Case M∞ H [km] α ρ∞ [kg/m3] T∞ [K] v∞ [m/s] Tw [K] ηbf

F4 conditions 8.86 - 40◦ 0.545·10−3 795.0 4,930.0 300.0 15◦

Flight conditions 24 70.0 40◦ 0.55·10−4 212.65 7,028.0 1,300.0 15◦

this way, the wave drag can be enhanced and the total drag maximized. We find
such lower side shapes on most of the flight vehicles considered in Section 3.3.

A flat or approximately flat windward side leads to a more or less two-
dimensional flow field. This has the advantage of an optimal or near-optimal
onset flow geometry of the body flap and also of other trim and control sur-
faces, Section 6.2. See also Figs. 6.3 and 6.4.

If the windward side of a RV-W is sufficiently flat, we have another large
advantage, viz., that in a large angle of attack domain, the flow there is flight
Mach number and high temperature real gas effects independent, Section 3.6.
As discussed in that section, such independence is lost if boattailing is present,
especially real gas independence. This is the cause of the hypersonic pitching
moment anomaly experienced during the first flight of the Space Shuttle Or-
biter.

Last, but not least, another interesting advantage of the full or approxi-
mately two-dimensionality of the flow is, that flow field studies, both inviscid
and viscous, can be made with the help of plane or axisymmetric two-dimen-
sional equivalent shapes of the original configuration, Sub-Section 10.1.1 and
also Section 3.6.

Because the (blunt) wing leading edges of RV-W’s are strongly swept, the
vehicle planform and hence the windward side in many cases resembles more or
less the lower side of a delta wing, or double-delta wing, see, e.g., Figs. 3.2 and
3.3. On such shapes, we find the desired topology of the surface velocity/skin-
friction field: downstream of the nose area, we have on the flat portion a rela-
tively two-dimensional, planar flow between two primary attachment lines.

In reality, the windward sides of RV-W’s are only approximately flat and,
even that, not necessarily everywhere. Take for instance the Space Shuttle Or-
biter, Figs. 3.40 and 3.41. Large portions of its windward side are approxi-
mately flat for x/L � 0.25. Ahead of this location, the fuselage resembles that
of a blunt cone. Such geometric variations are reflected by the skin friction
lines, such as those computed for HALIS, Fig. 3.6. The computations for this
figure and Fig. 3.7 were made in the frame of the the Manned Space Trans-
portation Programme (MSTP) for the conditions of the ONERA tunnel F4
and flight conditions with the parameters given in Table 3.2.

For the example shown in Fig. 3.6, the forward stagnation point is located
at the lower side of the configuration at x ≈ 0.4 m, compare with Fig. 6.5
in Sub-Section 6.2.2. Up to x/L ≈ 0.25, we have an attachment line at the
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Fig. 3.6. HALIS flow field computation, flight conditions, Table 3.2: skin-friction
lines on the windward side. Laminar Navier–Stokes solution with chemical non-
equilibrium, [10].

lower symmetry line (blunt cone flow).5 Downstream of this location, the cen-
tral attachment line branches into the left and right attachment line. They are
located below the strake (first delta of the wing) and then, at the second delta,
below and close to the leading edge. We see that between the two attachment
lines, the flow is indeed approximately two-dimensional, with larger deviations
at the outer part of the second delta due to its dihedral, Fig. 3.41.

The above pattern is basically also seen in Fig. 3.7. We have included this
figure because it shows several other interesting features of the skin friction
topology. First, we see differences in the skin friction pattern compared to that
in Fig. 3.6. Although the flight cases are the same, the two-dimensionality is
now less pronounced. The separation region ahead of the deflected body flap
is considerably larger in Fig. 3.6.

In Fig. 3.7, the influence of wall temperature on the extent of the separa-
tion region can be clearly seen. In the F4 case (upper part), the temperature
is much lower than in the flight case (lower part).6 Consequently, the bound-
ary layer has a higher flow momentum and can better negotiate the pressure

5 Note that in this figure, in contrast to Fig. 3.7, the skin-friction lines were com-
puted from the aft part of the configuration towards the forward stagnation
point. This gives a richer pattern, however, partly with a somewhat undesirable
accumulation of skin-friction lines.

6 The assumed constant wall temperature Tw = 1,300 K in the flight case is not a
good approximation of the real wall temperature. That is better approximated
by the radiation-adiabatic temperature of approximately 1,000 K, which is at
the position of the hinge line of the body flap. The fact, that hypersonic vehicles
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Fig. 3.7. HALIS flow field computation, upper part F4 conditions, lower part flight
conditions, Table 3.2: skin-friction lines on the windward side. Laminar Navier–
Stokes solutions with chemical non-equilibrium [9].

increase at the flap, see also Fig. 6.8. The differences in the skin-friction line
patterns in Figs. 3.6 and 3.7 are possibly due to different grid structures and
grid resolutions. This is not the case for the two patterns shown in Fig. 3.7. The
differences between the F4 case (upper part) and the flight case (lower part)
are small, except for the vicinity of the body flap and at locations where the
flow is more three-dimensional. A larger wall temperature in any case enhances
a given three-dimensionality of a boundary layer [1].

What we basically see from the above is an illustration of the Mach number
independence principle, Section 3.6. The F4 as an high-enthalpy ground facil-
ity, with total enthalpy that is lower than actual flight. As is typical, F4 has a
high free-stream temperature and low free-stream Mach number. Nevertheless,
the Mach number appears to be large enough so that Mach number indepen-
dence is more or less reached. Mainly, therefore, we see only small differences
in the skin-friction line patterns.

A drastically different skin-friction line pattern is present on the windward
side of the Blunt Delta Wing (BDW), Fig. 3.8 [11]. The pattern resembles that
usually found on the windward side of true delta wings. The BDW was de-
rived as a simple generic configuration for aerothermodynamic studies in the
research activities of the HERMES project [12].

Figure 3.8 shows the forward stagnation point and the two primary attach-
ment lines, which all lie at the large angle of attack at the lower side of the

have radiation cooled surfaces was not yet fully accepted by the aerothermody-
namic community at the time of the computations.
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Fig. 3.8. Skin-friction lines on the windward side of the Blunt Delta Wing (BDW)
[11]. Navier–Stokes solution, laminar flow, perfect gas, M∞ = 7.15, H = 30 km,
LBDW = 10 m, α = 15◦.

vehicle. The lower side of the BDW has a rather large dihedral angle of 15◦.
Despite the strong dihedral, we see a relatively two-dimensional pattern of skin
friction lines between the primary attachment lines. For a detailed discussion
of the topology of the flow field past the BDW, see [1].

We note finally, that the lee side of a RV-W at hypersonic speed and large
angle of attack does not contribute much to the aerodynamic forces acting on
the vehicle, Sub-Section 3.2.3. The lee side pressure depends on the flight Mach
number, altitude and angle of attack. For the BDW, with the flight parame-
ters given in Fig. 3.8, the computed wall pressure coefficient at x/L = 0.5 is
cpw = 0.24–0.32 on the windward side and cpw = −0.022 to −0.025 on the lee
side [11].7

This relative lack of influence of the lee side on the aerodynamics is also
reflected by the thermal loads on vehicle surface. The wall temperature Tw =
Tra and the heat flux in the gas at the wall qgw are significantly lower on the lee
side than on the windward side. Because temperature and heat flux are so low
at the lee side, this side usually does not need a coating with a high surface
emissivity. The lee side of RV-W such as the Space Shuttle Orbiter actually
have white surfaces. In orbit, the vehicle turns this side towards the Sun. The
low emissivity prevents heating of the vehicle due to radiation from the Sun.
However, it can be noted that RV-W’s may have on the lee side or along the
fuselage sides hot and cold spots vortex interaction phenomena [11], see also
the discussion in Section 3.3 of [1]. Finally, in contrast to RV-W’s, CAV’s and
ARV’s need surfaces with high emissivity all around because they fly at very
low angles of attack, the latter type only at ascent.

3.2.3 Lift Generation

Another trend, typical for high supersonic and hypersonic flight, is that with
increasing flight Mach number, the leeward side of a wing ceases to contribute
7 From eq. (3.6), the vacuum pressure coefficient, in this case is cpvac = −0.028.
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Fig. 3.9. Vacuum pressure coefficient cpvac as function of the flight Mach number
M∞, γ = 1.4.

to lift. This is due to the limited Prandtl–Meyer expansion angle for supersonic
flows [1]. The pressure coefficient can be written as

cp ≡ p− p∞
q∞

=
2

γ M2∞

(
p

p∞
− 1

)
. (3.5)

If we define the expansion limit by p → 0, we obtain the so-called vacuum
pressure coefficient as a function of Mach number:

cpvac = − 2
γM2∞

. (3.6)

Figure 3.9 shows the rapid decrease of the vacuum pressure coefficient with in-
creasing Mach number. This coefficient essentially reaches zero at M∞ ≈ 10
and thereafter is Mach number independent. For practical purposes, usually
the value cpmin = 0.8cpvac is taken. At large Mach numbers, the required ex-
pansion turning angles to reach cpmin are small and this has a bearing on CAV
design.

Prandtl–Meyer theory does not allow the zero pressure state to be deter-
mined. This state can be obtained by equating the total enthalpy of the flow
to the kinetic energy, assuming that the internal energy tends to zero [1]. For
a perfect gas, have Vmax =

√
2 cp Tt at T = 0, and hence p = 0. Applying thin

airfoil theory [13], the pressure coefficient on the upper, lee side of a flat plate,
being at a negative inclination of α is given by

cp =
2α√
M2∞ − 1

. (3.7)

Equating this to eq. (3.6) yields:

αvac = −
√
M2∞ − 1
γM2∞

. (3.8)
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Fig. 3.10. Inclination angle αvac (≡ αvac) needed to reach the vacuum pressure
coefficient cpvac as function of the flight Mach number M∞, γ = 1.4.

This relationship, plotted in Fig. 3.10, shows that small negative values of α
suffice to reach cpvac . An approximate application of thin airfoil theory can be
made by taking into account the bow shock caused by a blunt nose or blunt
leading edge. A local Mach number instead of M∞ is then used for obtaining
the pressure coefficient. Remember in this context the very different flow sit-
uations at RV-W’s and CAV/ARV’s [1].

The vanishing pressure at the lee side of a configuration at high Mach num-
bers is called the hypersonic shadow effect. This phenomenon permits the use
of so-called impact methods, especially the Newton method, in design work,
because the lee side flow does not play a role. Further, due to this phenomenon,
the HALIS configuration, [14], see below, as a simplified Space Shuttle Orbiter
configuration and also other similar configurations—at sufficiently large angle
of attack—can be used for numerical investigations.

3.2.4 Base Pressure and Drag

Directly related to the expansion is the base pressure. At the vehicle’s base, the
flow turns up to 90◦ and hence cpvac is reached. Therefore, the base pressure is
extremely low and base drag is high. RV-W’s thus far have blunt afterbodies for
locating the propulsion system or for connection to the launch vehicle, see the
images given in Section 3.3. The blunt afterbody drag does not pose a problem,
because a large drag is desired on most of the re-entry trajectory. On the low
Mach number part of the trajectory, especially in the transonic regime, the re-
duction of L/D usually is tolerated. The situation is different for CAV/ARV’s,
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Sub-Section 4.2.4. For these classes of vehicles, the base drag, especially in the
transonic flight regime, is a major problem.8

Blunt wing/flap trailing edges are usually employed on RV-W’s to alleviate
the large thermal loads there. These blunt trailing surfaces can have an inter-
esting side effect. During the development of the X-15, it was seen that very
large, all-movable9 horizontal and vertical stabilizer surfaces were needed to
assure directional and pitch stability [15]. To reduce the vertical stabilizer sur-
face, the design was changed from the original thin airfoil to a wedge design,
which was proposed in [16]. The 10◦ wedge, leading to considerable trailing-
edge bluntness, improved the effectiveness of the stabilizer surface and yielded
a smaller size. The improvement is due to the initial load on both sides of the
wedge surface, and the fact that larger setting angles are possible before the
vacuum limit is reached on the respective lee side. It seems, however, that no
further consideration of the proposal of [16] was made later for RV-W’s.

3.3 Aerodynamic Performance Data of RV-W’s

In this section, we give summaries from aerodynamic data sets of longitudinal
motion of some RV-W’s which were established in recent decades. Two of these
vehicles, which were never built, are the European HERMES and the Japanese
HOPE-X. Three are demonstrators, viz., the American X-3810 and X-34, and
the German PHOENIX. These were manufactured and have conducted at least
some drop tests. Finally, there is the Orbiter of the Space Shuttle system, which
is the only truly operational RV-W. In Table 3.3 we list some geometrical data
of the configurations in chronological order.

In the following sub-sections, we discuss selected aerodynamic coefficients
of these configurations which are available from our own industrial design work
and the literature. We consider in general the untrimmed state, i.e., the data
found, for instance, in a ground-simulation facility. The pitching moment in
all cases, except for the X-38, is given with all aerodynamic control surfaces in
the neutral position (ηbody flap and elevons = 0◦).

In general the lift-to-drag ratio in the trimmed state is smaller than in the
untrimmed state, regardless of whether the vehicle flies stably or not, Sub-
Section 3.4.2. In the unstable case, which is characterized by downward de-
flected trim surfaces, the resulting aerodynamic force F aero,trim is larger than
the aerodynamic force in the untrimmed state F aero, Fig. 3.34. For the sta-
ble case, it is the other way around. The pitching moment charts are given for
8 We note in this context the tail cone which is attached to the Space Shuttle

Orbiter for ferry flights on top of the Boeing 747 Shuttle Carrier Aircraft. It
reduces drag and buffeting due to flow separation.

9 All-movable stabilizer surfaces have the benefit that no extra control surfaces
are employed and hence the strong interaction phenomena around the hinge
lines are avoided, Chapter 6.

10 The X-38 is only approximately a RV-W, Sub-Section 3.3.5.
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Table 3.3. Geometrical data of the considered RV-W’s.

Vehicle Lref Aref Wing span Sweep angle Strake angle xcog/Lref

[m] [m2] [m] [◦] [◦] [–]

Space Shuttle 32.774 249.91 23.790 45.0 81.0 0.650

Orbiter

HERMES 15.500 73.000 9.375 74.0 − 0.600

HOPE-X 15.249 50.220 9.670 55.0 75.0 0.635

X-34 17.678 33.213 8.534 45.0 80.0 0.600

X-38 8.410 21.670 3.658 − − 0.570

HOPPER 43.650 545.120 27.200 55.0 − 0.680

PHOENIX 6.900 15.14 3.84 62.5 − 0.700

provisionally chosen center-of-gravity positions xcog/Lref locations listed in
Table 3.3, which are not necessarily the actual positions. Therefore, they may
not reflect the state of trim and stability of the vehicle.

3.3.1 Space Shuttle Orbiter

The Space Shuttle system consists of three elements:

• two solid rocket boosters,
• external tank,
• Orbiter vehicle.

The Space Shuttle is a semi-reusable system of which the burned-out boosters
are recovered from the Atlantic Ocean, refurbished and then refilled with solid
propellant. The external tank is expended. The Orbiter is reused after inspec-
tion and refurbishment. This system is the only winged and manned system to
reach orbit and to land horizontally. So far, the fleet has performed more than
120 flights.

The missions of the Space Shuttle involve carrying large and heavy pay-
loads to various orbits including elements of the International Space Station
(ISS), performing service missions, also to satellites, e.g. Hubble, and serving
as a crew transport system for the ISS.

The Space Shuttle program was officially started by the Nixon administra-
tion in January 1972. The first launch took place on April 12, 1981, followed
by the first re-entry flight on April 14, 1981. Detailed accounts regarding flight
experience, aerothermodynamic performance and problems of this flight were
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published in, for instance, [17, 18]. Five Orbiter vehicles were built and flown
(first flight):

– Columbia (1981),
– Challenger (1983),
– Discovery (1984),
– Atlantis (1985),
– Endeavour (1992).

Challenger (1986) and Columbia (2003) were lost by accidents. It is planned
to retire the Space Shuttle system from service in 2010.

Fig. 3.11. Space Shuttle Orbiter: oil flow pattern on the leeward side of a wind
tunnel model (left), model in wind tunnel (middle) [19], skin-friction lines on the
windward side found with numerical flow simulation (right) [10].

We are concerned here with some aerodynamic data of the Orbiter vehicle, Fig.
3.11. The selected aerodynamic data, shown in Fig. 3.12, are taken from [20].
The lift coefficient behaves linearly up to M = 1.5, but shows a positive lift-
curve break (change of the gradient dCL/dα with α) at high Mach numbers.
The drag coefficient has its minimum for all Mach numbers at small angles of
attack, as expected, and rises then fast to large values. The drag coefficient
in the transonic range is the largest. Mach number independence is present
for M∞ � 5–10, although not directly visible due to data from selected Mach
numbers being presented, see also Figs. 3.32 and 2.3.

The maximum lift-to-drag ratio L/D|max ≈ 4.5 in the subsonic regime and
reduces toL/D|max � 2 in the hypersonic regime. This is somewhat lower than
that of the HOPPER/PHOENIX and HOPE-X shapes, Figs. 3.29 and 3.18.

The behavior of the pitching moment with respect to the Mach number
is very similar to that of HOPPER/PHOENIX shape, Fig. 3.29. The largest
negative derivative dCm/dα, found at M∞ = 1.1 indicates strong static sta-
bility for α � 18◦. The configuration become unstable for M∞ � 3, Fig. 3.12,
lower right. For α � 20◦ we see a stable but untrimmed behavior. The forward
part of the upper side of the configuration contributes no more to the nose-up
moment because cpvac is reached there.

Further one can observe for 0.8 � M∞ � 1.5 a sudden change of the deriva-
tive dCm/dα from negative to positive at α ≈ 20◦, indicating static instability
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Fig. 3.12. Selected aerodynamic data of the Space Shuttle Orbiter for various sub-
sonic to hypersonic Mach numbers as function of the angle of attack α; moment
reference point xref = 0.65 Lref . Data source: [20].

there. This is the same for the HOPPER/PHOENIX shape and to some ex-
tent also for the HOPE-X shape, Fig. 3.18. The reason is the onset of leading
edge vortex breakdown above the wing, travelling continuously forward with
increasing α. There are no marks of this behavior in the HERMES aerody-
namics since nonlinearity of the lift up to α < 30◦ cannot be detected for
this shape, Fig. 3.14. Remember, however, that the Orbiter data are for the
chosen xcog/Lref = 0.65. The actual longitudinal center-of-gravity11 enve-
lope of the Orbiter at the entry interface of 121.92 km (400 kft) altitude up
to the year 1995 was 0.65 < xcog/Lref < 0.675, however, during STS-1 it was
0.667 � xcog/Lref � 0.671 [21].

11 Note that in [21] and in other contributions to [18], the x-location of the center-
of-gravity are given in terms of the design coordinate system. Its origin is 5.9944
m (236.0 in.) ahead of the nose point, which usually in aerodynamics lies at
x/L = 0.
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3.3.2 HERMES Configuration

In 1984, the French government launched a proposal for the development of a
space transportation system in order to guarantee Europe an autonomous and
manned access to space. Key parts of this system were the RV-W spaceplane
HERMES, responsible for a gliding re-entry from space to an Earth landing
site, Fig. 3.13, and the launch system ARIANE V, which at that time was a
completely new rocket system. The original French project officially became a
European project under the supervision of the European Space Agency (ESA)
in November 1987. HERMES was conceived to have the following features:

• initially, the transportation of six astronauts and 4,500 kg payload into
space, and after a later reorientation a reduction of the transport capacity
to three astronauts and 3,000 kg payload,

• ascent to near Earth orbit (up to 800 km) on top of the ARIANE V rocket,
• 30–90 days mission duration,
• total launch mass 21,000 kg,
• full reusability.

In 1993 the HERMES project was cancelled due to the new political environ-
ment (end of the cold war) and budget constraints. No HERMES vehicle, nor
the proposed sub-scale experimental vehicle MAIA [4], was ever built.

The aerodynamic data presented here for the subsonic through low super-
sonic flight regime in Fig. 3.14, as well as for the hypersonic flight regime in Fig.
3.15, were composed with results from wind tunnel tests, approximate design
methods and numerical simulations [22, 23]. The lift coefficientCL for subsonic
Mach numbers shows linear behavior over a large range of angle of attack, Fig.
3.14 upper left. This can be compared against the HOPPER and HOPE-X,
where nonlinear effects for α ≈ 15–20◦ can be observed. The drag coefficient
around α ≈ 0◦ is very small for all Mach numbers, rising with increasing an-
gle of attack as expected. The drag coefficient for transonic Mach numbers is
largest, Fig. 3.14, upper right.

The maximum lift-to-drag ratio L/Dmax ≈ 5 occurs at α ≈ 10◦ for sub-
sonic Mach numbers and somewhat below 2◦ for in the low supersonic and hy-
personic regimes, Figs. 3.14 and 3.15, both lower left. These values are some-
what lower than values found for HOPPER and HOPE-X.

Fig. 3.13. HERMES shape 1.0: pressure distribution resulting from a numerical
flow field simulation (left), synthetic image (middle), planform view (right) [22].
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Fig. 3.14. Aerodynamic data of the HERMES shape 1.0 for the subsonic through
low supersonic Mach number regimes, moment reference point xref = 0.6 Lref . Data
source: [23].

The pitching moment data shown in Fig. 3.14 (lower right) indicate static sta-
bility for transonic/low supersonic Mach numbers (1.1 � M∞ �� 1.5) up
to α ≈ 10◦ but no trim point, and instability for subsonic and low supersonic
Mach numbers. This behavior is essentially in agreement with the data of other
vehicles discussed in this Section, see Figs. 3.18, 3.19, and 3.29. For higher su-
personic and hypersonic Mach numbers, static stability and trim are observed
for α ≈ 40◦, Fig. 3.15, lower right. Mach number independence of CL and CD

is seen for M � 6 to 8.
As an example of the effectiveness of the body flap, consider the example

at M∞ = 10, Fig. 3.16. With a positive (downward) body flap deflection one
can shift the trim point to lower α values if the flight trajectory would require
this. By applying a body flap deflection of ηbf = 10◦, for example, the trim
point is shifted from α ≈ 38◦ to α ≈ 27◦.

As will also be seen in Fig 3.31 for the HOPPER/PHOENIX shape, it is
not unusual that a re-entry vehicle operates with negative body flap deflections
in order to trim the vehicle, Sub-Section 3.4.2 and Sub-Section 6.1.2. This can
be necessary since the free-stream conditions such as the Mach number, and



80 3 Aerothermodynamic Design Problems of Winged Re-Entry Vehicles

10 20 30 40 50
0

0.2

0.4

0.6

0.8

1

angle of attack α

lif
t 

co
ef

fi
ci

en
t 

C
L

10 20 30 40 50
0

0.2

0.4

0.6

0.8

1

1.2

angle of attack α

d
ra

g
 c

o
ef

fi
ci

en
t 

C
D

M=3.0
M=4.0
M=6.0
M=8.0
M=10.0
M=20.0
M=30.0

10 20 30 40 50
0

0.5

1

1.5

2

2.5

angle of attack α

lif
t 

to
 d

ra
g

 r
at

io
 L

/D

10 20 30 40 50
−0.02

−0.01

0

0.01

0.02

angle of attack α

p
it

ch
in

g
 m

o
m

en
t 

co
ef

fi
ci

en
t 

C
m

Fig. 3.15. Aerodynamic data of the HERMES shape 1.0 for the hypersonic Mach
number regime, moment reference point xref = 0.6 Lref . Data source: [23].
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moment reference point: xref = 0.6 Lref . Data source: [23].
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Fig. 3.17. HOPE-X shape: synthetic image, [24, 25]. Note that the shape of the
synthetic image differs somewhat from that of the panel model.

the angle of attack, vary strongly over a wide range. In the HERMES project,
investigations in this regard were carried out. Figure 3.16 shows that by de-
flecting the body flap by ηbf = −15◦ and the elevators by ηel = −10◦, the
pitching moment increases strongly, which can help to trim the vehicle, espe-
cially at high angle of attack. The effect of flap-force reduction at negative flap
deflection angle increases with increasing angle of attack, Sub-Section 6.1.2.

3.3.3 HOPE-X Configuration

In the 1980s, Japan joined the community of nations striving for an autonomous
access to space. Besides rocket activities, Japan developed a conceptual re-
entry vehicle called HOPE which was planned for payload transportation to
and from the ISS. Due to budget constraints in the 1990s, this program was
re-oriented to develop a smaller, lighter and cheaper vehicle, called HOPE-X,
which was to operate unmanned, Fig. 3.17. The project was cancelled in 2003.

Figure 3.18 shows the aerodynamic data of longitudinal motion for sub-
sonic and transonic Mach numbers. The lift coefficient of this vehicle with a
slender wing is somewhat independent of the Mach number, indicating a be-
havior according to slender body theory [13].

TheL/D values in the subsonic regime are similar to those of the HOPPER
vehicle, Fig. 3.29, with a with a maximum of about 6 at α ≈ 10◦. Also, the
agreement of the pitching moment with its distinct static stability and trim
behavior atM∞ = 1.1 of the two shapes is noteworthy. Further, the marginally
static stability for 0.8 � M∞ � 0.9 with the strong trend to become unstable
at higher angles of attack should be emphasized. Beyond the transonic regime,
say forM∞ � 1.1, L/Dmax drops for HOPE-X, like for all re-entry vehicles, to
values not very much greater than 2, see also Figs. 3.14, 3.15, 3.18, 3.19, and
3.29.

The aerodynamic data for the supersonic and hypersonic Mach number
regime, shown in Fig. 3.19, are the outcome of a set of approximate design
methods, [24]. Mach number independence is present aboveM∞ ≈ 6. Again, a
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Fig. 3.18. Aerodynamic data of the HOPE-X shape for the subsonic and transonic
Mach number regime. Data source: [24].

comparison with the data of the HOPPER configuration, Fig. 3.30, indicates
the same trends.

Further we concern ourselves with the trim feasibility and the static sta-
bility of the vehicle. With a body flap deflection of ηbf = 0◦, trim and static
stability can be achieved for M∞ � 4.0 and α � 30◦, Fig. 3.19. Application
of a large body flap deflection of ηbf = 30◦ leads to a corresponding nose-
down pitching moment and a slight increase of the static stability, but creates
a problem to trim the vehicle, Fig. 3.20, below. The same is still true when the
center-of-gravity is shifted forward by 2.5 per cent, Fig. 3.20, above.

3.3.4 X-34 Configuration

In July 1996, NASA started a program with the goal of developing key tech-
nologies for transporting payloads and crews to space by using reusable launch
vehicles. It was planned to prove these technologies in a realistic flight envi-
ronment. For this reason, two demonstrators, the X-33 and the X-34 were de-
veloped. The X-34 concepts are shown in Fig. 3.21. For the X-33 no data are
available, therefore, we discuss only available data of the X-34.
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Fig. 3.19. Aerodynamic data of the HOPE-X vehicle for the supersonic and hyper-
sonic Mach number regime. Data source: [24].

The mission profile of X-34 was as follows:

• captive carriage under the belly of a L-1011 aircraft up to an altitude of 11.5
km at a Mach number M∞ = 0.7,

• drop-separation from a L-1011 aircraft,
• ignition of the rocket engine and acceleration to M∞ = 8 at an altitude of

76.2 km,
• gliding back to Earth after engine burn-out, and execution of an autonomous

landing on a conventional runway.

Some of the key technologies initially planned for demonstration were:

• lightweight composite airframe structures,
• advanced thermal protection systems,
• low cost avionics,
• automatic landing techniques.

In March 2001, NASA decided to terminate the technology program including
test flying the X-34 vehicle.
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Fig. 3.20. Pitching moment behavior of the HOPE-X shape. Influence of the varia-
tion of the body flap angle ηbf for the nominal moment reference point (below), and
for a moment reference point shifted 2.5 per cent forward (above). Data source: [24].

Fig. 3.21. X-34 shape: planform view (left) [26], synthetic image (middle), X-34 on
NASA Dryden ramp (right) [27].

We present in Fig. 3.22 aerodynamic data of the X-34 vehicle which are essen-
tially results from wind tunnel tests [26, 28, 29].

The first salient point is that the X-34 does not encounter stall for the an-
gles of attack and Mach numbers considered, Fig. 3.22, upper left. This is sim-
ilar to the behavior of HERMES, Fig. 3.14. Secondly, the slender X-34 vehicle
achieves the highest maximum aerodynamic performance of all the vehicles
considered in this section with L/D ≈ 7.2 at M∞ = 0.3.
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Fig. 3.22. Aerodynamic data of the X-34 shape for the subsonic to the hypersonic
regime, moment reference point xref = 0.6 Lref . Data sources: [26], [28, 29].

The pitching moment follows the general trend of RV-W’s with such shapes,
i.e., that for the given center-of-gravity location, an instability is present at
subsonic Mach numbers and small angles of attack, which turns to a strong
static stability in the transonic and low supersonic regime. Further, for hyper-
sonic Mach numbers we observe instability again which is due to increasing
lift in the forward part of the vehicle, Fig. 3.22, lower right. In all cases, trim is
not found due to the strong negative, zero-lift pitching moments. Mach number
independence of the coefficients is seen for M∞ � 6.

3.3.5 X-38 Configuration

In the 1990s, NASA envisaged the development of a Crew Return Vehicle
(CRV) for the International Space Station. In case of illness of crew members
or any other emergency, the CRV should be able to bring back to Earth up to
seven astronauts. The essential point is that the crew return is done unpiloted,
which means that the vehicle operates automatically. For this mission, a lifting
body configuration, viz., the X-24A shape, was chosen and named X-38. The
vehicle had to have the following features:
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Fig. 3.23. X-38 shape, Rev. 8.3, planform view (left), vehicle #2 in free flight (mid-
dle), [27], model in wind tunnel (right) [30].

• accurate and soft landing to allow for the transportation of injured persons,
• load factor (nt, nn) minimization,
• sufficient cross range capability for reaching the selected landing site.

The X-38 is not a RV-W in the strict sense. As a lifting body, it glides like
a winged re-entry vehicle, unpowered from an orbit along a given trajectory
down to a specified altitude, but then conducts the final descent and landing
by a steerable parafoil system. The parafoil system is a must because the aero-
dynamic performance L/D of such a lifting body in the subsonic flight regime
is too low for an aero-assisted (winged) terminal approach and landing. The
aerodynamic and aerothermodynamic characterization of the X-38 shape was
made co-operatively by NASA, DLR (in the frame of the German technology
programme TETRA)12 and ESA, with Dassault Aviation as integrator of the
activities [31].

To provide enough space for seven crew members, the X-24A shape was
scaled up by a factor of 1.2 and the fuselage was redesigned on the leeward
side to increase volume volume. The resulting shape, named X-38 Rev. 8.3,
served as a technology demonstrator for the prototype CRV, see Fig. 3.23. In
2002 NASA changed its strategy and desired to pursue a multi-purpose ve-
hicle, which could include both crew transport and crew return capabilities,
instead of the single-purpose vehicle X-38. In June 2002, the X-38 project was
cancelled.

All of the RV-W’s considered so far in this section have the common feature
that they are able to conduct an aero-assisted landing. This requires a mini-
mum L/D|max value of between 4.5 and 5 in the low subsonic range. However,
as mentioned above, the X-38 as a lifting body does not strictly belong to the
class of RV-W’s. Its value of L/D|max ≈ 2 in the subsonic regime and ≈ 1.3 in
the higher supersonic regime, Fig. 3.24, lower left.

Further, the large pitching moment coefficients at small angles of attack
are due to the strong boattailing of the lower side of the flight vehicle which
can be seen in the lower right of Fig. 3.23.

Another obvious feature of the X-38’s aerodynamics is its larger drag com-
pared to HOPPER/PHOENIX and HERMES, Fig. 3.24, upper right. The

12 Technologies for Future Space Transportation Systems, 1998–2001.
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Fig. 3.24. Aerodynamic data of the X-38 shape, Rev. 8.3, for the subsonic, transonic
and supersonic flight regime, moment reference point xref = 0.57 Lref , body flap
deflection ηbf = 20◦. Data sources: [32, 33].

data, taken from the Aerodynamic Data Book (ADB)13 assembled by assem-
bled by Dassault Aviation [32], were also verified by Euler computations for
verification purposes [33] as seen in the figure. The agreement with the data
from the ADB is rather good except for the pitching moment for M∞ = 1.72,
where some deviations occur.

A further comparison with laminar Navier–Stokes solutions at M∞ =
10, 15, 17.5 at α = 40◦ is shown in Fig. 3.25. The following conclusions can
be drawn:

• Wind tunnel data are remarkably well confirmed by the data from numerical
flow simulation.

• The aerodynamic coefficients showed Mach number independence above
M∞ ≈ 6.

A peculiarity is the behavior seen in the trim cross-plot, Fig. 3.26. Throughout
the whole Mach number range, the vehicle behaves stably and can be trimmed,
13 We present the data for a body flap deflection ηbf = 20◦ since these more likely

describe the nominal case than the data for ηbf = 0◦.
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Fig. 3.25. Aerodynamic data of the X-38 Rev. 8.3 for the supersonic and hypersonic
flight regimes, moment reference point xref = 0. 57 Lref , body flap deflection ηbf =
20◦. Data sources: [32, 34]–[36] .

which is different from the pitching moment characteristics of the RV-W’s dis-
cussed before.14 Further, it is interesting to examine the effectiveness of the
body flap. Since the body flap deflection ηbf = 20◦ is the nominal case, we
concentrate on the two other cases ηbf = 0◦ and ηbf = 40◦. In the first case,
ηbf = 0◦, the pitching moment coefficient increases strongly compared to the
nominal case, so that for the two lower Mach numbers of 0.5 and 1.05, trim
can be achieved only for α � 25◦ which is not a realistic value. For the higher
supersonic Mach number (M∞ = 4.96), no trim and a reduced static stability
can be observed. In the second case, a body flap deflection of ηbf = 40◦, re-
duces strongly the pitching moment. The static stability grows and the trim
points are shifted to much lower angle of attack.

14 Note that this is a consideration in a sense different from those with the previ-
ously discussed RV-W’s. There, arbitrary pitching moment data were discussed,
i.e., for a given ηbf . Here, we study the actual trim capabilities of the vehicle.
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Fig. 3.26. X-38 shape, Rev. 8.3, pitching moment coefficient behavior for various
body flap deflection angles ηbf , moment reference point xref = 0.57 Lref . Data
source: [32].

Fig. 3.27. HOPPER/PHOENIX shape. Synthetic images: planform view (left), 3-D
view (right) [38, 39].

3.3.6 HOPPER/PHOENIX Configuration

In the frame of the “Future European Space Transportation Investigation Pro-
gramme (FESTIP),” several Reusable Launch Vehicles (RLV) concepts were
designed and developed with the goal of making access to space more reliable
and cost effective. One of these concepts is the HOPPER vehicle, Fig. 3.27,
which was foreseen to fly along a suborbital trajectory [37]. This means that
this vehicle does not reach the velocity necessary for moving into an Earth tar-
get orbit. This also means that the vehicle is not able to return to its launch
base, but has to fly to another landing ground. The main features of the system
are the horizontal take-off (sled launch) and landing capability, and reusabil-
ity. To demonstrate the low speed and landing properties of the vehicle shape,
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Fig. 3.28. PHOENIX demonstrator: Test of subsonic free flight (helicopter drop
test) and landing capability in Vidsel, Sweden in May 2004.

a 1 : 6 down-scaled flight demonstrator, called PHOENIX, was manufactured.
PHOENIX was successfully flown15 in 2004 in Vidsel, Sweden, Fig. 3.28.

The aerodynamic data set was established via tests in several wind tunnels
and Navier–Stokes. Figure 3.29 shows the lift, drag and pitching moment coef-
ficients as well as the lift-to-drag ratio for subsonic, transonic and supersonic
flight Mach numbers. These data stem exclusively from wind tunnel tests.

As expected, L/D|max ≈ 6 occurs in the subsonic regime, dropping to
L/D|max ≈ 2 in the supersonic regime. The pitching moment plot reveals
static stability for the selected center-of-gravity position for all Mach numbers
exceptM∞ = 3.96. But trim for small positive angles of attack is only achieved
for M∞ = 0.95 and 1.1. The moment reference point with xref = 0.68 Lref

was found to be a realistic center-of-gravity position through a consideration
of the internal layout of the vehicle.

The aerodynamic data for supersonic and in particular hypersonic Mach
numbers, which were derived from Navier–Stokes solutions, are displayed in
Fig. 3.30. For M � 10, lift and drag coefficients are nearly Mach number in-
dependent, but not the aerodynamic performance L/D. Further, as expected,
the vehicle behaves statically unstable in the high Mach number regime for the
neutral aerodynamic controls setting.

We describe now by which measures a vehicle can be trimmed to achieve
longitudinal static stability if, for example, the pitching moment coefficient
behaves like that of the HOPPER shape at M∞ = 3.96, Fig. 3.29. Generally a
positive (downwards) deflected body flap (ηbf > 0) causes an additional nose-
down moment. However, a negative deflection (ηbf < 0) produces an additional
nose-up moment, as can be seen in Fig. 3.31, right.

15 Another European experimental vehicle, the Italian (CIRA) PRORA-USV, [40,
41], made its first balloon-launched transonic/subsonic flight in February 2007.
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Fig. 3.29. Aerodynamic data of the HOPPER/PHOENIX vehicle for subsonic,
transonic and supersonic Mach numbers based on wind tunnel measurements. Mo-
ment reference point xref = 0.68 Lref . Data source: [38].

Usually for re-entry vehicles flying along classical entry trajectories the an-
gle of attack is 20◦ � α � 30◦ for M∞ ≈ 4, Fig. 3.1. It seems that only for
α � 30◦ a body flap deflection of ηbf = +10◦ leads to a trimmed and stable
flight situation. The other possibility for possibility for attaining static stabil-
ity consists in a forward shift of the center-of-gravity, Fig. 3.31 (left). But in
the case we consider here, the additional nose-down moment prevents trim for
ηbf = +10◦. Nonetheless, the vehicle behaves statically stable for α � 20◦ and
can be trimmed with a body flap deflection ηbf = −10◦ at α ≈ 28◦.

3.3.7 Summary

We summarize now what the aerodynamic data of the considered RV-W’s have
in common and what differences exist.

• The lift coefficient in the transonic range (0.8 � M∞ � 1.2) is, to differ-
ent degrees, nonlinear for the Space Shuttle Orbiter, HOPE-X, X-38, and
HOPPER/PHOENIX, Figs. 3.12, 3.18, 3.24, 3.29. Surprisingly, this is not
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Fig. 3.30. Aerodynamic data of the HOPPER/PHOENIX vehicle for the supersonic
and hypersonic Mach number regime based on CFD data. Moment reference point
xref = 0.68 Lref . Data sources: [38, 39], [42].

Fig. 3.31. Pitching moment behavior of the HOPPER/PHOENIX shape. Variation
of the body flap angle ηbf for the nominal moment reference point xref = 0.680 Lref

(right), and for the moment reference point xref = 0.655 Lref (left), M∞ = 3.96.
Data source: [38].
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the case for HERMES, Fig. 3.14, and X-34, Fig. 3.22. This means that pos-
sibly lee side vortices either are not produced or do not play any role (vortex
breakdown phenomena) for the pressure field on the upper body/wing sur-
face.

• The drag and the lift coefficients are not monotonic with respect to the Mach
number, but have a clearly marked maximum at M∞ ≈ 1. Figure 3.32
shows as example the behavior of the drag coefficients of all configurations at
α = 20◦ as function of M∞. They rise in the compressible subsonic domain,
reach the transonic maxima, and then decrease with increasingM∞, finally
attaining Mach number independence at different Mach numbers that is de-
pendent on the shape.

• The aerodynamic performance L/D is highest for low subsonic Mach num-
bers and reaches values well beyond 4 for the Space Shuttle Orbiter, HER-
MES, HOPE-X, X-34, and HOPPER/PHOENIX, Figs. 3.12, 3.14, 3.18,
3.22, 3.29. In the hypersonic regime, the maximum values diminish toL/D ≈
2. These observations do not apply to the X-38, since this is a lifting body
which reaches a maximum L/D ≈ 2 at medium subsonic Mach numbers,
dropping to a value of L/D ≈ 1.3 for hypersonic Mach numbers.

• The magnitude of the derivative of the pitching moment with respect to the
angle of attack dCm/dα has low positive to moderate negative values in the
subsonic regime, grows to maximum negative values in the transonic regime
and drops back to low negative or even positive values in the supersonic and
hypersonic regime for α � 20◦. This is more or less true for all shapes.

• The pitching moment depends on the position of the center-of-gravity and
the deflection of elevators and body flaps.16 But we can observe a clear ten-
dency towards static stability in the transonic regime, Figs. 3.12, 3.14, 3.18,
3.22, 3.24, 3.29. In the hypersonic regime, the Space Shuttle Orbiter, HER-
MES, HOPE-X, X-34, and HOPPER/PHOENIX are statically unstable at
lower angles of attack (α � 20◦), but are statically stable at higher higher
angles of attack, Figs. 3.12, 3.15, 3.19, 3.22, 3.30. This is in contrast to the
X-38, which is statically stable throughout, Figs. 3.24 and 3.25.

• It is remarkable that the drag coefficients of HERMES, HOPE-X, and HOP-
PER/PHOENIXattain values at high supersonic and hypersonic Mach num-
bers which are very close together. The drag coefficients along the Mach
number span of the Space Shuttle Orbiter and the X-34 are very similar
which is not so surprising as a look at the planform of both vehicles indi-
cates, Figs. 3.11 and 3.21.

16 Also of speed brakes, if available in appropriate configuration.
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Fig. 3.32. Drag coefficient as function of the Mach number M∞ at α = 20◦ for the
vehicle shapes discussed in this section.

3.4 Vehicle Flyability and Controllability

3.4.1 General Considerations

Under flyability, we understand the fact that an air vehicle must be able to fly
in a determinate way. Flyability means on the one hand that the vehicle can be
trimmed. On the other hand, it concerns especially the stability about the lat-
eral axis, which is called longitudinal stability, the directional stability about
the vertical axis, and sufficient damping of roll motion around the longitudinal
axis. Longitudinal and directional stability can be considered as weathercock
stabilities, made possible in general by the provision of horizontal and vertical
tail surfaces (stabilizers) respectively.

Regarding lateral stability of RV-W’s we mention that a vertical stabilizer,
like that on the Space Shuttle Orbiter, during the high angle of attack re-entry
flight phase, Fig. 3.1, is in the “shadow” of the fuselage. Hence its effectiveness
is severely curtailed. A possibility to avoid this effect is to provide winglets,
Fig. 3.3, as was foreseen for HERMES [43]. With the Orbiter, the problem was
alleviated by the use of the reaction control system, which is in any case needed
for maneuvering in orbit. For further discussion of this and the above topics,
see Section 2.1 and Chapter 6.

The movements about the axes of a moving aircraft are coupled to a certain
degree, depending on the inertial properties of the airframe. Further, one also
has to distinguish between static and dynamic stability. We will not go into
these detailed discussions here but refer the reader to [44].

Under controllability, we understand that intended movements around all
axes must be possible. This implies control surfaces of sufficient effectiveness
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and sufficient “volume,” the latter being the product of the area of the surface
times the distance (lever arm) to the respective axis of the flight vehicle,17 all
in view of the requirements which are imposed by the respective moments of
inertia of the vehicle. Detailed topics related to controllability, such as control
surface aerothermodynamics, are treated in Chapter 6.

3.4.2 Trim and Stability of RV-W’s

A RV-W is longitudinally trimmed by a deflection of one or more trim surfaces.
These can be elevons and/or a body flap, Sub-Section 6.6.1. Downward deflec-
tion (η positive) causes an upward flap force and a nose-down (negative) incre-
ment of the pitching moment.18 Upward deflection accordingly gives a down-
ward flap force and a nose-up increment.

We now study aspects of these two trim modes in detail, with the vehicles
flying at high angles of attack, and geometrically approximated as RHPM fly-
ers, Figs. 3.33 (case 1, η > 0) and 3.35 (case 2, η < 0). In this approximation,
the z-offsets (distances to the vehicle’s x axis, Chapter 7) of both the center-of-
gravity and the center-of-pressure, Section 7.1, are zero in the untrimmed case,
and small and negligible in the trimmed case. We note that the forceF aero,trim

in the figures is equal to the sum of all forces acting on the vehicle on the flight
path, Fig. 2.5, found with a point-mass consideration. Here we consider the
moment balance and nothing else.

Although actually elevons and/or a body flap may be employed, we use sim-
ply the term ‘body flap’ when speaking of the aerodynamic trim surface. The
figures are schematics, and the flight path angles γ and the deflection angles of
the body flap ηbf are exaggerated. Exaggerated too are the sizes of the body
flap forces F bf , and the magnitudes of the trimmed forces F aero,trim and the
lift L and drag D components are not the same in both cases.

It is important to remember that in the untrimmed situation, the body flap
is fixed in the neutral position ηbf = 0◦, Section 3.3. This means that it con-
tributes with F bf,η=0 to the force F aero. Hence F bf,η=0 must be vectorially
subtracted from the flap force F bf , when the body flap is deflected, but also
from F aero. We call the resulting flap force F bf,net.

In Figs. 3.33 and 3.35 we illustrate the subtraction schematically. We do not
include the correct corresponding force polygons. The forceF aero is considered
as reduced by F bf,η=0. The forces F bf are assumed to act in the middle of the
trim surfaces in direction normal to them.

In Fig. 3.33, we show schematically how longitudinal trim is achieved with
the downward deflection of the body flap, ηbf > 0. The action line a1 of the
untrimmed lift force F aero lies somewhat forward of the center-of-gravity
where the trimmed force F aero,trim acts. The action line a2 of the net force
of the body flap,

17 The axes have their origin at the center-of-gravity of the vehicle.
18 For the definition of aerodynamic forces and moments see Fig. 7.3, Section 7.1.
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Fig. 3.33. Schematic of longitudinal trim of a RV-W at large angle of attack (geo-
metrical RHPM approximation) with downward deflected body flap: involved force
vectors F and lever arms l as well as lift L and drag D in untrimmed (‘aero’, broken
lines) and trimmed (‘aero,trim’, full lines) situation. The action lines of the forces F
are denoted by a1 to a3.

F bf,net = F bf + F bf,η=0,

crosses a1 below the center-of-gravity. Important is the observation, that trim
is achieved, for this specific constellation, only if the action line a1 of F aero lies
forward of the center-of-gravity, which then results in the moment balance

laero|F aero| = lbf |F bf,net|.

Figure 3.33 also illustrates how the downward deflected trim flap creates the
aerodynamic trim force F bf,net. This force added to F aero gives the trimmed
aero force

F aero,trim = F aero + F bf,net,

see Fig. 3.34a). The action line a3 of Faero,trim crosses the center-of-gravity,
which is now also the center-of-pressure. The resultant moment around the
center-of-gravity is zero and the vehicle is trimmed.
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Fig. 3.34. Force polygons: cases a) with downward and b) with upward deflected
body flap.

Because the original untrimmed forceF aero acts ahead of the center-of-gravity,
the vehicle flies trimmed, but statically unstable.19 The static margin is nega-
tive and approximately equal to laero in Fig. 3.33.20

However, a situation can also be found in RV-W’s where the body flap/ele-
vons are deflected upwards, Sub-Section 6.1.2. We show this situation without
a detailed discussion in Figs. 3.35 and 3.34b). Now, the original untrimmed
force F aero acts downstream of the center-of-gravity. Therefore, with the up-
ward deflected body flap, the vehicle flies trimmed and statically stable. The
static margin is positive and approximately equal to laero in Fig. 3.35.

Although we have considered the RV-W at large angle of attack only in the
geometrical RHPM approximation, the results can be generalized:

– Downward deflection of body flap/elevons means trimmed but statically un-
stable; upward deflection trimmed but statically stable flight of the vehicle.

– In the statically unstable caseL/D|aero,trim < L/D|aero, Fig. 3.33 (compare
also Figs. 3.12 and 2.3). This holds also for the statically stable case, Fig.
3.35.

– If the vehicle is statically unstable, lift L and drag D are larger in the
trimmed than in the untrimmed case, Figs. 3.33 and 3.34a), but smaller,
if the vehicle is statically stable, Figs. 3.35 and 3.34b).

19 This is in contrast to classical aircraft which fly stably. There the longitudinal
trim is achieved by horizontal surfaces (elevators), which have a negative angle
of attack and exert a downward force.

20 In the literature one finds sometimes that this case, i.e., the untrimmed force
F aero acting ahead of the center-of-gravity, is considered to have a positive
static margin.
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Fig. 3.35. Schematic of longitudinal trim of a RV-W vehicle (geometrical RHPM
approximation) at large angle of attack with upward deflected body flap. For details,
see Fig. 3.33.

3.5 The Hypersonic Pitching Moment Anomaly of the
Space Shuttle Orbiter

During the first flight of the Space Shuttle Orbiter (STS-1), the so-called hyper-
sonic pitching moment anomaly was manifested up. This is due to the pitch-up
moment being larger than predicted in the high flight Mach number domain.
This situation required a (downward) body flap21 deflection, which was more
than twice as large as predicted, Fig. 3.36 [45]. Together with the pitching mo-
ment discrepancy, a discrepancy between the predicted and the actual normal
force was also observed.Angles of attack corresponding to the flight Mach num-
bers in Fig. 3.36 are, with small departures, α = 40◦ from M∞ ≈ 24 down to
M∞ ≈ 10, and α = 25◦ at M∞ ≈ 5, see [46] and also Fig. 3.1 of this book.

Figure 3.36 shows that the largest deviation (factor approximately two)
from the predicted body flap deflection angle occurs fromM∞ ≈ 17 to M∞ =
24. Below M∞ ≈ 8, predicted and flight data are, with some noteworthy ex-
ceptions, close to each other.

It can be a useful exercise for the reader to deduce the free-stream data,
at least approximately, from the altitude-velocity map, Fig. 2.2 and the at-
mospheric data given in Appendix B, and to compare them with the data
from [47].

21 Originally the body flap was to act as a heat shield for the nozzles of the main
engines of the Orbiter, now it became the primary longitudinal trim device [48].
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Fig. 3.36. Predicted and flight data of body flap deflection for trim as function of
the flight Mach number of the first flight (STS-1) of the Space Shuttle Orbiter [45].

What caused this “anomaly,” which was subsequently extensively studied [17,
18]? Before we discuss the problem in detail, we look at the trim situation and
list possible causes of the anomaly.

3.5.1 Trim Situation and Possible Causes of the Pitching Moment
Anomaly

Investigations after the first mission of the Space Shuttle Orbiter revealed that
the actual center-of-pressure location was further forward than derived from
ground simulation and numerical modeling before flight.22 This means that
the action line a1 in Fig. 3.33 of the untrimmed lift force F aero would lie even
further forward than shown in that figure. It is evident that this induces an
additional nose-up moment. It is also evident that a larger downward deflection
angle of the trim flap was necessary to trim the vehicle, Fig. 3.36.

We now consider the aerodynamic surface forces acting on the vehicle and
causing forces and moments, regarding only the longitudinal motion. These
surface forces are basically the wall pressure pw and the skin-friction τw, Fig.
3.37. It is important to note that the wall pressure can be increased by hyper-
sonic viscous interaction [1]. Hypersonic viscous interaction can occur during
hypersonic flight at high altitudes, where large local Mach numbers in combi-
nation with low unit Reynolds numbers (both defined at the boundary layer
edge) lead to thick boundary layers which then induce an additional wall pres-
sure.

Neglecting pw and τw in the “shadow” parts of the configuration (indicated
by broken lines), the forces on the vehicle and the contributions of pw and τw
to them are basically, though very approximately:

– the lift which is the force in direction normal to the flight pathL = L(pw, τw),

22 At α = 40◦, this was approximately 0.3 m in the numerical simulation of [14],
which amounts to a little bit less than 1 per cent body length.
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Fig. 3.37. Longitudinal motion: schematic of the wall pressure pw and the skin-
friction τw acting on the surface of a RV-W (broken lines: small forces which can be
neglected in the considerations). Not indicated are the integral forces: lift, drag, etc.

– the drag which is force in direction of the flight path D = D(pw, τw),
– the axial force which the force in direction of the vehicle axisA = A(pw , τw),
– the normal force which is the force in direction normal to the vehicle axis
N = N(pw, τw),

– the trim force on elevons/body flap Ftrim = Ftrim(pw, τw),
– the pitching moment moment M = M(pw, τw), which is zero if the vehicle

is trimmed.

It is noteworthy that the aerodynamic performance of the Orbiter in the hy-
personic flight domain was well predicted as demonstrated in the first flight
except for the normal force N and the longitudinal trim characteristics [45].

Major possible effects that were not adequately taken into account in the
aerodynamic data base were seen and studied:23

– High temperature real gas and Mach number effects24 [14, 49]–[53].
– Viscous forces and effects, including hypersonic viscous interaction, regard-

ing both airframe and trim surface aerodynamics [14, 54, 55]. Trim surface
and elevon effectiveness can also be adversely affected by erroneous bow
shock shapes in ground facility simulations [14].25

Other factors potentially having played a role are [14]:

– Insufficient knowledge of actual atmospheric properties, especially air den-
sity, during re-entry.

23 Only a few papers are cited.
24 This is connected to the extent that Oswatitsch’s Mach number independence

principle for blunt bodies is valid in ground facility simulations.
25 Trim surface effectiveness, however, obviously was sufficient, see the discussion

on page 309 of this book.
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– Uncertainties in the actual location of the center-of-gravity of the flight ve-
hicle.

– Possible small aerodynamic shape difference between the actual flight vehi-
cle and the ground-facility simulation models.

3.5.2 Pressure Coefficient Distribution at the Windward Side of
the Orbiter

Remember, that except for the pitching moment and the normal force, all aero-
dynamic forces and moments were predicted sufficiently well. We assume there-
fore that it is sufficient to study only the wall pressure distribution at the lower
side (windward side) of the Orbiter in view of the pitching moment anomaly,
taking into account the configurational particularities of the lower side of the
vehicle. The wall pressure is the most important force acting on the windward
side of the vehicle. Unfortunately, no detailed information about the other
forces is available.

Early viscous computations on simple shapes had shown that high tempera-
ture real gas effects reduce aerodynamic forces and the (nose-up) pitching mo-
ment [49].26 On the other hand, viscous forces, i.e., the wall shear stress, acting
mainly on the windward side of the flight vehicle, will induce a pitch-down in-
crement, as can be deduced from Fig. 3.37.

We now investigate the pressure coefficient distributions along the lower
symmetry line of the vehicle at two angles of attack. The computations for
the two cases27 taken from [49] (α = 25◦, inviscid, Fig. 3.38) and [51] (α =
40◦, viscous, Fig. 3.39) were made with a modified vehicle configuration.28 We
use M∞ = 10 with perfect gas (γ = 1.4) as the reference pre-flight case and
M∞ = 24 with equilibrium/non-equilibrium gas model as the reference post-
flight case.

During the aerodynamic shape definition process of the Orbiter, it was ob-
served that high temperature real gas effects reduce cpw on the lower (wind-
ward) surface of the vehicle. This observation does not hold where a re-com-
pression after an overexpansion takes place. In the α = 25◦, case this is at
300.0 in. � Z � 450.0 in. on the centerline, Fig. 3.38. If we change our notation

26 Regarding the high temperature real gas effects, numerical studies in the af-
termath of the discovery of the hypersonic pitching moment anomaly show a
different picture, which possibly is due to the particular shape of the lower side
of the vehicle.

27 We have noted above, that the flight Mach number at α = 25◦ is M∞ ≈ 5. In
[49] results are presented—obviously due to the limited computation capabilities
at that time—for this angle of attack, though for flight Mach numbers which
belong to the α = 40◦ regime. However, for high flight Mach numbers α = 25◦

is included in the aerodynamic design data book of STS-1 [20]. We keep the α
= 25◦ case in the following investigations in order to widen our data base.

28 This was necessary because of the weak computer resources in 1983 and still in
1994. Later, investigations with the full geometry were made [53].
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Fig. 3.38. Wall pressure coefficients cpw along the windward symmetry line of the
Orbiter configuration [49]. Angle of attack α = 25◦, inviscid computations.

from Z to x, this amounts to 0.23 � x/L � 0.35.29 Note that at this location,
the longitudinally flat surface part of the windward side of the vehicle begins.
This location is also approximately where the crossover of cpw as function of
M∞ and high temperature real gas effects, mentioned in Sub-Section 3.2.1, oc-
curs.

In the α = 40◦ case, the re-compression occurs slightly ahead of that
region, Fig. 3.39. The reduction of cpw , however, is strongest in the region
1, 060.0 in. � Z � 1, 290.3 in. (0.82 � x/L � 1.0). The authors of [49] re-
mark that other unpublished results indicate only weak Mach number effects,
i.e., Mach number independence, so that the differences in cpw probably can
be attributed mainly to high temperature real gas effects.

Before we analyze both cases together, we note two points regarding the
α = 40◦ case, Fig. 3.39. Firstly, the figure was made with an axis convention
different to that of Fig. 3.38. The stagnation point lies at z = 0 in. (x/L =
0) at the right-hand side, whereas the end of the vehicle lies at z = −1, 290
in. (x/L = 1) at the left-hand side. Secondly, the non-dimensional pressure
p/ρ∞v2

∞ = pw/(2q∞) in Fig. 3.39 can be converted into the pressure coefficient
cp by means of the relation:

cp = cpw =
p− p∞
q∞

=
2 p

ρ∞v2∞
− 2
γ∞M2∞

. (3.9)

29 L = 32.7736 m = 1,290.3 in. is the length of the Orbiter without the 2.21 m
(87.0 in.) long body flap [48].
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Fig. 3.39. Wall pressure p/ρ∞v2
∞ (≡ pw/ρ∞v2

∞) along the windward symmetry line
of the Orbiter configuration [51]. Angle of attack α = 40◦, viscous computations for
wind tunnel and for flight at H = 70 km altitude.

The overall pattern of the pressure distribution on the windward symmetry
line in the α = 40◦ case (Fig. 3.39) is quite similar to that in the α = 25◦ case
(Fig. 3.38).

The reader is now asked to note in both figures the pressure plateau30 at
0.4 � x/L � 0.82, and the strong drop of cpw at 0.82 � x/L � 1. In order to
understand these properties of the pressure field, consider Figs. 3.40 and 3.41.
We see from the first of these figures that the lower surface of the flight vehicle
is flat in longitudinal direction in the range 0.12 � x/L � 0.82. Boattailing be-
gins at x/L ≈ 0.82 with an angle of approximately 6◦. Boattailing of a fuselage
usually is applied in order to increase the scrape angle for take-off and landing,
to influence (in low speed flight) the vehicle’s pitching moment, and to reduce
the base area (hence the base drag). Further, Fig. 3.41 shows a slight positive
(upward) dihedral of the lower side of the vehicle. Such a dihedral shape im-
proves rolling and also lateral/directional stability [44]. Behind x/L ≈ 0.62,
the lower side, approximately below the fuselage, is rather flat.

Hence for 0.4 � x/L � 0.82, the lower side of the flight vehicle can be con-
sidered as approximately flat, except for the dihedral area of the outer wing,
Fig. 3.6. This means that, for the angle of attack regime considered in this sec-
tion, the flow there—initially between the primary attachment lines—is ap-
proximately two-dimensional in nature, as is discussed in Sub-Section 3.2.2.
This can also be seen from earlier computational and oil-flow data [51, 53, 55].

We come now back to the behavior of cpw in Figs. 3.38 and 3.39. The pres-
sure plateaus at 0.4 � x/L � 0.82 obviously are due to the longitudinal flatness

30 We switch completely over from the Z notation to the x or, equivalently, the
x/L notation.
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Fig. 3.40. Plan and side view of the Orbiter [14].

of the lower side of the flight vehicle. We assemble the cpw data (case 1.a and
1.b from Fig. 3.38 and case 2.a to 2.c from Fig. 3.39) at the location x/L = 0.62
in Table 3.4.

We see that in case 2.b, cpw is slightly larger than that in case 2.a. It is not
quite clear what is to be expected. Note that the data from Fig. 3.39 had to be
converted with the help of eq. (3.9). Usually in this part of the configuration,
for a given angle of attack, the wall pressure coefficient cpw decreases with in-
creasingM∞ and with the presence of high temperature real gas effects. At the
forward stagnation point (data are not shown in the table), we expect, accord-
ing to Fig. 3.5 in Sub-Section 3.2.1, that cpw is largest for the highest Mach
number and with high temperature real gas effects present. This is indicated
for the α = 40◦ case in Fig. 3.39.

In [1], it is discussed that the windward side boundary layer on a RV-W
at large angle of attack is initially a subsonic, then a transonic and finally a
low supersonic boundary layer.31 The boundary layer edge Mach numbers are
rather small. In [56], it is reported that during an Orbiter re-entry, these are
typically at most Me ≈ 2.5 and mostly below about 2. Hence, we assume that

31 This boundary layer is characterized by very high temperatures and hence high
temperature real gas effects, by strong wall-normal temperature gradients due
to surface radiation cooling and is, depending on the TPS, influenced by surface
roughness.
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Fig. 3.41. Cross sections of the simplified Orbiter geometry (Viscous Model =
HALIS configuration) [14].

Table 3.4. Wall pressure coefficients cpw in the lower symmetry line of the Orbiter
at x/L = 0.62 for α = 25◦ (Fig. 3.38) and α = 40◦ (Fig. 3.39).

Case Fig. α M∞ γ x/L cpw

1.a 3.38 (invisc.) 25◦ 10.3 1.4 0.62 0.41

1.b 3.38 (invisc.) 25◦ 26.1 equil. 0.62 0.38

2.a 3.39 (visc.) 40◦ 10 1.4 0.62 0.89

2.b 3.39 (visc.) 40◦ 24 1.4 0.62 0.90

2.c 3.39 (visc.) 40◦ 24 non-eq. 0.62 0.88

we have supersonic flow in the α = 25◦ case, but low supersonic flow in the
α = 40◦ case.

This is important, because the boattailing, which begins at x/L ≈ 0.82,
leads to a flow expansion only if the flow ahead of it is supersonic. Such a sit-
uation is present even at the large angles of attack during the initial re-entry
flight phase. The effect can be understood and approximated basically with the
help of the Prandtl–Meyer expansion [1], or understood qualitatively in terms
of the stream-tube behavior [13]. However, behind x/L≈ 0.82 the pressure co-
efficient drops further, therefore we have neither a “centered” nor a “simple”
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expansion [1]. One could speak of a “distributed simple” expansion due to the
initially curved boattailing, Fig. 3.40.

In cases where the plateau wall Mach numbers are subsonic (angles of at-
tack larger than considered here), one can assume that the pressure would in-
crease in the boattailing region and induce a nose-down increment of the pitch-
ing moment. A “pitching moment reversal” is indeed present for α � 50◦ [57].
In the literature, see for instance [53], it usually is not attributed to a boattail-
ing re-compression due to a subsonic plateau Mach number.

We consider now the situation in the boattailing region 0.82 � x/L � 1.
In Figs. 3.38 (α = 25◦) and 3.39 (α = 40◦), we see that there are quantita-
tive differences in the cpw behavior compared to that in the upstream pressure
plateau region. In the boattailing region, the differences in cpw become much
larger when we go from the lower flight Mach number cases with perfect gas to
the higher flight Mach number cases which take into account high temperature
real gas effects. Remembering the remark in [49] that Mach number effects were
found to be small (Mach number independence), these differences can then be
attributed mostly to high temperature real gas effects.

Whether the assumption of equilibrium or non-equilibrium behavior of the
gas plays a role cannot be decided with the available data. The M∞ = 24 case
corresponds to a flight altitude of about 72 km. Considering the length of the
pressure plateau on the windward side of the flight vehicle 0.4 � x/L � 0.82
which amounts to approximately 14 m, one can assume that thermo-chemical
equilibrium is attained in the inviscid flow part of the shock layer. We come
back to the influence of flight Mach number and high temperature real gas
effects in Section 3.6, considering then also the influence of the two different
angles of attack.

For the quantitative study of the situation in the boattailing region, data
are collected in Table 3.5. There cpw data (cases 1.a and 1.b from Fig. 3.38 and
cases 2.a to 2.c from Fig. 3.39) are given for the location x/L = 0.91 which is
approximately the middle of the boattailing region. We see in the boattailing
region at x/L = 0.91 a stronger influence of high temperature real gas and
Mach number effects than in the pressure plateau region at x/L = 0.62. The
pressure coefficient cpw drops in all cases appreciably. Related to theM∞ = 10
and M∞ = 10.3 cases, the reduction of cpw at x/L = 0.91 is about 22 per cent
(case 1.b) and 13 per cent (case 2.c).

These reductions appear not to be excessive.32 However, considering the
area of the boattailing region33, and the distance of this region to the center-
of-gravity, approximately 9.04 m, this amounts to an appreciable pitch-up mo-

32 The reader should note, that these are values found in the lower symmetry line.
They are only approximately constant in span-wise direction. Probably the ef-
fect diminishes in that direction (three-dimensionality effects due to the dihedral
of the outer wing, Fig. 3.6).

33 The boattailing region has a length of approximately 5.9 m, a width of approx-
imately 23.0 m, hence an area of approximately 135.7 m2.
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Table 3.5. Wall pressure coefficients cpw in the lower symmetry line of the Orbiter
in the boattailing region at x/L = 0.91 for α = 25◦ (Fig. 3.38) and α = 40◦ (Fig.
3.39).

Case Fig. α M∞ γ x/L cpw

1.a 3.38 (invisc.) 25◦ 10.3 1.4 0.91 0.26

1.b 3.38 (invisc.) 25◦ 26.1 equil. 0.91 0.20

2.a 3.39 (visc.) 40◦ 10 1.4 0.91 0.63

2.b 3.39 (visc.) 40◦ 24 1.4 0.91 0.61

2.c 3.39 (visc.) 40◦ 24 non-equil. 0.91 0.55

ment increment in both angle of attack cases34, see Problem 3.5. Obviously it
was mainly just this not so very large reduction of cpw in the boattailing re-
gion which caused the hypersonic pitching moment anomaly experienced with
STS-1.

Remembering that the pressure coefficient at the forward stagnation point
becomes larger with larger flight Mach number, and also when high tempera-
ture real gas effects are present, Fig. 3.5, we have another potential pitch-up
moment increment to take into account. In this case the affected surface por-
tion is small, maybe about 1.0 m2, but the lever arm is rather large with ap-
proximately 21.3 m. Here, the potential increment is not large, but should be
appreciated, see Problem 3.7.

3.5.3 The Forward Shift of the Center-of-Pressure

We show in a simple way that the reduction of the wall pressure in the boat-
tailing region, Figs. 3.38 and 3.39, as well as Table 3.5, leads to a forward shift
of the center of pressure and to a reduction of the normal force. Consider the
action lines of the forces in Fig. 3.42. The action line of the force on the boattail-
ing region, Fbt, crosses that of the force Fms of the remaining portion (main
surface) of the windward side of the vehicle, in the upper part of the figure.
The action line ares of the resulting force, Fres, crosses the vehicle surface in
the center of pressure at xcp. If nowFbt is reduced, then Fres is reduced to F ′

res,
and the new action line a′res as well as the new center of pressure x′cp are shifted
forward. An increase of the pressure in the boattailing region would shift the
center of pressure in downstream direction.

34 The identification of this effect on the Russian BURAN vehicle (first and only
flight on November 15, 1988) obviously was achieved already in 1980, before the
first Space Shuttle Orbiter re-entry flight in April 1981 [50].
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Fig. 3.42. Geometrical RHPM approximation of the windward side of the Space
Shuttle Orbiter: aerodynamic forces, their action lines, and the centers of pressure.
Note that the boattailing angle is exaggerated.

If the boattailing angle δbt and all other angles δ are very small,35 we can write
the simple balance

xcp Fres = xms Fms + xbt Fbt, (3.10)

and find with Fres = Fms + Fbt for xcp

xcp =
xms + xbt(Fbt/Fms)

1 + Fbt/Fms
. (3.11)

If Fbt � Fms we get

xcp ≈
(
xms + xbt

Fbt

Fms

)(
1 − Fbt

Fms

)
, (3.12)

and finally
xcp ≈ xms + (xbt − xms)(Fbt/Fms). (3.13)

This relation reflects directly the observation which we made with the help of
Fig. 3.42, viz., the reduction of the wall pressure in the boattailing region and
35 In this case, the resultant force is equal to the normal force: Fres = N .
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hence ofFbt results in a forward shift of the center of pressure. The pitch-up mo-
ment is increased, the normal force reduced, the other forces (axial, lift, drag)
are, due to the given configuration and flight attitude, only a little changed.

Problem 3.8 yields despite the simple approach for α = 40◦ a forward shift
of approximately 0.3 m which compares well with the data given in [14]. The
original data were: center-of-gravity located at xcog = 21.30 m (xcog/Lref =
0.65), center of pressure at xcp ≈ 21.71 m. This means xcp > xcog and a pos-
itive static stability margin, Sub-Section 3.4.2. Even with the forward shift of
|∆xcp| ≈ 0.3 m the margin would remain positive.

However, the actually flown center-of-gravity was 0.667 � xcog/Lref �
0.671 [21], which amounts to xcog = 21.86–21.99 m. The stability margin was
negative from the beginning. The predicted downward deflection of the body
flap as the main trim surface was at high flight Mach numbers ηbf ≈ 7◦, Fig.
3.36. The (unexpected) forward shift |∆xcp| ≈ 0.3 m then made ηbf ≈ 17◦

necessary in flight. (Note that most of these numbers are not measured, but
post-flight computed numbers.)

3.6 The Hypersonic Pitching Moment Anomaly in View of
Oswatitsch’s Mach Number Independence Principle

3.6.1 Introduction

When the Orbiter was developed, the major aerodynamic design tools were
approximate (impact) methods and ground simulation facilities. The discrete
numerical methods of aerothermodynamics were in their infancy [49]. What
were available and used thoroughly were similarity rules, correlations and pa-
rameters [58]. Considered were weak and strong viscous interaction, rarefac-
tion effects, high temperature real gas effects, etc. Also employed was, usually
not explicitly mentioned, Oswatitsch’s Mach number independence principle
for blunt bodies in hypersonic flow [59], see also [1].

The Mach number independence principle says, basically, that above a cer-
tain flight Mach number, several properties of the flow field in the shock layer
become independent.36 of the flight Mach number37 This principle holds for the
shape of the bow shock surface, streamline patterns, the sonic surface, and the
Mach lines in the supersonic part of the flow field. The density ratio ρ/ρ∞, the
pressure coefficient cp and with the latter the force and moment coefficients, are
also independent ofM∞. These items thus do not depend on the free-stream or
flight Mach number, but only on the body shape and also on the ratio of spe-
cific heats γ. The latter means, that gas flow with constant γ must be present
everywhere for Mach number independence.
36 Independence is reached asymptotically, see for instance the graphs in Sec-

tion 3.2. Independence hence has an approximative character. For certain ap-
plications it may be appropriate to define an error bound.

37 Actually this is a precise definition of hypersonic flow.
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In practice Mach number independence means that if we obtain for, a given
body shape experimentally for instance the force coefficients at a large enough
Mach numberM ′

∞ (saturation Mach number), these coefficients are valid then
for all larger Mach numbers M∞ > M ′

∞. This can happen, depending on the
body shape, for free-stream Mach numbers as low as M∞ = 4–5. In [58], it is
argued, without going in detail, that Oswatitsch’s independence principle for
blunt bodies also holds for non-perfect gas flow and also for viscous flow.

The independence principle, although seldom cited in the literature, was
underlying in the aerodynamic shape definition and the data set generation
work for the Orbiter. The baseline Mach number range in ground facility sim-
ulation for the data set generation was M ≈ 8–10, [46]. In this Mach number
range the available facilities are large enough for high fidelity models while hav-
ing high productivity.

Due to the thorough and risk-conscious work in the aerothermodynamic
design process, the aerodynamic performance of the Orbiter was largely found
as predicted. The only very critical misprediction was that of the pitching mo-
ment which, as we have seen in the last sub-section, can be traced back mostly
to the flow behavior in the boattailing region.

That the blunt body Mach number independence principle holds for perfect
gas flow is a matter of fact, see also the simple examples in Section 3.2. In view
of the practical application, two questions arise:

1. What is (for perfect gas flow) the saturation Mach numberM ′∞ for a given
blunt body shape?

2. How do high temperature real gas effects affect the principle?

The first of these questions can only be answered experimentally or compu-
tationally by trial and error, taking into account that Mach number inde-
pendence is reached asymptotically. The second question, whose answer can
give us a clue as to why the pitching moment anomaly exist could also be ap-
proached by trial and error. In the following sub-sections we try, however, to
answer the question with inviscid flow data found by computational and ana-
lytical means.

We study the influence of the flight Mach number and high temperature
real gas effects on the wall pressure for the two angles of attack α = 25◦ (Fig.
3.38) and α = 40◦ (Fig. 3.39) with blunt-cone approximations, Section 10.1, of
the lower symmetry line of the Space Shuttle Orbiter. The two geometries with
boattailing are shown in Fig. 3.43. The generatrices of the blunted cones are
the lower side symmetry lines of the Orbiter. The forward stagnation points
are located at x = 0. The nose radii were taken from [60], see also [61], where
they were introduced as effective nose radii, depending on the angle of attack.
The semi-vertex angles are identical with the angles of attack. The locations
X at the lower side symmetry line of the Orbiter, Fig. 3.40, are found with
xbc = X/ cosα. The location x/L = 0.82, where the 6◦ boattailing, Sub-
Section 3.5.2, begins, are xbc = 24.35 m and 20.58 m, respectively.
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Fig. 3.43. Blunt cone approximation of the lower symmetry line of the Space Shuttle
Orbiter for two angles of attack: a) α = 25◦, b) α = 40◦. The semi-vertex angles of
the blunt cones are identical with the angles of attack.

3.6.2 Wall Pressure Coefficient Distribution

The wall pressure coefficient cpw (x) was found with a time marching finite-
difference method for the solution of the non-conservativeEuler equations with
bow shock fitting [62]. This method gives an accurate bow shock location and
excellent entropy conservation along streamlines, particularly along the body
surface. An advanced shock fitting method based on the quasi-conservatively
formulated Euler equations [63], was employed for the determination of the
data given in Fig. 3.44 [64].

Figure 3.44 shows the computed wall pressure coefficients for four flight
Mach numbers for perfect (ID) and equilibrium (EQ) real gas for the blunt cone
approximations of the windward symmetry line of the Space Shuttle Orbiter
at the two angles of attack. Note that the distributions are given along the gen-
eratrices of the blunt-cone configurations, Fig. 3.43, i.e., on the real windward
symmetry line of the Orbiter, Fig. 3.40. The results are in good qualitative and
quantitative agreement with the data of Figs. 3.38 and 3.39.

In the boattailing region, however, we see a different qualitative behavior
compared to Figs. 3.38 and 3.39. Here, we reach cpw (x) plateaus, which is not
the case there. This difference is caused by the geometrical modeling of the
onset of the boattailing at the blunt cones, which is different from that at the
Orbiter. In general, ahead of the boattailing region, the influence of M∞ and
high temperature real gas effects is small for both angles of attack. Although
the curves are not very smooth, we see that cpw(x) is slightly smaller for larger
M∞ and in the equilibrium, real gas case compared to the perfect gas case.
The picture changes in the boattailing region. Here, the influence of M∞ is
still small, but the real gas effect is strong. All is more pronounced in the 40◦

cases.
To gain more insight, we investigate now parametrically with the method

[62] the influence of flight Mach number M∞ and high temperature real gas
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Fig. 3.44. Space Shuttle Orbiter windward symmetry line (blunt cone approxima-
tion) with boattailing: cpw (x) for four flight Mach numbers M∞, inviscid flow, α =
25◦, α = 40◦ [64]. ID: perfect gas, EQ: equilibrium real gas.

effects, the latter in terms of the effective ratio of specific heats γeff , on cpw (x).
We again apply the blunt cone approximation to the Orbiter windward side
and also include a case without boattailing.

First, we examine the pressure-coefficient distributions of the configura-
tion without boattailing for four flight Mach numbers M∞ and with a per-
fect gas. In Fig. 3.45, we see for both the α = 25◦ and 40◦ cases for the three
larger flight Mach numbers good qualitative and quantitative agreement with
the cpw distributions in Figs. 3.38 and 3.39. In the region, where boattailing is
not present, the pressure coefficient remains the same as upstream of it. The
difference of the M∞ = 3.5 curve to the curves of the other flight Mach num-
bers is somewhat larger for the α = 40◦ case than for the α = 25◦ case. Mach
number independence is present for the larger Mach numbers, however M ′

∞
was not determined. The pressure coefficients decrease only very slightly. The
crossover region is not discernible. We note the typical small undershoot under
the plateau pressure ahead of the plateau and little kinks due to the curvature
jump at the junction of the blunt nose and the cone. Next we study results for
the configuration with boattailing. In the boattailing region we now observe a
spreading of the cpw(x) curves. This spreading is very small for the α = 25◦

case and a little larger for the α = 40◦ case, Fig. 3.46. Any differences become
negligibly small once Mach number independence is reached.

Before we examine high temperature real gas effects, we look at aspects of
the Mach number independence principle different from the cpw(x) behavior.
We have mentioned that the independence also pertains to the shape of the bow
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Fig. 3.45. Space Shuttle Orbiter windward symmetry line (blunt cone approxima-
tion) without boattailing: cpw (x) for four flight Mach numbers, inviscid flow, perfect
gas, α = 25◦ and 40◦.
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Fig. 3.46. Space Shuttle Orbiter windward symmetry line (blunt cone approxima-
tion) with boattailing: cpw (x) for four flight Mach numbers, inviscid flow, perfect gas,
α = 25◦ and α = 40◦.

shock surface, the pattern of the streamlines, etc. In the following three figures,
we show for the Space Shuttle Orbiter windward symmetry plane in the blunt
cone approximation the traces of the bow shock surface and cp contours. The
angle of attack in all cases is α = 40◦. The flight Mach numbers areM∞ = 3.5,
Fig. 3.47, M∞ = 10, Fig. 3.48, and M∞ = 24, Fig. 3.49. The contours in the
enlargements of the figures begin each with cp = 0.8 to the right, then we
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Fig. 3.47. Space Shuttle Orbiter windward symmetry plane (blunt cone approxi-
mation) without boattailing: M∞ = 3.5, α = 40◦, bow shock shape and iso-cp lines,
inviscid flow, perfect gas.
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have three times the increment ∆cp = 0.1, and beginning with cp = 1.1 the
increment is ∆cp = 0.05.

We observe first that the bow shock lies close to the body surface for all
three Mach numbers, being even closer at higher Mach numbers. For the latter
the bow shock shapes are virtually identical, except for the boattailing area. In
the boattailing area, for M∞ = 24, a slightly stronger expansion is indicated
than forM∞ = 10, which is also weakly seen in Fig. 3.46. Very small differences
are also present in the stagnation point region.

The effective Mach number independence for the two larger Mach num-
bers is also evident from the pressure coefficient contours. In the stagnation
point region, we see small differences, see also Fig. 3.5. We note that, in general,
Mach number independence, if present, appears to be more evident somewhat
away from the stagnation point area—downstream of the crossover point—in
the presumably existing benign wall Mach number interval, Sub-Sections 3.2.1
and 3.6.3. This is indicated by the data in Table 3.6. At the stagnation point,
in terms of the Orbiter geometry x/L = 0, we find a ∆cp = +0.031 from
M∞ = 10 to M∞ = 24. At x/L = 0.62, we find ∆cpw = −0.006 (compare
with Table 3.4). Finally in the middle of the boattailing region x/L = 0.91,
∆cpw = −0.017 (compare with Table 3.5). The data at the two latter points
illustrate the crossover of the cpw curves.

Let us now examine the influence of high temperature real gas effects. They
are studied for the α = 25◦ and the α = 40◦ case for M∞ = 10 with the help
of three γeff . The cpw(x) distributions in Fig. 3.50 for the configuration with-
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Fig. 3.49. Space Shuttle Orbiter windward symmetry plane (blunt cone approxi-
mation) with boattailing: M∞ = 24, α = 40◦, bow shock shape and cp contours,
inviscid flow, perfect gas.
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Table 3.6. Space Shuttle Orbiter windward symmetry line (blunt cone approxi-
mation) with boattailing: cpw at three locations xbc (blunt cone), x/L (Orbiter),
α = 40◦, inviscid flow, perfect gas.

xbc [m] x/L [−] cpw |M∞=3.5 cpw |M∞=10 cpw |M∞=24

0.0 0 1.790 1.833 1.864

14.37 0.62 0.917 0.873 0.867

21.09 0.91 0.659 0.607 0.590
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Fig. 3.50. Space Shuttle Orbiter windward symmetry line (blunt cone approxima-
tion) without and with boattailing: cpw (x) for M∞ = 10, and three different γeff ,
inviscid flow, α = 25◦ and α = 40◦.

out boattailing show very little influence of γeff for α = 25◦, and somewhat
more for α = 40◦. The pressure coefficient decreases slightly in any case with
decreasing γeff .

For the configuration with boattailing, we see in the boattailing region the
spreading of the cpw curves similar to that we have seen for different Mach
numbers M∞, Fig. 3.46, but much stronger. The spreading is also stronger for
40◦ than for α = 25◦. In any case we observe quantitatively the same behavior
as seen in Figs. 3.38 and 3.39.

These parametric studies, performed for the α = 25◦ and the α = 40◦ case,
and with γeff only for M∞ = 10, show for large flight Mach numbers in the
boattailing region high temperature real gas effects having a strong effect on
cpw(x), which is much stronger than that of the flight Mach number. For the
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configuration without boattailing, neither of the two effects have an apprecia-
ble influence on cpw(x).

3.6.3 A Simple Analysis of Flight Mach Number and
High-Temperature Real Gas Effects

With Oswatitsch’s Mach number independence principle for blunt bodies in
the background, we now investigate the expansion history at the lower sym-
metry line of the flight vehicle with the help of a simple analysis, assuming
one-dimensional inviscid flow. We relate the wall pressure coefficient cpw with
the Mach number of the inviscid flow at the wall (boundary-layer edge) Mw,
using M∞, γinf , and γeff across the bow shock and along the body surface as
parameters. The limitation is that we can do this only for planar flow and not,
as needed in our case, for conical flow. Nevertheless, we can gain helpful insight
from the analysis.

Assuming adiabatic expansion along the windward side of the vehicle (one-
dimensional consideration along the lower symmetry line), beginning at the
stagnation point, we find

pw

p∞
=
pw

pt2

pt2

p∞
=

(
1 +

γ − 1
2

M2
w

)−γ/(γ−1)
pt2

p∞
. (3.14)

yielding:

cpw =
pw − p∞
q∞

=
p∞
q∞

(
pw

p∞
− 1

)
=

2
γ∞M2∞

(
pw

p∞
− 1

)
. (3.15)

We assume that the forward stagnation point streamline crosses the normal-
shock portion of the bow shock and find pt2 for the chosen γeff from the rela-
tions in Sub-Section 10.1.3. We choose two free-stream Mach numbers close to
those in Figs. 3.38 and 3.39, viz., M∞ = 10 and 24, and include M∞ → ∞.

For each Mach number, we choose four γeff = 1.1, 1.2, 1.3 and 1.4. These
values are based on [55] where γeff ≈ 1.3 just behind the bow shock in the
nose region, γeff ≈ 1.12 close to the body in the nose region, and γeff ≈
1.14 along the lower body surface. The Mach number interval chosen is 0 �
Mw � 5 whereMw = 0 represents the stagnation point andMw = 1, of course,
is the sonic point at the wall. In Fig. 3.51. we show computed wall pressure
coefficients for M∞ = 24 and the four chosen γeff . The cpw curves drop from
their maxima in the stagnation point monotonically with increasing Mw. At
the stagnation point, we see the behavior shown in Fig. 3.5, viz., the stagnation
pressure coefficient increases with decreasing γeff .

Remember, however, the remark above, that these data are not quantita-
tively representative for the Space Shuttle Orbiter. In [49], results from γeff

studies for a blunt 30◦ cone are given, unfortunately without the wall Mach
number. They also show the crossover of the cpw curves, which happens in
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Fig. 3.51. Wall pressure coefficient cpw as function of wall Mach numbers Mw for
M∞ = 24 and four values of γeff .

Fig. 3.51 at Mw ≈ 2.2. At the stagnation point, the curves for the smallest
γeff are above and then switch places with the curves for the larger values.

In order to get a better impression of the differences between the different
results, we consider c�pw

, the wall pressure coefficients normalized by values at
M∞ → ∞ and γ = 1.4. In this way, we can visualize the increments which exist
in view of the Mach number independence principle. The results in Fig. 3.52
show that ahead of the crossover region, i.e., for Mw � 2.2, the differences
�c�pw

= c�pw
− 1 between the different results and the ones for M∞ → ∞,

γ = 1.4 are bounded and relatively small. The influence of M∞ is smaller in
general than that of γeff . For Mw � 2.2, the differences are unbounded and
become large with increasing Mw. The difference is more for smaller γeff .

The above results apply for the planar case. Results for the blunt cone case
in Sub-Section 3.6.2, more relevant for the Orbiter, exhibit exactly the same
properties, however, with much smaller �c�pw

. Unfortunately, we have no Mw

results available belonging to the cpw results of Sub-Section 3.6.2. Initial results
show for the α = 40◦ case a wall Mach number rise from levels of Mw ≈ 1.2
ahead of the boattailing to≈ 1.5 in the boattailing region. Data for the α = 25◦

case are not consistent. For a perfect gas and the given boattailing angle of 6◦,
we find with the data of the Prandtl–Meyer expansion [65], at small wall Mach
numbers a ∆Mw ≈ 0.2. A dependence of c�pw

on the angle of attack and on
one or more other parameters may be possible. In any case, it appears that the
crossover region lies at wall Mach numbers smaller than Mw � 2.2.

However, the general results of this sub-section and of Sub-Section 3.6.2
indicate, like the data in Figs. 3.38 and 3.39, that a benign wall Mach number
interval exists, where the Mach number independence principle is valid despite
the presence of high temperature real gas effects. In other words: If for a given
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Fig. 3.52. Normalized wall pressure coefficient c�pw
as function of wall Mach numbers

Mw for selected pairs of M∞ and γeff .

body shape and a given flight Mach number interval (flight) Mach number inde-
pendence exists, presumably a benign wall (boundary-layer edge) Mach number
interval is present where independence from high temperature real gas effects
also exists. A quantification of the interval would be desirable.

3.6.4 Reconsideration of the Pitching Moment Anomaly and
Summary of Results

In the preceding sub-sections, the inviscid blunt-cone flow field in terms of cpw

along the symmetry line of the windward side of the Orbiter was studied as well
as the inviscid flow expansion history of planar one-dimensional flow. The γeff

approach was employed in the latter in order to account for high temperature
real gas effects. No viscous effects, neither weak nor strong interaction, and
also no low density effects were taken into account, assuming that they play
only a minor role.

The Orbiter windward side is largely flat. However, the dominant flow fea-
tures are governed by the vehicle shape approximately up to the canopy lo-
cation, which can be considered as a blunt cone. Where the lower side is ap-
proximately flat, the flow properties along the windward centerline are to a
good approximation the same also in lateral direction (quasi two-dimensional
distribution, Sub-Section 3.2.2).
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If we accept the limitations of our investigations, and flight Mach number
independence in Oswatitsch’s sense is given, the general results are the follow-
ing:

1. Flight Mach number and high temperature real gas effects, defined as devi-
ations from theM∞ → ∞, γ = 1.4, are smallest in a certain low wall Mach
number interval. If—in the case of the Orbiter—at the pressure coefficient
plateau, present at 0.4 � x/L � 0.82, Mw lies in this presumably existing
benign interval, Oswatitsch’s Mach number independence principle is only
weakly violated.38 Without boattailing, CN and CM would only be slightly
affected because the lower vehicle surface is predominantly exposed to this
wall Mach number interval, i.e., the wall Mach number plateau lies in the
benign wall Mach number interval. This holds for a large angle of attack in-
terval, as is well indicated in Figs. 3.38 and 3.39. A RV-W with these flow
properties on the lower side and, in any case, without boattailing thus will
be insensitive with regard to flight Mach number and high temperature real
gas effects.

2. Boattailing leads to a supersonic expansion, provided thatMw at the pres-
sure plateau is supersonic. This is given in the case of the Orbiter at both
the angles of attack α = 25◦ and 40◦, Figs. 3.38 and 3.39. If now Mw in-
creases sufficiently, the—yet exactly to be defined—benign wall Mach num-
ber interval is left. Both—dominating—high-temperature real gas effects
and—weaker—flight Mach number effects come to influence, Figs. 3.38 and
3.39. This is the cause of the pitching moment anomaly of the Orbiter, as
was conjectured earlier by several authors. Even if the effect is small, the
large affected surface portion at the windward side leads to the adverse
increment of the pitching moment, see the discussion at the end of Sub-
Section 3.5.2. A small role is also played by the forward stagnation point
region.

3. Boattailing leads to a subsonic compression, ifMw at the pressure plateau
is subsonic. In the case of the Orbiter at α = 40◦ the wall Mach number at
the pressure plateau is slightly supersonic. There exists a higher angle of
attack, where the wall Mach number will be subsonic, and then in the boat-
tailing region cpw (and CN ) will be increased, causing a pitch-down incre-
ment of CM . This happens for the Orbiter at α � 50◦, Sub-Section 3.5.2.
Our results indicate that without boattailing, this pitching moment rever-
sal would not occur. However, our analysis is not able to give an answer
to what happens, if the whole lower side of a RV-W is in the subsonic wall
Mach number regime.

4. In general, boattailing for a RV-W should be avoided in view of the pitch-
ing moment sensitivities in the hypersonic flight domain. If boattailing is
needed to improve configurational and low-speed flight properties or for
other reasons, data uncertainties in high Mach number, ground facility

38 Oswatitsch gives no criterion in [59] for the range of validity of his principle.
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simulation must be expected. However, with the capabilities of numerical
aerothermodynamics, it is now possible to identify sensitivities and uncer-
tainties early on and to design appropriate correction schemes for the ex-
perimental data. Besides the pitching moment sensitivity of RV-W’s with
boattailing, other sensitivities which curtail the Mach number indepen-
dence of aerodynamic properties are not known. Control surface deflec-
tions, winglets, and the lateral movement of the flight vehicle must be con-
sidered with care in this regard.

3.6.5 Concluding Remarks

The reader might be tempted to think the following. For the Space Shuttle
Orbiter, because of the large amount of data needed for the aerodynamic data
set, ground facility simulation has to rely on continuously running tunnels in
the M = 8–10 domain, without a sufficiently accurate representation of high
temperature real gas effects. This should be no more a problem now in view
of the present numerical simulation capabilities. Such a thinking would be a
mistake for two reasons:

1. There is no doubt, that results of well-defined numerical simulations can
shed light on most complicated aerodynamic/aerothermodynamic design
problems. Even if the discrete numerical methods of aerothermodynamics,
together with flow physics and thermo-chemical models, and the still in-
creasing power of computers allow for an accurate and reliable prediction,
it is always necessary in vehicle design to understand the involved physics
and the data from numerical simulations.

2. Design work involves other disciplines besides aerodynamics and aerother-
modynamics. These often use their own prediction methods, if they need
aerodynamic coefficients or loads. These methods are not necessarily the
adequate ones. Time and cost pressures in industrial design work, in addi-
tion, lead to the use of inexpensive and fast computation methods that are
not necessarily accurate enough. These problems can possibly be overcome
with more holistic approaches in design work: keyword “Virtual Product”,
see Section 1.2 and the prologue of Chapter 8.

3.7 Problems

Problem 3.1 We consider six re-entry trajectory points of the Space Shuttle
Orbiter mission STS-2, Fig. 2.2 with approximate flight Mach numbers: 1)H =
80 km,M∞ = 26.4, 2)H = 70 km,M∞ = 22.1, 3)H = 60 km,M∞ = 15.7, 4)
H = 50 km,M∞ = 10.3, 5)H = 40 km,M∞ = 6.1, 6)H = 30 km,M∞ = 3.4.

How large are the dynamic pressures q∞ in these points? How do they com-
pare to the constraint given in Sub-Section 2.1.2?
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Problem 3.2 Compute the total enthalpies for the six re-entry trajectory
points of Problem 3.1. Determine the percentage of the kinetic part at each
point.

Problem 3.3 During re-entry, the Space Shuttle Orbiter flies at M∞ = 26.4
at an altitude ofH = 80 km. The angle of attack is α = 40◦. The lift coefficient
is assumed to be CL = 0.884 [20], the reference area is Aref = 249.91 m2. We
assume further a very small and and time-independent flight path angle γ.

How large is a) the re-entry mass of the Orbiter, b) the g-reduction due to
the curved flight path in per cent, c) the re-entry weight of the Orbiter at sea
level.

Problem 3.4 The X-38 flies at very small and time-independent flight path
angle γ at 80 km altitude. We assume its mass to be m = 8, 618 kg, the ref-
erence area is Aref = 21.67 m2, and the lift coefficient CL = 0.52 is Mach
number independent. How large is the flight Mach number M∞?

Problem 3.5 Assume that the aerodynamic data base contains for the boat-
tailing region the mean pressure coefficient cpw,2.a = 0.63 atα = 40◦, Table 3.5.
In flight, the actual mean pressure coefficient is cpw,2.c = 0.55, Table 3.5. How
large is the resulting difference of the forces acting on the boattailing surface,
the delta force, if flight Mach number and altitude are M∞ = 24, H∞ = 70
km? How large are ∆M and ∆CM?

The boattailing region of the Orbiter has an area of approximately Abt =
5.9 m× 23.0 m = 135.7 m2. Its mean location is at x/Lref = 0.91. The center
of gravity is assumed to be located axially at x/Lref |cg = 0.65,Lref = 32.7736
m [14]. Neglect the z location. The reference area is Aref = 249.91 m2. The
total plan area, Fig. 3.40, is Aplan = 361.3 m2. The reference length for the
pitching moment is the mean wing chord c = 12.06 m. Neglect contributions
of the axial force to the pitching moment. Assume that the delta force acts
orthogonally to the x axis of the flight vehicle.

Problem 3.6 The lift and drag coefficients of the Space Shuttle Orbiter at
α = 40◦ and above M∞ = 20 are Mach number independent, and given by
CL = 0.884 and CD = 0.821 [20].

a) How large are the normal and the axial force coefficient CN and CX? b)
Compare the normal force coefficient to very simple estimates made with the
help of the data in Tables 3.4 and 3.5, for the cases 2.a and 2.c. c) Discuss the
results.

Problem 3.7 Around the forward stagnation point of the Space Shuttle Or-
biter, we have above M∞ = 20 Mach number independence for perfect gas
cpw,perfect

≈ cpw,perfect,stag
and for real gas cpw,real,stag

≈ 1.94 (point No. 7 in
Fig. 3.5).

The real gas, pressure coefficient leads to a pitching moment increment.
At M∞ = 22.1 and H = 70 km, how large is a) cpw,perfect,stag

and what is
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the assumption, b) the increment of the normal force coefficient and c) the
increment of the pitching moment coefficient. Assume that the pressures act in
the normal force direction (no axial force contribution to the pitching moment)
on a surface portion∆Anose = 1.0 m2 with a lever arm to the center-of-gravity
of xl = 21.3 m.

Problem 3.8 At M∞ = 22.1 and H = 70 km, the Mach number inde-
pendent moment coefficient is CM = −0.041 and the normal force coeffi-
cient CN = 1.205. The x-location of the center-of-gravity is xcog = 0.65Lref ,
Lref = 32.7736 m. The plan area is Aplan = 361.3 m2, the boattailing area
Abt = 135.7 m2, and the remaining main surface area Ams = 225.6 m2. The
reference area is Aref = 249.91 m2, the moment reference length c = 12.06 m,
and the dynamic pressure q∞ = 1.79 kPa. The boattailing forceNbt is assumed
to act at xbt/Lref = 0.91, Table 3.5.

Assume that the axial force does not contribute to the pitching moment
and that the forces on the main surface and on the boattailing surface act in
the direction of the normal force. In the nomenclature of Fig. 3.42, N ≡ Fres

etc. Assume Fbt = Abtq∞cpw,2.a with cpw,2.a = 0.63, Table 3.5. How large are
a) Fbt, Fms, xcp, xms, b) F ′

bt, x
′
cp, if cpw,2.c = 0.55, Table 3.5, c) the forward

shift of the center of pressure ∆xcp?
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