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Preface

The collection of papers in this book was presented at the eleventh meeting of the

International Conference on Protection of Materials from Space Environment—

ICPMSE-11 held in Lijiang, China, in May of 2014. Since the first meeting in 1992,

the ICPMSE conference has grown steadily, attracting a large number of engineers,

scientists, researchers, and managers from industrial companies, scientific institu-

tions, and government agencies in Canada, the USA, Asia, and Europe, thus

becoming a true international event.

After the 10th ICPMSE meeting that has been held in Japan in 2011, the ICPMSE

organizers were approached by Chinese scientists with an offer and an invitation to

conduct the next meeting in China. After a series of consultations with the members

of the organizing and program committees of the ICPMSE and discussions and

meeting with our Chinese colleagues, a final decision was made to conduct the 11th

ICPMSE meeting in China. The beautiful city of Lijiang was chosen as the venue

for the meeting.

The 11th International Space Conference on “Protection of Materials from Space

Environment” ICPMSE-11 organized by ITL Inc. (Integrity Testing Laboratory)

and the Beijing Institute for Spacecraft Environment Engineering (BISEE) was held

from 19 to 23 May 2014 in Lijiang, China. The Conference was sponsored by the

Chinese Academy of Space Technologies (CAST) and a number of organizations.

The goals of the meeting, as in previous years, were to facilitate exchanges between

members of the various engineering disciplines involved in the development of

space materials, including aspects such as environmental hazards of LEO, GEO,

and Deep Space, ground-based qualification, and in-flight experiments and lessons

learned from operational vehicles.

From being a duel-type space race between USSR and USA through the 1950s–

1980s, with Europe joining it in the 1990s, the space exploration activities

exploded in the 1990s with many countries like Japan, India, China, and others

becoming major players in exploration of the space and the planets and comets.

In addition to the International Space Station that is fully functional by now with

astronauts and cosmonauts servicing it and using for scientific and commercial
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activities, other space laboratories like China’s Tiangong 1, 2, and 3 were either

launched already (Tiangong 1) or are being planned for launching in the next few

years (Tiangong 2 and 3).

A number of ambitious space exploration programs were proposed that will see

launching satellites to Moon orbits, landing on the Moon, and building Space

Stations. The Mars exploration programs are also getting wider support and are

gaining momentum. A common denominator to all activities of mankind in space is

the safety of astronauts and cosmonauts and the reliability of the structures that are

operating in conditions of space environment.

The influence of space environment on materials and structures will remain,

therefore, a timely topic for years to come. Questions about thermal stability,

resistance to radiation, resistance to combined effects of various space factors,

etc., will continue to accumulate with the development of new materials and

protective coatings.

As in past years, in addition to the traditional ICPMSE topics of protection of

materials and structures from the atomic oxygen, VUV, and particle irradiation and

thermal effects, topics covering micrometeoroids, space weather, and relevant

protection issues for travel to Moon, Mars, other planets, and Deep Space explora-

tion were added.

The 11th IPCMSE meeting, with a large majority of the over 150 papers being

submitted by scientists from various Chinese space organizations, allowed offering

to the Western scientists and engineers, working in the field of space environmental

effects, a very rare glimpse into the work of numerous organizations in China in this

area. Keeping in mind the increasing role that China is playing in the exploration of

the space, we decided to use this unique opportunity and to publish most of the

submitted papers in the proceedings. The delay in a timely publication of the

proceedings was mainly due to the linguistic problems with editing of the

proceedings.

ICPMSE-11 meeting covered a range of interdisciplinary topics concerning the

protection of materials and structures in space. Its main objective is to continue the

discussion on the effects of the aggressive Low Earth Orbit (LEO) as well as the

GEO and Deep Space environments on materials and structures and to discuss ways

predicting and reducing these for short- and long-term space missions. Over

150 contributions covering a wide range of topics on environmental issues were

submitted with over 60 of them being published in these proceedings.

New generations of scientists in the last six decades were methodically studying

the space environment and its effects on the materials. The coming generations of

scientists will have to continue this work and tackle new challenges, continuing to

build the wall of confidence allowing humans to continue the colonization of space.

And we hope that ICPMSE-11 will be a small stone in that wall.

Markham, Canada

November, 2015
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Protection of Materials and Structures
from Space Environment—ICPMSE
Proceedings Series: From Past to Present

Jacob Kleiman

Abstract A historical overview of the first ten meetings of the International

Conference for Protection of Materials from Space Environment (ICPMSE) is

presented. Through the published documents and pictures from personal archives

the rich history of the meetings is illustrated. The collaborative links with ESA,

CNES, ONERA and JAXA are described that helped to make the ICPMSE series of

meeting a truly International event. The review is based on published ICPMSE

proceedings as well as on personal archives of Prof. J. Kleiman who initiated the

meeting in 1991.

Keywords ICPMSE • ISMSE • CNES • ONERA • JAXA • Kobe University • CSA

Introduction

This article presents an update of a paper presented by Dr. J. Kleiman at the 10th

ICPMSE meeting in Okinawa, Japan [1]. It provides some additional details on the

history of the ICPMSE meetings as well as the information on the last meeting

conducted in Japan in 2011. Originally conceived as a brief overview in 2011, it

will be updated as the meetings will continue to roll out.

Historical Overview

The initiation of ICPMSE meetings was triggered by the return of the Long

Duration Exposure Facility (LDEF) satellite [2] that was brought back to Earth in

1989 from almost a 5-year stay in low Earth orbit (LEO). A number of successful

J. Kleiman (*)
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LDEF meetings in USA followed, where the results from exposure of numerous

materials to LEO orbit environment were discussed. The UTIAS materials scientific

team led by Prof. R.C. Tennyson, who was one of the principal investigators on the

UTIAS LDEF Material’s experiment team, participated actively and contributed to

the LDEF meetings. When the LDEF meetings stopped, Dr. Kleiman, then a

Research Scientist with the R&D Group of 3M Canada and an Adjunct Professor

at the UTIAS, who worked closely with the space materials group at the UTIAS,

soon realized that the North American space environment community is lacking a

meeting place where the latest developments in new space materials, their behavior

in LEO and other space environments, the results from ground based experiments

and from flights can be shared and discussed. And that is how the first ICPMSE

meeting was initiated in 1991.

Another, very instrumental factor in the initiation of the ICPMSE series of

conferences was the Canadian Space Agency’s Strategic Technologies for Auto-

mation and Robotics (STEAR) Program [3]. Through the STEAR Program, CSA

promoted the advancement of strategic space technologies, including those con-

tributing to the longevity of materials and structures in the space environment. As

part of this effort, a program on development of new protective coatings was

conducted during the period 1991–1995. The first ICPMSE meeting was devoted

largely to the results of this STEAR program (Figs. 1, 2, 3 and 4).

With years, however, the meeting became a focal gathering point in North

America for scientists, researchers, managers, students and academicians to discuss

the latest developments in the area of interaction of materials and structures with the

harsh space environment. Initially, the ICPMSE meetings were focused, mainly, on

the effects of the low Earth orbit environment on materials. But with time it became

clear that there is an intimate relationship between the various space environment

factors and gradually, the scope of the meetings widened, including also the GEO

and other environments. Also, following the worldwide space community plans for

the colonization of the Moon and Mars, it was decided to add to the topics of the

ICPMSE meetings the planetary and the interplanetary environments (Figs. 5, 6, 7

and 8).

Very soon, from being a North American event, the ICPMSE meetings became a

truly international event, attracting scientists from Europe, Asia and other parts of

the world. Being a biannual event, the ICPMSE meeting coincided in the year 2000

with another international meeting, the International Symposium on Materials in a

Space Environment (ISMSE) that was organized since 1979 in Europe by CNES,

ONERA and ESA every 3 years. A mutual decision was made by the ICPMSE and

ISMSE organizers to conduct in such “coinciding” years both meetings jointly in

Europe. First such joined meeting was conducted in the year 2000 in Arcachon

2 J. Kleiman



Fig. 1 The first meeting ICPMSE-1 in Toronto, Canada, 20–21 February, 1992. (a) Lunch

arranged at the STEAR Program final projects exhibition; (b) participants of the ICPMSE-1; (c)
Gary Pippin and Jacob Kleiman during the question period; (d) Prof. R. Tennyson explains the

UTIAS LDEF experiment (seen on the table in front of him); (e) the front page of the proceedings
and (f) the announcement brochure of the meeting
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Fig. 2 The third meeting ICPMSE-3 in Toronto, Canada, 25–26 April, 1996. (a) The front page of
the proceedings of the ICPMSE—3 [4]; (b) a group of participants from Russia, Israel, USA and

Netherlands on a coffee break; (c) participants of the Ukrainian delegation at ICPMSE-3 with

Canadian hosts; (d) round table panel of speakers after one of the sessions; (e) even lunches were

used for discussions
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Fig. 3 The front page of the Proceedings of the ICPMSE—4: Toronto, Canada, 23–24 April,

1998, [5]
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Fig. 4 Front page of ICPMSE–5 proceedings: Arcachon, France, 5–9 June, 2000, [6]
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Fig. 5 The sixth meeting ICPMSE-6 in Toronto, Canada, May 10–13, 2004. (a) Members of the

Russian delegation on a after-conference trip to Niagara Falls with ITL hosts; (b) conference
dinner—a not to miss event at the meetings; (c) participants of the ICPMSE-6; (d) Bruce Banks
delivers a talk at a session chaired by Tim Minton; (e) the front page of the proceedings of

ICPMSE—6 [7]

Protection of Materials and Structures from Space Environment—ICPMSE. . . 7



(ICPMSE-5/ISMSE-8). The next such meeting was in 2006 in Collioure, France

(ICPMSE-8/ISMSE-10) (Figs. 9, 10, 11 and 12).

Starting from the 3rd ICPMSE meeting in 1998, Dr. Kleiman initiated the

publishing of the Proceedings of the meetings as peer reviewed hard-cover books

with such reputable publishing houses as Kluwer, Springer and the American

Institute of Physics. In addition to such publications, the papers presented at the

Fig. 6 Special edition of JSR with selected papers from the ICPMSE-6 meeting, [8]

8 J. Kleiman



ICPMSE meetings were repeatedly published in special editions of such peer-

reviewed journals as Journal of Spacecraft and Rockets and in High Performance

Polymers.

Starting from 2008 it was decided to acknowledge at the meeting the distin-

guished scientists who contributed to the science and knowledge of the space

environment interaction with materials and structures. And as a first, the retirement

of two distinguished scientists, Prof. R.C. Tennyson and Dr. B. Banks was cele-

brated at the gala dinner of the ICPMSE-9 in Toronto.

With many countries joining the space community and actively contributing to

the space environmental studies, it was the next logical step to extend the organi-

zational effort of the ICPMSE meetings to other organizations and countries. In

2010 Japan expressed an interest to co-organize the next ICPMSE Meeting and

conduct it in Japan. And the jubilee 10th ICPMSE meeting that was organized

Fig. 7 The seventh meeting ICPMSE-7 in Toronto, Canada, May 10–13, 2004. (a) The front page
of the proceedings of the ICPMSE—7 [9]; (b) Dr. D. Edwards delivers the after dinner talk to an

attentive audience; (c) cocktail hour before the dinner; (d) Dr. G. Pippin with American col-

leagues; (e) Dr. Z. Iskanderova in front of an improvised show of technical space literature that she

organized during the meeting; (f) Prof. R. C. Tennyson (standing) and Prof. P. Hughes in a

question period at the after dinner talk; (g) Russian guests with Prof. J. Kleiman on a tour of

Edwards Gardens in Toronto
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Fig. 8 The front page of the CD with the proceedings of ICPMSE—8: Collioure, France,

19–23 June, 2006, [10]
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jointly by Canada and Japan took place between 12 and 17 June, 2011 in Okinawa,

Japan. The success of the meeting encouraged continuing this policy and the next

11th ICPMSE meeting travelled to China where it was jointly organized by ITL and

the Beijing Institute for Space Environmental Engineering (BISEE) in Lijiang on

13–19 June, 2014.

Fig. 9 The front page of the proceedings ICPMSE—9: Toronto, Canada, May 20–23, 2008, [11]
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One of the traditions of the ICPMSE meetings was to publish the proceedings as

hard cover books. The images that are accompanying this write-up present some

mementos from the past meetings and provide a brief account of the past meetings’
Proceedings.

Fig. 10 Mementos from the ICPMSE-9 meeting. (a) Participants of the ICPMSE-9; (b) confer-
ence dinner—as usual, a not to miss event at the meetings; (c) and of course nothing can come

close to a real Russian dance; (d) members of the USA delegation with J. Kleiman; (e) Canadian
hosts proved that not only in France you can catch a glimpse of a real Can–Can dance; (f) members

of the Korean delegation at lunch
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Development of a Chromium Free

Anticorrosion Primer

G. Sierra, S. Reymond, O. Guillaumon, S. Remaury, and P. Nabarra

Abstract MAPSIL® SILICo has been developed to substitute current chromium-

based anticorrosion primers (Sierra, Cr free anticorrosion primers and treatments,

2012; Sierra, MAP management according European regulations for critical sub-

stances, 2013). This product complies with following launchers and satellites

specifications:

1. Outgassing compliance with the ECSS-Q-70-02C standard for satellite materials

(ESA, Thermal vacuum outgassing test for the screening of space materials,

2008);

2. Compliant behaviour towards space environment which includes UV, e�, p+

and γ irradiations on Earth;

3. Environmental tests behaviour: damp heat test and salt spray test;

4. Good adhesion on aluminum substrates (7075-T0, 6061-T6, 2024-T3) and steel

substrates for launcher applications;

5. Compatibility with silicone and polyurethane paints used for satellites

(SG121FD, PNC, MAP® AQ PU1. . .) and launchers (MAP® AQ STATIC,

MAPSIL® AS. . .) (Remaury, White antistatic paint for launcher: MAP® AQ

STATIC, CNES report, DCT-TV-TH-NT11-4384, 2011; Remaury, Black poly-

urethane waterborne non electrically conductive paint: MAP AQ PU1, CNES

report, DCT-TV-TH-NT11-3938, 2011; Remaury, White antistatic coating for

thermal protection of VEAG and ARIANE 5 launchers: MAPSIL® AS, CNES

report, DCT-TV-TH-NT11-5588, 2011).

MAPSIL® SILICo has been developed in accordance with ISO 9001 and

EN9100 standards ensuring quality of the products. This product is ITAR and

EAR free as it is a co-development of a French company (MAP) and the French

Space Agency (CNES).
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Keywords Anticorrosion primer • Launcher • Satellite • MAPSIL® SILICo •

MAPSIL® SILICo AS • REACh

Introduction

In order to reduce its impacts on human health and on environment, MAP has

decided to develop alternative products to the current ones according to the REACh

regulation. As far as the products are concerned, MAP has developed, case by case,

since 2008, under CNES Research and Technology contracts, “Chromium free

solutions”, as alternative products to chromated primers.

MAPSIL® SILICo has been developed to substitute current chromium-based

anticorrosion primers [1, 2]. This product complies with following launchers and

satellites specifications:

1. Outgassing compliance with the ECSS-Q-70-02C standard for satellite materials

[3];

2. Behaviour towards space environment which includes UV, e�, p + and γ irradi-
ations on Earth;

3. Environmental tests behaviour: damp heat test and salt spray test;

4. Good adhesion on aluminum substrates (7075-T0, 6061-T6, 2024-T3) and steel

substrates for launcher applications;

5. Compatibility with silicone and polyurethane paints used for satellites

(SG121FD, PNC, MAP® AQ PU1. . .) and launchers (MAP® AQ STATIC,

MAPSIL® AS. . .) [4–7].

Moreover, the following specific technical requirements were taken into

account:

1. Room temperature curing and heat curing;

2. Only degreasing of the substrates—no use of pickling treatment for instance;

3. Spraying application;

4. Low thickness application, 2–4 μm for satellites and 8–15 μm for launchers

applications;

5. Electrical conductivity of the substrate kept in low thickness application.

This paper presents, in the first part, the specifications of the anticorrosion

protection for satellite and launchers applications. In the second part, the properties

of MAPSIL® SILICo are presented. Finally, the qualification results obtained with

MAPSIL® SILICo and MAPSIL® SILICo AS are presented.
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Space Industry Requirements

Technical Specifications

As the satellite and launchers can be stored several weeks or months before

launching, corrosion phenomena could occur on Earth. In order to prevent satellite

parts and launchers from this potential issue, anticorrosion products are used before

applying thermal control coatings for satellite and antistatic coatings for launchers.

For instance, on Ariane 5 launcher, polyurethane based antistatic coating MAP

AERO STATIC B is applied on metallic and composite parts to provide antistatic

protection. Before applying this coating and in order to provide anticorrosion

protection MAP AERO WP and MAP AERO P primers are applied.

For satellite, and for the same reason as for launchers, chromated primers such as

Phosmap 11 are applied on metallic parts before applying thermal control coatings

such as SG121FD, PNC. . .Moreover, most of the aluminium alloys used are treated

with Alodine 1200, which is a CrVI based surface treatment.

Regulatory Specifications

In the European Union, the REACh regulation (Registration, Evaluation, Authori-

zation and restriction of Chemicals) is applicable since 2006. The REACh regula-

tion tends to limit the use of hazardous substances in order to prevent human health

and environment. The most critical substances such as CrVI will require authoriza-

tion process. Since 2008, taking into account this regulation it has been decided to

substitute CrVI based products. Since this date, most of the alternative products

were developed and qualified in 2013. Indeed, the use of these substances will still

be authorized until 2018.

MAPSIL® SILICO Specifications for Thin Film Substitution

Typical requirements of anticorrosion products for space uses are based upon

(1) damp heat test and (2) salt spray test.

The damp heat test has been done following the ISO 6270 standard [8]. The main

parameters of the test were as follows: (1) T¼ 85 �C, (2) Relative humidity of 95%,

and (3) duration of 14 days. The conformance criteria were the following:

Corrosion: <5 pits for a 130� 80 mm area;

Electrical resistance: <5 mW following ASTM D257-07 standard [9].
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The salt spray test was done following the ISO 9227 NSS [10] and ASTM B117

[11] standards. The main parameters were as follows: (1) T¼ 35 �C and (2) NaCl

concentration of 5%. The conformance criteria were the following:

Corrosion: <5 pits for a 130� 80 mm area;

Duration: 72 h minimum.

For both tests, the materials used were the aluminium alloys 7075-T0, 6061-T6

and 2024-T3. For the surface preparation we only used a degreasing step with

isopropylic alcohol. All the samples were applied using spray gun pulverization

with a surface mass of 1.5–3.0 g m�2 resulting in a thickness between 2 and 4 μm.

MAPSIL® SILICO Specifications for Thick Film Substitution

For thick film substitution (launcher uses), only salt spray test is required to

evaluate the corrosion resistance. This test has been done following the same

standards as previously mentioned. Only the conformance criteria changed, they

are defined hereunder:

Corrosion: no damage over 3 mm on both sides of the cut (crossed cut);

Duration: more than 500 h for aluminium alloys and 168 h for steel;

Electrical resistance: no requirement.

The materials tested were the aluminium alloys 7075-T0, 6061-T6 and 2024-T3.

The surface preparation consisted in degreasing the surface using isopropylic

alcohol. All the samples were applied using spray gun pulverization with a surface

mass of 3.0–6.0 g m�2 resulting in a thickness between 8 and 15 μm.

MAPSIL® SILICO Properties

The MAPSIL® SILICo anticorrosion primer is a poly-condensation silicone based

product which curing cycle could be either obtained at room temperature (23 �C) or
by accelerated heat curing (up to 100 �C). The MAPSIL® SILICo is a 2 component

product composed of a base and a hardener. The mixing base/hardener weight ratio

is 85/15. Standard curing cycle is obtained at room temperature during 48 h. The

colour of the base is white, whereas the hardener is translucent. The density of the

product is 1.13. Outgassing test has been carried out by INTESPACE laboratory.

The RML has been measured at 0.52% and the CVCM at 0.01%.

This product is REACh compliant, ITAR and EAR free. Only degreasing of

substrates is required. This product is applied by spray gun pulverization.
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MAPSIL SILICO Qualification Results

Satellite Applications

For the anticorrosion evaluation, the results of damp heat test and the salt spray test

were compliant: no defects were observed after respectively 14 days and 72 h.

The evolution of electrical surface resistivity versus thickness was also mea-

sured. The results are presented in Table 1.

Launchers Applications

The electrical surface resistance of the metallic substrate remains the same using

MAPSIL® SILICo, even with thicknesses as thin as 8 μm. On the opposite, with the

Alodine 1200 coating, the electrical surface resistance was ten times greater.

MAPSIL® SILICo meets the satellite requirements, therefore it could be an

alternative to chromate based conversion coatings such as Alodine 1200.

MAPSIL® SILICO has been CNES qualified with MAP® AQ PU1 thermal control

coating and with MAPSIL® QS1123 ELEC LD, a silicone adhesive for OSR

bonding.

MAPSIL® SILICo Results

For the anticorrosion evaluation, the salt spray test results were compliant, no

defects were observed after more than 200 h depending on the substrate nature

(Table 2).

Moreover, the MAPSIL® SILICo has been tested and qualified by CNES with

both antistatic paints MAP® AQ STATIC and MAPSIL® AS.

Table 1 Evolution of electrical surface resistivity versus surface treatment and corresponding

thicknesses

Aluminium alloy Surface treatment Thickness (μm) RS (kΩ/□)

7075-T0 MAPSIL® SILICo 2 55

8 80

2017-T4 Alodine 3 400
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MAPSIL® SILICO AS Properties

Based upon the MAPSIL® SILICo formulation we have developed the MAPSIL®
SILICO AS product which can ensure anticorrosion protection and provide anti-

static properties. One product could replace the current whole system used (Fig.1).

To reach a good compromise between thermo-optical properties (αS and εR), and
antistatic behaviour (RS), a minimum thickness of 40 μm is required (Table 3).

Conclusions

MAPSIL® SILICo was developed to provide a Chromium free, corrosion protec-

tion for light aluminum alloys and to be covered by thermal control coatings and

antistatic paints. For launcher use, MAPSIL® SILICo applied as a thick layer

(8–15 μm) provides a good corrosion resistance on aluminum alloys and steel.

For satellite use and Alodine 1200 substitution, applied as a 2–4 μm thick layer

MAPSIL® SILICo provides anticorrosion protection and electrical conductivity.

This product has been already qualified by CNES with white antistatic coatings for

launchers and thermal control coatings for satellites.

MAPSIL® SILICo AS has been developed for launcher use, to provide

anticorrosion protection, antistatic and thermo-optical properties, to replace the

current whole system (MAP AEROWP+MAP AERO P+MAP AERO STATIC B)

Table 2 Duration of the salt

spray test depending on the

substrate nature

Substrate Thickness (μm) Duration (h)

2024-T3 42 >500

7075-T0 10 >1500

Steel 40 >200

Fig. 1 Current whole

system for launcher

Table 3 Evolution of

thermo-optical properties and

electrical surface resistance

versus thickness

Thickness 22 μm 40 μm 52 μm
αS 0.46 0.40 0.39

εIR 0.91 0.91 0.91

RS (MΩ/□) 0.06 0.35 2.00
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Analysis of Materials’ Specimens After

Long-Term Exposure on ISS Surface

in Komplast Experiment

S.K. Shaevich, N.G. Aleksandrov, A.E. Shumov, L.S. Novikov,

V.N. Chernik, V.P. Petukhov, M.S. Samokhina, V.V. Sedov, I.A. Salnikova,

D.J. Shindo, J.L. Golden, and M. Kravchenko

Abstract The article presents the first results obtained from the unique long-

duration exposure experiment (12 years) on board of the International Space Station

(ISS). The Komplast materials experiment was designed by the Khrunichev State

Research and Production Space Center, together with other Russian scientific

centers, and has been carried out since 1998. Eight Komplast panels with material

samples and temperature sensors were located on the external surface of ISS

Functional Cargo Block (FGB) module. In March 2011 two of eight panels were

returned from ISS by Space Shuttle “Discovery”. Post-flight investigations of

specimens were carried out at Skobeltsyn Institute of Nuclear Physics, Lomonosov

Moscow State University (SINP MSU) and at other Russian scientific institutes.
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Introduction

The Komplast experiment, designed by the Khrunichev State Research and Pro-

duction Space Center together with SINP MSU and other Russian scientific insti-

tutes, has been carried out since 1998. Its purpose was to study the effect of the

low-Earth orbit (LEO) environment on samples of various spacecraft materials.

Eight Komplast panels with material samples and sensors were located on the

exterior surface of ISS Functional Cargo Block (FGB) module. The panels were

delivered to orbit together with FGB on November 20, 1998.

Two of eight experiment panels (Panels 2 and 10) were retrieved during Russian

extravehicular activity in February 2011 after 12 years of LEO exposure, and were

subsequently returned to the Earth by Space Shuttle “Discovery” on the STS-133/

ULF-5 mission on March 9, 2011.

Panel 2 contained polished samples to detect hard microparticles impacts,

temperature sensor, several pieces of electrical cable, and samples of elastomeric

and fluoroplastic materials. A temperature sensor, carbon composite and adhesive-

bonded samples were placed on Panel 10.

So in this experiment, space environmental effects (SEE) on exposed specimens

of various materials were studied in LEO as part of the ISS program.

The experiments similar to the Komplast experiment, in which specimens of

spacecraft materials were exposed on the external surfaces of orbital stations for a

given period of time, have been conducted on many occasions [1, 2]. The unique-

ness of the Komplast experiment lies in its long duration of in-situ exposure of

material specimens (12 years) on the FGB surface, significantly exceeding the

exposure time of specimens in previous SEE experiments.

In this paper we present some results of in-situ measurements and post-flight

laboratory tests of specimens that were exposed on the panels.

In-Flight Experiment

Figure 1 shows the FGB module with Komplast Panels 2 and 10 (marked with

arrows) immediately after launch in 1998, and Fig. 2 shows closer views of these

panels on the surface of the FGB in flight.

During all 12 years of flight the temperature of both Komplast panels was

measured. Figure 3 shows an example of periodic changes in the temperature of

Panel 2 due to the ISS rotation, and in Fig. 4 the maximum and minimum values of

this panel temperature which were registries in 1999–2008 are presented. On Panel

2, the maximum and minimum temperatures recorded were +85 and �80 �C, on
Panel 10 these values were +107 and �80 �C, correspondingly.

The total exposure to solar ultraviolet radiation was determined analysing the

temperature dynamics and was estimated at 960� 200 kJ/cm2, or 21,100� 4400

ESH (equivalent sun hours).
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Atomic oxygen (AO) fluence was estimated approximately at 1.5� 1021 atoms/

cm2. For this estimation the data on similar materials erosion under AO impact that

had been obtained in previous experiments was used [2]. The fluence was evaluated

for the entire 12-year period of panel exposure on the FGB and accounts for both

the initial flight with random orientation and the modern flight period, during which

the FGB end cone (on which Panels 2 and 10 were mounted) was not directly

exposed to the ram AO.

During extravehicular activity Russian ISS astronauts removed two panels with

samples from the FGB surface and put them into special container in vacuum before

entering ISS. Inside this sealed container the panels were returned to Earth by Space

Shuttle “Discovery”.

Fig. 1 FGB with mounted Komplast panels 2 and 10, 1998

Fig. 2 Komplast Panel 2 (a) and Panel 10 (b) on the FGB surface
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Results of the Post-Flight Investigation

On July 12, 2011 in the special argon-filled chamber the container was opened, and

the panels were retrieved from it and unfolded (Fig. 5).
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Fig. 3 Changes in the temperature (Degrees Celsius) of Panel 2 due to the ISS rotation around its

axis, observed at 26.02.2000
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Fig. 4 Maximum and minimum values of Panel 2 temperatures in 1999–2008
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The following specimens were set on the panels: Panel 2—rubber specimens,

technical fabric and films, cable fragments, a microparticle sensor (12 polished

samples), a temperature sensor; Panel 10—adhesive-bonded samples, carbon-

reinforced plastics, Teflon specimens, and a temperature sensor.

The research performed included:

1. Surface investigation and measurements of mechanical parameters of samples;

2. Investigation of surface contamination;

3. Determination of quantity and size of craters on polished samples and the panel

surface.

A distinctive feature of the conducted research was the additional ground-based

irradiation of samples with oxygen plasma and 1–10 MeV electrons with fluences

corresponding to 18 years of flight in order to forecast specimen radiation hardness

and durability to AO impact in the case of extension of ISS operation time to

30 years. The electron irradiation was performed on SINP MSU linear high

frequency accelerators [3], and the impact of atomic oxygen was simulated with

SINP MSU magneto-plasma dynamic accelerator [4].

Elastomeric (Rubber) Specimens

Six types of rubber materials exposed to the LEO environment for 12 years on

Komplast Panel 2 were investigated. Deformation, strength, and relaxation proper-

ties of rubber specimens were studied, and the sealing capability of rubber seal

replicas was assessed.

As a result of the conducted research, it was determined:

1. After long-term exposure, exposed specimens retain their volume deformation

and relaxation properties;

Fig. 5 The view of Panel 2 (left) and Panel 10 (right) through the window of the argon-filled

chamber

Analysis of Materials’ Specimens After Long-Term Exposure on ISS. . . 27



2. When exposed, rubber specimens are stretched by up to 50%, structural failure

and partial separation occurs in the surface layer (films forming on specimens

under SEE) without volume failure for all exposed rubber types;

3. When studying sealing capability, a change was noted in the sealing mechanism

of the forward-facing surface of seals: a transition occurs from diffuse-type

leakage mode to contact one; i.e., the sealing capability of seals deteriorates

after long-duration space exposure. In the same study, the retention of the

sealing capability of shielded surfaces, protected from direct contact with the

ambient environment, was observed.

The principal significant conclusion of the Komplast experiment regarding

rubber material specimens is the localization of structural changes in the thin

surface layer of exposed materials on surfaces unprotected to direct exposure to

SEE. The localization of aging on a surface leads to the development of a lack of

uniformity in exposed materials, the formation of surface films, their deformation,

and failure.

The formation of rigid surface films explains the deceleration of processes in the

volume of exposed materials, i.e., it causes rubber stabilization. Simultaneously,

because of the rigid surface films, the sealing capability of openly exposed rubber

deteriorates.

Another important conclusion from the experiment is the identification of the

protective effect of different types of shielding (such as with specimen fasteners—

Fig. 6).

Based on the kinetics of exposed specimen residual strain accumulation, the

remaining time that rubber materials retain functionality was determined,

confirming the feasibility of establishing an overall guaranteed operating life of

rubber seals (when shielded on the FGB) of at least for 30 years.

Surface Contamination

Visible contamination spots on the surfaces of panels and material specimens were

studied. Using X-ray fluorescence analysis (XRFA), the Rutherford backscattering

(RBS) method and spectral X-ray microanalysis (SXRM) in combination with

scanning electron microscopy (SEM), we studied the elemental composition and

structure of contaminant spots on the panels [5].

It was found that the contamination occurred mainly in the form of deposition of

the substances emitted from some specimens placed on the panels, primarily from

rubber (elastomeric) samples. Figure 7a demonstrates several rubber samples in the

form of shoulder blade that were mounted on Panel 2 (Fig. 5). One of specimens

was removed from the panel, and it can be seen clearly that contamination films

appeared around the rubber samples. The structure of the contamination film is

shown in Fig. 7b.
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Fig. 6 Border between a

rubber specimen surface

shielded by a fastener (left)
and an unprotected surface

(right)

Fig. 7 (a) Specimens on

Panel 2; (b) SEM image of

the contamination film (top)
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The XRFA spectrum of the contamination film near one of the specimens is

shown in Fig. 8. It was found that peaks of Si, S, K, Ca, Fe и Zn correspond to the

elemental composition of the rubber samples. The peaks of Al, Cr, Mn, Cu are

associated with the material of the panel.

To receive the information on lighter elements in the contamination spots, the

RBS analysis was used. With this method the significant content of carbon and

oxygen in the contamination film was found. The similar data on the contamination

elemental composition was obtained with the SXRM method. Thus, it was shown

that the contamination spots contain elements from which the rubber or panels were

made. The film depth was estimated to be ~5–7 μm.

Hard Particle Impact

To detect the impact of micrometeoroids and space debris with size 1–1000 μm, a

special sensor containing polished samples of different materials (silicon, alumi-

num and copper alloys and titanium) was set on Panel 2. The microparticle sensor,

after it was removed from the panel, is shown in two different views in Fig. 9.

For Komplast experiment, three polished specimens for each of four material

had been prepared. The area of each sample was 1.96 cm2, so the total area of all

12 samples was equal to 23.52 cm2. After removing them from the panel, the

surface of each sample was investigated with optical microscope and SEM.

Figure 10 shows SEM images of some craters found on Al, Cu and Si samples as

well as an image of a low-velocity particle on Ti surface. The elemental analysis of

this particle using the SXRM method suggested that it was composed mainly from

Fig. 8 X-rays spectrum of the contamination film
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CrOx. Some other low-velocity particles consisting of SiO2, ZnO, MnOX, were

found on the surfaces of the samples.

In addition to the study of the polished samples, the exposed to SEE surface of

Panel 2 was examined as well. It consisted of Al alloy and had an area of 727.34 cm2.

Since its surface was not as smooth as the surface of the polished samples, only

craters with sizes larger than ~35 μm were observed on the panel.

Figure 11 shows an average yearly cumulative microparticle flux, determined in

the Komplast experiment, versus the diameter of particles. The flux was calculated

based on both micrometeoroid and space debris impacts, and only on the data

obtained from plastic metallic targets (Al and Cu polished samples and the Al alloy

of the panel) were used. For the comparison, the total flux of space debris and

micrometeoroids calculated with ORDEM2000 [6] and MASTER-2009 [7] models

for the ISS orbit is given. For particles with diameter of 10–30 μm the difference

between experimental and calculated data is about an order of magnitude, and for

larger particles (50–500 μm) there is a good agreement of Komplast and model

results.

Fig. 9 The microparticle

sensor after removing from

Panel 2
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Conclusions

The measured temperatures that the panels experienced were in the range between

�80 and +107 �C.
Most of the rubber samples preserved volumetric deformation and relaxation

characteristics after 12 year exposure. The localization of structural changes in the

thin surface layer of the exposed materials was determined.

The cumulative flux of micrometeoroids and space debris with diameter of

10–30 μm, obtained by analyzing the Komplast experimental data, differs by

approximately one order of magnitude from the predictions of ORDEM2000 and

MASTER-2009 for the ISS orbit. For larger particles (50–500 μm) there is a good

agreement of Komplast and model results.

Fig. 10 Craters (a–c) and a particle (d) on the surface of polished samples
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In practical terms, the Komplast experiment contributed to the understanding of

the processes, occurring in materials under the effect of outer space factors, and

confirmation of the term of warranty for materials of FGB at long-term (30 years) of

operation in the ISS orbit.
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Integrated Analysis of Radiation-Protective

Thermal Control Coatings

S.V. Tokar, A.V. Grigorievsky, and L.V. Kiseleva

Abstract To prevent spacecraft astrionics failure, a radiation-resistant element

base is employed along with protective screening to maximize operational lifetime

and reliability while minimizing scale and mass specifications. The problem of

protecting the element base from radiation thus amounts to that of selecting the

most effective protective screen. It is therefore vital to develop a thermal control

coating with providing extra protection from the harmful effects of the space

environment’s ionizing radiation for the element base, components and circuits of

radio-electronic equipment.

The need to create such a coating is partly determined by the fact that modern

spacecraft are increasingly using elements and astrionics components that are

positioned on open platforms. In such circumstances, the use of thermal control

coatings (TCC) with enhanced protective properties would be an effective means of

providing additional ionizing cosmic radiation protection for astrionics elements.

The effectiveness of this method is determined by the feasibility of applying a TCC

of the necessary thickness on components of complex geometrical form, and by the

possibility of regulating ionizing radiation linear energy loss by means of suitable

fillers.

Keywords Thermal control coating • Radiation-protective coating • Astrionics

Introduction

In the course of operation, spacecraft astrionics is exposed to damaging space

factors among which ionizing radiation (IR) including X-ray and solar gamma-

ray, particles generated by solar (chromospheric) flares, solar wind, galactic and

extragalactic cosmic rays, electrons/protons of radiation belts, neutron and alpha

particles are the most dangerous ones.

S.V. Tokar (*) • A.V. Grigorievsky • L.V. Kiseleva

JSC “Kompozit”, 4, Pionerskaya St., 141070 Korolev, Moscow, Russia

e-mail: info@kompozit-mv.ru

© Springer International Publishing AG 2017

J. Kleiman (ed.), Protection of Materials and Structures from the Space
Environment, Astrophysics and Space Science Proceedings 47,

DOI 10.1007/978-3-319-19309-0_4

35

mailto:info@kompozit-mv.ru


IR is one of the major factors restricting serviceability of electronics and

spacecraft astrionics because dose and single effects caused by IR are the reason

of up to 50% of all qualified failures of spacecraft astrionics [1], although this

percentage is virtually higher because degradation of materials is a booster for other

types of failures.

Materials for electronics shielding shall have protective properties allowing to

protect IC’s or electronics against IR, mechanical strength, climatic strength,

vacuum strength, chemical endurance to corrosive media with coatings and seal-

ants, high electrostatic properties, thermal conductivity ensuring normal operation

conditions for IC’s and electronics, manufacturability during batch

manufacturing, etc.

Presently applicable TCC were being developed only for maintaining thermal

balance; however, followed by increased demands of spacecraft durability up to

10–15 years, radiation exposures to spacecraft astrionics have been raised sharply.

Protection issues of spacecraft astrionics is currently solved through a variety of

means, by raising resistance of the element base, accommodation of astrionics in

the most secured locations of spacecraft (structural protection), establishment of

additional protection for the most vulnerable electronics.

It is therefore vital to develop a TCC with the dual purpose of:

1. Maintaining the specified heat balance of spacecraft’s systems within a given

temperature range throughout its operative work-life;

2. Providing extra protection against harmful effects of the space environment’s IR
for the element base, components and circuits of electronics.

Experimental Results

Calculations of absorbed doses for different spacecraft orbits show that the major

contribution in the doses comes from electron radiation. For instance, Table 1 gives

calculated absorbed doses from electrons and protons for materials on external

surfaces of spacecraft designed for 10.5-years service life at GSO.

It is seen that total absorbed dose is almost entirely identified by electron

radiation.

Earlier it was shown [2] that average energy losses ΔE of monochromatic

electrons passing through a layer of material with atomic number A and charge

number Z are:

ΔE МeVð Þ ¼ 0:6ρ Z=Að ÞΔx=β2 ð1Þ

where ρ—material density, g/cm3; Δx—thickness of material layer in cm, β¼ υ/c.
Since Z/A is approximately constant for different materials, then dE/dx in (1) is

virtually dependent only on material density, ρ. Consequently, paths of electrons
having given original energy E will be almost similar in different materials of the

same density. Therefore, the higher the material density, the shorter the electron
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path in it, and, subsequently, the smaller is the absorbed dose behind the protective

screen.

According to experimental results and based on the above discussion, two

enamel compositions were selected to prepare TCCs. The first one is composed

of liquid lithium glass and pigment Bi2O3, it has the maximum density and

designated as EKOM-RZP. The second composition is a previously developed

TCC and designated as EKOM-ZhS-2.

Then, an integrated radiation protective TCC with two layers was composed:

– Bottom layer (composition EKOM-RZP) securing radiation protective proper-

ties of the coating (radiation reduction coefficient);

– Top layer (composition EKOM-ZhS-2) securing thermal and optical properties

of the coating (absorptance αs and emittance ε) and their low degradation in

space environment.

Adhesion between the layers is provided by using the same binder, liquid lithium

glass.

This two-layer coating was named as EKOM-RZ.

To study radiation protective properties of TCC samples were prepared of the

coatings EKOM-RZ and EKOM-ZhS-2. Irradiation of the samples by electrons of

different energies for a comparative evaluation of their radiation protective prop-

erties was performed in two stages:

– Irradiation by high-energy electrons (over 1 MeV);

– Irradiation by medium-energy electrons (100 keV–1 MeV).

Tests for finding reduction coefficients of electron radiation within the energy

range 1.8–2.2 MeV were carried out by OAO “ENPO SPELS” using the U-31-33

electron accelerator. TCC layout in the tests is given in Fig. 1. Coatings were

applied on A1 substrate—a 100� 100 mm square plate and 600 μm thick.

Reduction of electron radiation by screen (samples) is determined as ratio of

average values of detector groups 3 and 5 (Fig. 1)

К ¼ D3=D5

Table 1 Absorbed doses from electrons of Earth radiation belts and protons of solar cosmic rays

at GSO for10.5-years period depending on mass protection thickness of spherical screen

Protection thickness, g/cm2

Absorbed dose, rad

Electrons Protons Total

0.00 3.56� 108 3.87� 105 3.57� 108

0.01 2.98� 108 3.23� 105 2.99� 108

0.10 6.09� 107 6.36� 104 6.10� 107

1.00 8.03� 104 7.17� 103 9.22� 104
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Table 2 and Fig. 2 give absorbed dose reduction coefficients of 1.86-MeV

electrons for EKOM-RZ and EKOM-ZhS-2 coatings. For thickness up to 2 mm

reduction of EKOM-RZ exceeds EKOM-ZhS-2 two–four times.

Fig. 1 Samples layout in tests. 1—samples package; 2, 4—container (aluminum); 3, 5—detec-

tors; 6—electron accelerator

Table 2 Absorbed dose reduction coefficients of 1.86-MeV electrons in dependence on coating

thickness

EKOM-RZ coating EKOM-ZhS-2 coating

TCC thickness, μm Reduction coefficient TCC thickness, μm Reduction coefficient

541 2.95 660 1.16

901 13.8 1172 2.20

1418 273 1676 6.51

2118 972 2690 257

2786 1213 3227 1091

Fig. 2 Absorbed dose reduction coefficients of 1.86-MeV electrons versus EKOM-RZ and

EKOM-ZhS-2 coating thicknesses
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Results of Radiometric Tests and Calculations of Linear

Absorption Coefficients of β-Particles by EKOM-RZ

and EKOM ZhS-2 Coatings

It is known [3, 4] that electron/proton fluxes at radiation-dangerous orbits have a

differential relationship against particles energy that ranges from a few kV to

dozens of MV. Using a monochromatic electron flow we simulate only a part of

the spectrum of electron radiation influencing the spacecraft.

The electron spectrum can be simulated only by β-radiation radioactive sources.

Electrons and positrons generated in the process of radionuclide decay have

continuous energy spectrum with maximum energy Eβ and average energy

�0.33 Eβ (Fig. 3).

The most part of β-radiation absorption curve is quite sufficiently described by

exponential relationship:

N xð Þ ¼ N 0ð Þexp �μxð Þ;

where, x—absorber thickness (g/cm2), μ—mass absorption coefficient of

β-particles (cm2/g).

Point radioactive sources 90Sr/90Y (in equilibrium) and 36Cl were used to study

protective properties of EKOM-RZ and EKOM-ZhS-2 coatings for 1–2 MeV

electrons. Radionuclides characteristics used for the study are summarized in

Table 3.

Absorption capability of coatings was measured using the radiometer having

SBT-7 self-quenching gas-discharge counter. The counter was screened against

external radiation by a lead shield, internal walls of which were covered with

aluminum in order to minimize back-scattering effect. The β-particle source and

absorbers holder (retaining device) were fixed on a Plexiglas clamp stand. Source-

Fig. 3 Electrons/positrons

energy spectrum generated

in the course of β-decay
(curve Z¼ 0—hypothetical

spectrum that does not

account for Coulomb

interaction of particles with

nucleus) [5]
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to-absorber and absorber-to-counter window distances were 2.5 cm. The pulses

were counted using a scaling unit.

Background pulses were counted within 1000 s before and after source opera-

tion; background values were averaged when processing the results. The source

pulses were counted with statistical error of 2.5% at most.

To solve the task the following measurements were taken:

– Determination of counting rate of the source covered by aluminum plates

without coating (1–5 plates);

– Determination of counting rate of the source covered by aluminum plates with

EKOM-RZ;

– Determination of counting rate of the source covered by aluminum plates with

EKOM-Zhs-2.

The thickness of aluminum plates was 100 μm in all measurements. Results of

the measurements are presented in Table 4.

Attenuation curve represents dependence of particles counting rate on absorber

thickness. As it is known, significant part of attenuation curve of β-particles (having
continuous energy spectrum) is described by exponential relationship:

I :¼ I0 � exp � μ � dð Þ½ � ð2Þ

In the case of 90Sr/90Y source that emits two groups of β-particles having

different upper boundaries of partial spectra but the same contribution, this rela-

tionship will be as follows:

I :¼ I0 � 1

2
� exp �μSr � dð Þ þ 1

2
� exp �μY � dð Þ

� �
; ð3Þ

Table 3 Summary of

characteristics of

radionuclides

Source Half-life period Eβ, MeV
90Sr/90Y 28.6 years (90Sr)

64.1 h (90Y)

0.546 (90Sr)

2.27 (90Y)

Table 4 Counting rates of source 90Sr/90Y covered by plates with different coatings

Aluminum, source EKOM-RZ EKOM-ZhS-2

d,

μm
I,

imp/s

(I-Iф),

imp/s d, μma
I,

imp/s

(I-Iф),
imp/s d, μma

I,

imp/s

(I-Iф),
imp/s

0 481.94 481.45 0 481.94 481.45 0 481.94 481.50

100 294.10 293.61 359 73.63 73.14 504 120.67 120.23

300 185.18 184.69 1056 10.05 9.56 1474 42.47 42.03

500 133.38 132.89 1758 1.26 0.77 2456 13.43 12.99
aw/o considering thickness of aluminum substrates
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where μSr and μY are attributable to partial β-spectra 90Sr and 90Y respectively.

In virtue of the fact that in general the absorber has a complex composition

(aluminum+ coating) Eq. (3) can be rewritten as follows:

I :¼ I0 � 1

2
� exp �μSr1 � d1 � μSr2 � d2ð Þ þ 1

2
� exp �μY1 � d1 � μY2 � d2ð Þ

� �
; ð4Þ

where indexes 1 and 2 are related to aluminum and coating respectively. Thickness

d1 equals to 100 μm� number of aluminum substrates.

Transition to mass absorption coefficients is done through absorber mass density

as follows:

μm :¼ μ
ρ

ð5Þ

Values of mass absorption coefficients of β-particles in aluminum are 37 and 4.3

for 90Sr and 90Y respectively. Obtained values are quite well matching theoretical

results, according to which mass absorption coefficients of β-particles in aluminum

(cm2/g) are linked with upper boundary of β-spectrum (MeV) by:

μm :¼ 15:5

Eβ
� �1:41 ð6Þ

Values calculated in accordance with (6) are equal to 36.4 (90Sr) and 4.88 (90Y).

It is also known that experimental value μm for 90Y is 4.7 cm2/g [5].

Fig. 4 Attenuation curves for Al, EKOM-RZ, and EKOM-ZhS-2

Integrated Analysis of Radiation-Protective Thermal Control Coatings 41



Using experimentally measured values μSr1 and μY1 values of linear and mass

absorption coefficients of β-particles of 90Sr and 90Y by EKOM-RZ and EKOM-

ZhS-2 coatings were found by using the least square method.

All results are presented in Fig. 4 and Table 5.

Obtained results prove that EKOM-RZ has the most attenuation capability as

compared to EKOM-ZhS-2 and aluminum. Linear absorption coefficient μ (cm�1)

of radiation protective coating EKOM-RZ for 90Y source of electron radiation

(Eβ¼ 2.27 MeV) is 2.5 times more than coefficient μ (cm�1) for EKOM-ZhS-2

and pure aluminum.

Conclusions

In this work a radiation protective TCC was developed with the following

characteristics:

– Solar absorptance As< 0.14;

– Thermal emittance ε> 0.91;

– Total mass loss (TML) <0.75%;

– Volatile condensable materials, VCM <0.01%;

– Reduction of absorbed dose on GSO from 10 to 1000 times;

– GSO operating time �15 years.

Acknowledgments Authors express gratitude to G.A. Protopopov (OAO “NII KP”) and

A.B. Sazonov (D. Mendeleev UCTR) for calculations and tests.
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Space Environmental and Technical

Performances of Organic Silicone Antistatic

White Thermal Control Coating

Lei Hui, Lu Wu, Zeng Yibing, Luo Zhengping, Jin Ke, and Yin Yuchen

Abstract The space environmental and technical performances of the organic

silicone antistatic white thermal control coatings were studied. The effects of com-

bined irradiation with UV, electrons and protons, and with the UV and atomic oxygen

on the change of solar absorptivity (αs) were studied in a space environment

simulation facility. The experimental results show that the white thermal control

coating is highly stable in the low-orbit space environment. It was found that after

combined irradiation by 5000 ESH of UV, total electron doses of 2.0� 1014 e/cm2

and total proton doses of 5.0� 1012 p/cm2; combined irradiation by 5000 ESH of UV

and atomic oxygen with a fluence 5.0� 1021 atoms/cm2 simultaneously, the solar

absorptivity of these coatings changed very little. The effects of coating thickness on

solar absorptivity and adhesion strength between the coatings and substrates were

analyzed. The thermal cycling performances of the coatings on different kinds of

substrates under temperature variation from �196 to +150 �C were investigated.

Keywords White thermal control coatings • Space environment • Technical

performance

Introduction

White thermal control coatings that are composed of functional filler and resin,

have low solar absorptivity (αs) and high hemispherical emissivity (εH) and are used
in the thermal protection of spacecraft surfaces [1–3]. Because of good thermal

cycling and processing properties, the organic silicone white thermal control

coatings could be sprayed easily on different kinds of substrate surfaces. When

insulating coatings are exposed to space environment, an electric charge will

accumulate at the coating surface as a result of bombardment by charged particles.

A non-uniform distribution of the charging potential may cause discharge phenom-

ena that could disturb the normal operation of electronic equipment. Combined
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exposure to space environment factors like long-term UV irradiation, protons,

electrons, the thermal cycling affects the properties and the performance of coat-

ings. It is necessary, therefore, for the flight safety to develop coatings that are

affected as little as possible by these factors.

According to the thermal control requirements to the long-life satellites, based

on the research of the acrylic antistatic thermal control coating (ACR-1), mixtures

of the conductive zinc oxide and silicone rubber were used to prepare the organic

silicon antistatic white thermal control coating. The effects of combined irradiation

with UV, electrons and protons, and with the UV and atomic oxygen on the change

of solar absorptivity (αs) were studied in a space environment simulation facility.

The effects of coating thickness on solar absorptivity and adhesion strength

between the coatings and substrates were analyzed. The thermal cycling perfor-

mances of the coatings on different kinds of substrates under temperature variation

from �196 to +150 �C were investigated.

Experiment

Raw Materials

The conductive zinc oxide, purified methyl silicone rubber, and curing agent were

self-made. The solvent was purchased.

Preparation of the Coating Sample

The thermal control coatings were prepared by mixing conductive zinc oxide,

silicone rubber and solvent in a ball milling system for 2–3 h. The coating samples

were prepared by spraying them onto test panels and curing for 24 h at room

temperature.

Performance Characterization

The solar absorptivity of the coating was measured on a Lamda950 spectrometer;

emissivity was measured on a A/E radiometer; volume resistivity was measured by

6517B resistance meter; All test methods were conducted with reference to the

GJB2505-2006 and GJB2704A-2006 standards.
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Result and Discussion

Performances of Silicone White Thermal Control Coatings

Basic Performances of Coating

The thickness of the prepared silicone white thermal control coatings was about

150 μm. All basic parameters of the coating were measured and are shown in

Table 1.

As can be seen from Table 1, the coating has low solar absorptivity and high

emissivity. Also, it has the antistatic performance and good thermal cycling per-

formance in space environment.

Combined Irradiation with UV and Atomic Oxygen

In the low-orbit space environment, the coating is influenced by the irradiation with

UV, atomic oxygen, electrons, etc. In order to investigate the coating performance

in low-orbit space environment, accelerated testing of the coating sample had been

conducted for an equivalent of 8 years in orbit by combined irradiation with UV and

atomic oxygen in a space environment simulator facility with in-situ measurements

of the solar absorptivity. The maximum UV irradiation dose was 5000 ESH,

acceleration ratio was about 4 times, UV irradiation spectrum was 200–400 nm.

The total atomic oxygen fluence was 5� 1021 atoms/cm2 and the AO flux was

5� 1015 atoms/cm2 � s. The experimental results could be seen in Table 2.

As can be seen from Table 2, the in-situ measured solar absorptivity of the

coating changed little after a combined irradiation by UV and atomic oxygen for

8 years in low-orbit space environment. The mass loss of the coating was 0.23 mg/

cm2. The reason for such loss is probably due to the combined action of UV

radiation and atomic oxygen. The coating surface darkened and was damaged by

the UV irradiation. However, the darkened coating surface was removed by the

atomic oxygen, which kept the optical performance and lead to the mass loss of the

coating.

Table 1 Basic parameters of the silicone white thermal control coating

Solar

absorptivity

(αs)
Emissivity

(εH)

Volume

resistivity

Ω cm

Mass

loss

Collectable

volatile

condensed

mass

100 times of thermal

cycling under temperature

from �196–150 �C
0.17 0.90 9� 1010 0.24% 0.011% The coatings surface kept

intact
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Analyzing the appearance of the coating, it was established that after combined

irradiation with UV and atomic oxygen, coatings glossiness decreased and a

number of pits appeared on the surface (Fig. 1), also the roughness increased,

suggesting that the polymer resin degraded and coatings mass was lost.

Table 2 Experimental results of combined irradiation with atomic oxygen and UV

Atomic oxygen

fluence (AO/cm2)

UV irradiation

time (ESH)

Equivalent

time (year)

Absorptivity

(Sample1)

Absorptivity

(Sample2)

0 0 0 0.18 0.18

2.455� 1019 625 1 0.18 0.18

4.931� 1019 1250 2 0.18 0.18

7.397� 1019 1875 3 0.18 0.18

9.863� 1019 2500 4 0.18 0.18

1.233� 1020 3125 5 0.18 0.18

1.479� 1020 3750 6 0.18 0.18

1.726� 1020 4375 7 0.18 0.18

1.972� 1020 5000 8 0.18 0.18

5.0� 1021 0.18 0.19

Fig. 1 SEM photographs of

the coating (a) before

combined irradiation by UV

and atomic oxygen, (b) after

combined irradiation by UV

and atomic oxygen
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Combined Irradiation with UV, Protons and Electrons

To evaluate the influence of combined irradiation factors, the coating was exposed

to UV, protons and electrons simultaneously for an equivalent 8 years of flight

exposure with in-situ measurements of solar absorptivity. The UV irradiation dose

was 5000ESH. The total electron dose was 2.0� 1014 e/cm2 and the total proton

dose was 5.0� 1012 p/cm2. The summary of the experimental results is presented in

Table 3.

As can be seen from Table 3, the in-situ measured solar absorptivity of the

coating is increasing with exposure time to the combined irradiation by UV, protons

and electrons. In the beginning of exposure the change rate of solar absorptance was

high and it slowed down towards the end of the experiment. At the end, solar

absorptivity of the coatings stabilized. After combined irradiation by UV, proton

and electron for an equivalent 8 years of flight exposure, the change of in-situ

measured absorptivity of the coating was 0.19.

Technical Performances of the Organic Silicone White
Thermal Control Coating

The Effect of the Thickness on the Performances of the Coating

Several coating sample with different thickness were obtained using the same

formulation design. The effect of the thickness on the performances of the coating

was investigated. The experimental results are summarized in Table 4.

As can be seen from Table 4, with increasing coating thickness, the hemispher-

ical emissivity and surface density of coating both increased but the solar absorp-

tivity decreased. Starting from thickness of 120 μm, the optical performance of the

coating did not change. Based on the conducted experiments the thickness of the

coating was selected in the range 120–160 μm for optimum optical performance

and decreased weight.

Effect of Surface Treatments on Coating Adhesion

According to the characteristics of the silicone white thermal control coating, in

order to improve the adhesion between the coating and the substrate, a surface

treatment agent should be sprayed onto the substrate surface firstly, then the coating

could be sprayed. Based on the same coating formulation and spraying process, the

effect of surface treatment agent on coating adhesion is demonstrated in Fig. 2.

As can be seen from Fig. 2, the surface treatment was important to improve the

adhesion of silicone white thermal control coating. With no surface treatment the

adhesion of the coating to the substrate was very poor (Fig. 2a). However, the
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coating could not be peeled even in condition of strong damage when the substrate

surface treatment was applied.

Effect of Different Substrates on Thermal Cycling Performance

of Coating

In order to validate adaptability between the silicone white thermal control coating

and different kinds of substrates, thermal coatings with 150 μm thickness had been

sprayed on a number of substrates such as FG4 ablative material for thermal

protection, polyimide membranes, carbon fiber/epoxy and aluminum alloy and

thermally cycled. Figure 3 shows the coated samples after 100 thermal cycles

between �196 and +150 �C.
The results of thermal cycling testing indicated that the coating deposited on all

samples withstood the thermal cycling very well, with no cracks or peeling. Such

consistent behavior can be explained by favorable tensile strength and elongation at

break parameters that could avoid the coating breakage caused by the expansion

and contraction of substrate at different temperatures.

Table 4 The effect of the thickness on the performances of the coating

Thickness (μm) 40 80 120 160 200 300

Solar absorptivity (αs) 0.26 0.21 0.17 0.16 0.16 0.15

Hemispherical emittance (εH) 0.87 0.89 0.90 0.90 0.91 0.90

Surface density (g/m2) 135 226 298 396 512 790

Fig. 2 Effect of surface treatment agent on coating adhesion. (a) Without surface treatments

agent, (b) with surface treatments agent
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Conclusions

1. An organic silicone antistatic white thermal control coating was developed with

low solar absorptivity (αs) and high emissivity (εH). An exposure of the coating

to a combined irradiation with UV and atomic oxygen to an equivalent of 8 years

in space had little effect on the change of solar absorptivity. After combined

irradiation by UV, protons and electrons for an equivalent of 8 years of space

exposure, the change of absorptivity of the coating is 0.19.

2. The coating thickness has an important influence on the solar absorptivity. For

thicknesses >120 μm, the solar absorptivity changes very little. In order to

optimize the optical performance of the coating and the weight, the thickness

of the coating should be in the range of 120–160 μm.

3. The surface treatment processing improved the adhesion between the coatings

and the substrate. The coatings met the requirement of thermal cycling perfor-

mance with different kinds of substrates in space. Therefore, it could be applied

widely in aerospace.

Fig. 3 The samples before and after the thermal cycling experiment: (a) different kinds of

substrates, (b) the appearance of the coatings samples after thermal cycling experiment
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Space Environment Simulation Tests

for Black Polyimide Film

Lei Wang and Yun-zhen Cao

Abstract Black polyimide film is electrically conductive with high solar absorp-

tance and high infrared emittance. The material can be applied as satellite thermal

control film to enhance radiative heat transfer and thereby help isothermalize the

components of spacecraft. The film can be used in satellite optical devices and

telescopes baffle systems to minimize reflection from stray light. In this paper the

degradation of solar absorptance of black polyimide film under simulated space

environment tests such as thermal cycling, ultraviolet irradiation, proton irradiation

and electron irradiation are reported. The test results show that the black polyimide

film has very good stability in simulated space environment.

Keywords Black polyimide film • Degradation • Solar absorptance • Irradiation

test

Introduction

The purpose of thermal control system is to maintain all components of spacecraft

within the allowable temperature limits in the space environments it is exposed

to. Thermal control materials play a critical role in the thermal design of spacecraft

through reflection of incident solar energy and emittance of infrared heat [1]. Solar

absorptance (αS) is a very important parameter for surface properties of spacecraft.

It represents the extent of solar energy absorbed by spacecraft. The degradation is

represented by the change of this parameter with the accumulated space environ-

mental effect. Temperature increase of spacecraft at the end of a long term mission

is mainly caused by the degradation of surface thermal control materials with a

marked increase of its solar absorptance [2]. So maintaining the desired solar
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absorptance for thermal control materials is crucial to assure the proper operating

temperature of the spacecraft.

For a spacecraft flight on geostationary orbit, the spacecraft materials are

subjected to the complicated space environmental effects, including high vacuum,

severe thermal cycles, ultraviolet irradiation, electron radiations, proton radiations,

etc. The exposure to the space environment results in spacecraft surface materials

degradation due to the change of their chemical, optical, thermal, electrical and

mechanical properties. The general result of these processes is an increase in

materials’ solar absorptance with little or no effect on infrared emittance [3]. The

high vacuum, for example, induces outgassing of material volatile components that

produces contamination on the surrounding surfaces. The solar ultraviolet irradia-

tion can not only induce color center inside materials but also fix contaminant

deposits via polymerization, which will cause the exposed surfaces darken over

time and a marked change of their reflective properties. Thermal cycle of spacecraft

surfaces that go into and out of the Earth’s shadow frequently causes stress effects

and, hence, an embrittlement of materials. Charged particles (electron, proton)

penetrate into materials and contribute to the breakdown of polymeric chains causing

the degradation of the thermal control materials [4–6].

Black polyimide film is electrically conductive film with high solar absorptance

and high infrared emittance. The material can be applied as satellite thermal control

film to enhance radiative heat transfer and thereby help isothermalize the compart-

ment, also, the film can be used in satellite optical devices and telescopes baffle

systems to minimize reflection from unwanted stray light. The selection of certain

materials in thermal control system depends on the mission requirements, it is

therefore necessary to forecast the degradation of thermal control coatings during

service life in order to achieve and optimize the spacecraft thermal design. For this

reason, a ground-based space environmental simulation test is carried out for black

polyimide film in order to evaluate its long-term space environment stability.

In this paper we present results of experimental study of stability of black

polyimide film exposed to the effects of simulated space environmental testing.

Solar absorptance of the film before and after simulated space environmental

testing was measured, the separate effects of thermal cycling, ultraviolet irradiation,

proton and electron irradiation are discussed.

Test Conditions and Method

The black polyimide film samples were provided by Shanghai Institute of

Ceramics, Chinese Academy of Sciences. The thickness of samples was 30 μm.

For every single experiment, three samples 30 mm in diameter were mounted on the

target for a simultaneous irradiation test. The solar absorptance for three samples

was measured and the average value was taken as the solar absorptance (αs) value of
the material.
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The irradiation tests were conducted in a space environmental simulator. The

vacuum level in the test chamber was maintained at about 10�5 Pa during measure-

ments. During the tests, the temperature of the samples was maintained at

298� 5 K by a temperature controller including a special sample stage, a liquid

nitrogen screen and a thermal detector. The energy of protons was chosen as 90 keV

and proton irradiation fluence was 1.08� 1014 p/cm2. The energy of electrons was

chosen as 90 keV and electron irradiation fluence was 1.08� 1015 e/cm2. An

ultraviolet, 5000 W xenon arc-discharge lamp was used with the spectral distri-

bution in the ultraviolet being close to that of the sun. The spatial uniformity of the

ultraviolet irradiation on the irradiated area was lower than �10%. The spectral

reflectance of black polyimide film specimens in vacuum chamber was measured

in-situ in the wavelength region of 250–2500 nm by a Lambda 950 Perkin-Elmer

UV–VIS–NIR spectrometer, the solar absorptance was then calculated from spec-

tral reflectance.

Results and Discussions

Ultraviolet Irradiation

The ultraviolet irradiation test conditions were as follows: a total dose of ultraviolet

irradiation was 1386ESH, the acceleration factor was 3. Solar absorptance was

measured during irradiation dose of 186ESH, 594ESH, 1002ESH, 1386ESH.

Solar absorptance values and its variation in the black polyimide film samples

during the ultraviolet test are presented in Table 1. It can be seen from Table 1 that

the solar absorptance of the black polyimide film remains very stable after ultra-

violet irradiation. The biggest differences are found for samples at the beginning,

the drop in solar absorptance for sample happens immediately after the initial

exposure period. It may be due to some initial effects in the samples in vacuum.

It remained stable for the rest of the test. The second drop in solar absorptance for

samples happens at 1002ESH can be attributed to the error of measurement. The

results show that the black polyimide film is very stable under ultraviolet irradiation

environment.

Table 1 Solar absorptance of

black polyimide samples after

ultraviolet irradiation test

After UV irradiation

αS ΔαS
0ESH 0.94 0.0

186ESH 0.95 0.01

594ESH 0.94 0.0

1002ESH 0.93 0.01

1386ESH 0.94 0.0
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Proton Irradiation

The proton irradiation test conditions were as follows: the proton energy was

90 keV, proton irradiation fluence was 1.08� 1014 p/cm2.

The reflectance spectrum of sample under vacuum after the proton irradiation

test is presented in Fig. 1. The solar absorptance degradation of the black polyimide

film samples are shown in Fig. 2.

It can be seen from Figs. 1 and 2 that the solar absorptance of the black

polyimide film is very stable.. After proton irradiation (1.08� 1014 p/cm2 of
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90 keV), the change of solar absorptance is<0.02. The data presented in Figs. 1 and

2 confirmed the proton radiation stability of the black polyimide film.

Electron Irradiation

The electron irradiation test conditions were as follows: the electron energy was

90 keV, electron irradiation fluence was 1.08� 1015 e/cm2.

The reflectance spectrum of the sample under vacuum after electron irradiation

test is illustrated in Fig. 3. The solar absorptance degradation of black polyimide

film specimens is shown in Fig. 4.

As shown in the test results from Figs. 3 and 4, after electron irradiation

(1.08� 1015 e/cm2 of 90 keV), the change of solar absorptance of sample is

<0.02. The test results demonstrated that the black polyimide film degrades very

little in simulated space environment.

Thermal Cycling

The thermal cycling test conditions were as follows: The samples were exposed to

100 thermal cycles in a temperature range between�196 and +120 �C, with a dwell
time of 5 min at each temperature extreme.

The solar absorptance values of the samples after thermal cycling are presented

in Table 2. It can be seen from Table 2 that after 100 thermal cycles (�196–120 �C)
the change of solar absorptance is zero. Also, the film kept it original appearance

without any cracks or defects on its surface.
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Fig. 3 Spectral reflectance

of sample after electron

irradiation
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Conclusions

The effects of simulated space environmental conditions on the black polyimide

film have been studied. The results of solar absorptance measurements conducted

after ultraviolet irradiation, electron and proton irradiation and thermal cycling

indicate that black polyimide film is very stable, with the changes of solar absorp-

tance after simulated space environmental effects being <0.02. The conducted

analysis proved one more time that black polyimide film has very good space

environmental stability.
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Table 2 The solar absorptance of black polyimide film after thermal cycle test

Sample number

Before thermal cycle After thermal cycle

ΔαSαS αS0

TC-1 0.94 0.94 0.0

TC-2 0.94 0.94 0.0

TC-3 0.94 0.94 0.0
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Analysis of the Performance of White

Paint S781 in Space

Xu Tao, Chen Binbin, and Zhao Xiaoxiang

Abstract The performance of white paint S781 applied to the Fengyun-3 Satellite

A and B in space is investigated in this paper. The solar absorptance of S781,

including the degradation value in orbit in 5 years, are accumulated and analyzed by

calculating the telemetry temperature data from the satellites. The result could

provide the reference for other spacecrafts thermal design using the same white

paint.

Keywords Thermal control coating • Satellite • Solar absorptance • In orbit •

Degradation

Introduction

Fengyun-3 A (FY-3A) Satellite was functioning normally in orbit for over 5 years

since it was launched from China Taiyuan Launch Base on May 27, 2008. The

Fengyun-3 B (FY-3B) Satellite was functioning normally in orbit for over 2 years

since it was launched on November 5, 2010. These two satellites were designed by

Shanghai Institute of Satellite Engineering (SISE) using the three-axis-stabilized

attitude control method. According to the design of satellite thermal control

subsystem, a loop heat pipe (LHP) (B) radiator coated with white paint S781 was

fixed on the satellite ram direction board by titanium alloy screws. A 15 mm glass

steel heat insulation pad was used between them for heat insulation. The back, the

profile and the edge of the board all were cladded with 15 multilayer insulation

assemblies.

There are two application processes for the white paint S781. In one, the white

paint F650 is used as the primer and in the other one, epoxy white paint is used as

the primer. Then the S781 is sprayed on the primer. There are some differences in

performance between these two coatings. In this paper, the F650 is used as the

primer.
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Usually, thermal control coatings are affected in orbit by charged particles,

ultraviolet radiation, high vacuum and the contaminant films that can deposit on

almost all spacecraft surfaces [1–3]. The general result of these factors is an

increase in solar absorptance that means high solar loads at end-of-life. In this

paper the solar absorptance of the white paint S781 used in FY 3A and FY 3B is

analyzed. The result could give a reference for other spacecrafts using the same

white paint S781.

Telemetry Data Selection

Some telemetry thermistors were arranged on the ram direction surface of the LHP

(B) radiator to obtain its temperature data during different periods of the satellite

mission. The data showed that the LHP radiator temperature was constant for 3 or

4 min during sun light period, as shown in Fig. 1. The LHP (B) radiator temperature

on December 1, 2012 is analyzed by building a mathematical model, as shown in

Fig. 2. The trend of the simulation temperature is similar to the data from the

telemetry results. At the same time, the result shows that the temperature near the

wave crest is basically stable for a few minutes. Based on energy equilibrium, these

data could be used to calculate the solar absorptance of the white paint S781.

A large amount of telemetry data have been obtained during the satellite

operating in orbit for more than 5 years. The stable temperature data near the
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wave crest was used for each of the selected days to prepare the telemetry temper-

ature curve of the LHP (B) radiator, as shown in Fig. 3.

Thermal Analysis Methods

Thermal Equilibrium

The heat transfer between an object and the surroundings can be described usually

by three main mechanisms, i.e., conduction, radiation and convection. Since the

satellite is orbiting in space in high vacuum conditions, only heat conduction and

radiation are considered, not including convection heat transfer. The 15 mm glass

steel heat insulation pad is fixed by titanium alloy screw between the LHP
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(B) radiator and the ram direction board to prevent heat conduction. The heat

conduction between the pipe of LHP and the radiator can also be ignored, since

the pipe is cladded by the multilayer insulation assemblies. As the LHP is shut

down in orbit and the pipe is long enough, heat conduction between the LHP

(B) radiator and the satellite through the pipe is also ignored.

Because the protuberances on the satellite are small, the heat radiation between

the LHP (B) radiator and the protuberances of the satellite body is ignored. The

board temperature is affected by the temperature of the LHP (B) radiator, if to

ignore the heat leakage of the multilayer insulation assemblies. Then the board can

be considered as an added heat capacity of the LHP (B) radiator. The heat radiation

between the ram direction board and the radiator can be ignored.

When satellite orbits in space, it will be exposed to direct sunlight, sunlight

reflected off Earth (Albedo) and infrared energy emitted from Earth (IR). Thermal

equilibrium equation is expressed as

αSφ1Sþ αSφ2Er0 þ εhφ3Ei0 ¼ εhσT
4 ð1Þ

where S is the solar constant, which is selected according to WMO reference data,

αS is the solar absorptance of S781, φ1 is the view factor from the sun to the LHP

(B) radiator, φ2 and φ3 are view factors of Earth albedo and IR from the Earth to the

LHP (B) radiator respectively, Er0 is the Earth albedo intensity and the average

Earth reflectance is equal to 0.30, Ei0¼ 220 W/cm2 is the average Earth IR

intensity, εh¼ 0.68 is hemispherical infrared emittance of S781, σ¼ 5.67� 10�8

W/m2 �K4 is the Stefan–Boltzmann constant, T is the temperature of the LHP

(B) radiator.

φ1 and φ2 Calculation

It is difficult to calculate φ1 and φ2. The position of the LHP (B) radiator, relative to

the sun and the Earth, changes on different dates. This causes the steady temper-

ature regime to appear at different times. But when the orbit beta angle β is kept

constant, the duration intervals between the steady temperatures become fixed and

the Earth shadow appearance doesn’t change. The position of the LHP (B) radiator

relative to the sun and the Earth is fixed, so the φ1 and φ2 could be calculated as a

function of angle β. Figure 4 shows the φ1 and φ2 values at different β angles. Other
values can be obtained by the interpolation method.

φ3 Calculation

Due to the fixed position of the LHP (B) radiator relative to the Earth, the view

factor φ3 of Earth IR from the Earth to the radiator is constant. So the φ3, equal to
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0.128, was calculated and obtained in this paper using thermal analysis

software TMG.

Calculation of the Solar Absorptance of S781

Based on previous experience of irradiation testing of the thermal control coating,

the hemispherical IR emissivity of the coating remains constant. According to the

Eq. (1), the solar absorptance αS can be expressed as

αS ¼ εh σT4 � φ3Ei0

� �
= φ1Sþ φ2Er0ð Þ ð2Þ

The above obtained parameters, φ1, φ2 and φ3, and the everyday stable temper-

atures of the LHP (B) radiator are substituted into Eq. (2) to gain the degradation

curve of the solar absorptance of S781, as shown in Fig. 5.

Data Analysis and Results

Prime Variance Analysis

Figure 5 shows that at the initial stage, when satellite is launched into the orbit, the

solar absorptance of S781 has already reached 0.21 which is larger than the

terrestrial test value 0.17. Some factors are responsible for this phenomenon.

Firstly, when the solar absorptance is tested in terrestrial conditions, the source

light is perpendicular to the surface of thermal control coating that means the test

angle between the light and the surface is 90�. The sunlight in space, on the

φ1

φ2

Fig. 4 Dependence of the view factors φ1 and φ2 on angle β
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other hand is not perpendicular to the surface of thermal control coating when the

satellite orbits in space. So this will cause the difference of αS between the

terrestrial test value and the on-orbit value.

Secondly, the surface of thermal control coating is very clean, and, even if it will

become contaminated in laboratory, will be cleaned for testing. In the pre-launch

time the satellite may become contaminated by some dust and dirt, especially in the

2 h before it is launched. The environmental cleanliness around the satellite can’t be
controlled.

Thirdly, most of the satellite materials will start to outgas as the satellite orbits in

high vacuum environment. Some condensable volatile substances may condense on

the low temperature surfaces. As S781 is on the outmost surface of the satellite, its

temperature is lower than other regions. The condensable volatile substances will

condense on the surface of S781, which could raise its solar absorptance.

Fourth, the solar absorptance of S781 degrades seriously at the prime on-orbit

stage. So the solar absorptance of S781 αS tested in space is larger than the value

tested on the ground.

Analysis on αS Degradation

From the degradation curve of the solar absorptance αS shown in Fig. 5, it is clear

that in the early on-orbit stage it degrades seriously. For longer on-orbit duration,

the degradation process of the solar absorptance αS slows down. The average

decrease of αS is 0.05 in the first year and 0.02 in the previous 50 days. Subse-

quently, the decrease of αS is 0.02 in the second year and 0.01 in every

subsequent year.

The solar absorptance of S781 will not recover again after it degrades. But Fig. 5

shows that there is an obvious decrease in the data of the solar absorptance αS in the
third year. This phenomenon can be explained by two reasons. For one thing, the
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Fig. 5 The degradation curve of the solar absorptance αS
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Earth infrared radiation intensity and the Earth albedo used in this paper are all

selected as constant values, but in fact both of them are variable. For another, these

two parameters including the Earth infrared radiation intensity and the Earth albedo

also oscillate in the previous 2 years, but there influence is masked by the coating

degradation. Thus, the influence of the Earth infrared radiation intensity and the

Earth albedo becomes clearer with the coating degradation rate slowing down. For

analyzing the coating degradation in the first year, the coating degradation data on

the same date in the third year are compared with the data in the first year to

decrease the influence of the variation of both earth infrared radiation intensity and

the earth albedo on the coating degradation. The result shown in Fig. 6 indicates

that the relative coating degradation rate decreases rapidly in the first 50 days of the

on-orbit first year, then slows down in the following days.

The solar absorptance of S781 in FY-3B is calculated by the same method. Its

degradation result is compared with the data of S781 in FY-3A on the same date, as

shown in Fig. 7. The degradation trend of the solar absorptance of S781 in FY-3B is

similar to that in FY-3A in the first 7 months. But the degradation quantity of αs in
the first 50 days is 0.03, which is larger than that in FY-3A.
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Fig. 6 A comparison between the solar absorptance degradation of the coating used in FY-3A in

the first and third year

Analysis of the Performance of White Paint S781 in Space 67



Conclusions

The on-orbit solar absorptance degradation of the coating S781 was investigated by

analyzing the telemetry data from FY-3A and B satellites. The solar absorptance of

S781 degrades seriously in the first year, with most of the degradation occurring in

the first 50 days in orbit. With an increase of the on-orbit time, the degradation rate

gradually decreases, with final value of the solar absorptance of S781 staying at

around 0.31.

The results of the above analysis suggest that the prime solar absorptance of

S781 can use terrestrial test value 0.17. Considering keeping a suitable allowance

for thermal design, a little large value is selected as the solar absorptance of S781 in

the last on-orbit period. For instance, a value 0.28 can be selected as the solar

absorptance after the first on-orbit year. And the solar absorptance increases 0.02

after each additional year.
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Wood-Based, Diamond-Like Carbon

for Improved Resistance Against Atomic

Oxygen

Takeshi Kajimoto, Toshimitsu Hata, Masahito Tagawa, Hirotsugu Kojima,

and Hajime Hayakawa

Abstract Polyimide or fluorine polymer that are used as heat-control materials on

structures in LEO and GEO orbits, if not protected from the atomic oxygen

(AO) may be severely degraded by the formation of microcracks. Carbonized

materials are suitable for use in low Earth orbit (LEO) as they have excellent

mechanical strength, electrical insulation, and thermal conductivity. Carbonized

wood, in the form of a Japanese lacquer composed of aromatic compounds derived

from the urushi tree, could potentially be used as the outer surface material of

spacecraft, provided however that its resistance against AO irradiation in LEO is

sufficient. The main aim of this study, therefore, is to develop the requisite

technology to impart erosion resistance against AO to the carbonized wood.

Specifically, increased sp2 bonding in the Si-doped diamond-like carbon intro-

duced here is shown providing effective resistance against AO-induced erosion.
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earth orbit • Spacecraft
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Introduction

Highly reactive atomic oxygen (AO) is produced in the outer atmosphere of Earth

by ultraviolet radiation reacting with molecular oxygen [1]. The surfaces of space-

craft in low Earth orbit (LEO; 200–700 km above the Earth) are susceptible to

oxidation through ionization by ultraviolet radiation and reactions with AO. Inter-

actions with AO and/or ultraviolet radiation lead to the rapid deterioration of the

outer surface of spacecraft in LEO [2].

Polyimide or fluorine polymers that are usually employed as heat-control mate-

rials on the outer surface of spacecraft need to be protected against AO. For that

reason they are coated by ceramic type of coatings. However, the protection

provided by ceramic-coated polymers can be compromised by the formation of

microcracks. The excellent mechanical strength, electrical insulation, and thermal

conductivity provided by carbonized materials make them suitable alternatives for

LEO protection [3]. Carbon materials, which are inflammable, light and robust are

recognized as promising candidates for this purpose.

Previously, we carbonized organosolv lignin produced by cooking wood in L-

lactic acid. We investigated its resistance to AO erosion in the presence of carbon-

ized wood containing Si and found that aromatics in the carbonized wood played an

important role in preventing damage from AO [4]. Urushi is traditionally used as

paint and is extracted from the lacquer tree (Toxicodendron vernicifluum). Products
coated with the lacquer are recognizable by an extremely durable and glossy finish.

Our hypothesis is that carbonized urushi can also be used as an outer surface

material for spacecraft.

In this study, we investigate the resistance to AO radiation of samples coated

with diamond-like carbon (DLC) sputtered from a target of carbonized Urushi and

Si. The erosion of the samples under AO was studied in order to identify the

chemical reactions occurring between C, Si, and O in the DLC film. The DLC

coat, composed of C, Si, and O was characterized by transmission electron micro-

scopy electron energy-loss spectroscopy (TEM-EELS) and X-ray photoelectron

spectroscopy (XPS) in order to reveal the mechanisms governing its resistance to

erosion.

Experimental

Sample Preparation

Urushi was carbonized by heating up to 973 K at 4 K/min in a N2 atmosphere,

maintaining the temperature for 1 h, and then cooling to room temperature. Car-

bonized urushi and Si were mixed in a glove box to a 60:40 weight ratio. The

mixtures were then sintered at 1173 K and at the mechanical pressure of 40 MPa for
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15 min in vacuum. Thereby, sputtering targets 30 mm in diameter and about 2 mm

thick were obtained of carbonized urushi with and without Si.

A layer of DLC was deposited on a Cu microgrid by DC magnetron sputtering

using the prepared targets of the carbonized urushi with or without Si, in an Ar

atmosphere under 20 Pa for 5–10 min.

AO-Exposure Experiments

All the samples were exposed to an AO beam generated by exciting molecular

oxygen using a CO2 laser beam (Fig. 1, wavelength: 10.6 μm; pulse energy: 5–7 J)

[1]. The energy distribution of the AO beam was calculated as shown in Fig. 1. In

this study, the average energy was about 5 eV and the flux was 2� 1015 atoms/cm2.

This energy is equivalent to that of the AO in LEO. Samples were placed in the

system with their pressed plane perpendicular to the AO beam.

Analysis

The DLC films deposited on 200-mesh Cu microgrids with holey carbon supported

films were analyzed using a TEM-EELS (JEM2100F) before and after exposure to

AO. The chemical state of the carbon in the DLC is reflected in the appearance,

position, and intensity of the EELS peaks in the core-loss region of the spectra. The

spectra have a smooth background, modeled here using a power-low curve, which

was subtracted from beneath the carbon edge. The same DLC films on Cu

microgrids were also analyzed by XPS (Shimadzu/KRATOS) using MgKα
radiation.

Fig. 1 Time-of-flight data

for the AO beam generated

by a CO2 laser beam
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Results and Discussion

TEM-EELS

Figure 2 shows TEM images after AO irradiation of DLC films on a Cu microgrid

sputtered for 5 and 10 min. While the DLC film sputtered for 5 min is damaged in

part by AO exposure, the one sputtered for 10 min remains intact. Using the setup

described above, a sputtering time of 10 min is therefore necessary to form a DLC

film resistant to AO exposure. Figure 3a and b show core-loss EELS spectra

Fig. 3 C1s electron energy-loss spectra obtained (a) before and (b) after exposure to atomic

oxygen of diamond-like carbon films sputtered for 5 min onto Cu microgrid substrates

Fig. 2 Transmission electron micrographs taken after irradiation with atomic oxygen of diamond-

like carbon films deposited on Cu microgrid substrates by sputtering for (a) 5 min and (b) 10 min
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obtained from DLC films sputtered for 5 min before and after exposure to AO,

respectively. These reveal the chemical state and the concentration of the different

elements in the DLC films.

The π* feature at a binding energy of 285 eV is more sharply defined in Fig. 3b,

while the broader spectral feature in Fig. 3a at 290–310 eV is typical of sp2-rich

amorphous carbon [5]. This increase in the π*/σ* ratio implies that AO exposure

enhances sp2 bonding in the DLC films.

XPS

Figure 4 shows C1s, O1s, and Si2p XPS spectra obtained from DLC films before

and after AO exposure. The atomic concentration of each element is shown in

Table 1 (note that Cu and Pd come from the background). The atomic concentration

of SiOxCy increases by 1.2% after AO irradiation, whereas the atomic concentra-

tion of C–O and C¼O decreases. The change in the full width at half maximum of

the C1s peaks from 1.9 to 1.6 eV after AO irradiation shows that the DLC films

remain relatively free of oxidation after exposure. The increase in sp2 bonding in

the DLC films mentioned above for the TEM-EELS results is supported by these

XPS data. The original aromatic structure in urushi may be a contributing factor.

Fig. 4 X-ray photoelectron spectra obtained from diamond-like carbon films sputtered for 5 min

onto Cu microgrid substrates before (top) and after (bottom) exposure to atomic oxygen
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Conclusions

DLC films obtained from carbonized urushi have been shown to successfully

prevent AO-induced erosion. The formation of SiO2 and increased sp2 bonding in

the DLC films are the main protecting factors. The catalytic effect of Si–O on the

formation of sp2 bonds may contribute furthermore to the prevention of damage

from AO irradiation.

Acknowledgements This work was supported by KAKENHI (22251004), a Grant-in-Aid for

Scientific Research (A) from the Japan Society for the Promotion of Science (JSPS) and a

research grant for Mission Research from the Research Institute for Sustainable Humanosphere,

Kyoto University.

References

1. Tagawa M (2001) Material degradation phenomena in low earth orbit space environment and

their ground-based simulations. J Vac Soc Jpn 44(5):26–31

2. Yokota K, Ikeda K, Tagawa M, Okamoto A (2005) Erosion on polyimide and fluorinated

polymers in combined low earth orbit space environment: simultaneous exposure effects of

atomic oxygen and ultraviolet. High Temp Soc 31:318–323

3. Fujimoto K, Sato K, Shioya T, Seki N, Fujita K (2003) Degradation of materials by high-energy

atomic oxygen. JSME Int J Ser A 46(3):283–289

4. Kajimoto T, Hata T, Tagawa M, Kojima H, Hayakawa H (2013) Resistance of silicon-

containing carbonized lignin to atomic oxygen erosion. In: Protection of materials and struc-

tures from the space environment (Astrophysics and space science proceeding). Springer,

Berlin, pp 541–546

5. Bruley J, Williams DB, Cuomo JJ, Pappas DP (1995) Quantitative near-edge structure analysis

of diamond-like carbon in the electron microscope using a two-window method. J Microsc

180(1):22–32

Wood-Based, Diamond-Like Carbon for Improved Resistance Against Atomic Oxygen 75



Formation of E’γ Centers Under Electron

Irradiation in Ultrapure Glass and Structural

Relaxation

Chengyue Sun, Yiyong Wu, Haiying Xiao, Jianqun Yang, Jingdong Xiao,

Yu Sui, Yi Wang, and Zhong Yi

Abstract The processes of defect formation and evolution in ultrapure glass under

1 MeV electron irradiation were investigated by the measurement of electron

paramagnetic resonance (EPR) spectra and optical absorbance. The results show

that the 1 MeV electron irradiation of the ultrapure glass can induce the formation

of E’γ centers, and the structure of the E’γ center transform from E’γ(1) center to
E’γ(2) center with the increasing irradiation fluence, and this variation also affects

the defect optical absorption property in the material. During the room temperature

aging process, the defects anneal process induces the recovery of the optical

property of the ultrapure glass. It is worth to note that the defect structure varied

during the ageing process, namely, the E’γ(2) center transform to E’γ(1) center, and
the variation of the defect structure induced the no synchronous property between

the defect anneal and the optical absorption recovery.
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Introduction

Amorphous SiO2 (or silica) is widely used in various technological applications, in

optics and in telecommunications. The presence of point defects can modify the

physical properties of the material. They can give rise to electron paramagnetic

resonance (EPR) signals and to optical absorption and photoluminescence emission

bands [1–3]. Irradiation induced point defects in silica (a-SiO2) are a topic of large

interest in the characterization of this widely used material. For the amorphous

silicon dioxide material, the E’ centers are the most common defects which formed

by the ionization irradiation. The investigations of the E’ centers in amorphous

silicon dioxide had continued for almost 60 years. The defects modify the physical

properties of the material and limit its technological applications, such as, for

instance, in microelectronics as an insulating layer of metal-oxide semiconductor

devices or in optics, in fibers for light transmission, to name a few. It is, therefore,

remains a challenge for solid state physics the further understanding of the struc-

tures and generation and the stability of defects in an amorphous material.

Irradiation on the amorphous silica material can induce the formation of the E’γ
center, On the basis of the spectral features, a microscopic model was proposed for

this defect that was tested in many experimental and theoretical studies. The model

consists of a dangling bond of a threefold coordinated silicon atom with the

unpaired electron in an approximately sp3 hybrid orbital: O� Si• (the

symbol� represents single bonds to three oxygen atoms and the symbol • stays

for the unpaired electron) [1–4]. The origin of the E’γ center has been investigated

and many types of precursors have been suggested, including intrinsic defect (the

mono-vacancy of oxygen O� Si–Si�O giving a charged E’γ by trapping a hole,

O� Si• + Si�O, and extrinsic), and the groups which would release the impurity,

such as the O� Si• +X, where X is H or Cl. This variety of precursors can be used to

explain the observation of complex kinetics of growth of the concentration of the

Eγ’ under irradiation. In the meantime, the microscopic structure of the environ-

ment of the O� Si• also shows effect on the spectral features of the defects. It has

been shown that that the EPR signal associated with E’γ centers undergoes line

shape change during irradiation. The modifications are evidenced by two typical

line shapes denominated as L1 and L2, one corresponding to a more axial and the

other to a more orthorhombic g tensor, respectively, and they have been attributed

to a structural variation in the center and also affect the position of the AO band.

In parallel with the investigation of defect formation process, the stability of the

defect is also studied. Messina investigated the instability of E’γ centers in amor-

phous SiO2 induced by γ irradiation (with the ionization dose range from 0.6 to

79 kGy) at room temperature and came to a conclusion that the annealing of the E’γ
center is ascribed to the effect of the chemical reaction between the defect induced

by irradiation and the diffusing molecule such as hydrogen, oxygen, or water [5]. It

is also found that the irradiation dose affects the annealing rates of the sample, with

the increasing irradiation dose the annealing rate decreases. Griscom studied the

instability of E’γ centers in amorphous SiO2 with the higher ionization dose
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(27–4400 kGy), and the results show also that with the increasing irradiation dose

the annealing rate decreases. It should be noted that for the sample with the dose of

4400 kGy, the defect population firstly increases in the initial stage of post storage

and then decreases as the time goes by [6]. The evaluation of the E’γ center

annealing process in the two above investigations is based on the evolution of the

optical property of the glass.

The use of measurements of the variation of the optical absorption for evaluating

the annealing of defects in the glass material is convenient and fast, but there are

drawbacks in such measurements. Thus, for two types of defects with energy levels

close to each other (for example the difference is <0.05 eV), the measurement of

the optical absorption evolution cannot represent the variation of the specific defect

accurately [7–9]. Compared to the measurement of the optical transmittance, the

superiority of EPR analysis is that it can distinguish between the two types of

defects in the silica material with energy levels close to each other. Zhang’s
investigation shows that there are two types of E’γ centers which can be formed

in the glass, with the increasing of the irradiation ionization dose, the type of E’γ
center transforms from E’γ(1) to E’γ(2) center, the marginal distinction between the

two kinds of E’γ centers can be distinguished by the signal saturation property as a

function of the EPR test power [10, 11]. His results also shows that with the

increasing of the irradiation ionization dose, the type of E’γ center transforms

from E’γ(1) to E’γ(2) center, in the meantime, the energy levels of the defects

also change with the structure of the E’γ center, and induce the variations of the

macroscopic optical property. It is worth to note that the investigations on the E’γ
center mainly focus on the defect formation process, the defect structure property

and the macroscopic optical property. Few researchers studied the stability of the

E’γ center and the structure transformation during the post storage, the evolution of

defect population and the structure of the two types of E’γ centers and the

corresponding macroscopic optical behavior variations, and these parameters still

need to be further investigated.

In this paper, the damage effects of 1 MeV electron irradiated ultrapure glass are

investigated by the measurements of optical transmittance after the irradiation and

during the post-irradiation storage. In the meantime, the electron paramagnetic

resonance spectroscopy was also applied to study the formation and the evolution

of the defects induced by 1 MeV electron irradiation in the super-pure glass. Both

mechanisms influencing the defect evolution during the irradiation and the post

storage will be discussed in this paper.

Experimental

In this work, the silica samples (provided by Beijing Zhong Cheng Quartz Glass

Co., Ltd) with the purity of 99.9999% and thickness of 100 μm were irradiated and

investigated. The electron irradiation was carried out in an electron linear
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accelerator (Technical Physics Institute of Heilongjiang Academy of Science,

China). The electron energies and flux were set as 1 MeV and 5� 1011 cm�2,

respectively.

The EPR measurements of the irradiated samples were carried out using a

Bruker A200 spectrometer (Bruker Instrument, Germany). The spectrometer was

operated at a microwave power of 0.93 mW, modulation of 1G, and a time constant

of 40.96 s. The population of spins (free radicals) of the measured samples was

obtained by the double numerical integration of the first derivative of the EPR

spectra. The optical absorbance from 200 to 800 nm was measured by Perkin-Elmer

Lamda 950UV-VIS-NIR spectrophotometer, with a resolution of 2 nm.

Results and Discussion

Defect Formation and Optical Degradation of Ultrapure Glass
Under 1 MeV Electron Irradiation

A typical EPR spectrum obtained in materials irradiated with 1 MeV electrons at a

fluence of 1� 1015 cm�2 is shown in Fig. 1. As can be seen from Fig. 1, the upper

scale relative to the g values has been obtained by fixing the first positive peak

position of the E’γ center at g1¼ 2.00180. We estimated the g2 and g3 principal

values directly from the magnetic field positions indicated by vertical lines in Fig. 1.

The obtained values, g2¼ 2.00063� 0.00002 and g3¼ 2.00036� 0.00002, are in

quite good agreement with those corresponding to the maxima of the statistical

distributions, g2¼ 2.0006 and g3¼ 2.0003, obtained by Griscom using a computer

simulation of the experimental EPR spectrum. Figure 1b presents the evolution of

E’γ population as a function of irradiation fluence. It can be found that the

population of the E’γ increases with the irradiation fluence, it is worth to note that

increase rate of the E’γ defect in the initial stage of the electron irradiation, where

the irradiation fluence is <1� 1015 cm�2, is higher than the one in the high

irradiation fluence range (the fluence is more than 1� 1015 cm�2). The variation

of the defect population increase rate can be ascribed to three aspects: the change of

the irradiated material; the variation of the irradiation source and the transformation

of the defects structure which formed during the irradiation. In this irradiation test,

the irradiated sample is the super-pure glass, and the irradiation source is the 1 MeV

electrons, both of them did not vary during irradiation test, thus, one can reach the

conclusion that the variation of the defect population increase rate is induced by the

transformation of the defects structure. The transformation process of the defects

structure is also investigated.

Previous investigations show that there are two EPR line shapes of the E’γ
center, arising from two slightly different microscopic structures. In Fig. 2, the

normalized EPR spectra of the E’γ center with different irradiation fluence are

superimposed. As shown, a modification of the E’γ center EPR line shape occurs on
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increasing the irradiation fluence, even though no specific feature attributable to the

occurrence of this line shape change can be recognized in the growth curve of the

defects concentration. The difference Δg1,2¼ g1� g2 varies from 0.00124 at a

fluence of 1� 1014 up to 0.00115 at 1� 1016. The variation of Δg1,3¼ g1� g3 is

less pronounced on increasing fluence, changing from 0.00147 at a fluence of

1� 1014 to 0.00142 at 1� 1016.

The investigation of EPR signals saturation properties as a function of micro-

wave power is a powerful way to study the slight structure changes of the defect.

Figure 3 shows the EPR signals saturation properties with microwave power of the

E’γ with low- and high-irradiation fluence. For convenience, symbols L1 and L2

have been adopted for the low- and high-dose EPR line shapes, respectively. It can

be found that with the increasing irradiation fluence, the EPR signals’ saturation
curve transforms from L1 to L2, which means the defects structure varies with the

increasing fluence. The defects structures which correspond to L1 and L2 EPR

signals saturation curve are E’γ(1) center and E’γ(2) center, respectively.
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Ionization effect of the 1 MeV electron and γ-ray irradiation in the ultrapure

glass induces the formation of the E’γ(1) center, with the increasing ionization dose,
the E’γ(1) center is further ionized, and all of these induce the formation of an

electropositive state defect, namely the E’γ(2) center. The formation process of

E’γ(2) center is shown in formula (1).
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ð1Þ

The irradiation with charged particles would induce the formation of color

center in the glass and the degradation of the optical property of the glass material.

Figure 4a shows the spectral transmittance variation with the increasing fluence in

the super-pure glass under 1 MeV electron irradiation. It is understandable that

spectral transmittance decreases with the increasing fluence, which is consistent

with data reported in the literature. To determine the degraded tendencies, the

corresponding differential spectra ΔT¼ Tas-received� Tirrdiated (where Tas-received is

the transmittance of the as-received glass and Tirrdiated is the one after irradiation) of
the irradiated super-pure glass were calculated, as shown in Fig 7b. It can be found

that the differential absorbance increases with the increasing irradiation fluence.

The investigation of the defect structure evolution with the increasing ionization

shows that the defects transform from E’γ(1) to E’γ(2) center. It is understandable
that the variation of microscopic structure of the material certainly will induce the

change of the macroscopic property.

The optical absorption properties of the E’γ(1) and E’γ(2) centers are also

investigated. Figure 5 shows the normalized transmittance variation spectra ΔT
with various irradiation fluence. It can be found that the peak position of the OA

band that is associated with the E’γ centers shifts towards the lower energy with the
increasing irradiation fluence, all of these is concomitant to the change of the EPR

line shape from L1 to L2. Combining the data presented in Figs. 3 and 5, the peak

position of the E’γ center OA band can be calculated. The peak position of

E’γ(1) OA band is centered at 5.83� 0.01 eV, at this moment, the defect exhibits

the L1 EPR line shape, with the increasing irradiation fluence, the peak positions of

E’γ(2) OA band is located at 5.77� 0.01 eV, when the defect exhibits the L2 line

shape [11]. The EPR and optical spectrum parameters of two types of E’γ centers
are listed in Table 1.

The Room Temperature Aging of E’γ Center
and the Corresponding Optical Property Recovery

It is known that the defects are in an unsteady state and during the annealing process

the defect population would decrease with the storage time. The E’γ centers can be

divided into two types, the stabilities of the two kinds of defects are investigated.

Figure 6 presents the time evolution at room temperature of the defect population of
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E’γ(1) center in the irradiated super-pure glass. One can see that the defect popu-

lation decreases with the storage time. The evolution data can be mathematically

fitted to an exponent, as shown below:

Nelectron ¼ Aelectronexp �t=τelectronð Þ þ Nelectron�residual ð2Þ

Where Nelectron is the experimental defect population, Aelectron is a constant related

to the annealable defect population, Nelectron-residual is the residual specific free-

radical population under the testing condition, τradical is the characteristic time

constant (h), which is related to the recovery rate of the annealable defects induced

by the recombination process.

The corresponding Aradical, τradical and Nresidual parameters are calculated and

shown in Table 2. The τradicalwhich represents the decrease rate of the E’γ(1) center
defect population is about 2.3 day.
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The defect structure stability of the E’γ(1) center is also investigated. Figure 7

shows the evolution of saturation with microwave power of the EPR signal of

E’γ(1) center during storage. One can see that during the post storage, there is

almost no change of the saturation property of the E’γ(1) center with EPR signal

microwave power, which means that there is no significant variation of the

E’γ(1) center defect structure.
It is known that the defects formed under irradiation are responsible for the color

centers in the material. The decrease of the defect population would induce the

recovery of the optical property. The recovery processes of the 1 MeV electron

irradiated ultrapure glass are also investigated. Figure 8 shows the recovery of the

0.0 2.0x1015 4.0x1015 6.0x1015 8.0x1015 1.0x1016
0

1

2

3

4

5

6

7

8

ΔT
(%

)

Fluence(cm-2)

b)

4.0 4.5 5.0 5.5 6.0
0.0

0.2

0.4

0.6

0.8

1.0

no
rm

al
iz

ed
 Δ

ab
so

rp
tio

n

Energy(eV)

 1×1015cm-2

 5×1015cm-2

 1×1016cm-2

Increasing fluence
a)

Fig. 5 Evolution of

defect’s energy level and

the peak value of absorption

spectrum with the

irradiation fluence. (a)

Defect’s energy level

evolution; (b) peak value of

absorption spectrum

evolution

Table 1 The EPR and optical spectrum parameters of two types of E’γ centers

Type Δg1,2 Δg1,3 Peak position of the OA band

E’γ(1) L1 (1.24� 0.02)� 10�3 (1.47� 0.02)� 10�3 5.83 eV� 0.01

E’γ(2) L2 (1.15� 0.02)� 10�3 (1.42� 0.02)� 10�3 5.76 eV� 0.01
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ΔT at the wavelength of 212 nm that represents the variation of the top value of the

absorption peak. It can be seen that the absorptance evolution shows features

similar to those of the E’γ(1) center defects during the post storage. Also, mathe-

matical analysis of the data demonstrates that the absorptance evolution of the

irradiated sample follows the same rules as for defect population, as shown in

Eq. (3).
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ΔTs ¼ Aopticalexp �t=τoptical
� �þ ΔTresidual ð3Þ

where Aoptical, τoptical (h), and ΔTresidual are constants related to the recoverable

transmittance, characteristic time constant and the final optical transmittance deg-

radation within the test time. The corresponding Aoptical, τoptical (h), and ΔTresidual

parameters are calculated and shown in Table 3. When compared to the data

presented in Table 1, one can find that the characteristic time constant τdefect and
τoptical are almost the same. It can be suggested, therefore, that the recovery of the

optical degradation with the wavelength of 212 nm is induced by the anneal of the

E’γ(1) center defects in the ultrapure glass.

The annealing process of the E’γ(2) center is also investigated. Figure 9 presents
the evolution of the defect population of E’γ(2) center in the irradiated super-pure

glass with changing anneal time at room temperature. It can be seen that the

evolution mode of E’γ(2) center defect population is different to the one of

E’γ(1) center. The distinctions between the anneal process of E’γ(1) center and
E’γ(2) center can be represented by the defect evolution rate. The decrease rate of

the E’γ(2) center defect population is lower than that of the E’γ(1) center, as shown
in Fig. 9, and the fitted parameters are listed in Table 3. For the sample irradiated by

1 MeV electron with the fluence of 1� 1016 cm�2, though the defect population

decrease process follows the exponential mode, as shown in Eq. (1), the character-

istic time constant (h) is about 8.35 day which is much higher than that of the

E’γ(1) center evolution (2.32 day). It is worth to note that our investigation also
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Table 3 Fitted parameters of free-radical evolution in 1 MeV and 1� 1015 cm�2 electron

irradiated ultrapure glass

Fluence (cm�2) Aelectron

τelectron
(day)

Nelectron-

residual

Aelectron/N0

(%)

Nelectron-residual/N0

(%)

1� 1016 3.70� 1010 8.35 1.52� 1010 70.7 29.3
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established that for the sample with the high irradiation dose, in the initial stage of

the anneal process, the defect population is increasing with the anneal time and then

the defect population is decreasing as the time goes by (not shown here). The

mechanism of defect population evolution will be discussed and published

elsewhere.

The structure variation of E’γ(2) center during the room temperature anneal

process is also investigated. Figure 10 shows the evolution of the saturation

property of the EPR signal of E’γ(2) center as a function of microwave power

during the anneal process. It can be found that saturation property changes of the

EPR signal changes with the increasing anneal process, the line shape transforms

from L2 to L1, which means that the during the anneal process, the E’γ(2) center
transforms into E’γ(1) center. The mechanism of the transformation will be

discussed in the following publications.

The optical property recovery process of the ultrapure glass with E’γ(2) center
defects are investigated, as shown in Fig. 11. One can find that the peak value of the

transmittance differential is decreasing with the anneal time. The evolution follows

the exponential mode, and the fitted parameters are shown in Table 4. When this

data is compared to the evolution of the transmittance differential of the ultrapure

glass sample with the E’γ(1) center defects, it can be found that the characteristic

time constant of sample with the E’γ(2) center defects is lower than the one with

E’γ(1) center defects. The difference between the two characteristic time constants

is induced by the variation of the defect evolution during the anneal process.

Previous investigations and our results have proved that there are two types of

defects formed under 1 MeV electron irradiation. It is known that the evolution of

the microscopic defects is the source of the variation of the macroscopic property,

thus the key of the investigation on the optical property recovery is the anneal

process of the two types of the E’γ center defects. For the E’γ(1) center defect which
formed in the low ionization dose range, during the anneal process, the anneal of the

E’γ(1) center is a thermodynamic process, and the recombination of the defect takes
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effect, the structure of the defect does not change, which can be reflected by the

saturation property of the EPR signal, as shown in Figs. 6 and 8. However, for the

sample with the E’γ(2) center, the situation is more complicated, during the anneal

process, the transformation of the defect structure and the recombination of the

defect both affect the population decrease [12].

It has been proven that the structure of E’γ(2) center is similar to that of

E’γ(1) center, the difference between the two types of defects is that the ionization

degree of E’γ(2) is higher than that of E’γ(1) center, and the scheme of E’γ(2) is
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Table 4 The fitted parameters of transmittance evolution of 1 MeV 1� 1016 cm�2 electron

irradiated ultrapure glass

Fluence (cm�2) Aoptical (%) τoptical (day) ΔTresidual (%)

1� 1016 1.54 1.71 7.51

Formation of E’γ Centers Under Electron Irradiation in Ultrapure. . . 89



shown in Eq. (1). The higher potential property of E’γ(2) provides the ability to

capture the nearby electrons and to transform to E’γ(1) center, with the reaction

process presented in Eq. (4). In annealing processes at room temperature, the

electrons in the material vibrate in the equilibrium position. For strong potential

effect, the electron can be captured by the E’γ(2) center, and this process can induce
one E’γ(2) center transformation into two E’γ(1) centers that can be confirmed by

the variation of the saturation property of the EPR signal during the anneal process

(as shown in Fig. 10).

During the room anneal process, two factors contribute to the evolution of the

total population of defects: one factor is the transformation of the E’γ(2) center,
which can double the specific population of the defects, leading to the increase of

the total defect population; the other factor is the anneal of the E’γ(1) center, which
induces the decrease of the total defect population. The two factors both take effect

on the population evolution during the room anneal process, and induce the

decrease of the evolution rate, which can be presented by the variation of the

characteristic time constants, namely the τdefect of E’γ(2) center population evolu-

tion (8.35 day) and that of E’γ(1) center (2.33 day).

ð4Þ

Conclusions

The damage process of ultrapure glass under 1 MeV electron irradiation was

investigated by the electron paramagnetic resonance spectra and optical transmit-

tance measurements. The results show that the electron irradiation induce the

formation of E’γ center, with the increasing fluence, the structure of the E’γ center
transforms from E’γ(1) to E’γ(2) center, and the formation of E’γ(2) center is the
result of further ionization of E’γ(1) center. With the transformation of defect

structure, the optical absorption energy level also vary, the optical absorption

energy level decreases from 5.83� 0.01 eV [E’γ(1) center] to 5.77� 0.01 eV

[E’γ(2) center]. The defects could be gradually annealed out and the optical

property recovered during the room temperature storage. The defect population

evolution follows an exponential mode, for the sample with the E’γ(1) centers, the
defect anneal process is synchronous with the optical property recovery, namely the

value of τdefect which represents the anneal rate is consistent to that of τoptical which
represents the recovery rate of the optical absorption peak. During the room
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temperature storage, one E’γ(2) center would transform into two E’γ(1) centers, and
induce the decrease of the anneal rate of defect population and the inconsistent

evolution rate between the defect anneal and the optical absorption recovery. The

analysis on the transformation of defect structure can be used as another explana-

tion to the increase of E’γ centers anneal rate with the increasing ionization dose as

shown in Zhang’s investigation.
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Mechanism of Electron Radiation

Induced Loss of the “Panda” Type

Polarization-Maintaining Optical Fibers

Hai Liu and Hongbao Sun

Abstract Evolution and mechanism of the induced loss of the 1310 nm working-

wavelength “Panda” type quartz PM fiber irradiated by the 1 MeV and 170 keV

electrons respectively were experimentally investigated using electron accelerator.

The results show that, fiber loss exhibits an exponential increase with increasing

radiation fluence, which is higher under low-energy electrons than under high-

energy electrons. The irradiated quartz fibers show an annealing effect. The

restored loss of the fiber irradiated by high-energy electron is higher than that by

low-energy electron. The radiation induced loss of quartz fiber has two mechanisms

of Si–OH absorption and H2 absorption. Under lower electron energy, the energy

deposition of fiber core is in majority leading to more radiation defects forming

while the loss is mainly controlled by Si–OH. In the case of the fiber subjected to

high-energy electron radiation, the absorbed dose of fiber core is relatively low,

which is dominated by H2 absorption. Hydrogen that is involved in both mecha-

nisms is generated by radiation induced degradation of polymer coating and

diffuses into fiber core.

Keywords Polarization-maintaining optical fiber • Radiation effect • Induced

optical loss • Infrared absorption • Si–OH defect

Introduction

Comparing with common mechanical gyroscope, the fiber optic gyroscope has an

inbuilt advantage of navigation and positioning for spacecraft [1]. However, in the

electron radiation environment, the fiber losses will be induced in fiber optic

gyroscopes, influencing the positioning accuracy [2]. The radiation induced losses

in fibers and the corresponding mechanisms were described and explored in many

publications [3–5]. It is well known that the accumulation of radiation defects is an
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intrinsic reason for the increase of the induced fiber loss. However, the unified

conclusion about the type and formation mechanism of the radiation defect has

been not established. It is generally thought that Si–OH and Ge–OH respectively

generate strong absorption peaks around 1.38 and 1.415 μm. The absorption edges

will affect optical transmission of the fibers working in the wavelengths of 1.31 and

1.55 μm. The absorption around 0.63 μm attributed to NBOHC defects results in the

fiber loss for the fibers working at a wavelength of 0.85 μm [6, 7].

The behavior of optical fiber under radiation depends on the type and processing

of the fiber. For the dehydrogenation treated quartz fiber, the source of H is a key for

formation of –OH defect. It is believed that the hydrogen comes from the radiation

degradation of the poly in coatings [8], which is related to the diffusion of hydrogen

in fiber. There is no evidence for above theory due to difficulty in detection.

There is another unanswered theoretical question. Since these defects are

thermodynamically stable at low temperature if the fiber loss is induced by Si–

OH and Ge–OH [6], the distinct annealing effect of quartz fiber after radiation is

inconsistent with that. It suggests that there are other mechanisms for the increase of

the induced fiber loss besides radiation defects.

The present investigation aims to experimentally explore the new evidence for

the mechanism of radiation-induced quartz fiber loss through appropriate analysis.

Experimental

The sample is a PMF1310 80-65/165 “Panda” type PM optic fiber supplied by

China Wuhan Changfei Ltd. The fiber, 170 μm in diameter, consists of a fiber core

(GeO2 doping), 80 μm diameter cladding, a 23 μm diameter stressed zone (B2O3

doping), and a coating (PMMA). The working wavelength of the fiber is 1310 nm

(1.31 μm).

The electron radiation tests were performed under 1 MeV and 170 keV on a

DD1.2 type Dynamitron at Technical Physics Institute of Heilongjian Academy of

Science and a Space Complex Radiation Simulator of Harbin Institute of Technol-

ogy, respectively. The fiber loss was measured on a FPM-302 type light source and

a FLS-302 optical power meter manufactured by EXFO Company, Canada.

EPR and FTIR techniques were employed to analyze the mechanism of fiber loss

after radiation.
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Results

Radiation Test

The relationship between the induced loss and radiation fluence for the “Panda”

type PM optic fiber irradiated respectively by the 1 MeV and 170 keV electrons is

shown in Fig. 1. It can be seen that the fiber loss increases with fluence. The

increase of fiber loss is rapid at beginning of radiation and slows down after certain

fluence. Under high-energy-electron radiation, the increase trend of fiber loss is

slowing down when the fluence reaches 1� 1012 cm�1. Under the low-energy-

electron radiation, the fiber loss keeps high growth rate even under 5� 1014 cm�1

fluence. It indicates that the low-energy electrons have much higher radiation effect

than the high-energy electrons. The maximum change in fiber loss is about 150 dB/

km under the 1 MeV electron radiation, and more than 280 dB/km under the

170 keV electron radiation.

Annealing Test

The results of annealing test at room temperature for the fiber irradiated by the

2� 1015/cm2 electrons are shown in Fig. 2. Figure 2a illustrates that distinct

annealing effect occurs during the storage of the 1 MeV electron irradiated fiber

at room temperature. The loss coefficient decreases from 135 to 95 dB/km within

25 min. Figure 2b shows that the annealing effect of the 170 keV electron irradiated

fiber is weak with loss coefficient reduction of 15 dB/km within 350 min. With

increasing annealing temperature, the loss efficient of the irradiated fiber is further

reduced but unable to return to the value before radiation.

Fig. 1 Loss coefficient as a

function of fluence under

electron radiation
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Analysis of the Mechanism of Radiation Induced Loss

of Quartz Fiber

Si–OH Defect Forming Mechanism

It was proposed in the literature that there are at least two steps in the formation of

Si–OH during radiation. The first is the fracture of Si–O bonds in fiber core and

formation of non-bridging-oxygen defects as shown below.

� Si� O� Si ��!Radiation � Si� O� þ � Siþ

The second is the following reaction between non-bridging oxygen and hydrogen.

� Si� O� þ _H�!� Si� OH

The first step has been verified by many researches. The EPR measurement was

carried out on the irradiated and not irradiated fiber with results given in Fig. 3.

Strong signal of E0 center is detected after radiation, which confirms the bond

cleavage reactions of Si–O.

Figure 4 shows the FTIR result of the fiber irradiated with 170 keV electrons.

The absorption peak attributing to OH is found at 3200–3800 cm�1. Please note that

the moisture absorption has little effect since no characteristic absorption peak of

water around 1630 cm�1 is present in the spectra. The above results indicate that

there is OH forming in the irradiated fiber, and also confirm the mentioned reaction

of second step.

The next question is where the hydrogen comes from. The hydrogen-depleted

treated fiber core is unable to provide enough hydrogen to sustain the reaction.

Therefore, hydrogen can only come from outside of fiber core. The only possible

hydrogen source in fiber is the organic cladding. There are a large number of methyl

groups in the molecular structure of PMMA cladding. The C–H bond is easy to

Fig. 2 Loss efficient of irradiated fiber as a function of annealing duration
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brake during radiation resulting in formation of hydrogen ions, as shown in Fig. 5.

There is a possibility for the hydrogen to diffus into the fiber core if the concentra-

tion of the generated hydrogen ions is high enough.

Fig. 3 EPR spectra of the fiber irradiated by 1 MeV electrons

Fig. 4 FTIR spectra of the quartz fiber irradiated by 170 keV electrons
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Discussion on Mechanism of Hydrogen Absorption

It is known that Si–OH is a thermodynamically stable structure. If it is the unique

mechanism for the increase of fiber loss at 1310 nm, it is hard to explain the

annealing phenomenon of the fiber after the radiation. Some researchers found

that the quartz fiber after H2 treatment showed a significant increase of absorptions

around 1245 and 1380 nm after the radiation leading to variation of loss spectrum in

broad range. Meanwhile, the absorption around 1245 nm has distinct annealing

effect, which confirms the H2 absorption mechanism of quartz fiber [9].

It is proposed that the mechanism of combined H2 and Si–OH absorption is a

rational explanation for the induced loss of quartz fiber in the space radiation

environment. Due to the difficulty in hydrogen detection, there is insufficient direct

evidence of hydrogen absorption mechanism. It is difficult to describe quanti-

tatively the effect level of hydrogen absorption on fiber loss. In this situation, the

electron radiation induced damage of quartz fiber is characterized by data from

energy analysis.

Figure 6 is the simulated energy loss of electron interaction with fiber obtained

by COSINO software. The 1 MeV electron rang is much longer than fiber diameter

while the absorbed dose of fiber is relatively low. By contrast, the 170 keV electron

range is close to the fiber diameter with most energy deposited in the fiber core,

resulting that the absorbed dose of fiber core and coating is higher than the case of

high energy electron radiation. Within the fluence range of the present radiation

test, the induced fiber loss does not achieve complete saturation, i.e., the radiation

defects as absorbers have unsaturated concentration, implying that increase of

absorbed dose leads to more defect formation, which is the reason for that radiation

induced loss is higher under low-energy electrons than that under high-energy

electrons. The EPR analysis of the electron irradiated fibers under two energy

conditions shows that, the paramagnetic signal of the 170 keV electron irradiated

fiber is distinctly higher than that of the 1 MeV irradiated, as shown in Fig. 7. It

proves that the concentration of Si–OH that formed earlier, is increased with
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increasing absorbed dose under low-energy electron radiation. Therefore, the

induced loss is dominated by Si–OH mechanism under low-energy electrons

radiation whereas it is controlled mainly by H2 absorption under high-energy

electrons radiation

Based on above analyses, the induced loss of quartz fiber is controlled by two

mechanisms of Si–OH and H2 absorption. The effect of each of the two mecha-

nisms changes with the energy and the fluence of electrons. However, the prereq-

uisite for above conclusion that the radiation induced degradation of the PMMA

coating provides enough amount of H to the fiber core needs further investigation.

Fig. 6 Energy loss distribution of the injected electrons in optical fiber: (a) 170 keV electron; (b)

1 MeV electron

Fig. 7 EPR spectra of the irradiated fiber by electrons with different energy
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Conclusions

The electron-radiation induced loss of “Panda” type quartz PM fiber depends on the

energy and fluence of electrons. The induced loss around the 1310 nm wavelength

is controlled by two mechanisms of Si–OH and H2 absorption. Under the same

fluence, the fiber loss is dominated by the Si–OH absorption when the energy of

electron radiation is lower and the absorbed dose of fiber is higher. The fiber loss is

mainly controlled by the mechanism of H2 absorption under higher-energy electron

radiation.
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ASTM E1559 Comparative Testing

of Low-Outgassing Silicone-Based MAP

Thermal Control Coatings

Vitali Issoupov, Sergey Horodetsky, and Jacob Kleiman

Abstract Responding to the need for dynamic outgassing testing at high temper-

ature, ITL Inc. has developed and built an Outgassing Test Facility that accommo-

dates the set-ups for measuring the outgassing of materials according to the ASTM

E1559 test method. This paper describes the design of the outgassing system,

operation of its devices and components, and presents the test results obtained on

several advanced conductive and non-conductive space thermal control paints and

silicones by MAP Space Corporation (France).

Material outgassing tests were performed on four advanced silicone-based

thermal control coatings recently developed by CNES/MAP, namely, the black

PNC and mat white PCBE conductive silicone-based space paints, the white

non-conductive silicone-based SG121FD paint, as well as the transparent

MAPSIL® QS 1123 non-conductive silicone resin. A comparative evaluation and

discussion of the outgassing test results per ASTM E1559 will be presented to prove

that the MAP silicone paints do not cause contaminations on the sensitive optical

coatings in the line-of-site direction by silicone-based contaminations during long-

term operation in the Low Earth Orbit space environment.

Keywords Low earth orbit • Outgassing testing • Deposition kinetics • Total mass

loss • Volatile condensable material

Introduction

Outgassing of organic materials can be described as a surface evaporation com-

bined with diffusion for bulk contaminant species. These species can be either

initially present components, or decomposition products. Contamination exists in

many forms, e.g., particulates, chemical species, vapor condensation, corrosion,

etc. Molecular contamination of materials in space due to outgassing poses a

serious threat to sensitive devices, such as optics and thermal control surfaces [1].
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Volatile condensable materials from silicone paints and silicones for space and

high vacuum industries can contaminate optical surfaces, decreasing the long-term

reliability of many systems on-board spacecraft. The ASTM E1559 Standard [2]

helps predict the level of contamination, migration and deposition. The method is

capable not only to evaluate the Volatile Condensable Materials (VCM) and Total

Mass Loss (TML), but also to identify which species condense at different

temperatures.

The ASTM E1559 method established as an improved version of the ASTM

E595 tests materials over a wider range of temperatures and over a longer period of

time. The ASTM E1559 test method characterizes the outgassing property of

candidate materials and components in a controlled and repeatable way by mea-

suring the amounts of outgassed products from the bulk of a material. Testing per

ASTM E1559 is more expensive and time consuming, but offers much greater

insight into the outgassing characteristics of a material through measuring the

molecular deposition levels on three Quartz Crystal Microbalance sensors com-

bined with a possibility to identify the volatile components of the material.

The ASTM E1559 test method has now been adopted in many programs for

screening materials that are to be used in space applications. The present and future

space-based systems with cooled optical and detection systems can be degraded or

rendered inoperative by contaminant deposition. Contamination of thermal control

surfaces and solar cell arrays can also result in a satellite thermal imbalance and a

loss of solar cell efficiency. An example of how important ASTM E1559 testing is

that presently all non-metallic materials to be flown on the International Space

Station must undergo ASTM E1559 testing.

The TML and CVCM of materials have been tested per ASTM E1559 up to

125 �C by various organizations and companies across the US and Europe. In the

previous years, ITL has developed and built three test facilities and developed the

test procedure according to the ASTM E1559. The ASTM E1559 Outgassing

Facility (OGF-2013) provides the means for the outgassing test of materials with

the objective to select materials with low outgassing properties for spacecraft use

and allows determining the following outgassing parameters: Total Mass Loss,

Volatile Condensable Materials, and Outgassing Rate.

Experimental

The most up-to-date, self-contained OGF-2013 Outgassing Facility includes an

oil-free pumping system, a set of three thermally controlled Quartz Crystal Micro-

balance (QCM) sensors, an effusion cell, and on inline SRS 300 RGA mass

spectrometer [3]. As required per ASTM E1559, the outgassing and deposition

rates can be measured continuously and the outgassing molecular components can

be detected and identified. The 15 MHz Cryo-QCM sensors are set at various

temperatures from 90 to 298К for collecting the mass evolved. Prepared materials

are subjected to environmental temperatures ranging from ambient to 398–573 K in
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an effusion cell. The integrated effusion cell heater and temperature sensors are

critical elements for the success of the test. Interlock chamber loading of the

effusion cell and a transfer mechanism for inserting the cell into the main chamber

offer an increased testing convenience and simplicity. The OGF-2013 facility is

fully computer-controlled using a powerful proprietary COSIMOD™ software,

thus all operations can be programmed to take place automatically.

The developed OGF-2013 facility is well suited to measure outgassing/deposi-

tion kinetics of volatiles released from materials, including adhesives, coatings,

fabrics, grease, lubricants and liquids, to obtain both the static and the dynamic

information about the total mass loss and the mass flux during transient thermal

conditions.

The OGF-2013 Outgassing Facility features oil-free pumping with a scroll pump

and two turbo pumps (77 L/s and 250 L/s) to obtain vacuum conditions better than

10�6 Torr and the test operation is made fully computer-controlled. The general

view and different components of the OGF-2013 test facility are presented in Fig. 1.

Test ASTM E1559 uses a method that allows the total mass loss to be deter-

mined through the use of 3 Quartz Crystal Microbalances (QCMs) to be maintained

at 90 K (�183 �C), 160 K (�113 �C), and 298 K (25 �C). The ASTM E1559

requires that the QCMs consist of two crystals (one for mass collection and one for

reference) and that they have a sensitivity of at least 1� 10�8 g/cm2/Hz at 298 K

(25 �C). This is typically accomplished with crystals that have natural frequencies

Fig. 1 Photograph showing the general view of the OGF-2013 outgassing facility developed and

built by ITL for ASTM E1559 outgassing testing
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of 10–15 MHz. The OGF-2013 facility uses QCMs with 15 MHz crystals that have

a sensitivity of 1.73� 10�9 g/cm2/Hz. The crystals are 1.27 cm in diameter and

optically polished and plated with gold [3]. The pair of crystals is designated as a

sensor crystal and a reference crystal.

The effusion cell is a cylindrical container approximately 65 mm inside diameter

by 50 mm deep, and is machined from stainless steel 304. The integrated heater

ensures uniform temperature distribution throughout the inner cavity. The effusion

cell has a detachable cover plate which allows for insertion of material samples.

This lid has a cylindrical orifice of 3.0 mm in diameter by 3.0 mm long providing

the appropriate flux distribution. The cell has an integral temperature sensor and

heater, and control system which permits operating the cell from ambient to

398–573 K (125–300 �C) with a precision of 0.5 K or better. The effusion cell is

positioned inside the test chamber at 150 mm from the surface of the sensing crystal

in each QCM so that the center of the cell orifice exit plane coincides with the

intersection point of the QCM axes. The cell orifice thus has the same view factor of

415.08 cm2 to all QCMs.

The test chamber is evacuated to a vacuum level on the order of ~10�7 Torr

before QCM cooling is commenced. The QCMs are maintained at approximately

298 K until the chamber liner and baffles have reached temperatures of less than

approximately 75 K. At this point, the heaters to the QCMs are commanded to set

point temperatures varying from 90 K for the coldest to as high as 298 K for the

warmest. To provide low temperature, the QCM sensors are mounted at liquid

nitrogen reservoirs. The QCMs are thermally shielded from each other to allow the

temperatures to be independently controlled. Once these temperatures have become

constant, outgassing data can be collected.

The effusion cell with the sample of the order of 10–20 g is and mounted in the

interlock chamber (see Fig. 2). After the interlock chamber has been evacuated to a

level of approximately 10�9 Torr, the gate valve is opened and the effusion cell is

moved manually using the transfer mechanism shown in Fig. 1 to its location in the

chamber so that the orifice is located at a distance of 150 mm from each of the QCM

sensing crystals. Once the location has been established, the effusion cell temper-

ature controller is set to the desired temperature, usually to 398 K (125 �C), and the
QCM frequencies recorded as a function of time with a 1 min time period. The time

required for completion of an outgassing test varies depending on the needs of the

user. In many instances outgassing times of up to 5 days are used in order to

determine the long-term outgassing rates.

Table 1 provides the main technical characteristics of the ASTM E1559

Outgassing Facility. This facility is now operational at Lanzhou Institute of Physics

(China).
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Results and Discussion

Material outgassing tests were performed per the ASTM E1559 test method on four

advanced silicone-based thermal control coatings recently developed by CNES/

MAP, namely, the black PNC and mat white PCBE conductive silicone-based space

paints, the white non-conductive silicone-based SG121FD paint, as well as the

transparent MAPSIL® QS 1123 non-conductive silicone resin [4].

The ASTM E1559 outgassing tests were performed with QCM temperatures at

<90, 160, and 298 K. All samples were tested at an effusion cell temperature of

125 �C and the duration of each test was 72–120 h. Test data including the QCM

frequencies and temperatures, as well as the reduced data (Total Mass Loss,

Volatile Condensable Material, etc.) were stored as Excel data files. Test

Fig. 2 Transferring the effusion cell from interlock chamber into ASTM E1559 test chamber

Table 1 Main technical parameters of the ASTM E1559 Outgassing Facility

Parameter Value

Vacuum system Volume, m3 ~0.2

Pumping speed (N2), l/s 81/300

Basic vacuum, Torr <10�9

ASTM E1559 test QCM frequency, MHz 15

Sensor sensitivity, g/cm2 Hz 1.73� 10�9

Sensors temperature, �C �183/�113/+25

Mass range, AMU 1–300

– Outgassing and deposition kinetics testing

– Measuring the TML, CVCM, and outgassing rate

– QCM thermogravimetric analysis (QTGA)
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information such as sample mass, sample dimensions, QCM type and sensitivity,

apparatus view factors, and any exceptions to the ASTM method were also

included.

Figure 3 shows the mass deposition data taken during the preliminary series of

testing for Polyethylene beads. This material has been traditionally used for the ASTM

E1559 Round-Robin test of outgassing test facilities worldwide [5]. The deposition

data show a delta frequency varying between about 1930 and 2010 Hz and there is a

good agreement of the outgassing results for this standard material with data obtained

on other facilities for both TML and CVCM values (Figs. 4 and 5).

The standard physical properties of four silicone materials developed and pro-

duced by MAP with <0.1% TML and 0.01% CVCM are represented in Table 2.

Based on property data, these silicone materials have no negative effects from the

removal of low molecular weight species.

Figure 6 shows the TML during the isothermal outgassing test of low outgassing

(PNC, PCBE) and ultra low outgassing (MAPSIL® QS 1123) silicones as a

function of time over a 72–120 h period. The TML is obtained from mass deposi-

tion data on the coldest QCM sensor (<90 K). PNC and PCBE are black and white

silicone conductive paints commonly used as thermal control coatings on spacecraft

surfaces, while MAPSIL® QS 1123 is a transparent non-conductive coating used as

encapsulating resin for electronic components, adhesive for glass on glass sticking,

varnish for printed circuits (PCB), as well as for electrical insulation in space

applications. The MAPSIL® QS 1123 silicone coating maintains an ultra low

TML value, TML< 0.01%, for the entirety of the test.
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The percent of VCM that outgases from the MAP silicones as a function of time

and condenses on the collector surface is plotted in Fig. 7. The VCM is obtained

from mass deposition data on the QCM sensor at 160 K. The outgassing rates of the

silicone materials are also analyzed from the isothermal outgassing test data as
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Fig. 4 Total mass loss from the sample as a function of time during the isothermal outgassing test
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shown in Fig. 8. For MAPSIL® QS 1123 the outgassing rate decreases 3 orders of

magnitude, from 10�6 to 10�9, within the first 7 days of testing, whereas the

outgassing rate of the 3 other materials changes from 10�6 to 10�8.

The outgassing kinetics show that the majority of the sample loss for all tested

materials occurs in the first few hours of the test, then mass is lost at a steady rate for

the remainder of the test. This indicates that there is a large initial burst of volatiles,

most likely concentrated near the surface of the samples. The slow steady release

Table 2 Standard physical properties of four MAP silicone materials

PNC PCBE SG121FD

MAPSIL® QS

1123

Polymer

matrix

Silicone Silicone Silicone Two component

silicone

elastomer

Pigment Carbon black Metallic, Encap.

ZnO

Metallic, Encap.

ZnO

–

Solvent Aromatic Aromatic and

aliphatic

Aromatic and

aliphatic

–

Solar

absorptance

0.98� 0.02 0.27� 0.04 0.20� 0.02 –

IR emittance 0.91� 0.03 0.88� 0.03 0.88� 0.03 –

Outgassing In compliance

with ECSS-Q-70-

02A

In compliance

with ECSS-Q-70-

02A

In compliance

with ECSS-Q-70-

02A

TML< 0.1%

RML< 0.1%

CVCM< 0.01%

Electrical

surface

resistance

�1� 106Ω/Sq. �1 kΩ/Sq. �1012Ω/Sq. 1.4� 1011Ω/Sq.

Fig. 6 Percent of total mass loss during isothermal outgassing test of low outgassing (PNC,

PCBE) and ultra low outgassing (MAPSIL® QS 1123) silicones
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thereafter can be due to either a steady state diffusion of gaseous molecules

distributed throughout the polymer matrix that migrate out of the material at a

constant rate or the material can be reverting to reactants at a constant rate.

Answering this question is the focus of future research.

Fig. 7 Percent of volatile condensable material released as a function of time during isothermal

outgassing test of low outgassing (PNC, PCBE) and ultra low outgassing (MAPSIL® QS 1123)

silicones

Fig. 8 Outgassing rate as a function of time during the isothermal outgassing test onMAP silicone

materials
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At the conclusion of the isothermal outgassing test, the 80 K QCM is heated at

increments of 1 K/min while the outgassed species that deposit on the surface

evaporate from the crystal. As the temperature of the QCM increases, the evapo-

ration rate of the species also increases until it reaches a peak. The slope of the

leading edge is characteristic of the species being volatilized. Each species can then

be identified using the in-situ mass spectrometer. The majority of outgassing

species observed on the mass spectra for the four MAP materials tested could be

identified as low molecular weight siloxanes with the Si–O–Si linkage.

Summary and Conclusions

Since the establishment of recent standardization testing, advances in formulating

and processing have created a generation of silicones that have excellent perfor-

mance in low vacuum environments and the outgassing phenomena causing con-

tamination has been greatly diminished. It was observed that several silicone

materials achieve much lower TML and CVCM values than the required ASTM

E595 specifications. This paper considered the low and ultra low outgassing

silicone materials developed and produced by MAP with TML and CVCM

one-tenth the standard ASTM E595 specifications.

Testing per ASTM E1559 was performed using the OGF-2013 Outgassing

Facility recently designed and built by ITL. A comparative evaluation and discus-

sion of the outgassing test results per ASTM E1559 showed that the ultra low

outgassing MAPSIL® QS 1123 silicone resin has the lowest TML, VCM, and

Outgassing Rate values as compared to other MAP silicone materials, e.g., PNC,

OCBE, and SG121FD. This study has also proved that the MAP silicone space

coatings do not cause contaminations on the sensitive optical coatings in the line-

of-site direction by silicone-based contaminations during long-term application

in LEO.
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Dielectric Temperature Spectroscopy

of Degraded Solar Cell Coverglass Due

to Ground-Based Space Environmental

Irradiation

Yu Chen, Lei Chen, Kazuhiro Toyoda, Mengu Cho, and Yonghong Cheng

Abstract Coverglasses are used to protect solar cells from damages caused by

space environment irradiation. Damage to coverglasses from space irradiation, the

electrostatic discharge and even the breakdown related to surface charging of

coverglass are among the main reasons for malfunctioning of solar cells in space

missions. This paper using dielectric temperature spectroscopy investigated the

typical solar cell coverglasses that were exposed in ground-based simulators to

space environments, such as thermal cycling, proton-beam irradiation, electron-

beam irradiation, ultraviolet irradiation and their synergistic irradiation. The dielec-

tric properties of coverglasses were measured using a broadband dielectric spec-

trometer with the frequency range from 0.1 Hz to 1 MHz at temperatures ranging

from �140 to 120 �C. It was found that the dielectric constants of five kinds of

irradiated coverglasses increase to different degrees at different temperatures com-

pared with the virgin coverglass. And irradiation has little effect on the dielectric

loss, DC conductivity and DC conductivity activation energy of coverglasses.

Keywords Solar cell coverglass • Ground-based space environmental irradiation •

Dielectric spectroscopy • DC conductivity activation energy

Introduction

The space environment surrounding a spacecraft in orbit is extremely complex and

dangerous that significantly affects the performance and reliability of spacecraft

and even may cause different in-orbit failures of spacecraft [1, 2]. Coverglasses are
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used to protect solar cells on spacecraft from space irradiation and charged particles

bombardment. The characteristics of the coverglasses will change over time, being

exposed to the space irradiation factors, which will also affect the lifetime of solar

cells. Therefore, studying the damage effects of space environment irradiation on

coverglass is important in improving the reliability of solar cells and prolonging the

lifetime of spacecraft.

Some investigations were focused on the damaging effects of space environment

irradiation on spacecraft solar cells [3, 4]. Others mainly focused on the influences

of space environment on secondary electron emission coefficient and photoelectron

emission coefficient of space materials. For example, Kawakita et al. [5] investi-

gated the total electron emission yield (TEEY) of CMG-100-AR coverglasses with

and without 1 MeV E-beam or 50 keV P-beam irradiation. Miyake et al. [6] studied

the TEEY of CMG-100-AR coverglasses with and without 500 keV E—beam or

UV irradiation. In our previous work, we investigated the TEEY and photoelectron

emission yield (PEY) of coverglasses exposed in ground-based simulators to space

environmental factors [7, 8].

In order to prevent power system failure due to charging, some simulation tools

have been developed for analysis of spacecraft charging. For example, NASCAP

was the most widely used charging simulation tool until the end of the last decade

[9]. Then came the next version, NASCAP-2K [10, 11], which was not available

outside U.S. SPIS project in Europe [12], and MUSCAT in Japan [13] and so

on. All these charging simulation tools need material properties such as conductiv-

ity, dielectric constant and so on to calculate the charging status of a satellite and

obtain its’ electric potential.
With the broadband dielectric spectrometer we can obtain information on the

molecular structure, bound and mobile charges according to details of molecular

system, mainly including: the dielectric constant, the dielectric loss tangent and

conductivity. In this paper we used a dielectric spectrometer to investigate the

dielectric temperature spectroscopy data of typical solar cell coverglasses which

were exposed in ground-based simulators to such space environments as thermal

cycling, proton-beam irradiation, electron-beam irradiation, ultraviolet irradiation

and their synergistic irradiation. The dielectric temperature spectroscopy results of

a virgin and five degraded samples is discussed.

Experimental

The solar cell coverglasses selected for testing are plate-shaped and belong to the

family of borosilicate glasses. The coverglass CMG-100-AR uses 110 nm thick

MgF2 as front surface coating material and its substrate is doped with cerium, which

has a stabilizing effect on controlling coverglass coloration by irradiation. The

specification of CMG-100-AR coverglass is listed in Table 1.

The coverglasses were exposed to thermal cycling (T, 348 cycles, �160 �C
~110 �C), proton-beam irradiation (P, 50 keV), electron-beam irradiation
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(E, 500 keV), ultraviolet (UV) irradiation (~4000 ESH) and their synergistic

irradiation (M) in the order of Virgin–T–P–E–UV to analyze the damage effects

under the multiple-factors irradiation. All these irradiation treatments were

conducted in Wakasa Energy Research Center, Takasaki Advanced Radiation

Research Institute and Kyushu Institute of Technology. Details of irradiation

conditions of coverglasses are listed in Table 2.

Concept 80 dielectric frequency spectrum system produced by Novocontrol

company of Germany is used in the experiment to measure dielectric properties

of coverglass with the frequency range from 0.1 Hz to 1 MHz at temperatures range

from �140 to 120 �C.

Results and Discussion

Dielectric Constant

The data for dielectric constant, ε0 of samples marked as Virgin, T, P, E, UV and M,

respectively, at different temperatures are shown in Fig. 1. As can be seen from

Fig. 1, the variation trend of ε0 with frequency and temperature of six samples is

the same and the main difference among samples is the measured values. The value

of ε0 monotonically increases with rising temperature, and it decreases when

frequency increases. The specific relationship of ε0 among six samples at three

selected temperatures is shown in Fig. 2. It shows the value of ε0 of six samples is

Table 1 Specification of CMG-100-AR coverglass

Sample CMG-100-AR solar cell coverglass

Manufacture Qioptiq Space Technology, UK

Front surface 110 nm thick MgF2 coating

Substrate 100 μm thick CMG

Doping Cerium doped

Min. transmission 359–400 nm, 83.5%; 400–450 nm, 95.0%

450–900 nm, 97.0%; 900–1800 nm, 96.5%

Table 2 Irradiation conditions

Type Thermal P-beam E-beam UV

Specification �160 to +110 �C 50 keV 500 keV –

Condition 348 cycles 7.8� 1019/m2 1.4� 1020/m2 ~4000

ESH

Flux – 6.14� 1016 m�2s�1,

1270 s

–a –

Simulated

time

~2.5 years in

LEO

~15 years in GEO ~15 years in

GEO

~166 ESD

aStep 1: 5.07� 1014 m�2s�1, 138,100 s; Step 2: 1.96� 1016 m�2s�1, 3580 s
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related to the temperature. It can be found that when temperature is and below 0 �C,
the order of the value of ε0 is P>T>M>UV>Virgin>E from 0.1 to 100 Hz and

P>T>M>UV>E>Virgin from 100 Hz to 1 MHz. But when temperature is

120 �C, the order is much more complicated. The results of dielectric constants of

six kinds of samples at specific temperature and frequency are listed in Table 3.

Combining the data in Fig. 2 and Table 3, it can be found that the ε0 of coverglass
after being degraded is higher than that of virgin coverglass, and the ε0 of coverglass
irradiated with protons has the most obvious growth compared with that of other

five degraded coverglasses. This behavior is related to the bond breaking of O–Si

bond in some of Si–O–Si bonds in SiO2 which leads to the formation of ODC

(2) color center in the substrate of coverglass promoted by the strong ionization
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Fig. 1 Dielectric constant of coverglass. (a) Virgin; (b) T; (c) P; (d) E; (e) UV; (f) M
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Fig. 2 Dielectric constant of coverglass. (a) �120 �C; (b) 0 �C; (c) 120 �C
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effect of proton-beam irradiation [14, 15]. This is because the average range of

50 keV proton-beam in coverglass is 515 nm, which is deeper than the thickness of

MgF2 anti-reflection coating (110 nm). Therefore, there are nearly no protons that

deposit in the MgF2 coating, most of the protons are deposited around the incident

depth in CMG substrate and form holes created by the collision with atoms. The

formation of holes leads to the increase of color center defects.

Dielectric Loss

The data of dielectric loss, tanδ of the six sample types marked as Virgin, T, P, E,

UV and M, respectively, at different temperatures are shown in Fig. 3.

Figure 3 shows that when the frequency is low, the value of tanδ increases with
the rise of temperature, and there are inconspicuous loss peaks at low temperature

that move to higher frequency when temperature increases. These loss peaks at low

frequency are related to interfacial polarization. When the frequency is high, two

trends are observed. For sample P, E and UV, tanδ increases with the increase of

frequency when it is below 0 �C, but when the temperature rises to 0 �C and even

higher, tanδ decreases with the increase of frequency. However, for sample Virgin,

T and M, tanδ doesn’t increase when frequency increases at any temperature.

The relationship of tanδ among six samples at three different temperatures is

shown in Fig. 4. It shows that the order of the value of tanδ of six coverglasses

changes when frequency changes. It is found that there are loss peaks at �120 �C,
but the peaks disappear at 0 and 120 �C.

Table 3 Dielectric constant of coverglasses

Temp f (Hz) Virgin T P E UV M

�120 �C 0.1 6.24 6.42 6.53 6.18 6.26 6.38

1 6.21 6.40 6.50 6.16 6.24 6.36

103 6.11 6.34 6.44 6.12 6.19 6.31

106 6.04 6.29 6.38 6.07 6.10 6.26

0 �C 0.1 6.60 6.77 6.97 6.56 6.64 6.78

1 6.49 6.67 6.83 6.46 6.54 6.67

103 6.29 6.51 6.62 6.29 6.37 6.49

106 6.18 6.43 6.53 6.21 6.25 6.40

120 �C 0.1 18.10 17.60 20.03 17.86 18.62 18.41

1 11.20 11.00 11.75 11.02 11.32 11.50

103 6.88 7.09 7.23 6.86 6.93 7.09

106 6.42 6.67 6.76 4.51 6.47 6.63
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Conductivity

The data for conductivity, σ0 of samples marked as Virgin, T, P, E, UV and M,

respectively, at different temperatures are shown in Fig. 5. It can be found that the

variation trend of σ0 with frequency and temperature of six samples is the same and

it presents a characteristic of thermal activation. In the double logarithmic coordi-

nates, with temperature rises to higher than 40 �C, σ0 appears as a straight line with
almost no change in its value at low frequency. This part is corresponding to the DC

conductivity. And the value of σ0 increases linearly with frequency increasing when
frequency is high, this part is corresponding to relaxation conductivity. The specific

relationship of the value of σ0 among six samples at three temperatures is shown in

Fig. 6.
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When establishing the influence of the environmental treatments on the value of

σ0 in six samples, the order is P>Virgin>T>UV>M>E at �120 �C,
P>Virgin>M>T>E>UV at 0 �C, and M> P>UV>Virgin>E>T at

120 �C. When considering the DC part of conductivity of samples, there is a

relationship between conductivity and dielectric constant as follows:

σ0 ωð Þ ¼ ωε0ε
00 ωð Þ ¼ σdc þ ε0 εs � ε1ð Þω2τ

1þ ω2τ2
ð1Þ

In Eq. (1), σdc represents DC conductivity, and the second term is the additional

conductivity introduced by relaxation. When the frequency is very low, ωτ << 1,

Eq. (1) can be simplified as:

Fig. 5 Conductivity of coverglass. (a) Virgin; (b) T; (c) P; (d) E; (e) UV; (f) M

Fig. 6 Conductivity of coverglass. (a) �120 �C; (b) 0 �C; (c) 120 �C
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σ
0 � σdc / exp � u

kT

� �
ð2Þ

Taking the derivative of both sides of Eq. (2), the following expression can be

obtained:

lnσ
0 / 1

T
ð3Þ

Expression (3) is also established for distributed dielectric relaxation. Therefore,

the DC conductivity activation energy u of coverglasses can be obtained from

lnσ0 ~ 1/T by calculating. If we select the conductivity of six samples at 0.1 Hz

with temperature ranging from 40 to 120 �C and plot the curve lnσ0 ~ 1/T we can

obtain the curve and the calculated DC conductivity activation energy u as shown in
Fig. 7.

It is found that the effects of irradiation treatments on DC conductivity activation

energy of coverglasses are not obvious. The DC conductivity activation energy of

six coverglasses is affected by the various environmental treatments in the follow-

ing order P>Virgin>M>T>E>UV, which is the same as the order of influence

on conductivity of six coverglasses at 0 �C.

Conclusions

1. The dielectric constants of five kinds of irradiated coverglasses increase to

different degrees compared with the virgin coverglass, with the sample after

proton-beam irradiation (P) having the greatest degree of growth. The growth of

Fig. 7 DC conductivity

activation energy of six

coverglasses at low

frequency
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dielectric constant is related to the formation of ODC(2) color centers in the

substrate of the coverglass promoted by the strong ionization effect of proton-

beam irradiation.

2. Different irradiation environments have different effects on dielectric loss, DC

conductivity and DC conductivity activation energy of coverglasses, and the

degree of the influence of dielectric spectrum is related to temperature.

3. The results we obtained can be used in the field of the analysis of spacecraft

charging and spacecraft design.
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Measurement and Evaluation
of the Atomic Oxygen Beam Parameters
and Material Erosion

S. Horodetsky, V. Issoupov, V. Verba, and J. Kleiman

Abstract Atomic Oxygen fluxes are widely used for accelerated ground base

testing of materials used for spacecraft. It is valuable to do this testing with Atomic

Oxygen fluxes reaching realistic space environment values (oxygen atom velocity

of 7 km/s). This testing is usually done with the help of a laser-detonation fast

atomic oxygen (AO) source. Each beam usually contains Atomic Oxygen (90%) as

well as molecular oxygen and Ionic and Electronic Components which are pro-

duced during the generation of Atomic Oxygen. Molecular oxygen, under such

residual pressures, is unlikely to contribute to physical/chemical changes of sample

morphology. However, there is the possibility that the Ionic Component, given that

it has the sufficient parameters, can significantly affect the sample morphology.

A study was conducted to determine the influence of the ionic component on the

morphology of samples irradiated in the AO system. Based on the conducted

experiments it was confirmed that the atomic oxygen beams produced by the

laser-detonation fast atomic oxygen source, indeed, have an Ionic Component.

The energy of the Ionic Component is approximately 7.25 eV and the current is

approximately 3� 10�7 A. It has been determined that the Ionic Component has no

significant effect on sample morphology, which suggests that there is no need to

suppress it.

Keywords LEO • Ionic component • Atomic oxygen

Introduction

The questions concerning the presence of an ionic component (IC) in Atomic

Oxygen (AO) fluxes produced by laser-detonation fast AO sources as well as the

effect of this component on physical-chemical properties of AO irradiated samples

are described in various papers [1–3]. While in some papers the presence of the
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ionic component was not confirmed, in others the effects of IC on surface properties

were described [2, 3]. The discrepancy of the results can be explained by the

difference in the design and settings of the AO sources.

The goal of this paper is to demonstrate the presence of IC in AO beams created

by an ITL Inc produced laser-detonation fast atomic oxygen source. This source is

equipped with an IC suppressor. By comparing the spectra with and without the IC

suppressor use, it can be determined whether IC exist in AO beams.

Experimental and Methodology

Methodology for Determination of the Ionic Component
Energy with the Three Grid Energy Analyzer

For determining the presence of the IC, as well as calculating its energy, a Three

Grid Energy Analyzer with flat grids was used. This type of analyzer was used due

to its simple construction as well as good sensitivity and resolution [4]. The

operating principle of the analyzer is in the creation of an electrostatic field

which allows for the energy analysis of the flow of charged particles. To allow

this a swiping saw tooth voltage (created by a sweep generator) is applied to the

second grid. The first and third grids are grounded to allow for the creation of an

equipotential space.

Another benefit of this type of analyzer is that it allows the analysis of positive as

well as negative particles. This allows for the calibration of the analyzer using a

simple electron source with variable energy.

The schematic of the Three Grid Energy Analyzer is shown in Fig. 1a and its

image in Fig. 1b. On the schematic, the grids are represented by the dashed lines and

the collector is represented by the wide solid line.

The signal is registered on the collector of the energy analyzer. It is analyzed

with the help of a computer. An example of the first derivative of the signal over the

voltage on the second grid (dI/dE) is shown in Fig. 2b. The differentiation of the

signal is required for more accurate calculation of the energy of the charged

particles.

Methodology for Three Grid Energy Analyzer Calibration
with an Electron Gun

For determining the energy of IC, the energy analyzer was calibrated. This was

done using an electron source with a variable energy beam. The energies of the

electrons are determined as the difference of potentials between the filament and the

sample. In this case, the sample was the collector of the energy analyzer. The
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electron energy (E0) was changed over the range of 5–200 eV and the electric

current was 1 μA.
The calibration involved the precise setup of the registering system of the

Energy Analyzer using the value of E0. An electronic schematic of this is demon-

strated on Fig. 2a. The registered spectra, collected by the Electron Analyzer, with a

primary beam of 6.00 and 8.00 eV are given in Fig. 2b

IC Suppressor

The IC suppressor installed on AO sources produced by ITL Inc, is based on

electrostatic suppression of charged particles (both positive and negative) that are

produced as a by-product of the AO source. A schematic of the suppressor is shown

in Fig. 3a, and the image of the suppressor installed inside the AO chamber is shown

in Fig. 3b.

Fig. 1 Electronic schematic (a) and external appearance (b) of the three-grid energy analyzer

Fig. 2 Electronic schematic of the energy analyzer (a) and the collected distribution of the

electrons with a primary beam of 6.00 and 8.00 eV (b)
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The electrostatic potential on the suppressor is created using a regulated high DC

negative voltage (0–15 keV) source. In this example the positive particles (which

are equivalent to IC) are attracted to the suppressor and the negative particles are

locked by the high voltage.

Results and Discussion

Using the described above methodology, a systematic study of the ionic component

was done. In Fig. 4a, a specter is given of a working AO source with a disabled IC

suppressor. On this specter there is an evident peak at 7 eV. The amplitude of this

peak depends on the settings of the AO source (that is the delay time between

injected oxygen pulses and the laser pulses) and can vary within 15%.

Fig. 3 Schematic view of the ion suppressor operation (a) and the AO simulator chamber with

analytical equipment showing the installed ion suppressor and the energy analyzer (b)
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Figure 4b shows a charged particles spectrum with the IC suppressor activated.

As can be seen from Fig. 4, with the suppressor on, the signal at 7 eV disappears,

demonstrating a complete suppression of IC. No IC peak was detected in the

conducted ranges of 5–200 eV.

A more detailed study was done to determine the precise characteristics of

IC. This experiment can be summarized in three parts:

Verification of the Ionic Nature of the Observed Effect

To verify whether the obtained peak (at 7 eV, when the IC suppressor is disabled) is

ionic, it was necessary to measure the polarity of the registered signal. This was

done using the schematic shown on Fig. 2a. During calibration the peak was

negative—due to the registration of the negatively charged electrons. The active

AO source has a positive peak, which demonstrates that the peak is ionic.

Determining the Characteristics (Energy and Current)
of the IC Peak

To determine the energy of IC, the Three Grid Analyzer was used at following

conditions: a sawtooth voltage (created by a sweep generator) was applied to the

second grid with the first and third grid kept grounded to allow for the creation of an

equipotential space. The signal received at the collector located after the third grid

(see Fig. 2a) was processed and its derivative was obtained using a computer. The

results of this test are shown in Fig. 5.

To determine the current of the IC, the Three Grid Energy Analyzer was used.

The three grids and the collector were connected. The current was measured using a

Data Acquisition Board (DAB). The current that was measured was 3� 10�7 A,

which was near the minimum sensitivity of the DAB.

Fig. 4 Energy profile of the

ionic component in the AO

beam without the

suppressor and with the

suppressor (b)
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As seen from this figure, the maximum of this IC peak is 7.25 eV. The full width

at half maximum value is 1.50 eV.

Based on these numbers it can be concluded that the IC possesses very low

energy and based on theoretical and experimental evidence, does not significantly

contribute to any structural changes of the samples [5].

Determining the Effects of the Ionic Component on Sample
Morphology

The results of an SEM analysis for AO-exposed Kapton Polyimide with and without

an Ionic Component are provided in Fig. 6. The complete removal of the IC through

the use of an IC Suppressor (Fig. 6a), does not significantly alter the morphology of

the Kapton. When comparing AO-exposed Kapton sample with IC Suppression

(Fig. 6a) to Kapton sample exposed to AO without IC Suppression (Fig. 6b), little

difference in the morphology is found. These results offer evidence that the IC does

not contribute to the structural changes of the samples (Fig. 6)

Summary and Conclusions

This paper provided a detailed overview of the properties of the ionic component

that is present in the atomic oxygen beam produced by laser-detonation fast atomic

oxygen (AO) source. The IC energy, current and effect on the surface erosion of

Kapton were studied. The Ionic Component was analyzed using a Three Grid

Energy Analyzer. The energy and the current of the IC were measured. To remove

the IC from the beam of atomic oxygen an Ionic Suppressor was used. The

Fig. 5 Energy profile of the

ionic component in the AO

beam
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Suppressor allowed to determine the existence of the Ionic Component, as well as to

study the effects of the IC on the morphology of Kapton. The structure of the atomic

oxygen exposed Kapton (with and without the Ionic Component) was studied

using SEM.

The following conclusions can be made:

1. In Atomic Oxygen fluxes created by a laser-detonation fast atomic oxygen

(AO) source, the Ionic Component (IC) is always present. The presence of the

Ionic Component does not depend on the specific settings of the fast Atomic

Oxygen source (the delay time between injected oxygen pulses and the laser

pulses).

2. The energy of the IC is approximately 7.25 eV. The current of the IC is

approximately 3� 10�7 A.

3. The energy of the IC is insufficient to significantly alter the morphology of the

exposed to AO beam samples. There is little difference in the morphology of

samples exposed to Atomic Oxygen with and without the Ionic Component.

4. It is recommended to use laser-detonation fast atomic oxygen sources without

any IC Suppression.
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The Effect of Small Concentrations of

Nanopowders on the Radiation Stability

of Lacquers

Chundong Li, V.V. Neshchimenko, and M.M. Mikhailov

Abstract The purpose of this research is to study the optical properties of the

binders-lacquers based on organosilicon lacquers and epoxy resins modified by

nanopowders ZrO2, Al2O3, CeO2, SiO2, TiO2 with concentration from 0.5 to 5 wt%,

before and after proton irradiation Ep¼ 100 keV, Ф¼ 5� 1015 cm�2. Analysis of

the diffuse reflection spectra and calculation of the solar absorptance were

performed. It was found that radiation stability of organosilicon lacquer is higher

than of epoxy resins for both modified by nanopowders and not modified. It was

established that the introduction of small concentrations (1–2 wt%) of nanopowders

to binders based on organosilicon lacquer promotes decrease of their solar absorp-

tance. Radiation stability of organosilicon lacquer (ΔaS¼ 0.06) modified by SiO2

nanopowder (ΔaS¼ 0.012 for 1 wt%) is higher compared with other types of

nanopowders ZrO2, Al2O3, CeO2, TiO2 (ΔaS¼ 0.024, 0.026, 0.034, 0.04 accord-

ingly for 1 wt%).
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Introduction

The impact of the space environment on spacecraft leads to changes in properties

and performance of the external materials, especially to increase in solar absorp-

tance of thermal control coatings (TCC). To a great extent it concerns white TCC of

the class “solar reflectors”, which include ceramic and enamel coating based on

white pigments, polymer, and inorganic bonding agents. Among TCC of this class

the paints based on organosilicon lacquers (OSL) and epoxy resins (ER) are used

most frequently as the most stable to the exposure of charged particles and solar

ultraviolet rays. However, a number of defects and absorption centers are formed in

these pigments during a long-term spacecraft flight, which is enough to decrease the

spectral reflectance (ρ) in the UV-, visible and near IR-regions of the spectrum, and

increase the solar absorptance (as). Therefore it is an essential issue to develop

techniques to improve photo- and radiation stability of TCC.

Experimental

The research was conducted using commercial ZrO2, Al2O3, CeO2, SiO2, TiO2

nanopowders of 99.8% purity that were purchased from the Aladdin Chemical

Company. The average particle size of the nanopowder was 40–50 nm.

Modification was carried out by addition of nanopowders to KO-859

organosilicon lacquer or ЭП-730 epoxy resins at concentrations of 0.5, 1, 2,

3, 5 wt% during sonication. Then modified lacquers were applied to aluminum

substrate (AMГ-6) and dried at 50 �C temperature.

The investigated samples were irradiated with 100 keV protons to a fluence of

5� 1015 cm�2 the flux was set as 1� 1012 cm�2 s�1. The vacuum in the irradiation

chamber during the experiments was kept at 2.5� 10�4 Pa. The reflective spectra of

the samples were measured in a Perkin Elmer Lambda 950 spectrophotometer with

a scanning rate of 5 nm/s. The value of solar absorptance of the samples was

calculated in accordance with ASTM (E490 and E903-00a-96).

Results and Discussion

Figure 1A shows spectral reflectance of epoxy resin modified by different

nanopowders at 5 wt%. As can be seen from Fig. 1a, the spectral reflectance in

the entire spectral range for all samples is rather low, not exceeding 55%. At the

lower range of used nanopowder concentrations the values of ρ do not exceed the

values obtained at 5 wt% concentration. In the region from 300 to 900 nm a

10–15% increase of the reflectance is recorded compared with the initial lacquer

with the introduction of CeO2, ZrO2 and TiO2 nanopowders. For other
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nanopowders, the values of ρ are close to the values of the initial lacquer. But in the
near-IR region the reflectance of the modified samples increases in the order from

samples with CeO2 nanopowders to samples with SiO2 nanopowders (which are

characterized by shift of the edge of the main absorption to the UV region).

The reflectance spectra of the organosilicon lacquer samples modified by

nanopowders (Fig. 1b) show significant differences in the value (ρ) for initial and
modified lacquer. In the region from 300 to 900 nm the samples modified by SiO2

nanopowders have the smallest value of diffuse reflectance, followed in ascending

order by the unmodified sample and sample with Al2O3, ZrO2, CeO2 and TiO2

nanopowders.

The reflectance of the samples was measured before and after the irradiation

with protons. Figures 2a through 6a show the change in reflectance spectra (Δρλ)
obtained by subtracting the spectrum after irradiation (ρλF) from the spectrum

before irradiation (ρλ0). As follows from Figs. 2a, 3a, 4a, 5a and 6a, the influence

of protons on epoxy resin modified by various nanopowders for the most part leads

to the formation of the continuous spectrum of induced absorption, with distinct

maxima in the visible region at 4–3.8 and 3–2.5 eV. In most of the spectra a

decrease in the intensity of the integral absorption band with the introduction of

nanopowders is registered. As in the case of epoxy resin, the modification by

Fig. 1 Spectral reflectance of the epoxy resin (a) and organosilicon lacquer (b) modified by 5 wt%

nanopowders
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nanopowders of organosilicon lacquer leads to reduced concentration of radiation-

induced defects, but there are some differences.

As it follows from the change in spectral reflectance spectra (Figs. 2b, 3b, 4b, 5b

and 6b), under the influence of proton irradiation onto the organosilicon lacquer, the

integral absorption bands shift to the long-wave part of the spectrum and in the UV

range the value of Δρ for samples modified by Al2O3, SiO2, TiO2 nanopowders has

the opposite sign—observed an enlightenment effect.

From a comparison of the integrated intensity of samples based on organosilicon

lacquer and the epoxy resin in the band that is registered near 2.9–2.5 eV it is clear

that the smallest change in the optical properties by accelerated protons occurs for

samples based on organosilicon lacquer, with their radiation stability being higher.

However, a negative impact was observed with the introduction of nanopowders

to organosilicon lacquer, with typical concentrations of the TiO2, CeO2 and ZrO2

nanopowders in the samples above 3 wt%.

Estimates of radiation stability of the lacquers were carried out by monitoring

the changes in solar absorption that were calculated as Δas¼ as1� as0, where as0,

as1—solar absorption before and after irradiation, respectively.

Fig. 2 Change in spectral reflectance of the epoxy resin (a) and organosilicon lacquer (b)

modified by ZrO2 nanopowders after proton irradiation (Ep¼ 100 F¼ 5� 1015 cm�2), their

concentration dependence of change in solar absorptance (c)
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From the curves of the dependence of change in solar absorption on the con-

centration of the nanopowders (Figs. 2c, 3c, 4c, 5c and 6c) it can be suggested that

the unmodified samples of epoxy resin ЭП-730 have the lowest radiation stability

(Δas¼ 0.16). Addition of nanopowders at concentration of 1–2 wt% to the epoxy

resin leads to increases of radiation stability: 24–39% for ZrO2, 50–53% for Al2O3,

21–25% for CeO2, 40–43% for SiO2, 50–54% for TiO2. A further increase of

nanopowders concentration leads to a decrease in radiation stability of the epoxy

resin.

Radiation stability of unmodified organosilicon lacquer is higher than of the

epoxy resin by 62%, Δas is 0.06. Introduction of the nanopowders leads to

increases radiation stability near a concentration of 1 wt%: 60% for ZrO2, 57%

for Al2O3, 42% for CeO2, 80% for SiO2, 34% for TiO2. For samples modified by

5 wt% of ZrO2, TiO2 and CeO2 nanopowders the radiation stability decreases to�5,

�26 and �34%, respectively.

To explain the received patterns of changes in the optical properties after

irradiation initial lacquers and lacquers modified by various oxides nanoparticles

more research is needed. Presumably, two reasons may affect the increase in

radiation stability of the epoxy resin and organosilicon lacquer modified by

Fig. 3 Change in spectral reflectance of the epoxy resin (a) and organosilicon lacquer (b)

modified by Al2O3 nanopowders after proton irradiation (Ep¼ 100 F¼ 5� 1015 cm�2), their

concentration dependence of change in solar absorptance (c)
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introduction of nanopowders. Firstly, cross-linking of oligomer chain ends with

inorganic complexes (nanoparticles) which occur in the volume in three directions.

That reduces the generation of broken chain under the action of accelerated protons

which are often formed at the ends of glycidyl or epoxy

groups for the epoxy resin and polydialkylsiloxanes for organosilicon

lacquer. Secondly nanoparticles in polymer matrices can act as the drains for

electrons and holes, as well as the place of scattering polarons which are formed

under the influence of radiation and localized on free radicals [1, 2].

To explain the found dependencies in the increase in radiation stability with the

introduction of nanoparticles of various oxides (ZrO2, Al2O3, CeO2, SiO2, TiO2)

into the binders lacquers it is necessary in our opinion to study their specific surface

and the validity of these dependencies under other types of radiation exposure.

Fig. 4 Change in spectral reflectance of the epoxy resin (a) and organosilicon lacquer (b)

modified by CeO2 nanopowders after proton irradiation (Ep¼ 100 F¼ 5� 1015 cm�2), their

concentration dependence of change in solar absorptance (c)
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Conclusions

Studying the changes in solar absorption in samples of epoxy resin and

organosilicon lacquer modified by a low concentration (1–2 wt%) of nanoparticles

of ZrO2, Al2O3, CeO2, SiO2, TiO2.and irradiated with protons, the conditions for

increasing radiation stability were found. A decrease in the solar absorption caused

by decrease of the absorption bands intensity in the regions 4–3.8 and 3–2.5 eV for

epoxy resin, and 2.9–2.5 eV for organosilicon lacquer was found. However, the

mechanism of increasing radiation stability and the nature of the bands is unclear

and require further studies.

Fig. 5 Change in spectral reflectance of the epoxy resin (a) and organosilicon lacquer (b)

modified by SiO2 nanopowders after proton irradiation (Ep¼ 100 F¼ 5� 1015 cm�2), their

concentration dependence of change in solar absorptance (c)
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Potential Space Applications

of Nanomaterials

Lev S. Novikov and Ekaterina N. Voronina

Abstract This paper deals with physical fundamentals of nanomaterial structure

and properties, their classification and the peculiarities of different classes, and the

main potential applications of these materials in the next generation spacecraft.

Some results of the experimental and mathematical simulation of the space envi-

ronment influence on nanostructures are given.

Keywords Nanomaterials • Nanostructures • Nanocomposites • Spacecraft • Space

environment • Durability

Introduction

Nanomaterials surpass traditional materials for space applications in many aspects

due to their unique properties associated with nanoscale size of their constituents.

This superiority in mechanical, thermal, electrical and optical properties will

evidently inspire a wide range of applications in the next generation spacecraft

intended for the long-term (~15–20 years) operation in near-Earth orbits and the

automatic and manned interplanetary missions as well as in the construction of

inhabited bases on the Moon.

Nanocomposites with nanoclays, nanotubes and various nanoparticles as fillers

are one of the most promising materials for space applications. They may be used as

light-weighted and strong structural materials as well as multi-functional and smart

materials of general and specific applications, e.g., thermal stabilization, radiation

shielding, electrostatic charge mitigation, protection from atomic oxygen influence

and space debris impact, etc. Next-generation electronic components based on

nanoelectronics, spintronics and photonics, as well as nanoelectromechanical sys-

tems, will provide great advantage over conventional microelectronics in perfor-

mance, noise-immunity, energy consumption and heat emission.
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All these materials and components should be durable to most space environ-

ment factors and their effects. For the implementation of the nanomaterials and

nanotechnologies in the spacecraft engineering it is necessary to develop next-

generation ground-based facilities for studying the nanomaterials properties and

behavior under the space conditions and to create physico-mathematical models

describing properly the various space environment effects on the nanostructures.

This paper deals with the main potential applications of nanomaterials and

nanotechnology in the next generation spacecraft for solving novel scientific and

technological problems, and with methods of nanomaterials modeling and testing.

Nanomaterials and Nanostructures

The peculiar properties of nanomaterials are determined by the presence in their

structure of nanoobjects—particles or grains, fibers, platelets, etc. with at least one

linear dimension in nanoscale (size range from approximately 1–100 nm)

[1, 2]. The lower boundary of this range approaches the size of atoms and mole-

cules, but its upper one that separates nanoobjects from microobjects was set rather

arbitrary. In general, it is not possible to associate unambiguously this upper

boundary with any characteristic dimensional parameters that determine the mate-

rial properties.

The strong influence of material nanostructure on its properties is caused by so

called nanometer length scale effects which can be of classical and quantum nature.

The nanoscale effects appear when the size of structural objects becomes compa-

rable with a certain parameter of material which has a considerable influence on

some physical-chemical processes in the matter and consequently on the material

properties. A mean free path of charged particles, a diffusion length, etc. may be

regarded as such parameters in the case of classical length scale effects, and for

quantum ones its role is usually played by the de Broglie wavelength.

Another parameter of nanostructures called dimensionality, corresponds to the

number of dimensions that lie within the nanometer range, and is used for analyzing

the quantum confinement effects. According to this parameter, all objects may be

divided into four groups [1, 3]:

3D-objects—bulk materials;

2D-objects—nanofilms, nanoplatlets;

1D-objects—nanofibers, nanotubes, nanorods, etc.;

0D-objects—nanoparticles, nanopores, nanocrystals, quantum dots, etc.

In a 3D-object electrons may move freely in all three dimensions. In a film

whose width is comparable with the de Broglie wavelength (2D-object), electrons

move without restrictions only in the film plane, but in the perpendicular direction

they are in a deep potential well, that’s why 2D-objects are usually called quantum

wells. In 1D-objects, or quantum wires, two dimensions are comparable with the de

Broglie wavelength. If the electron movement is limited in three directions, a
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nanostructure becomes a 0D-object, or a quantum dot with discrete electronic

states.

Due to nano-length scale effects, nano-structured materials acquire novel

mechanical, thermal, electrical, magnetic and optical properties, which can surpass

the properties of conventional bulk materials. Figure 1 demonstrates qualitatively

that nanomaterials possess higher mechanical characteristics in comparison with

conventional materials [4].

The creation of polymer nanocomposites with fillers of various shape and

composition may play the pivotal role in spacecraft development and implementa-

tion of challenging space projects. Among possible fillers, the main attention is paid

to carbon nanostructures: fullerenes, carbon nanotubes (CNT) and graphene that

represent particular allotropic forms of carbon [5].

CNTs possess excellent mechanical characteristics. Because of low CNT density

(1.3–1.4 g cm�3), specific strength of the material, made of nanotubes, reaches

record values. The electrical resistivity of individual single-walled CNTs has been

measured under ballistic conductions to be as low as 10�6 Ω cm [6], CNT thermal

conductivity is also very high: one of reported values is of ~3500 W m�1 K�1 [7].

Properties of graphene are unique in many respects. This material possesses

very high strength and thermal conductivity which was measured to be (3–5)�
103Wm�1K�1 [8]. Charge carriermobility in perfect graphene reaches 105 cmV�1 s�1

at 300 K, and this value is much larger than in Si (~1.5� 103 cm V�1 s�1) [9]. Because

Fig. 1 Strength (hardness)/

ductility ratios for bulk

materials and nanomaterials
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of such excellent electrical properties, graphene nano-ribbons (strips of a graphene

monolayer with widths of several nanometers) are of special interest. Currently many

researchers consider graphene nano-ribbons as the most promising substitute for silicon

as a semiconducting material for nanoelectronics.

It should be noted that recently much attention is paid to nanoobjects of the

similar structure, but of different composition. For instance, the investigations of

nanotubes and sheets of hexagonal boron nitride are developed very rapidly. Boron

nitride nanotubes (BNNTs), structural analogues of CNTs, attract much attention

due to their excellent mechanical properties, high thermal stability and high resis-

tance to oxidation, but as opposed to carbon nanostructures, BNNTs are electrical

insulators with a wide band gap of ~5 eV [10].

Nanomaterial’s Durability, Modeling and Testing

To estimate the possibilities of nanomaterial’s space applications, it is very impor-

tant to obtain the data concerning their durability to the impact of different space

environment factors. If the durability of most conventional materials to the space

environmental factors is investigated thoroughly, for nanomaterials such research is

in its beginning.

A spacecraft is exposed in space to a wide range of space environmental factors:

fluxes of high energy electrons and ions, cold and hot plasma, solar electromagnetic

radiation, micrometeoroids and space debris, etc. [11]. Existing experimental and

theoretical data demonstrate that nanomaterials responses to various space envi-

ronment effects can differ substantially from those of conventional bulk spacecraft

materials [12, 13].

The most important factor which reduces the reliability and lifetime of space-

craft equipment is the damaging impact of space radiation. Nano-structured mate-

rials can demonstrate higher radiation tolerance than conventional materials

[14, 15]. When an electron or ion with the energy, typical for space radiation

environment, interacts with a nanostructure, the energy transferred from the particle

to it is only a small part of the projectile energy [16]. Therefore, only a small

number of structural defects or additional charge carriers appear in a nanoscale

object with the irradiation. The conditions of defects and charge migration in

nanomaterials and in bulk materials differ substantially, too. The high stability of

CNTs against forming and accumulating structural defects due to ionizing radiation

may be explained by their ability to “heal” defects. The number of radiation defects

is reduced also because a significant part of carbon atoms displaced from hexagonal

lattice can be sputtered from the CNT without additional collisions with other

atoms.

In nano-structured materials, due to the large number of grain boundaries, a

distinct radiation resistance mechanism may exist. The grain boundaries and inter-

faces can capture interstitials and then release them into the lattice to destroy any

vacancy that forms in the vicinity of the boundary [14]. Some nanoscale objects
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including CNTs may play the role of grain boundaries as sinks for defects of all

kinds. It should be noted that when a large number of defects is accumulating, the

crystal structure of materials may be destroyed, so at high radiation doses the

amorphization of nanostructures can be achieved [15, 16]. For polymer

nanocomposites, the serious danger is the atomic oxygen that is the main compo-

nent of Earth’s atmosphere over the altitude range of 200–800 km and its interac-

tion with the materials. Hyper-thermal (~5 eV) oxygen atoms can cause the erosion

of polymer matrix and damage nano-fillers (e.g., carbon nanostructures) [12].

Therefore, detailed investigations of processes of space environment impact on

nanostructures and nanomaterials via methods of both mathematical modeling and

laboratory simulation are needed. For computer modeling it is necessary to apply

and develop so called multi-scale simulation [17], and for experimental research the

correct choice of regimes of ground-based tests for nanomaterials (types, energies,

flux densities of radiation and emission applied, etc.) is of great importance.

Some results of computer simulation with dissipative particle dynamics method

(DPD) of CNT and nanoparticles agglomerating into micro-sized objects within a

polymer matrix are given in Fig. 2a–c shows such agglomerated objects observed in

a polymer nano-composite after the atomic oxygen exposure [18]. It can be seen

that these agglomerates protect underlying polymer chains and provide the decrease

in mass loss of the composite material.

Potential Applications of Nanomaterials in Space

The necessity in broad applications of nanomaterials and nanotechnology in space-

craft design and construction in the near future is caused by the emerging changes in

spacecraft design and usage.

All spacecraft may be considered as operating in some information systems

because they either gather extensive information (e.g., on space environment

conditions, the Earth’s surface, etc.) or transfer a great amount of data. The new

satellite system concept assumes the development of multi-satellite cluster systems,

Fig. 2 (a, b) Examples of equilibrium structure of polymer composite with agglomerated

nanotubes (a) and nanoparticles (b) obtained with DPD simulation. (c) SEM image of polymer

nano-composite surface after AO exposure
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or satellite constellations [19], in which dozens of satellites on different orbits

operate according to coordinated programs and share information not only with

ground-based control centers but with each other.

Satellite constellation should include small-size lightweight satellites capable of

executing most functions of conventional large and heavy-weight ones. The success

of creation of such spacecraft is entirely determined by the level of applied

technologies, the availability of new materials with required operating characteris-

tics and the degree of miniaturization of electronic components used in spacecraft

equipment. Therefore the realization and advance of this concept are in close

connection with the progress in the field of nanotechnology. The classification of

such spacecraft according to their mass is given on Fig. 3.

Along with creation of small satellites, nanomaterials and nanotechnologies will

be widely applied in development of next-generation heavy satellites and manned

spacecraft, in building so called ‘space elevator’, solar power space stations, as well
as in implementation of the major space projects of the first half of twenty-first

century: manned mission to Mars and inhabited bases on the Moon.

In recent years, in a number of countries, expert assessments were prepared in

order to evaluate possibilities of nanomaterials and nanotechnology usage in

spacecraft construction and operation and to outline the main directions of their

applications. Some programs of the nanotechnology implementation into the space

exploration, developed in the early 2000s [20, 21], provide the following main

directions:

1. Multifunctional structural and functional materials, including smart materials;

2. Nanoelectronics components;

Fig. 3 Classification of small spacecraft
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3. Materials and devices for power supply system of the spacecraft (energy storage,

fuel cells, solar cells, etc.);

4. Spacecraft subsystems and payloads with nano-sensors, nanoelectromechanical

systems, etc.;

5. Life support systems;

6. Futuristic projects which cannot be realized without the nanotechnologies.

According to NASA experts [22], nanotechnology can have a broad impact on

space projects in aeronautics, planetary science, and space exploration owing to

Reduced vehicle mass.

Improved functionality and durability.

Enhanced power generation, storage and propulsion.

Improved astronaut health management.

In NASA Nanotechnology Roadmap [22], the great attention is paid to creation

of light-weighted, ultra-strong, damage tolerant, multifunctional materials as well

as smart-materials, including self repairing and self-diagnostic ones. Increasing

levels of system design and integration is considered as a very important task to

achieve enhanced efficiency of space technologies. The development of integrated

complex systems for energy generation, storage and distribution, including highly

efficient solar cells on quantum dots, ultra-capacitors, wires and cables network

made of nanotubes, is of great significance. The very important research direction is

the development of next-generation propulsion systems of different types. Nano-

sensors of different kind and complexity (for temperature, pressure, humidity

sensing, autonomous distributed sensors for chemical sensing, biosensors, etc.),

spacecraft nanoelectronics, especially graphene based electronics, and various

miniature instrumentation tools will play a crucial role in future space mission.

Polymer nanocomposites are considered in most cases as light-weighted

multifunctional materials that can be used for solving different tasks. By varying

the composition of matrixes and fillers one may impart distinctive properties to

nanocomposites, so they may fit to a wide range of applications as structural and

functional materials. In the short-term period light-weighted and strong

nanocomposites will undoubtedly be used in spacecraft structural components

due their advantages over conventional metals and ceramics. One of very important

applications of nanocomposites is the development of multifunctional coatings to

protect against hypervelocity impact and space radiation, to provide thermal

shielding for the safe entry into atmosphere, to preserve spacecraft thermal regime

during the flight, to impart required optical and electrical properties to spacecraft

surface, etc. Polymer nanocomposites may be applied in radiation protection

systems for interplanetary spacecraft and inhabited Lunar bases. To reduce the

weight of protective radiation shields and the intensity of secondary radiation

particles which are produced due to the interaction of space radiation particles

with material atoms, it is effective to use the materials that consist of low-Z atoms.

Thin conducting films made of nanocomposites and transparent network of CNT
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can be applied to provide equipotential conditions on the spacecraft surface under

space plasma charging conditions and to remove electrical charges from it.

Conclusions

1. In the near future nanomaterials and nanotechnologies will play a very important

role in development and construction of next-generation spacecraft and in

implementation of the major space missions.

2. Polymer nanocomposites with various nano-fillers, including carbon and boron

nitride nanostructures can be applied as multifunctional spacecraft materials.

3. To investigate nanostructures and nanomaterials durability to the space environ-

ment impact it is necessary to develop rapidly special methods of mathematical

simulation and ground-based testing.
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Synergistic Effects in “Solar Reflectors”

Thermal Control Coating Under GSO

Simulated Conditions Exposure

M.M. Mikhailov and V.V. Neshchimenko

Abstract Synergistic effects in two types of “solar reflectors” thermal control

coatings under conditions simulating geostationary orbit have been investigated

by exposing them to separate and complex (simultaneous and continuous) irradia-

tion by solar spectrum photons, electrons and protons. Energy and flux of protons

and electrons were selected using a replacement model. This model based on

replacement spectra of charged particles by monoenergetic beams during ground

testing using the experimental fluence and energy dependences of the changes in

solar absorptance. It has been found that the change in solar absorptance of complex

irradiation is less than the sum of changes in solar absorptance due to the separate

irradiation. Also, the additivity coefficient reaches up to 0.55 and depends on the

type of coatings, acceleration and time of complex irradiation.

Keywords Synergistic effects • Complex irradiation • Thermal control coatings

Introduction

Among all effects of the space environment that lead to non-additive or synergistic

effects when the sum of separate factors is not equal to a simultaneous/sequential

action of same factors we select only combined effects from particles of different

energy and charge and solar spectrum photons.

1. Complex action of electrons with different energies in their spectra range from

1 keV to 1.4 MeV on real orbits. No research was conducted covering this range.

Previous researchers studied the impact of consistently monoenergetic beams of
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electrons on materials in vacuum chambers, but they didn’t imitate the whole

spectrum of electrons. Under exposure to different energy electrons differences

can arise in material of spacecrafts in interaction, mean free paths and types of

radiation defects.

2. Complex action of protons with different energies in their spectra ranging from

1 keV to 300–400 MeV on real orbits. No research was conducted covering this

range, as well.

3. Complex action of protons and electrons of different energies in wide spectra

range from 1 keV to 300–400 MeV. Such effects haven’t been studied before,

neither as for effects in materials nor as to changes in their properties.

4. Complex action of electromagnetic solar irradiation (ESI) photons in ultraviolet,

near-ultraviolet, visible, and infrared spectra regions. Such researches haven’t
held before. Previous researchers studied effects in materials after serial irradi-

ation by VUV photons and photons within spectral regions from 200 to 3000 nm.

The expected effects could be defined by different interaction mechanisms and

differences among penetration depths of photons with energy from 0.4 eV to

10 keV.

5. Complex action of one charged particle’s type and electromagnetic solar irradi-

ation quanta’s: electrons + ESI, protons + ESI. Such researches have been carried
out only with low-energy photons, with the same energy as solar wind photons

have (1–3 keV), the energy of electrons was about 10–100 keV. The expected

effects could be defined by different interaction mechanisms and differences

among penetration depths of photons and electrons.

6. Complex action of two types charged particles and electromagnetic solar irra-

diation quanta’s: electrons + protons + EMR. Such researches have been carried

out only with low-energy charged particles: the energy of protons was the same

energy as solar wind protons (1–3 keV), the energy of electrons was about

10–15 keV. The expected effects could be defined by different interaction

mechanisms and differences among penetration depths of photons and electrons.

The study of synergetic effects in such a wide range of conditions would let

establishing the law of changes in material properties of spacecraft parts. This will

increase the work reliability of structures and will lead to more accurate lifetime

calculations. Moreover such knowledge will help us to invent new more efficient

materials than we have today. In the early years of space exploration this problem

was given great attention.

We should name the scientists, who made huge contributions into this field of

science in 1970s: Fogdall, Gilligan, Cannaday, McCargo, Greenberg, Douglas,

Brown, Kroes, Arvesen [1–8]. In Russia research of thermal control coatings

degradation under the influence of both protons and electrons was‘conducted in

All-Union Institute of Aviation Materials by Barabashov and Bagatov [9, 10] and in

Institute of Nuclear Physics (Tomsk Polytechnic Institute) by Mikhailov and

Dvoretskiy [11–15]. Investigations devoted to impact of complex irradiation by

protons and electrons on alkali-halide crystals and powders were carried out by

Mikhailov и Ardushev [16, 17]. In their works the synergetic effects were
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established, additive coefficients were calculated; their values were not equal to

1. Moreover the sum of effects, caused by two or three types of irradiation,

sometimes was less than if it was one type.

The intensity of ESI, protons and electrons in such studies had random values,

without associating them with real orbital spectra. That’s why the obtained results

were not very useful in practical applications.

Only in some works [11, 12] experiments imitated real orbit conditions. These

results showed that thermal control coatings degradation, caused by simultaneous

exposure to several irradiation sources, is less than when irradiated separately by

each irradiation source in sequence. Taking these results into account, it is possible

to decrease the thermal control radiator area and the weight of the whole spacecraft,

making the overall cost of spacecraft and the launches cheaper.

The purposes of the present paper is analysis of optical properties of solar

reflectors thermal controls coatings under the complex and separate action of

electromagnetic solar irradiation, photons and electrons with same conditions

of GSO.

Experiment and Method

Investigations were carried out on standard type TCC like TRSO-1 and TRSO-10

with zinc oxide (TRSO-1) and zinc ortatitanate (TRSO-10) as pigment powders,

and potassium glass (TRSO-1 and TRSO-10) as binder.

Samples were prepared by coating deposition on 24 mm diameter aluminum

substrates. The samples were positioned in the space environmental simulator

“Spectrum” [18]. The vacuum in the chamber was 10�6–10�7 Torr. Diffuse reflec-

tance spectra were recorded insitu in the range from 250 to 2100 nm. Irradiation

was carried out separately and simultaneously by electrons, protons and EMR. The

reflectance spectra of samples irradiated by EMR were recorded after 10 h expo-

sure. The registration of ρλ spectra in samples exposed to protons or electrons was

performed at specified times for which the degradation kinetics have at least 5–6

dose points.

Determination of electron and proton fluxes with simultaneous irradiation was

performed using the replacement method of the charged particles spectra in orbit by

monoenergetic beams. The basis of this methodology is equal change in operating

parameters (ΔP) of spectrum to monoenergetic beam [19, 20].

ΔP E0;φ0equivalent
� � ¼ ΔP

ðE2

E1

dφ

dE
dE ð1Þ

Solution to Eq. (1) is different for different operating parameters, depending on

particle fluence (F¼φ � t) at constant energy. For the TRSO-1 and TRSO-10

irradiation tests this dependence follows a power law and is determined by the
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equivalent flux (φequivalent). The action of φ at the chosen value of energy (E0) leads

to similar changes in the solar absorption as, as the action charged particles

spectrum in orbit that is determined by

φэкв ¼

ðE2

E1

α Eð Þ 1
β Eð Þ

dφ

dE
dE

α E0ð Þ
1

β E0ð Þ
ð2Þ

Values of equivalent electron (φequivalent
�) and proton (φequivalent

+) fluxes for

each coating were calculated from the experimental curves Δas¼ f (Фe�) and

Δas¼ f(Фp+) obtained in a wide range of energies E1�E2, selected for electrons

as 5� 150 keV and for protons as 0.5� 500 keV [11, 21]. Calculated values of

φequivalent
� and φequivalent

+ at Eoe� and Eop+ corresponded to acceleration of simul-

taneous irradiation χ0, which is equal to one. To obtain large values of acceleration,
the values χ0 were multiplied by n, equivalent fluxes φequivalent

� and φequivalent
+

were also increased by n times. EMR intensity in the first case is equal to one

equivalent of solar radiation (E0
s¼ 1 ESR), in other cases, it has also been increased

by n times. It was assumed that the degradation does not depend on accelerated tests

in the range of values for the simultaneous irradiation [22].

Calculated values of the equivalent flux at selected energy of electrons and

protons supported and controlled during at all times complex exposure. The dura-

tion of simultaneous or continuous irradiation by EMR, electrons and protons was

selected between 0� 12 h. During the exposures, after each hour the ρλ spectra

were measured.

The solar absorption (as) is calculated from the following expression:

as ¼ 1� Rs ¼ 1�

ðλ2

λ1

ρλIλdλ

ðλ2

λ1

Iλdλ

ð3Þ

where Rs—solar reflectance; ρλ—spectral reflectance; Iλ—solar spectral intensity;

(λ1� λ2)—range of wavelength form 220 to 2100 nm.
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Results and Discussion

TRSO-1 Coating

This coating was irradiated simultaneously by EMR, electrons and protons at two

acceleration values (χ¼ 1.5 and χ¼ 5) under conditions of simulated GSO (GEO

orbit). To determine the equivalent fluxes of electrons and protons, experiments

were conducted to study the changes in solar absorptance Δas depending on the

electron and proton fluencies in the range 2�1015� 5�1016 cm�2 for energy values

from 5 to 150 keV. Based on results from this study, using power functions Δas¼
f(Fe�) and Δas¼ f(Fp+), energy dependencies of φequivalent

� and φequivalent
+ were

obtained. From this dependence, the values of the equivalent flux during acceler-

ation tests for the electron energy of 30 keV and a proton energy of 3 keV were

determined as equal to one, i.e., nature conditions. Because the accelerated tests for

three types of radiation were chosen at 1.5 and 5 equivalents of complex irradiation

(eci), the values of the equivalent fluxes were increased respectively 1.5 and 5 times.

For χ¼ 1,5 it is: φequivalent
�¼ 1.78� 109 cm�2 s�1, φequivalent

+¼ 1.04� 109 cm�2 s�1;

for χ¼ 5 φequivalent
�¼ 5.93� 109 cm�2 s�1, φequivalent

+¼ 3.34� 109 cm�2 s�1. The

kinetic dependencies of this coating’s Δas, in separate and simultaneous irradiation by

EMR, protons and electrons are shown in Fig. 1. Also shown are values Δas obtained
by summing up the changes during separate irradiation.

The additivity coefficients were calculated, using the data from Fig. 1, as the

ratio of change in solar absorptance of complex irradiation (ΔasΣ) to the sum of the

values obtained by separate irradiation:

Кadd ¼ Δа
s
P= Δаsе� þ Δаsрþ þ ΔаsEMI

� �
: ð4Þ

Table 1 shows the dependence of the additive coefficient on the simultaneous

exposure time (ehsci) for two values of acceleration.

TRSO-10 Coating

This coating was irradiated simultaneously by EMR, electrons and protons at two

acceleration value (χ¼ 3 and χ¼ 8) under conditions of simulated GSO (GEO).

Similar to the TRSO-1 coating, we conducted experimental investigations aimed at

determining the equivalent proton and electron fluxes providing similar effect on

the GSO. For χ¼ 3 conditions the following parameters were selected: φequivalent
�¼

2.1� 1010 cm�2 s�1, φequivalent
+¼ 4.26� 1010 cm�2 s�1; For χ¼ 8 the following

parameters were selected: φequivalent
�¼ 5.6� 1010 cm�2 s�1 φequivalent

+¼ 1.14� 1011

cm�2 s�1. The dose dependencies of Δas for separate and simultaneous irradiation of

this coating by EMR, protons and electrons are shown in Fig. 2. Also shown are values

of Δas obtained by summing up the changes for the separate irradiations.
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Table 2 shows the dependence of the additive coefficient on the simultaneous

exposure time (ehsci) for two values of acceleration.

Analyzing the data shown in Figs. 1 and 2 and Tables 1 and 2 the following

conclusions can be suggested:

– Additivity coefficient in all cases is not equal to one, it is significantly <1;

– Depending on the exposure time additivity coefficient is not constant. Usually

the value increases and depends on the type of coatings and acceleration factor

of tests.

– Additivity coefficient decreases with increasing acceleration of irradiation.

Fig. 1 The kinetic dependence of change in solar absorptance Δas of the coating TRSO-1 under

electron irradiation (1) protons (2) EMR (3), the sum (4), and complex irradiation by electrons,

protons and EMR with acceleration χ¼ 1.5 (a) and 5 (b) at conditions simulated GSO (5)

Table 1 Time dependence (EHSCI—equivalent hours complex irradiation) of the additivity

coefficients for simultaneous irradiation by EMR, protons and electrons of the TRSO-1 coating

at conditions simulating GSO with acceleration of 1.5 and 5 eci (equivalent complex irradiation)

H, ehsci 10 20 30 40 50 60 70 80 90 100

χ, eci 1.5 0.24 0.28 0.33 0.36 0.38 0.42 0.45 0.49 0.53 0.55

5 0.04 0.07 0.09 0.11 0.13 0.15 0.17 0.18 0.20 0.21
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Conclusions

Among factors affecting the additivity rules under simultaneous exposure to dif-

ferent radiation sources the following processes can be distinguished and should be

taken into account:

1. Interaction of opposite charged accelerated particles (protons and electrons) in

material surface.

2. Interaction of defects resulting in more complicated defects and their annihila-

tion. The increase in the total concentration of defects while under simultaneous

exposure, compared to separate exposures, increases the likelihood of their

interaction and decreases their total concentration.

Fig. 2 The kinetic dependence of change in solar absorptance Δas of the coating TRSO-10 under
electron irradiation (1) protons (2) EMR (3), the sum (4), and simultaneous irradiation by

electrons, protons and EMR with acceleration χ¼ 3 (a) and 8 (b) at conditions simulating the

GSO (5)

Table 2 Time dependence of the coefficients additivity for complex irradiation by EMI, protons

and electrons of the TRSO-10 coating at conditions simulated GSO with acceleration of 3 and 8 eci

H, ehsci 10 20 30 40 50 60 70 80 90 100

χ, eci 3 0.28 0.33 0.36 0.37 0.37 0.37 0.38 0.38 0.38 0.38

8 0.17 0.23 0.25 0.27 0.28 0.28 0.29 0.29 0.29 0.29
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3. Charge formation in the free-path depth region after accelerated electrons and

protons thermoisolation. Appearance of extra electromagnetic fields, direction

and velocity changes of defects during their movements in these fields.

4. Self-organizing systems that lead, under the simultaneous exposure to several

environmental factors, to a restructuring that increases their resistance to exter-

nal influences, disproportional to resistance in an exposure to separate environ-

mental factors.

5. The concentration of defects, generated by simultaneous action of different

factors, is close to or higher than the concentration of atoms in the crystal lattice.

In that case the interaction of particles from several radiation sources with one

atom is possible that explains the smaller number of defects compared to

situation with separate exposure conditions.

Given the diversity of defects formed during irradiation and in interactions with

each other and a large number of factors that affect their concentration, to assess the

contribution of each of these causes is difficult. But we can estimate the concen-

tration of primary defects separately that form by the exposure to various types of

radiation.

To estimate, we take zinc oxide pigment as an example. The range for electrons

with an energy of 30 keV in zinc oxide is 3.5 μm. Calculations were carried out for

GSO with accelerating factor of simultaneous exposure equal to one (χ¼ 1), i.e., as

for natural data. Equivalent electron flux φequivalent
� with energy 30 keV for zinc

oxide powder, imitating the GSO spectrum, according with the values of TRSO-1

coating based on ZnO can be taken as 1.0� 109 cm�2 s�1. So fluence of electrons

during the year F¼ 1.0� 109 cm�2 s�1 � 3.1� 107 s¼ 3.1 � 1016 cm�2. In the

irradiated layer with thickness of 3.5 μm, the volume density of electrons will be

approximately 1� 1020 cm�3 and at 30 keV the volume energy density of electrons

is equal to 3 � 1024 eV cm�3. With the band gap of zinc oxide of 3.3 eV, and the

probability of electron–hole pairs formation equal to one, we have about 1� 1024

pairs cm�3 of defects. Taking the concentration of atoms in the crystal lattice of

zinc oxide as NZnO¼ 4.21 � 1022 cm�3 [23], shows that the number of defects

formed by the primary ionization of electrons is more than 24 times higher than the

number of atoms per unit volume of zinc oxide.

The depth of penetration of solar wind protons with 3 keV energy is about

0.5 μm. In this layer, the primary defect density under the complex action of

electrons and EMP will be significantly greater than the 1� 1024 cm�3, and may

exceed the concentration of atoms in the lattice a few dozen times. Therefore, the

probability of interaction of electrons, protons and photons with atoms of the crystal

lattice of zinc oxide can be reduced, resulting in unequal coefficient of additivity to

one.
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The REACH Regulation and the Space

Activities

Ch. Durin, E. Laurent, and V. Cocheteau

Abstract The REACh regulation sets up, in the European Union, is a unique

system of Registration, Evaluation and Authorisation of Chemical substances.

The regulation applies not only to chemical substances in the strict sense, but also

to any material, preparation (glue, paint), and article (constituent, adhesive tape).

Besides the manufacturers and the importers of chemical substances, preparations

and articles, all the down-users of these substances are concerned with the deter-

mination of the potential risk connected to the use of these products. Chemical

substances which enter the composition of products regularly used for space

applications may be present in the annexes of the regulation generating a risk of

obsolescence in the shorter or longer term. This new risk could be later discovered

in the development of a program and generate questioning of the qualifications. It

would increase costs of re-qualifications and delays on the schedules. There is no

unique solution but answers to be brought to every project according to its state of

progress. This risk, in terms of sustainability of supply (stop of manufacturing a

product), can also affect the performances planned for the application in case of

formulation modification of the material and/or the use of a substitute. This article

presents the internal tools developed by the CNES for a proactive approach of risk

assessment in short, average and long term and the set-up of external networks

(industrials and agencies) allowing the exchange of information and solutions.
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Introduction

Registration, Evaluation, and Authorisation of Chemicals (REACH) applies to all

chemicals imported or manufactured in the European Economic Area (EEA).

The aim is to strengthen the knowledge on the risk of use of chemicals substances,

raw materials or included in a preparation (glue, paint. . .), or an article (mechanical

part, tape. . .) and to improve the protection of the human health andof the environment.

The regulation has come into force in Europe since June 1st, 2007. It is based on

four procedures:

• Registration: Substances shall not be manufactured in the EEA or placed on the

market unless they have been registered with the the European Chemicals

Agency (ECHA). The registration of chemical substances is mandatory other-

wise no EU market is possible for materials impacted.

• Evaluation: REACh shifts the responsibility for the demonstration of a safe use

of chemicals from authorities to industries. The evaluation is the control tool of

the ECHA. The registration file evaluation includes the examination of the tests

proposals from the manufacturers and the importers and the recording confor-

mity control.

• Authorization: Substances that are identified as Substance of Very High Concern
(SVHC) may enter the authorisation procedure.

The eligible list of substances in the authorization process is called candidate

list. The SVHC identification to introduce into the candidate list is made twice a

year. The prioritization result will issue partially from the COmmunity Rolling
Action Plan (CORAP). Substances of the candidate list will be gradually

included, allowing exception, in the annex XIV of the REACh regulation.

Once included in that annex, they cannot be placed on the market or used after

a date to be set (the so-called ‘sunset’ date) unless an authorisation is granted.

Authorisations are only granted for a limited time and undergo periodic reviews.

All not authorised uses have to be phased out.

• Restriction: the notion already exists in the past regulations before REACH.

Certain uses of a Substance of Very High Concern will be forbidden (described

in the Appendix XVII).

The decision to include a substance in one of the annexes of the regulation is

taken by ECHA and the European Commission after opinion and consultation of

member countries.

Chemical substances which enter the composition of products regularly used for

space applications may be present in the annexes of the regulation generating a risk

of obsolescence in the shorter, mid or longer term. This new risk could be late

discovered in a program development and generate the qualifications questioning. It

would increase the costs associated to re-qualifications and delays on the schedules.

There is no unique solution but answers to be brought to every project according to

its progress. This risk, in term of supply sustainability (stop of manufacturing a

product) can also affect the performances aimed for the application in case of the

material formulation modification and/or the use of a substitute.
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That is why, the CNES set up internal tools for a proactive approach of risk

assessment in short, average and long term while setting up external networks

(industrials and agencies) allowing the information and solutions exchange. Indeed,

this problem concerns all the actors of the space domain and can even find solutions

in other technical domains (aeronautics, automobile)

The consequences of the REACh regulation and the small volume of the space

market with regard to the chemical industry for example is going to make difficult

the preservation of the “space exceptions”. There is a rationalization of the number

of chemical substances and thus of usable products. The main question is to

identify, in our “niche” market, products technically essential and impacted by

the REACh regulation.

REACh applies to every materials family in particular organic materials (paints,

composite, glues), metallic materials (with chromium compounds for surface

treatments for example) and even materials for the electronics.

Launchers, satellites, probes and inhabited structures are users of these risky

materials. They have to take into account the regulations and find solutions to these

obsolescence problems. Substances used on the CNES sites for ground applications

are also concerned as well as that used during the implementation processes.

Risk Assessment

– At the national level.

The CNES sets up a project group piloted by the Quality directory (IGQ) to answer

to this new problem. This group leans on correspondents in every centre who have

the responsibility of various activities susceptible to be confrontedwith the REACh

regulation: projects, quality and the functioning of the centres. The various centres

are represented with a different approach between launchers orbital systems for

which an internal work is carried on to to take care of the REACh constraints

directly. This group established contacts with the space and not space industrials.

– At the European level.

The CNES participates to the working group “MPTB” Material/Process Tech-
nical Board gathering: ESA, Thales Alenia Space, AIRBUS Defence and space,

RUAG, MAP, OHB, DLR and Heraklès. Joint actions on the REACh problem

are proposed and piloted by the working group members [1].

The roles of these various groups are:

• To understand the regulation and its application in our activities.

• To inform the actors/users at CNES level.

• To inform the industrial actors in particular SME/SMI, laboratories.

• To measure the impact of the regulation on our products (risk assessment, early

evaluation of risky substances for short term, mid-term and long term.

• To propose corrective actions that may include qualification of alternative

technologies, development of alternatives, and preparation of relevant dossiers

for REACH authorisation or exemption for space-related applications.
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• To develop a Road Map.

• To make sure the traceability/archiving of the risks for materials/processes.

The identification of risky materials and processes is based on the following

approach:

1. Set up of the materials list used in the satellite projects and launchers. The joint

materials database of the MPTB WG contains currently about 1700 records.

2. Set up of the substances list included in these materials. The risk analysis

required all materials to be split down into components based on their Materials

Safety Data Sheet (MSDS). This list is called the space substances list.

3. Crosscheck the list of space substances with lists of substances identified as

critical (from ECHA, national lists, non-governmental lists. . .).

– Most imminent risks are evident for substances that appear in Annex XIV or

are recommended for Annex XIV inclusion.

– Mid-term risks may be considered for substances that have entered the

candidate list or have been proposed as SVHC.

– A very interesting reference database for establishment of potential long-term

risks is the SIN (Substitute it Now) list. It is a Non-Governmental organisa-

tion (NGO) list for replacement of toxic substances.

4. Identification of critical materials for space projects: list of High Concern

materials.

5. Risks prioritization using entries from other partners, other technical fields.

6. Action plan: roadmap, R&T studies for substitution, crossed tests campaign for

delta qualification, discussion on plan test.

2014 Reach Status

– Short term impact:

Since 2012, Substances included in Annex XIV has increased: from 14 substances

in 2012, 27 in 2013, it reaches 37 substances in 2014. Thanks to our crosscheck we

have identified:

! 11 space substances and 36 impacted space materials

The main impacted technological domain is:

– Surface treatments: anti-corrosion protections, adhesion primer, solvents, sur-

faces activation processes, cleaning agent.

Some examples are given:

Chromic acid (CAS number: 1333-82-0), sunset date in September 2017.

13 space materials are impacted in the field of surface treatment, for example

Alodine ®1200 widely used for the aluminium alloys protection.

Strontium chromate (CAS number: 7789-06-2),
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9 space materials are impacted in the field of surface preparation, for example,

BR®127 used also for its activation properties.

! This inventory allowed us to confirm that the space domain is concerned

with the REACh regulation in short term ½2�

– Mid-term impact.

The crosscheck is done with the Candidate List: (List of substances liable to be

introduced in Annex XIV). 138 substances are identified by the process of autho-

rization. ECHA aims at reaching 1000 substances before 2020. The result is:

! 21 space substances and 58 space materials impacted

Technological domains impacted in the mid-term are the following:

– Surface treatments,

– Lubricants (solvent),

– Inks,

– Polymers for PCB (solvents, resins) and adhesive systems (solvents, constituent

of glues),

– Propulsion of satellites and launchers.

Some examples are given below:

Hydrazine (CAS number: 302-01-2) is a mono-ergol for the launchers and the

satellites attitude control.

Diboron trioxide (CAS number 1303-86-2) used in Cho-term®1671, very used

as thermal conductive elastomer for space application.

– M&P impacted in the long term.

The SIN list (NGO list) is used to anticipate substances susceptible to appear in

the candidate list and finally in the Annex XIV.

! 50 space substances and 180 space materials impacted

The effects on the European space programs can be significant in terms of costly

new products, process developments and space validation of alternative solutions.

With the long life-cycle of space programs, there is a need to actively manage this

risk taking into consideration the associated costs.
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Risks Associated

Penal and Financial Risks

CNES as importer of certain raw materials and specific scientific equipments (from

outside EU) has obligation of knowledge and communication (through the supply

chain) of Candidate List substances present in more than 0.1% in imported articles.

Some penalties are statutory inside REACh regulation.

For every material and material involved in processes, we need to have:

• Technical data sheet and MSDS up to date, or

• Compliance letter from suppliers updated at each update of the Candidate List.

Obsolescence Risks of Qualified Materials, Processes
and Technologies

This is the main risk concerning our products induced by the substances/materials

disappearance of the European market.

The chosen proactive approach allows to anticipate at best the regulation

evolutions and to try to give a more time to the projects to modify a design

and/or validate/re-qualify materials and/or processes impacted.

Quality Risk: Decrease in Performances

This risk is difficult to deal with because we can find substitute but the properties

could be lower than nominal materials. Another option is to face materials compo-

sition evolution without any change in the material name or in the MSDS file.

In our specific environment, lessons learned show that many anomalies or early

ageing are due to materials/processes changes even in very small quantities.

Another risk is the non-space grade substitute. “Commercial” products are not

specifically designed for our applications. Thus, we will need an effort (time and

budget) to adapt them to our constraints.

Possible Actions

It is necessary to have a multi-approach strategy including compromise. Some

general guidelines are given in the following paragraph.
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– For new projects, we must take into account REACh Regulation from the project

early development phases for example as early as conception (design) in order to

save time and cost. It would be feasible if new approaches are considered for

examples in manufacturing.

– Several solutions could be necessary to assure one function. Currently, for

surface treatment, we are used to work with one product for all aluminum alloys.

Tomorrow we could have to use two different substitutes for the same function

on different types of aluminum alloys.

– We must support new processes without chemicals. Example: laser surface

preparation in order to avoid chemical product for surface treatment.

– New manufacturing processes are stand up and must be an alternative way. For

examples: additive layers manufacturing could reduce chemical in processes.

– We can change processes with the target to maintain performances but to reduce

chemicals. One example is to replace solvents in paints by water.

– Some substitutions will have to be done but it will be a long process and it will

demand budget and anticipation.

– The use of Authorization/exemption REACh procedure is not space dedicated. It

is reserved to strategic Defense materials. For addressing such an issue, this

needs budget, anticipation and common approach from users and suppliers.

Conclusions

REACH addresses the negative effects of chemicals to human health and environ-

ment. Through this innovative regulation, a progressive reduction of available

materials and processes is expected. Impairment of quality and reliability or even

loss of critical technologies through obsolescence of qualified materials and pro-

cesses must be avoided. CNES and its European partners (MPTB WG) set up tools

and methods to try to make a status of space activities situation and to answer the

first requirements of the regulation. The results of the first activities show:

We are facing an evolution of the landscape of chemical substances. There is an

important work to make on materials, on processes and technologies.

The effort to comply with REACh regulation is consequent now and at middle term.

We must establish a long-term view, develop a risk matrix, and place appropriate

actions for risk mitigation.

REACh is a new constraint in the current and future space developments. For the

space actors, it implies anticipation and follow-up of the evolutions.

Communication/information and sharing results are essential to optimize and

limit the costs relative to the studies of substitution/re-qualification of the M&P.

The REACH Regulation and the Space Activities 165



References

1. Rohr T, Bourrouilh C, Meurice D, McNair I, Tonon C, Cocheteau V, Combes H, Durin C,

Laurent E, Burkhardt H, Cirone R, Contino MC, Ghidini T, Williamson J, Besson JM,

Guillaumon O, Nowak M, Richter F, Becker T, Coello-Vera A, Allard P, Merillat S, Andre S,

Lambert M, Triaud P, Moess E (2012) Impact of REACh legislation on European space

programs. In: Proceedings of the12th international symposium on materials in the space

environment

2. Laurent E, Durin Ch (2012) The consideration of the regulation REACh in the space activities.

Actu Composant CNES N˚38

166 C. Durin et al.



Chinese Standard GJB 2502 for Test

Methods of Spacecraft Thermal Control

Coatings

Feng Weiquan

Abstract Spacecraft Thermal control materials such as various paints, OSR,

Al-Kapton etc. need to be tested before they are used in spacecraft. Space environ-

ment such as electron, proton and UV factors etc. in Geosynchronous Orbit (GEO)

or Low Earth Orbit (LEO) have severe degradation effects of solar absorptance, etc.

The Chinese standard GJB2502 includes test methods of spacecraft thermal control

coatings and covers the measurement of solar absorptance and emissivity, atomic

oxygen test, ultraviolet test, electron and proton test, thermal cycle test, combined

irradiation test, aero-dynamical environment test, etc. This paper introduces the

process and main features of the standard such as test condition, test sample and test

facility, etc..

Keywords Spacecraft • Thermal control coatings • Environment • Degradation •

Simulation test • In-situ measurement • Space materials’ test standard

Introduction

Spacecraft thermal control coatings are the most commonly used means of passive

control of spacecraft temperature. Spacecraft temperature is an important factor for

the satellite reliability and long-life performance. Space environments for thermal

control coating application involve mainly vacuum, high and low temperature,

electron irradiation, proton radiation, ultraviolet radiation, atomic oxygen, plasma,

space debris and cosmic dust, and the harmful pollution induced by spacecraft.

Under interaction with these environmental factors, thermal control coatings may

develop a variety of degradation paths in thermal properties, optical properties,

electrical properties, mechanical properties and vacuum characteristics etc., reduce

the performance and service life, and even affect the operation of spacecraft.
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Because thermal control coatings are exposed to the environment directly and

the environmental conditions during life of spacecraft are very harsh, the thermal

radiation performance degradation of thermal control coatings occurs generally on

orbit. Various environmental tests and measurement for selection and quality

control are very necessary. Standard test methods for thermal control coatings are

important for the quality assurance of test. This paper introduces the forming

process and the main contents of Chinese spacecraft thermal control coating test

standard GJB2502-2006.

General Description

Chinese standards are divided into four levels: the national standard (GB, GJB),

industry level standards, local standards and enterprise standards. GB is first letter

for Chinese Pinyin of national standard. GJB is first letter for Chinese Pinyin of

national military standard.

GJB is the requirements for Chinese military products in technology and man-

agement process, concept, procedure and method. Civilian products can use GJB

standard if there are no similar GB standards. At present, GJB2502-2006 is the

highest standard in China for test method of spacecraft thermal control coatings.

GJB 2502-2006 is a series of standards, which is divided into ten parts as

follows: general [1], measurement of solar absorptance [2], measurement of emis-

sivity [3], aerodynamic environment test [4], ultraviolet irradiation test in vacuum

[5], proton irradiation test in vacuum [6], electron irradiation test in vacuum [7],

thermal cycling test [8], atomic oxygen test [9], combined irradiation test

[10]. There are two versions for GJB2502. The first version GJB 2502-1999 was

released in 1999. The second version GJB2502-2006 was released in 2006.

The revision of GJB 2502-1999 was started in 2003. Compared with GJB2502-

1999, the contents in GJB2502-2006 were significantly changed. Since it was ten

years of using GJB2502-1999, Chinese space technologies had experienced much

progress in application, materials, testing. Revision included adding atomic oxygen

test, combined irradiation test, requiring in situ measurement for solar absorptance

measurement during environment test, requiring testing in vacuum for electron and

proton irradiation, increasing requirement for the dose-profile analysis for space

and ground charged particles, paying much more attention to low-energy charged

particle irradiation since it is more important for surface property degradation.

During that time, application was expanded from satellite to manned spacecraft,

space station, lunar probe, etc. GJB2502-2006 use new name with spacecraft

instead of satellite. The life of satellites was extended for GEO communication

satellites from the 8 to 15 years.
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Main Features

General (GJB 2502.1-2206)

This part provides the spacecraft thermal control coating terminology, general

requirements and test methods list. The terms include thermal control coatings,

solar absorptance, reflectance, solar reflectance, emissivity, hemispherical emis-

sivity, normal emissivity etc. General requirements to the laboratory environ-

ment, calibration for measurement instruments, general requirements for test

records and reports. The environmental test rooms should be clean, with tem-

perature between 15 and 35 �C, with relative humidity between 20 and 60%,

with room pressure of one atmosphere. Table 1 presents the list of standard tests

outlined in GJB2502.

Measurement of Solar Absorptance (GJB 2502.2-2006)

This part specifies method requirements to solar absorptance measurements such as

measurement instrument, specimens, procedures and data processing require-

ments. The main method is spectral reflectance measurement, in which a sample

is placed on window of an integrating sphere of a spectral reflectance instrument.

The wavelength is from 200 to 2600 nm covering most solar energy. After

spectrum reflectance measurement, solar reflectance of samples is calculated

by the following formula.

Table 1 GJB2502-2006 series standards list

No. Standard name Standard number

1 Test method for thermal control coatings of spacecraft part 1:

general

GJB2502.1-2006

2 Test method for thermal control coatings of spacecraft part 2:

measurement of solar absorptance

GJB2502.2-2006

3 Test method for thermal control coatings of spacecraft part 3:

measurement of emissivity

GJB2502.3-2006

4 Test method for thermal control coatings of spacecraft part 4:

aerodynamic environment test

GJB2502.4-2006

5 Test method for thermal control coatings of spacecraft part 5:

ultraviolet irradiation test in vacuum

GJB2502.5-2006

6 Test method for thermal control coatings of spacecraft art 6:

proton irradiation test in vacuum

GJB2502.6-2006

7 Test method for thermal control coatings of spacecraft part 7:

electron irradiation test in vacuum

GJB2502.7 -2006

8 Test method for thermal control coatings of spacecraft part 8:

thermal cycling test

GJB2502.8 -2006

9 Test method for thermal control coatings of spacecraft part 9:

atomic oxygen test

GJB2502.9 -2006

10 Test method for thermal control coatings of spacecraft part 10:

combined irradiation test

GJB2502.10 -2006
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ρs ¼
Xn

i¼1

ρλiES λið ÞΔλi
Xn

i¼1

ES λið ÞΔλi
ð1Þ

where

ρs: solar reflectance of sample;

ρλi: reflectance of samples at wavelength λi;
ES(λi): solar radiation intensity at wavelength λi (W/m2—nm);

Δλi: wavelength interval (nm);

n: wavelength interval number, over 60.

Then solar absorptance of sample is calculated by:

αs ¼ 1� ρs: ð2Þ

where αs: solar absorptance of sample.

There are other methods such as total radiation method which use solar simulator as

a light source to measure solar reflectance of sample. Then solar absorptance is

calculated by formula (2).

Measurement of Emissivity (GJB 2502.3-2006)

This part specifies method requirements to emissivity measurement such as mea-

surement instrument, specimens, procedures and data processing requirements.

Emissivity is defined as the ratio of sample thermal radiation emission and black

body radiation with same temperature. There are two kinds of emissivity which

are hemispherical emissivity and normal emissivity.

There are several emissivity measurement methods, such as calorimetry, reflection

method, energy method and so on. The convenient method for hemispherical

emissivity measurement is to use hemispherical reflectance method with radia-

tion wavelength of 3–30 μm by a emission meter, which is also based on

integrated sphere principle. Hemispherical reflectance is measured according

to following formula:

ρ ¼ ID

σT4
IR

ð3Þ

where

ρ: sample hemispherical reflectance;

TIR: infrared radiation temperature (K);

ID: energy density detected (W/m2);

σ: Stefan Boltzmann constant, 5.67� 10�8 [W/(m2K4)]
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Hemispherical emissivity is

εh ¼ 1� ρ ð4Þ

where: εh—sample emissivity.

Aerodynamic Environment Test (GJB 2502.4-2006)

This part specifies requirements to aerodynamic environment testing such as test

purpose, range and accuracy, principle, test equipment, test conditions, test

specimens, test procedures and data processing requirements. There are two

kinds of this test. One is the erosion test and another is the aerodynamic heating

test for external thermal control coating when spacecraft returns to Earth.

In the erosion test method the wind tunnel test equipment for thermal control

coatings is used to see if there are dynamic erosion effects. Evaluation of the

damage to thermal control coating under wind is conducted by using Mach

numbers from 2 to 7, and by adjusting the blow, air pressure and time.

Aerodynamic heating test method is using iodine tungsten lamp and other test

equipment for gas aerodynamic heating environment simulation test, to check

the damage to the thermal control coatings by temperature. The temperature is

kept at <500 �C.

UV Irradiation Test in Vacuum (GJB 2502.5-2006)

This part specifies the requirements to UV irradiation testing in vacuum including

the test purpose, principle, test equipment, test conditions, test specimens, test

procedures and data processing requirements. Vacuum pressure background is

not more than 1� 10�3 Pa.

Near ultraviolet wavelength range is from 200 to 400 nm with form as close to solar

near-UV as possible. The acceleration factor for Near-UV is less than 5. Irradi-

ation flux is from 118 to 590 W/m2. The irradiation uniformity is better than

85%.

The far ultraviolet wavelength range is from 10 to 200 nm with form as close to

solar Far-UV as possible. The acceleration factor for Far UV is<100. Irradiation

flux for Far UV is from 0.1 to 10 W/m2. The irradiance uniformity is better than

80%.

Solar absorptance during test for all samples must be measured in situ. The sample

temperature is controlled during irradiation in the range of �30 to +50 �C.

Proton Irradiation Test in Vacuum (GJB 2502.6-2006)

This part specifies the requirements tor proton irradiation testing of spacecraft

thermal control coating in vacuum, including test purpose, principle, test equip-

ment, test conditions, test specimens, test procedures and data processing

requirements.
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Vacuum chamber backgraound pressure is <1� 10�3 Pa. Vacuum chamber has a

cryogenic temperature shroud for contamination control. Vacuum system is

based on low or no oil system, continuous no-load running 24 h before irradi-

ation. Organic pollutants in the vacuum chamber is <1� 10�7 g/cm2.

Proton irradiation source is proton source or proton accelerator. The range of

energy for proton source in general is from 10 to 60 keV. For proton accelerators,

the energy is generally in the range 180 keV–6.8 MeV. The proton energy and

current should be continuously adjustable. To ensure the purity of the beam with

proton concetration of more than 95%, a proton analyzer is used for proton

accelerator. The irradiated area must be larger than the sample area. Proton beam

uniformity on target is generally better than 30%. Beam stability per hour on

average is better than 5%. Energy stability per hour is better than 0.1%.

Solar absorptiance must be measured in situ. The sample temperature should be

controlled. The sample number for each kind of thermal control coating is not

less than 3. The sample temperature is generally in the range of �30 to +50 �C.

Electron Irradiation Test in Vacuum (GJB 2502.7)

This part specifies the requirements to electron irradiation testing of spacecraft

thermal control coating in vacuum, including test purpose, principle, test equip-

ment, test conditions, test specimens, test procedures and data processing

requirements.

Vacuum chamber background pressure is <1� 10�3 Pa. Vacuum chamber has a

cryogenic temperature shroud for contamination control. Vacuum system

belongs to low or oil-free system, continuous no-load running 24 h before

irradiation. Organic pollutants in the vacuum chamber should be <1� 10�7 g/

cm2.

Electron gun or electron accelerator is selected as irradiation source. The range of

energy for electron gun in general is from 10 to 60 keV. For electron accelerator,

the energy is generally in the range 180 keV–1 MeV. The electron energy and

current are continuously adjustable. The irradiated area must be larger than the

sample area. Electron beam uniformity on target is generally better than 20%.

Beam stability per hour on average is better than 5%. Energy stability per hour is

better than 0.1%.

Solar absorptiance must be measured in situ. The sample temperature should be

controlled in the range of �30 to +50 �C. The sample number for each kind of

thermal control coating is not <3.

Thermal Cycling Test (GJB 2502.8-2006)

This part spesifies the requirements to thermal cycling testing such as test purpose,

principle, test equipment, test conditions, test specimens, test procedures and

data processe.

Thermal cycle facility consists of two temperature chambers, and can make the

transfer of the specimen rapidly (within 10 s) from one chamber to another

chamber. Sample transferring can be automatically or by hand.
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For low temperature chamber, the humidity must be contoled to avoid a frosting on

specimen. The temperature for high temperature chamber can be able to reach

200 �C. The temperaturefor high temperature chamber is able to reach the

temperature of �160 �C. If methods is to immerse samples in liquid nitrogen,

the temperature can reach�196 �C. The precision of temperature control is 2 �C.
In general, high temperature is about 100 �C, low temperature is about �100 or

�196 �C if using liquid nitrogen. Number of cycle is generally 100–300. Each

kind of thermal control coating, the specimen number must be more than 3. Test

atmosphere is nitrogen for low temperature chamber. Duration of one cycle is

about 90 min. Duration for cold and hot stages are is about 15 min. The slope is

larger than 10 �C/mn.

Atomic Oxygen Test (GJB 2502.9-2006)

This part specifies the requirements to atomic oxygen testing including the purpose,

principle, equipment, conditions, procedures, sample, data processing and

report.

Atomic oxygen kinetic energy is about 5 eV. The atomic oxygen flux density is

from 1� 1014/(cm2 s) to 1� 1016/(cm2 s). Vacuum chamber should be oil-free.

The uniformity of atomic oxygen flux density on sample target is better than

90%. The angle between the atomic oxygen beam and the normal of sample

surface is <10�. Oxygen ion flux density should be three orders less than the

atomic oxygen flux density. The sample temperature is <80 �C. For each

material, specimen number must be more than three. Sample mass loss and

solar absorptance degradation, emissivity are measured after this environmental

testing.

Combined Irradiation Test (GJB 2502.10-2006)

This standard part specifies the requirements to combined irradiation environment

testing inlcuding the purpose, principle, test equipment, test conditions, test

specimens, test procedures and data treatment. There are three irradiation fac-

tors, i.e., UV, proton and electron.

The requirements for vacuum, temperature, electron, proton and UV are same with

requirements of single ultraviolet, electron and proton irradiation test. The angle

between the electron, proton and UV irradiation and the normal direction of

samples is <30�.
The electron, proton and UV are irradiated on samples together at the same time as

possible. At least, the electron or proton are irradiated with UV together on

samples at the same time. Electrons and protons can alternate their irradiation

during that time. Their irradiation sequence is not required. Each material

specimen number must be more than three. Solar absorptance degradation

must be measured in situ.
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Revision Suggestion

GJB2502-2006 standard has been used for 10 years. It plays an important role in

quality control of spacecraft thermal control coatings in our country. However,

some problems were found during applications. New applications and advanced

technologies are developing rapidly during these years. The main revision contents

of GJB2502-2006 are suggested as follows:

1. Test condition determination.

Laboratory simulation experiment is the main means of environmental evalua-

tion of thermal control coatings. Due to complicated space environments to be

simulated, it is not possible to create in the laboratory the same environmental

conditions as in orbit. Thus the conditions in the standard test method are very

crucial. Real environment conditions determination, environmental effects

determination and determination of the simulated environmental conditions

based on equivalent condition effects are important to ensure that the ground

tests, within a reasonable margin, are not seriously overdesigned or

underdesigned.

2. Degradation prediction methods.

The life of spacecraft is quite long and can easily reach 15 years. Degradation of

properties of thermal control coating under the influence of space environment

follows some routs in which, generally, it proceeds quickly at first, then slows

down at later stages. Degradation models need to be established with test data

and to be used to predict the degradation in time, which can greatly shorten the

test time.

3. Surface electrical resistivity measurement.

The surface electrical resistance of thermal control coating is more and more

important for control of space surface charging of spacecraft. Surface charging

of spacecraft especially in GEO results in ESD effects that can affect operation

of spacecraft electronics. For that reason, the degradation of surface electrical

resistivity need to be measured during tests.

4. Micro-debris impacting test method.

Thermal control coatings suffer from a large number of impacts by micro debris

and micrometeoroids that produce so called sand erosion effects on surface, and

make the reduce the functional properties of affected materials. The resistance to

micrometeoroid impact is an important problem in the design of spacecraft.

While the micrometeoroids are very small, the number of impacts over for a long

time can be substantial, cause surface damage. Hypervelocity impact testing

should be conducted using simulated micro-debris on the thermal control coat-

ing used on the outer surfaces of the spacecraft.
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Conclusions

The space environment factors and their effects like vacuum outgassing, particles

and solar electromagnetic radiation, thermal cycling and atomic oxygen environ-

ment are affecting strongly the properties of spacecraft thermal control coatings.

The development of GJB2502 standard has played an important role in ensuring the

quality of thermal control coatings on spacecraft, strengthening the control process

of spacecraft thermal control system and improving the quality and reliability of

spacecraft. The ground simulation tests have been successfully applied to various

types of spacecraft thermal control coatings. A number of recent new developments

and advancements in test technology and testing methods require revision of

GJB2052. The tight monitoring and control of anti-static requirements of spacecraft

surfaces is necessary for thermal control coatings in GEO. The toxicity effects

should be of much concern for coatings used in space station. Micro-debris effects

have been considered for LEO spacecraft. Materials’ outgassing has been a threat to
the optical components of spacecraft and should be addressed.
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Biomimetic Gecko Micro/

Nano-Structures Adhesive Array

for Space Application

Luojing Chen, Shanshan Du, Qiujie Lv, Mo Wang, and Danying Fu

Abstract The toe surface of the gecko has two elaborate hierarchica1 structures,

micro-scale seta array and nano-scale spatula array, which result in the van der

Waals force because of the realization of molecu1ar contact between the spatulas

and contact surfaces. Because gecko adhesives rely on van der Waals force to create

adhesion, they are fundamentally insensitive to temperature, pressure, and radia-

tion. This makes them ideally suited for space applications. Key to this new

capability, targets will not need special preparation; gecko adhesives can be used

for capturing space objects like space debris. A tool with fixed gecko adhesives that

can grip a variety of surfaces, both rigid and soft, without the need for careful

planning, is needed to assure success. Gecko adhesive technology that mimics the

ability of gecko to adhere to a target, will be a new way of on-orbit docking.

Firstly, the development of on-orbit docking technologies is discussed. The

progress of domestic (Chinese) and foreign efforts made in this domain was

summarized, including the attachment and detachment mechanisms of biomimetic

gecko micro/nano-structures adhesive array and the fabrication methods. Then,

various possible applications of the adhesive array in space are analyzed. Finally,

the key technologies are proposed that aim at researching the adhesion and contact

mechanism and design the parameters suitable for fabricating good capability

biomimetic gecko micro-arrays.

Keywords Gecko adhesive • Van der Waals force • Micro/nano-array • Space

application • Key technologies

Introduction

With the development of docking technologies, On-Orbit Servicing (OOS) is

expected to play an increasingly important role in future space activities. Almost

all OOS need to capture the object first, that is on-orbit docking. Usually, current
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on-orbit docking technology utilized robotic arms, which capture heads incorpo-

rating mechanical grippers, to grapple targets. These targets could provide reflec-

tors/visual aids, a standard interface for capture, and a load path for joint vehicle

control during mated operations. Moreover, they could ensure no velocity or impact

to target during mating or separation. However, the damaged, malfunctioned

satellites or space debris are already existing in orbit, as well as the satellites

scheduled to be launched recently, are generally non-cooperative, such as neither

any artificial patterns used for measurement, grappling fixtures for capturing, nor

specially designed mechanisms for docking, are mounted on them. They have

unknown tumble rates, unknown dynamics for extended structures, unknown con-

dition of metal or structures to be used for grappling, Unknown propellant load and

associated dynamics. The technology of gripping these targets is now a technical

bottleneck hard to break. This paper intends to adopt the biomimetic gecko micro/

nano-structures adhesive array as a new kind of capture load for on-orbit service,

and explore the application of bionic adhesion materials in space.

Background

Geckos have an extraordinary ability which allow them to defy gravity by climbing

vertical surfaces, for the adhesion is robust enough to function on unknown rough

surfaces and also easily releasable on animal movement. It’s demonstrated in 2000

by Autumn that gecko’s special adhesion ability arises from the van der Walls

interaction between the “hairy” system on the gecko foot and the contacted surface

[1–5]. The toe surface of the gecko has two elaborate hierarchica1 structures,

micro-scale seta array and nano-scale spatula array, which result in the van der

Waals force because of the realization of molecu1ar contact between the spatulas

and contacted surfaces (Fig. 1).

Since Autumn’s paper published in Nature, gecko setae design and production is
rapidly becoming a hot topic in the international arena. Inspired by the merits of the

fine adhesive structure, gecko adhesives were first fabricated in 2003. In recent

years, the development of physics, chemistry, MEMS processing technology

Fig. 1 The hierarchical structure of Tokay Gecko foot
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promotes research of micro/nano polymer gecko adhesion array [6–16]. The

research of biomimetic gecko adhesion array has culminated in preliminary results

on the mechanism and in fabrication and testing [17–23].

Space Applications

Biomimetic gecko micro/nano-structures adhesive array has many capabilities,

such as a large adhesion force, a good adaptive ability to rough surfaces, harmless

to the contact surfaces, self-cleaning property, durability and reusability [24–

26]. Because fibrillar adhesives rely on van der Waals forces to create adhesion,

they are fundamentally insensitive to pressure, temperature and radiation. In com-

parison to approaches of magnets (which need ferrous surfaces) and suction cups

(which requires a smooth surface and does not work in vacuum) for adhesion,

biomimetic gecko adhesion is passive and has a compelling advantage to stick to

nearly any surface in low pressure environments. Potentially, this type of adhesion

would therefore be suitable for use in extraterrestrial environments as well as

microgravity and vacuum environments, thus making them ideally suited for

space applications where conventional pressure sensitive adhesives often fail due

to evaporation, embrittlement, and other forms of material degradation common to

natively tacky materials. Several emerging needs in Earth orbit require the adhesive

ability to controllably stick and detach from the objects. Another advantage of the

adhesive array is that it provides a method for capturing and controlling an

unpredictably sized and shaped object. The object is not required to have any

standard attachment points. This allows the present method to be used for recover-

ing objects smaller than or larger than the adhesive capture head size. Also, objects

having rough, smooth, or complex shapes may be recovered, including non

man-made objects including space debris or asteroids. Various possible target

applications, such as orbital debris clearance, rendezvous and docking, robotic

inspection of reentry tiles, astronaut EVA, satellite servicing, and in space assem-

bly, could all benefit from this type of adhesive [27]. These space applications are

discussed below:

1. Orbital Servicing Biomimetic gecko micro/nano-structures adhesive array used

for adhesive capture head could have capability of servicing multiple customers.

• Servicing/Repair The adhesive capture head could allow grappling and

gripping of satellites, cubesats, and react the forces of repair and retrieval,

such as repositioning, life extension services, component swap-out and

on-orbit assembly retrieval.

• Asset Inspection The adhesive capture head could adhere to the exterior of

an orbiting spacecraft to detect leaks and micrometeorite damage.

2. Debris mitigation The adhesive capture head could attach to, de-spin and

de-orbit massive, tumbling, uncontrolled targets, such as retired satellites,

NEOs and space rocks and tools lost during EVAs.
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3. Asteroids Sample Return The adhesive capture head could controllably attach

and detach from asteroids.

Traditional docking methods require the capturing mechanisms to accurately

aim at the capturing position on the targets that brings rigorous demand of relative

precision relative navigation and control for on-orbit servicer. Compared with the

traditional methods (using multi-fingers, docking mechanism with apofogee kick

motor, parallel jaw gripper, bolt hole gripper [28–34]), the method where biomi-

metic gecko micro/nano-structures adhesive array are used, would therefore be

suitable for use in extraterrestrial environments as well as microgravity and vacuum

environments. Such technology has many capabilities, such as providing the ability

to recover objects faster than with mechanical grippers. The present method does

not depend on the same degree of fine control as many types of mechanical

grippers. By enlarging the area of adhesive array, it would reduce the high demands

of stabilization and precision for attitude control of servicer. Yet another advantage

of the present method is that it provides a method for capturing and controlling an

object with unpredictable material, size and shape properties. The adhesive array

can conform to the shape, topography, and/or texture of the object prior to the

adhesive capture device making initial contact with the object. This method can

tolerate much wider ranges of relative velocity and relative rates and may enable

simpler rendezvous sensors. The adhesive array can be switched on or off quickly

(<50 ms). The object is not required to have any standard attachment points. This

allows the present technology to be used for recovering objects smaller than or

larger than the capture head size. Also, objects having rough, smooth, or complex

shapes may be recovered, including non man-made objects including space debris

or asteroids.

Key Technologies

The Performance of the Adhesive Array in Space Environment

The space environment and the effects of its interaction with materials, i.e., thermal

vacuum, thermal cycling, atomic oxygen erosion, ultraviolet radiation, charged

particles irradiation, micrometeoroid and debris impacts, presents a substantial

risk to space systems. The atomic oxygen erosion, ultraviolet radiation and charged

particles irradiation in space have significant effects on the LEO space systems.

They would severely erode many materials of the spacecraft surface, especially the

serious damage effects of polymer materials, would affect the dimensional stability,

physical properties and mechanical properties of these materials. For example,

atomic oxygen reacts with many commonly used spacecraft materials resulting in

degradation and mass erosion of exposed spacecraft surfaces. The ability of nano-

scale materials that have high specific surface area and high reactivity to maintain

stability in the harsh space environment is yet to be determined. As the biomimetic
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gecko micro/nano-structures adhesive array is directly exposed to the space envi-

ronment, it is particularly vulnerable to damage. Currently, very little attention has

been paid to the performance of the adhesive array in space environment, there are

few results for the adhesion mechanism. The project aims to study how the

performance of the adhesive array changes in the space environment, as well as

the evolution mechanism and enlistment life (research roadmap is shown in Fig. 2).

Choice of Adhesion Position on Spacecraft or Satellite

Based on the non-specific adhesion characteristics and flexibility of the biomimetic

materials, the capture tool with the installed biomimetic gecko micro/nano-

structured adhesive arrays could attach to the space object surface with a small

preload. Instead of targeting a specific hard point on an object for grappling,

adhesive array enables the grappling at almost any surfaces on the space objects,

including flat plates like solar panels, radiators, and other structures, curved sur-

faces like fuel tanks and tubing, and even flexible surfaces like Multi-Layer

Insulation blankets (MLI).

Considering the factors affecting reliable adhesion, such as shape features,

movement characteristics, surface materials, structural strength and mass of space

target, as well as impact velocity when adhering, the best adhesion position on the

target would be obtained. These factors need to be considered and are discussed

below.

Shape Characteristics of Adhesion Target The first factor is the shape charac-

teristics of the target surface at the point of adhesion, especially its surface

matching degree. For example, for an arc-shaped position, such as parabolic

antenna or marmon ring, the adhesion array should be arc shaped. Furthermore,

Fig. 2 Research on performance of the adhesive array in space environment
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the less is the surface roughness at the adhesion position, the better adhesion effect

can be achieved.

Adhesion Position Can Be Reached Because a load has to be applied to the gecko

micro/nano-structured adhesive arrays to attach them to the space object, the

adhesion position should not be obstructed.

Stiffness and Strength The target surface at the gecko attachment position needs

to meet the requirements of stiffness and strength when the adhesion load is applied

to attach the gecko array, and can satisfy the stress requirements of the adhesion

operation at the same time.

Security Requirement In selecting the positioning of the gecko micro/nano-

structured adhesive arrays, the areas of contact with the target should be positioned

away from the engine plume range to avoid contamination and possible damage to

the arrays. The forces and torques induced by the plume would affect the perfor-

mance of the gecko micro/nano-structured adhesive arrays.

Evaluation Method of Adhesion Position on Spacecraft or
Satellite

Due to large differences between the space environment conditions and the terres-

trial conditions, the aging mechanisms are absolutely different. The vacuum causes

sublimation and outgassing, with some materials affected more than the others. The

vacuum outgassing and atomic oxygen erosion products of polymer materials are

the major sources of molecular contamination in low Earth orbit (LEO) space

environment. The subsequent condensation of the sublimed vapor on cold surfaces

can cause short circuits in electrical parts and reduced optical performance. The

vacuum evaporation, sublimation and decomposition of materials are major factors

leading to performance degradation. Proper material selection and venting is

needed to reduce or avoid deterioration in performance. Any material can be used

in space as long as the volatile content is <0.1% and the total mass loss in space is

<1%.

How to evaluate the adhesive performance of the biomimetic gecko micro/nano-

structures adhesive array in terrestrial conditions and how to prolong its reliability

and life are important problems. Some typical materials used in spacecraft or

satellite designs were selected for adhesion samples. The effects of the outgassing

volume and rate under different low-pressure conditions were studied (research

roadmap is shown in Fig. 3). The solar panels, radiators, marmon ring, parabolic

reflection antenna, fuel tanks, and MLI were initially studied and the possible

adhesion positions preliminary selected. In accordance with the roadmap, by

measuring the adhesion performance on various spacecraft surfaces (variety of

materials, surface morphologies and roughness), appropriate testing and evaluation

methods of selecting the adhesion position on various potential targets for gecko

182 L. Chen et al.



arrays adhesion will be identified that will help revealing the internal mechanisms

and the key factors influencing the adhesion performance in space environment.

The adhesion performance between the biomimetic gecko micro/nano-structures

adhesive array and adhesion samples in thermal vacuum environment will be

conducted in an experimental apparatus consisting of a thermal vacuum chamber

providing vacuum conditions and temperature from �100 to +130 �C, a

two-dimensional force sensor test system, a data acquisition, a control system, a

regulated power supply, a thermal control system and a test sample. The testing

would verify the adhesive’s performance in Earth-orbit like conditions. A sche-

matic diagram of the test setup is shown in Fig. 4.

Adhesion Device Design

The adhesion device includes a control system, an adhesive capture head and an

expandable sleeve. For the typical mode of OOS, such as capturing the

decommissioned or malfunctioned satellites, the design of adhesion device should

satisfy the requirements of different adhesion targets and variety of service func-

tions. These requirements are discussed below:

1. The sleeve of the adhesion device should be expandable and retractable between

the fixed and free end.

Fig. 3 Roadmap of research on adhesion mechanism of the adhesive array to different targets in

space environment
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2. The control system should be able to move the adhesive capture head closer to

the target if it determines that the adhesive capture head is not close enough to

the object to capture it.

3. The control system should be able to minimize the relative velocity between the

adhesive capture head and the target, if the adhesive capture head is close

enough to the object.

4. The control system should be able to move the target after its motion has been

arrested.

5. The adhesive capture head should be able to capture and control an

unpredictably sized and shaped object. It provides a method to conform to the

shape, topography, and/or texture of the object prior to the adhesion device

making initial contact with the object.

6. The adhesion device should minimize likelihood of damage to sensitive outer

coverings or electronics on recoverable payloads of the object.

7. The operation of adhesion device should also minimize the impact to the object

and servicer in the capture and departure process, to keep the attitude stabiliza-

tion of them.

Conclusions

The potential advantages of biomimetic gecko micro/nano-structures adhesive

arrays and the particular problems of this material in space have been discussed.

Among its applications, the satellite servicing (refueling, repairing, or upgrading) is

seen as a promising application that will allow extending the life of large, high-

priced existing and future satellites.

Fig. 4 Adhesion performance experimental apparatus
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The initiated study is designed to understand how the performance of the

adhesive array changes in space environment, including its evolution mechanism

and enlistment life. By investigating the adhesion performance of gecko style arrays

on various spacecraft surfaces, we will establish the test and evaluation method for

selecting the appropriate adhesion position on the targets. Such studies will allow

revealing the internal mechanisms and the key factors influencing the adhesion

performance in the space environment. The results will help to establish an aca-

demic and technical base for developing on-orbit servicing stations based on the

biomimetic gecko micro/nano-structures arrays. The results of this study can be

also applied to new applications of the biomimetic technology to solve problems in

space environment and help to improve the development of inter-disciplinary

approaches in space science, materials science, nanotechnology and manufacturing

science.
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Polymer Surface Modification for Space

Applications

J.I. Kleiman

Abstract Many polymers, paints and organic-based materials exposed to space

environment undergo dramatic changes and irreversible degradation of physical

and functional characteristics. A number of protective schemes are used to reduce

the effects of space environment among which protective coatings, mechanical

metal foil wrapping or cladding, specially synthesized bulk materials can be

mentioned. However, protection of such materials in space still remains a major

challenge, especially for future long duration exploration missions or permanent

space stations. In addition to the traditional approaches, surface modification

processes are used increasingly to protect or to impair new properties to polymers,

paints and other organic-based materials.

A brief overview of surface modification processes developed at ITL for space

materials is presented in this paper. The developed processes helped to change the

surface properties of treated materials thus protecting them from the hazards of low

Earth orbit (LEO) and Geostationary orbit (GEO) environments or impairing new

functional properties to space materials used in LEO/GEO.

Keywords Surfacemodification • Space environment • Lowearth orbit • PhotosilTM •

ImplantoxTM • CarbosurfTM

Introduction

Among the major problems encountered by polymer materials, paints, graphite and

polymer-based composites in LEO and GEO space environments one can mention

erosion of materials in LEO due to the atomic oxygen effects, change in such

functional characteristics like thermal optical properties, surface charging and

space equipment performance degradation of high-voltage solar arrays due to

arcing in GEO and secondary arcs on solar generators and a number of other

problems in long-term modern antennae performance in GEO.
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Figure 1 provides compelling evidence of the effects of low Earth orbit on such

tough materials as carbon fiber-epoxy composite materials.

Higher energy erosion processes, such as physical sputtering, are well under-

stood for polymers. Chemical reactions of polymer oxidation at thermal energies,

including those by thermal atomic oxygen, are also well understood, yet only a few

attempts have been made to study the basic aspects of the accelerated mechanism of

polymer erosion by energetic neutral beams [1, 2], (Fig. 2).

In general, the cost of developing new polymer materials and paints for use in

space is very high, because of constraints on bulk optical, thermal and mechanical

properties. Presently a number of different technological solutions are offered to

solve the problems discussed above [3–7] (see also the references therein).

Fig. 1 Optical microscopy analysis of a cross-sectioned carbon fiber-epoxy 4-ply composite

material tube (~50 mm in diameter) exposed to the LEO environment for ~4.5 years on the

LDEF satellite. Images in (a) through (e) show the state of eroded surface on the composite tube

sample. (f) Schematically presents the locations of the above regions on the tube in relation to the

incoming atomic oxygen flux (the direction of the incoming flux is marked with an arrow)

Fig. 2 Scanning electron microscopy (SEM) analysis of polymer surfaces exposed to fast atomic

oxygen (FAO) fluxes in a low Earth orbit simulator and to ion beams. (a) SEM image (secondary

electrons) of a PE polymer exposed to a FAO flux of ~4�1015 at/cm2 for 6 h; (b) SEM image

(secondary electrons) of a Kapton HN polymer exposed to a FAO flux of ~4�1015 at/cm2 for 6 h; (c)

cross-sectional SEM image (secondary electrons) of a Teflon polymer exposed to a Krypton gas

flux in an ion-beam vacuum system for 8 h
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Protection is provided by metals or by stable inorganic compounds (mostly by

oxides or oxide-based surface structures). Oxide coatings are often deposited by

one of a few advanced deposition techniques [8]. Also, specially selected or

synthesized materials are used that are able to form oxide(s)-based compounds in

a top surface layer under aggressive oxidative environments due to surface conver-

sion processes [3, 5, 8–13].

In special cases, mechanical protection by metal foil wrapping or cladding may

be used. In addition to structural stability, preservation of important functional

properties, such as optical, thermal-optical, electrical, etc. is often required. Depo-

sition of advanced protective coatings, surface modification of materials, develop-

ment of modern thermal control paint systems, synthesis of special silicones or

other polymers with improved resistance to LEO/GEO environment are the major

trends for protection.

An extensive review on surface modification technologies developed for pro-

tection of materials from the space environment and for impairing new functional

properties to them in different space environments was published in 2010 [14]. The

present paper will review briefly the work on surface modification technologies that

were developed at ITL either to protect the basic properties of the materials [14–24]

or to change them in a desirable way, without altering the bulk properties.

Surface Modification Processes Developed at ITL

A number of surface modification processes were developed in the last 15 years at

ITL for protection of materials, films and structures from LEO environmental

factors, and to change or impair new functional properties to the treated surfaces.

Surface Modification Processes for Protection in LEO

Protective coatings of oxides, such as silicon and aluminum oxides, deposited on

the surface of polymers or composites provide improved erosion resistance in LEO

environment. However, the thin oxide coatings when exposed to thermal cycling in

the LEO space environment develop cracks and/or spalling, mostly because of

interfacial stresses and differences in thermal expansion coefficients between the

coatings and polymers they supposed to protect. These destructive processes leave

the underlying polymeric material exposed to FAO, thus causing extensive surface

erosion. High-quality protection of polymer-based materials in LEO, therefore,

remains a major challenge, especially for future long-duration missions or deployed

space stations.

Surface modification processes designed for protection of materials from the

harsh space environment factors were developed as a complimentary to coatings
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approach that in many cases are lacking the deficiencies of the coating approaches.

Two surface modification processes, one taking a “chemical route” [7] with the

other following the “physical route” [15] were developed by ITL for protecting the

polymer materials from erosion by atomic oxygen in LEO.

In the chemical approach, the surface modification of space-approved, com-

monly used polymer-based materials, paints and CFRP composites enriched their

top surface layers with specially selected elements that are able to form stable

protective oxides or oxide-based protective surface structures in oxidative environ-

ments that allowed preventing erosion and etching in LEO and in other severe

oxidative environments.

The PhotosilTM process is based on a silylation reaction and allows Si to be

incorporated into the sub-surface region of the originally treated material. As a

result of the PhotosilTM process, a newly developed organic structure containing

silicon, carbon, and oxygen atoms bonded in a complex configuration is formed that

stops the destruction of the polymers and thermal control paints in different

oxidizing environments. The depth of the silylated region and the chemical com-

position of the treated regions were established by XPS and SIMS depth profile

analyses. It was confirmed that the silicon atoms penetrated to a depth of at least

0.5 μm.

In essence, the process involves three major steps: UV/air pre-treatment (acti-

vation) of the material, actual silylation, and UV/air post-treatment (stabilization)

of the modified material.

The XPS analysis of a number of treated polymers and thermal control paints as

well as a lacing tape indicated that considerable changes occurred in the treated

regions. The high resolution spectrum of the C1s region contained a new peak at

283.2 eV that may be indicative of a Si–C bonding in a carbide structure. The ratios

between Si, C, and O are characteristic for each material and depend on the

chemical structure of the original polymer. The XPS data for the thermal control

paints indicated a sharp increase in silicon and oxygen contents in the outer portion

of the surface region with a decrease in carbon content and a nearly total disap-

pearance of nitrogen, as a result of Photosil™ treatment. These results verified the

incorporation of silicon-containing groups and confirm the modification of the

sub-surface region of the original paint material.

No mass loss or morphology changes were evident for the PhotosilTM treated

polymer samples after FAO testing. Moreover, the XPS surface content of samples

before and after the FAO testing was practically the same for all analysed samples.

The FAO test results for the other PhotosilTM treated samples showed that the

erosion yields were about two orders of magnitude lower than the erosion yield of

untreated polymer samples. Figure 3 provides an example of a lacing tape product

used on the ISS that was treated by Photosil and exposed to a FAO beam.

Thermal optical characteristics of pristine, Photosil™-treated, and Photosil/

FAO-tested polyurethane-based paints were also evaluated before and after surface

treatment and FAO testing. All paints after surface treatment have maintained their

original thermal optical properties, even after FAO exposure. Both solar absorp-

tance and thermal emittance values remained essentially unchanged within the
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experimental uncertainty (α¼�0.02 and ε¼�0.01). A slight increase of the

thermal emittance of the untreated samples after AO exposure was noticed that

might be due to roughening of the surface by non-uniform erosion of the paint.

Currently, the Photosil™ technology is used to protect painted external compo-

nents of NASA’s Canadarm2 systems [19]. Photosil™ has been used, as well, to

treat painted external components of the Special Purpose Dexterous Manipulator

(SPDM), a sophisticated evolution of the Canadarm installed onboard the Interna-

tional Space Station [19]. Figure 4 shows some space hardware that was treated by

the PhotosilTM process.

Fig. 3 SEM micrograph of lacing tape exposed to oxygen plasma (Effective Fluence ~2�1020
atoms/cm2) before and after PhotosilTM treatment. Magnification 2000�. (a) Untreated surface,

masked section. (b) Untreated surface, exposed section. (c) Treated surface, masked section; (d)

treated surface, exposed section. The black line separates the masked and unmasked regions on the

surface. (e) General view of the lacing tape. The aromatic polyamide (Nomex) flat braided lacing

tape impregnated with a synthetic resin is suitable for use with electrical wire harness assemblies

Fig. 4 Examples of space hardware treated by the PhotosilTM process. (a) The grapple fixture. It is

attached to a satellite or payload for the end effector of the Remote Manipulator System (RMS)

robot arm to grasp it and maneuver it. The grapple fixture is painted with polyurethane-based gray
(Aeroglaze® A276:Z306) and black (Aeroglaze® Z306) paints. (b) Optical target plate/rod. The

assembly is used as a visual alignment aid to assist in positioning the RMS robot arm end effector

over the grapple spike for capture. The visual cues of the target and rod are painted with black
(Aeroglaze® Z306) paint with white (Aeroglaze® A276) markings
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Another surface modification process based on high energy ion beam sources

was developed to modify space-bound materials in order to provide new protective

properties to their surfaces. A method of surface modification of advanced poly-

mers, graphite and carbon-based composites named ImplantoxTM and based on

high-dose ion implantation with Si, Al, Si +Al, Si + B, Si +Al +B, Y, Sm, Gd and

special oxidative post-treatment was developed and patented in 1997 [16, 20–

23]. The developed technology allowed increasing dramatically the erosion and

oxidation resistance of polymer-based materials together with substantial improve-

ments in mechanical, electrical, and optical properties.

In the ImplantoxTM process, a high-dose single or binary ion implantation of

metals or semi-metals is performed into polymers that when combined with a

special following post-treatment produces a graded oxide(s)-based surface layer,

with a variable degree of carbonization, chemically bonded to the original polymer,

and highly resistant to erosion and oxidation. Based on computer simulation and

experimental studies, the implantation energy range required to produce a

50–100 nm thick, modified, protective oxide-based layer in most of the treated

materials was determined to be 20–50 keV and the required ion dose range was

found to be 1016–1017 ions/cm2 [15, 20]. The types of oxides, the degree of surface

carbonization, i.e., the surface content of oxide(s)-based structures and the amount

of carbonized (graphitized) phases in the modified surface layers can be varied and

controlled in a wide range of parameters. Various surface-sensitive properties of the

modified layers, such as mechanical, optical, electrical, etc. can be tailored and

controlled by the conditions of ion implantation and following oxidative post-

treatment. It was confirmed in a number of studies that surface treatment by

ImplantoxTM:

– Protects polymers and composites from space environment in low Earth orbits,

– Increases the oxidation resistance in highly oxidative environments, such as

atomic oxygen, ozone, oxygen plasmas,

– Improves the durability of polymeric materials and coatings,

– Allows to tailor the degree of hydrophobicity and hydrophilicity.

– Allows tailoring of optical and thermal-optical surface properties, including

refraction, reflection, color, and degree of transparency.

It is important to notice that ImplantoxTM as well as the PhotosilTM processes are

not coating processes. During the ImplantoxTM process, the surface layers of the

treated material are modified. Because of this new protection philosophy, problems

of adhesion, thermal mismatch and change in dimensions disappear. Virtually all

hydrocarbon polymers, carbon and CFRP composites can be modified by Implantox
TM that is a non-thermal process, allowing, thus, for low melting temperature

materials to be treated. Since this surface treatment technology is based on

ion-implantation in vacuum, it is absolutely clean and environmentally friendly.

No hazardous materials are used or released in this process.
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The kinetics of mass loss upon exposure to FAO flux during the conversion and

surface stabilization stages presents a clear indication of the development of erosion

resistant, protective surface layer (Fig. 5).

The stabilization and protection effects in Implantox-treated materials can be

explained by examining the surface content of the implanted materials after FAO

testing. A certain amount of carbon was removed from the surface of every material

in the interaction with FAO. The stoichiometry of the surfaces suggested that

protective, oxide-based layers were developed during the conversion processes.

This suggestion was fully confirmed by high-resolution XPS which showed the

formation of implanted metals¼ oxides at the surface as illustrated in Table 1

High quality protection by ImplantoxTM is clearly illustrated in Fig. 6 where two

samples of Kapton and Mylar polymers are shown after an exposure for 1 year in

open space to FAO as part of the NASA Materials on International Space Station

Experiment (MISSE).

Figure 7 presents the results from a high resolution XPS analysis of Kapton and

Mylar samples treated by Implantox and exposed to LEO environment. As can be

seen from Fig. 7, the implanted Si underwent a full conversion to a SiO2.

The major appeal of the ion implantation approach over conventional inorganic

coatings is that the difficulties associated with brittleness, mismatch of coefficients

of thermal expansion, and change in surface morphology are mitigated by creation

of a graded surface modified region.
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Fig. 5 Kinetic plots of mass loss of Kapton polyimide, implanted with silicon and aluminum

(diamonds); with silicon, aluminum and boron (squares) and of an untreated sample (circles)
under fast atomic oxygen and vacuum ultraviolet irradiation exposure. Notice that mass loss in

both implanted samples stopped shortly after the start of the experiment, indicating that full

surface stabilization and protection were achieved
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Surface Modification Processes for Impairing New Functional
Properties

Surface modification of polymers could be used not only for protection of materials

from various space factors but for impairing new properties as well. In this area of

research the use of ion beams has proven to be very successful [25–29].

A surface modification texturing process, SurftexTM was developed at ITL

that changes the appearance of the surface in a controlled manner from a metallic-

Table 1 XPS data for surface composition of implanted polymers after FAO testing

Implanted ions

Concentration of elements detected by XPS (at %)

C O Si Al Other

Kapton

Si 17.0 54.0 29.0 – –

Si–B 24.0 46.0 30.0 – –

Si–Al 30.5 45.6 5.4 17.5 0.9

Si–Al–B 30.7 44.6 6.4 17.1 1.4

PEEK

Si 41.2 39.7 19.1 – –

Si–Al 37.4 41.0 5.6 13.1 2.8

Mylar

Si–Al 43.3 37.8 5.1 12.2 1.6

Si–Al–B 36.3 42.4 5.3 14.1 1.9

Graphite

Si 40.0 41.90 16.6 – 1.5

Si–B 38 44.1 15.6 – 2.0

Fig. 6 Kapton HN (a) and Mylar (b) implanted with Si +B atoms and exposed in open space on

the International Space Station to LEO environment in a Materials Flight Experiment MISSE-2 for

1 year. AO fluence ~5�1020 cm�2. Notice no morphology change—clear glossy appearance. The

samples did not experience any mass loss, even a slight mass gain
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like and shiny to complete milky-white appearance. The developed surface textur-

ing process is based on ion-beam bombardment of the surface with noble gases. As

a result of such treatment, the specularity of the treated surfaces can be reduced

dramatically, with the surface morphology changing from metallic-like and shiny to

complete milky, white appearance.

The developed process was applied to Teflon thermal protection coverings

silver-coated on the back [25–27] that were used to cover the camera and light

equipment on the International Space Station using an adhesive.

Figure 8 shows the total and diffuse reflectance of a 127 μm thick Silver/Teflon

sample after its surface was treated with Krypton ions. As can be seen from Fig. 8,

most of the light was reflected as diffused, with the diffused reflectance almost

equalling the total reflectance. The developed treatment allowed reducing dramat-

ically the specularity of Silver-Teflon thermal control films, without significantly

affecting their thermal optical properties.

The surface treatment allowed developing a cone or spike-like surface morphol-

ogy thus increasing dramatically the diffuse reflectance of the surface (see Figs. 8

and 2c). The space hardware covered with the textured Silver-Teflon is used on the

ISS in open space routinely and an example of a camera that was exposed to the

open space environment between June 2002 and June 2006 and brought back to

MDA around November 2006 is shown in Fig. 9.

ChargeDissipative Ion-beamTreatment ProcessCarbosurfTM

A surface modification technology (tentatively named Carbosurf™) that was devel-

oped to achieve charge dissipative properties on the surface of polymers is based on

the controlled carbonization of the surface layer of thin polymer films

Fig. 7 High resolution XPS data for Si obtained from the samples of Implantox-treated and LEO

exposed Kapton (a) and Mylar (b)
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[28, 29]. Temperature stable surface resistivity (SR) in the charge dissipative range,

from ~2 MΩ/sq up to 150 MΩ/sq, has been achieved on hydrocarbon and partially

fluorinated poly-imides due to surface carbonization using specially selected ion

beam treatment conditions. The created surface resistivity can be tailored to the

desired values for particular applications on a variety of space polymer films. The

Carbosurf™ treatment is performed using ion beams of back gases, without affect-

ing the mechanical and any other properties of the polymeric material underneath,

and may be scaled-up using industrial high-intensity ion beams.

The main advantage of surface carbonization over technologies currently avail-

able is a low temperature dependence of the achieved surface resistivity and

Fig. 9 Visual appearance of the camera CLPA S/N 206 (TVC S/N209) in space installed on MBS

of the ISS (left) and after delivery in November of 2006 to MDA (right) (stored in a clean room at

MDA)

Fig. 8 Total (RT) and diffuse (RD) reflectance measurements for a Ag/Teflon sample after an

exposure to a Krypton gas ion-beam
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excellent RF performance. Table 2 and Fig. 10 present the results of measurements of

SR behavior at room temperature (Table 2) and with temperature varying in the range

from�150 to +150 �C (Fig. 10) for two treated polymers, namely, CP1 treated by Ar
+ ion beam and Kapton HN exposed to Kr+ ion beam [28]. It is clear from Fig. 10 that

the temperature dependence is quite slow and at low temperatures the ion beam

treated samples still keep the surface resistivity in the appropriate range of values.

The other important feature of the Carbosurf™-treated materials, i.e., their full

RF permeability is demonstrated in Table 3. The significant distinction of the

Table 2 Surface resistivity of thin (1 mil) polymer films after moderate energy ion beam

treatments by various ions at room temperature

Materials/Surface treatment

Surface resistivity at room temperature, ρ (Ohm/sq.)

Xe+ Ar + (I) Ar+ (II)

CP 1 White 0.75� 107 2.5� 108 1.3� 107

CP 1 0.6� 107 5� 108 1.3� 107

Kapton HN 1.5� 107 5� 1010 3� 109

Fig. 10 Semi-log graphs of the T�1/4 temperature dependence of the surface resistivity of various

polyimide samples with different Carbosurf treatments. It is an indication of variable range

hopping conductivity mechanism in the thin Carbosurf-treated surface layer of polymers

Table 3 Summary of charge dissipative properties and RF losses of treated by Carbosurf™
Kapton100HN polymer film (the last raw for Ge/KaptonHN is given for comparison)

Material Treatment SR (Ω/sq)
SR (Ω/sq)
GEO tested

Ku band

insertion loss

(dB)

Ku band

return loss

(dB)

Kapton100HN Pristine >1012 ~1011 0.015–0.020 30–31

Kapton100HN Carbosurf™ (13–25)�
106

18� 106 0.015 31

Ge/KaptonHN Deposition of

Ge (1000 Å)
5� 107 1.3� 108 0.015 30
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developed surface carbonization technology from deposition of semi-conductive

coatings is that the Carbosurf™ treatment is “graded” into the material thus

eliminating any sharp interfaces that could be a weak point of the alternate coatings’
technologies.

Charge dissipation and RF transmittance of Carbosurf™ treated polymers pro-

vide a broad range of required SR values in a very thin top surface layer, without

any influence on the rest of material and on RF transmittance. By tuning the process

parameters, it is possible to obtain surface resistivity changes in a range over

5 orders of magnitude, as well as variable thermal optical properties with a weak

temperature dependence of surface resistivity at low temperatures and no RF losses

in the treated materials.

Conclusions

Surface modification technologies present a viable alternative for protection and

impairment of new functional properties to polymers, paints and other carbon-based

materials and structures used in space. Surface modification processes have been

developed at ITL to provide an alternative solution to the problems caused by

different space environment factors to polymer-based materials, composites and

paints used in LEO/GEO spacecrafts. The developed processes allow to drastically

reducing the atomic oxygen erosion by creating a self-healing protective layer that

allows, in turn, protecting the major functional properties like the thermal optical

properties.

Ion-beam based surface modification treatments also allowed to impair new

functional properties to surfaces like reduced glare or increased surface conductiv-

ity that extended the use of traditional space materials in space applications. The

material science field is developing at a tremendous paste. Nanotechnology is the

buzz word of the twenty-first century. All topics discussed in this short review are

greatly influenced already by the new nanomaterials and associated with them new

technological processes and solutions. It is not hard to envision that most of the

technological approaches including deposition processes, surface modification

processes, bulk material technologies, etc. will undergo dramatic changes and

improvements in the near future with many such developments already well

under way.

While there certainly will be a “delay” for the new solutions to get from the

“drawing boards” and laboratories into the actual production and acceptance by the

space industry, we should expect a very exciting time ahead of us, where these

approaches will be discussed, criticized and either accepted or rejected in the

upcoming professional meetings, publications, etc.
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Development of a Silicone Adhesive
for OSR Bonding

G. Sierra, O. Guillaumon, D. Sacramento, S. Remaury, and P. Nabarra

Abstract Optical solar reflectors (OSR) are used for the thermal control of space-

craft on the sun-facing sides of satellites. The operating principle is based on the

reflection from incoming solar radiation while simultaneously radiating internally-

generated heat. OSR are small specific glasses (40� 40� 0.1 mm) surface of which

has been treated in order to obtain maximum reflectance of sun irradiation. In some

cases, these OSR are manually bonded onto panels and the bonding appears as a

time-consuming step in the satellite production because it comes at the end of the

production of some structural panels, which are often on the critical path.

In order to improve OSR bonding process, a specific silicone adhesive, called

MAPSIL® QS 1123 ELEC LD has been developed, ensuring: relatively small

viscosity, long working-time, electrical conductivity and self-adhesion on OSR

(Sierra, Development of a specific OSR automated bonding process, 2012). This

adhesive has been developed with the following specifications:

1. Development of a silicone based adhesive, mostly used due to its ability to be

used in a wide temperature range;

2. Outgassing compliance with the ECSS-Q-70-02C standard (ESA, Thermal vac-

uum outgassing test for the screening of space materials, 2008);

3. Behaviour towards the space environment which includes UV, e�, p+ and γ
irradiation factors. These tests are validated by specific irradiation testing on

Earth and/or space, using correlations between duration and irradiation;

4. Have good electrical conductivity in order to avoid electrostatic discharges;

5. Have good thermal conductivity to ensure a good thermal transfer between the

satellite and the lightweight panels;

6. Density should be as low as possible to limit the total weight of the OSR—

adhesive system to improve the global performance of the satellite;

7. No use of adhesion primer on aluminium substrates and OSR;
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8. Good adhesion between aluminium substrates and OSR after thermal cycling

under vacuum (�70 to 90 �C), and after damp heat test (50 �C at 95% of relative

humidity).

Moreover, MAPSIL® QS 1123 ELEC LD has been developed in accordance

with ISO 9001 and EN9100 standards ensuring quality of the products and it is

ITAR and EAR free as it is a co-development of a French company (MAP) and the

French Space Agency (CNES).

Keywords Optical solar reflectors • Silicone adhesive • MAPSIL • Self-adhesion •

Bonding process

Introduction

In the current time-consuming manual bonding processes of the OSR on the

lightweight panels some critical steps exist. Firstly, due to the silicone adhesives

presently used, the use of an adhesion primer is mandatory to reach a good adhesion

between the OSR and the panels. Secondly, current adhesives have limited working

time interval of about 15 min in which the numerous operations like base/hardener

weighing, mixing and outgassing must be finished.

As the application of the primer on each OSR is a time-consuming step,

removing the use of an adhesion primer could be an interesting advantage. In

order to improve the current bonding processes of the OSR on the lightweight

panels, a new adhesive has been developed [1].

This paper presents, in the first part, the specifications of the new silicone

adhesive. In the second part, the silicone adhesive development is presented,

focusing on its intrinsic properties (mechanical, rheological, electrical and ther-

mal). Finally, the performance results of the bonded OSR on specimen with

MAPSIL® QS1123 ELEC LD are presented.

Adhesive Specifications

To bond the OSR on the lightweight panels, silicone adhesives are mostly used due

to their ability to be used in a wide temperature range. The main property of the

space adhesives is the outgassing property that must comply with the ECSS-Q-70-

02C standard [2] that stipulates that the recovered mass loss (RML) must be<1.0%

and that the collected volatile condensable material (CVCM) must be <0.1%. The

resistance to the space environment must also be verified which includes exposures

to UV, e�, p+ and γ irradiation.

In addition to these general specifications relevant to all space materials, specific

properties related to the OSR use are required. Firstly, in order to avoid electrostatic

discharges, an electrically conductive adhesive is required. Secondly, to ensure a
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good thermal transfer between the satellite and the lightweight panels the adhesive

must have an adequate thermal conductivity. The adhesive density should be as low

as possible to limit the total weight of the OSR—adhesive system. Regarding the

performance of the adhesive, good adhesion on aluminium substrates and OSR is

also required. The approach of not having an adhesion primer at all could be an

interesting opportunity to simplify the bonding process. The good adhesion

between aluminium substrates and OSR must be validated in the wide temperature

range used for the OSR, �70 to 90 �C.

Silicone Adhesive Development

On the basis of the general and particular specifications, it was decided to develop a

specific product based on the MAPSIL® QS1123 technology [3–5]. In fact, this

adhesive complies with all space specifications (outgassing, irradiation life) and has

been already qualified [6–10].

General Properties

The MAPSIL® QS 1123 ELEC LD silicone adhesive has been developed on the

basis of the MAPSIL® QS1123 technology.

This product has been developed on the poly-addition technology with its curing

cycle performed either at room temperature (23 �C) or accelerated by heat curing

(up to 100 �C). The MAPSIL® QS 1123 ELEC LD is a 2 component product

consisting of a base and a hardener. The mixing base/hardener weight ratio is

100/10. Standard curing cycle is obtained at room temperature during 1 week.

The colour of the base is blue–grey, whereas the hardener is whitish. The density of

the product is 1.17. Outgassing test has been carried out by INTA laboratory. The

RML has been measured at 0.27% and the CVCM at 0.04% [11].

Rheological Properties

The viscosity of the base is of 75 Pa s and for the hardener it is 2.5 Pa s. A high

viscosity has been chosen to facilitate the stability of the OSR during the bonding

process but also to allow vertical bonding. The pot-life of the MAPSIL® QS 1123

ELEC LD is around 125 min at 23 �C. This relatively long pot life ensures long

working time with the same mixture.
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Mechanical Properties

Mechanical properties were characterized at 23 �C and for a curing cycle of 1 week

at 23 �C. The hardness is 74 Shore A. Tensile strength is around 3.1 MPa with 80%

elongation. The Young modulus of the adhesive has been measured by DMA. A

value of 7.1 MPa has been obtained at a frequency of 1 Hz.

Tensile-shear tests have been carried out following the ISO 4587 2003 standard

[12] using 2024-T3 specimens (105� 25� 1.6 mm) and a single lap joint of

12.5� 25 mm area. The MAPSIL® QS 1123 ELEC LD composition has been

developed in order to remove the use of an adhesion primer. In these conditions the

tensile-shear strength is 2.5 MPa. All the failures occurred via a cohesive mode

demonstrating the good quality of the bonding (Fig. 1).

Electrical and Thermal Properties

Electrical properties were measured at 23 �C on 500 μm thick film. An electrical

volume resistivity of 1.17� 104Ω cm has been measured following the ASTM

D257-99 standard. Following the same standard an electrical surface resistance of

3� 105Ω/sq has been measured. The electrical conductivity of the MAPSIL® QS

1123 ELEC LD, characterized by the volume resistivity but also by the surface

resistance, prevents it from electrostatic discharges.

In order to check the behaviour of a representative test assembly (2024-T3—

MAPSIL® QS 1123 ELEC LD—OSR), ESD tests were carried out and validated

by ONERA laboratory [6].

The thermal conductivity has been measured using the Guarded-Hot-Plate

method at 23 �C under vacuum within CNES facility. The measured value,

Fig. 1 Failure faces of

2024-T3 specimens
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λ¼ 0.36 Wm�1 K�1 is higher than that of the MAPSIL®QS1123 (λ¼ 0.16 Wm�1

K�1) which means that the developed adhesive is quite a good thermal conductor.

Ageing Tests

The mechanical properties have been evaluated after ageing tests. Firstly, we

carried out damp heat test (7 days at 50 �C and 95% of relative humidity) and

then thermal cycling tests (100 cycles from �70 to 90 �C).
A slight increase in the tensile-shear strength from 2.5 MPa at the initial stage to

3.4 MPa after ageing has been observed whereas the failure faces remain the same,

showing a cohesive failure (as shown in Fig. 1).

OSR Bonding Results

OSR’s were bonded on metallic and glass samples in order to check the quality of

the bonding.

The inspection of the glass samples on the front side (Fig. 2a) and on the back

side (Fig. 2b) shows that the adhesive is homogeneously spread on the whole

surface. Moreover, the examination of the rear side does not show bubbles,

confirming a good reliability and robustness of the bonding process.

We also measured the thickness of the adhesive to be <0.2 mm. Several

measurements were done on many samples proving that the adhesive thickness

was mastered using this bonding process.

An OSR bonded 2024-T3 aluminium specimen is presented in Fig. 3. Nine

OSR’s have been bonded on the substrate. Thicknesses of <0.2 mm and joint

gaps <0.2 mm between OSR’s were measured, showing good accuracy in OSR

positioning.

Fig. 2 OSR bonded on glass substrate. (a) Front side and (b) back side
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The OSR adhesion to the substrate has been validated by successive peeling tests

using growing adhesion strength scotch tapes. Ageing tests were also carried out on

such specimens [13]:

• Damp heat test (1 week under 95% Relative Humidity and 50 �C);
• Thermal cycling test (100 cycles between �70 to 90 �C).

Conclusions

In order to improve the current process of OSR bonding, a specific silicone adhesive

has been developed based on the MAPSIL® QS 1123 technology, called

MAPSIL® QS 1123 ELEC LD. This new formulation is based on a silicone

polyaddition curing which ensures good mechanical properties, curing modulation

and low outgassing rate. In addition, this new adhesive is electrically and thermally

conductive; it has a low density and very good tensile-shear strength properties.

One interesting property of this adhesive is its ability to be used without adhesion

primer on OSR and aluminium substrates allowing time-saving on the global

bonding process of the OSR.
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Surface Modification of Flat Cable

Conductors to Prevent Surface Charging

Z. Iskanderova, J. Kleiman, C. Noemayr, and C. Zimmerman

Abstract A method of making charge dissipative both surfaces of Flexible Cable

Connectors (FCCs), used for Solar Arrays in GEO, by specially developed ion beam

surface treatment is described in this study. FCC’s made of dielectric space polymer

Kapton100HN with shaped/grooved surfaces and back surfaces containing embed-

ded inorganic particles have been made charge dissipative, with required values of

surface resistivity and in a wide space-defined temperature range. The method

comprises controllably carbonizing the surface of the polymer-based material in a

vacuum environment with simultaneous surface renewal, by bombarding the sur-

face with an ion beam from a linear gaseous high-current technological ion beam

source of back gas with added required amount of a carbonaceous gas for simul-

taneous carbonized surface renewal in a dynamic way. Surface resistivity values of

~10 MΩ/square at room temperature were achieved. The treated FCCs kept the

surface charge dissipation properties at least in the space-related temperature range

of �150 �C, have been shown to be resistant to thermal cycling, being durable,

radiation resistant and surface charge dissipative in imitated GEO environment for

at least 15 years of GEO space equivalent, with the influence on the final thermal

optical properties almost the same as on original FCCs surfaces.

Keywords Flexible cable connectors • Ion beam surface treatment • Surface

resistivity • Charge dissipative • Carbonized surface • GEO environment •

Thermal optical
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Introduction

A project was conducted to prevent a particular space product Flexible Cable

Connectors (FCC’s) from space charging effects during long-term modern space

missions in GEO. The FCC’s are used for solar arrays in GEO orbits and come in

different sizes and shapes. They are manufactured based on DuPont Pyralux

LF1010 that basically consists of a Pyralux LF1010 copper clad laminate and

same type coverlay, i.e., Kapton100HN (1 mil) films, joined together by a special

acrylic adhesive with thin copper strips pressed in between them at processing

stages [1]. As can be seen from Fig. 1 that presents a portion of an FCC, the

polymeric surfaces of FCCs are not plain thin films, but look “grooved” due to the

manufacturing technology. The goal of the project was to impair charge dissipative

properties to both sides of FCC’s, with surface resistivity (SR) ~10 MΩ/sq, and
maintain their durability in GEO for ~15 years.

Front and Back Surfaces of the FCCs Units

In the very beginning of the project an unexpected difference in appearance between

the front and the back surfaces of all FCCs has been identified (Fig. 2a, b). It was

found, using optical and scanning electron microscopy that the front shiny side had a

Fig. 1 Optical image of a

portion of the FCC

demonstrating the grooved

nature of its surface
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featureless, smooth surface, similar to a regular Kapton, while the matt back side,

when analyzed at higher magnifications, demonstrated a highly developed surface

morphology/roughness and significant contamination with small particles [1].

The back surface of the FCCs was found to be strongly eroded and contaminated

(Fig. 2c). It was clarified with the FCCs manufacturer that the back surface was

treated with water slurry containing tiny pumice particles under pressure

(to enhance the bonding of copper stripes with an adhesive during FCCs’
manufacturing). As a result of this treatment, the Kapton100HN back surface was

eroded, with a significant amount of tiny pumice particles incorporated into the

surface.

Pumice represents a regolith that is a volcanic rock with high concentrations of

silica that has the chemical formula SiO2. High amount of silica, together with some

additional metal oxides, gives pumice usually its light-gray color.

The grayish color of the back surfaces, with various degree of darkness, is

defined by the amount of pumice particles incorporated into the back surface of

Kapton100HN that, according to the process diagram, is contaminated and eroded

twice during the manufacturing process. This specifics, as well as the “grooved”

character of both FCCs surfaces was causing problems, when the ion beam treat-

ment process Carbosurf [2–4] developed for making space polymer films surfaces

charge dissipative, was applied for FCCs.

Experimental Studies

Surface Analysis of FCCs: Back and Front Surfaces

A number of surface analytical techniques, such as SEM/EDS and XPS were used

before and after various surface treatments and GEO imitation testing. In addition,

such functional properties as surface resistivity and thermal optical properties have

been also used in this study, using the devices and facilities, described in [2–4].

Fig. 2 Images of a number of FCCs demonstrating the shiny smooth appearance of the front side

(a) and the matt, rough appearance of their back side (b). Surface morphology of the back side is

shown in greater details in the scanning electron microscopy image in (c)
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Ion Beam Surface Treatment of FCCs for Charge Dissipation

A special sophisticated version of ion bombardment with simultaneous surface

renewal was developed and applied in this work for the treatment of both front

and back surfaces of the FCCs units. The technological specifics of the process are

based on a general approach, previously developed, patented, and studied in [5–7],

in combination with the innovative Carbosurf ion-beam treatment of thin space

polymer films, described in [2–4]. In all experiments, the FCCs have been taped

over their edges to the surface of a rotating drum with a KaptonHN adhesive tape

that covered in a proper way the external Cu contacts. The drum was placed inside a

high-vacuum chamber with a liner-type gaseous high-power technological

ion beam.

Since Kapton polyimide normally contains a significant amount of absorbed

water vapor, special attention was paid to the outgassing procedure. High vacuum

CarbosurfTM treatment can be easily disrupted by the presence in the vacuum

chamber of minor amounts of moisture due to samples dehydration and outgassing

of trapped air bubbles. Each ion beam treatment run was conducted following a

timely high vacuum outgassing stage, where the FCCs temperature was kept around

35 �C. During the ion beam treatment significant limitations appeared due to both

temperature limitation caused by the sensitivity of the adhesive used for FCCs

manufacturing, and due to drastic difference of the sputtering rate of the organics

and lower rate of inorganic pumice inclusions on the back sides.

A very special approach was found, that allowed for successful ion beam surface

treatment of both front and back sides of FCCs. This treatment, when performed at

so called “surface renewal” [5] conditions, consisted of adding a pre-defined

amount of carbonaceous gas to the ion beam source, in order to compensate surface

sputtering caused by the ion beam. This approach allowed modifying both the front

and the back side surfaces for surface carbonization, with very successful results

and long-term stability at storage, i.e., long-time shelf life.

After one run, the SR was measured using a special SR probe unit following the

procedure described in [8] and, if the achieved SR value was acceptable, the same

FCCs have been taped back to the drum with the other side facing the ion beam, and

the run was repeated, without influencing the results achieved on the already treated

surface. The best treatment conditions have been found as a result of numerous

TRIM software calculations and experimental trials [1].

Surface Resistivity of FCCs After Ion Beam Treatment

Comparative surface analysis of morphology and elemental composition has been

performed on front and back surfaces of a number of FCCs in “as received”

condition and after the treatment, as described above, using optical microscopy

and SEM/EDS. It was shown that the front side of the treated FCC unit remains
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shiny and the back surface appears matt, and the developed ion-beam treatment did

not influence the surface morphology of the front surface, with both sides becoming

darker in appearance.

The results of SR measurements on the front side averaged around 10 MΩ/sq for
short units and ~8 MΩ/sq for long units, while the back-side values averaged

around 18 MΩ/sq for both short and long FCCs, in full agreement with the values

derived from the best results of experimental trials. In order to have enough ion

beam treated FCCs for an extended Program of Space Specification, 50 short and

long FCC units have been treated on both sides at the best treatment conditions.

Statistical values had been calculated for SR data on the FCC units for all

50 treated FCCs, separately for short and long units. Short and long FCC units’
data had been statistically evaluated separately, since one SR measurement has

been conducted on short units and three measurements on long ones. Average

values and standard deviations had been calculated for the entire set of 33 short

units and 17 long ones.

The average SR values for the front surfaces of all treated long and short FCC

have been found to fall between 7.4 and 9.6 MΩ/sq, that are even lower than the

10 MΩ/sq, initially required at the beginning of this work.

The average SR values measured for the back surfaces were between 13.3 and

21.0 MΩ/sq. It is obvious, that the average SR values achieved for the back surfaces

are approximately twice higher when compared to the corresponding averages of

the front side. Although, while the differences between the smooth front and rough

back surfaces, contaminated to various degrees (see Fig. 2b), could not be

completely eliminated, it was possible to minimize their influence on the treatment

results. This achievement should be considered as an exceptionally good outcome

of the developed innovative treatment technology.

The calculated average values demonstrated exceptional stability of the mea-

sured SR values that deviated <2% of the initial values following at least 1 month

of storage, and later extended up to 2–2.5 years of storage in laboratory conditions.

We attribute these minor discrepancies just to the measurement accuracy of the SR

values by the used contact method.

The developed technology allowed us to convert the electrically insulating

FCCs’ surfaces to fully charge dissipative ones, with time invariant surface resis-

tivity properties stable in laboratory storage conditions. The results of long-term

ground-based GEO imitating testing of the treated FCCs are presented in the next

chapter.

GEO Simulation FCC Testing

Nonmetallic materials used in space systems are affected by electrons and protons

in a broad energy interval, electromagnetic solar radiation (both the near and the far

ultraviolet radiation), and X-ray radiation. The response of nonmetallic materials to
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radiation depends on the type of radiation and its energy that defines the ionization

losses density, and the radiation response of materials depends on these losses.

A range of GEO-imitating testing procedures have been practically used for a

number of years by NASA, European Space Agency and Russian space profes-

sionals. However, a significant effort had been made for the last 12–15 years to

develop an International Standard that finally resulted in publication of the latest

version of “Space systems–Space environment—Simulation guidelines for radia-

tion exposure of non-metallic materials” in 2010 [9].

GEO Imitating Testing Approach

Treated and original FCC units had been exposed to GEO-imitating environment

using a unique testing facility. The GEO simulation facility was designed for

studying physical–chemical properties of materials and coatings under separate

and combined action of space factors that may influence the materials in GEO.

Those factors to consider are vacuum as low as 10�5 Pa, electrons and protons with

energies up to 50 keV, solar electromagnetic radiation up to 10 SEE (solar exposure

equivalent) and temperature in the range of �150 �C [3,4,8,10].

The sample holder table, 10 cm by 10 cm in size, is attached to a water cooled

base, maintaining the temperature of tested samples mostly around 20 �C.
Depending on the actual expected GEO exposure time, and the selected accelera-

tion factor, the longevity of GEO simulation experiment can be defined by the

computerized system for measurement, control, and monitoring. Functional prop-

erties of the tested materials are evaluated before and after the completion of testing

using appropriate testing methodology, devices and measurement units in order to

evaluate the effects of radiation exposure. Thermal-optical properties (such as solar

absorptance and thermal emittance) are normally measured, as well as electro-

physical characteristics such as surface and volume resistivity, if required.

Every set of FCC units had been placed in a special custom-made sample holder

(as shown in Fig. 3) and subjected to combined irradiation consisting of protons,

electrons and ultra-violet light. The first set of three FCC units had been subjected

to 33 h of combined p+ + e�+UV irradiation, with proton energy Ep¼ 20 keV,

current density equal to Jp¼ 5� 1011 s�1 cm�2, electrons energy Ee¼ 40 keV,

current density of Je¼ 5� 1011 s�1 cm�2 and with simultaneous UV exposure. The

selected conditions correspond to a total proton fluence equal to Fp¼ 6� 1016 cm�2

that roughly corresponds to 15 years of equivalent GEO exposure. Due to well-

known limitations, accepted by the space materials community, the UV exposure

was selected at 2 times the intensity of solar light. Temperature of the samples was

kept around 52 �C during testing experiments.

Pictures of the tested samples had been acquired and surface resistivity mea-

surements performed after intermediate timing of ~4 years, and then after final

15 years of space equivalent GEO exposure. Figure 3 shows the results of the

intermediate and the final appearance of the samples. Apparent visual differences
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(the degrees of darkening) demonstrate the increasing effect of simulated GEO

radiation on the surfaces of tested FCC units. It is obvious that both sides of pristine

and ion-beam treated samples, exposed to GEO-simulating environment, become

darker after 4 years, and finally strongly blackened after 15 years. The images in

Fig. 3 clearly illustrate the visual differences between the front and back surfaces of

tested FCC units—the front side of exposed FCCs looked almost black, but

remained glossy, while back surface looked dark grey-blackish, bur remained matt.

The changes in quantitative characteristics of the ion-beam treated and

GEO-tested units, such as surface resistivity and thermal optical properties, are

discussed in details below.

Results and Discussion

Influence of GEO Environment on Thermal Optical
Characteristics

Solar reflectance spectra have been measured for few treated and all tested FCCs,

and solar absorptance values α have been calculated, based on these measurements.

The results for a pristine FCC sample #2, labelled 2Б for front glossy side and

2M for back matt side, are presented in Fig. 4, and the spectra and α values for both

glossy front (1B) and matt back (1M) surfaces of an ion beam treated sample #1 are

presented in Fig. 5.

From the comparison of the results, presented in Figs. 4 and 5, it is obvious, that

the solar reflectance is always less on the darker back side, and the ion-beam

treatment significantly decreased the solar reflectance, i.e., increase the solar

absorptance, on both front and back sides, influencing the back surface compara-

tively more than the front one. It is clearly seen that the ion-beam treatment reduced

the reflectance in both visible and near infrared spectral regions. The thermal

emittance measurement results did show insignificant change of ε on both surfaces

Fig. 3 FCC samples exposed to a GEO environment for ~4 (a) and 15 (b) space equivalent years
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due to ion-beam treatment, and all these thermal optical results are presented in

Table 1.

It is easy to derive, that the change in solar absorptance due to the performed

ion-beam treatment for front FCC surface is around Δαs¼ 0.09, and for the back

surface it is around Δαs¼ 0.12. The thermal emittance measurements did not show

any measurable change after ion-beam treatment. Similar trends and even close

numerical values have been shown in [2–4] after the ion-beam treatment of

Kapton100HN thin film.

It was very important to define the final thermal optical properties for both front

and back surfaces of pristine and ion-beam treated FCCs (Fig. 6), in order to

provide the forecast of their potential end-of-life (EOL) properties after 15 years

in GEO space environment. The solar absorptance on the exposed pristine and

treated surfaces increased in both visible and infrared areas, coming to αfront� 0.79

for front of a pristine sample (#1) and to αback� 0.82 for the back of a pristine

Fig. 4 Solar reflectance

spectra and solar

absorptance values for

glossy front (2B) and matt

back (2M) sides of the

pristine FCC sample #2

Fig. 5 Solar reflectance

spectra and solar

absorptance values for

glossy front (1B) and matt

back (1M) surfaces of an

ion-beam treated FCC

(sample #1)
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sample (sample #5) and αback� 0.82 for the back surface of an ion beam treated

FCC (sample #6) due to long-term GEO-simulated exposure. Thermal emittance

measurements showed insignificant changes, with the thermal emittance remaining

around ε¼ 0.80� 0.02.

It is clear, that for ion-beam treated sample the solar reflectance dropped also in

both visible and infrared areas and the solar absorptance increased up to almost the

same values for front and back surfaces, as for pristine GEO tested FCCs! Thermal

emittance changed insignificantly, remaining around ε¼ 0.80� 0.02. The thermal

optical characteristics, measured in this study, are collected and presented in

Table 2.

A conclusion can be made, that the developed ion-beam treatment does increase

the solar absorptance of the treated FCCs surfaces; however, it practically almost

does not have an influence on the final thermal optical characteristics of the FCCs

after 15 years in GEO space environment! The darkening effects in pristine and

ion-beam treated surfaces and the change of the thermal optical characteristics are

almost equally strongly pronounced on both sides of pristine and ion-beam

treated FCCs.

It is important to note that the 50 treated FCCs, mentioned above, have been used

to establish and successfully accomplish an extended Program of Space Specifica-

tion that included a variety of tests, required for certification of the treated Flexible

Cable Conductors for Solar Arrays in long-term GEO environment applications.

The results will be presented in additional publication(s).

Table 1 Thermal optical characteristics of ion-beam treated (#1) and pristine (#2) FCCs (before

GEO imitating testing)

# 1Б 1M 2Б 2M

Side Glossy (front) Matt (back) Glossy (Front) Matt (back)

αs 0.655 0.712 0.565 0.592

ɛ 0.82 0.83 0.83 0.83

Fig. 6 Solar reflectance

spectra and solar

absorptance values for the

first set of FCCs as a result

of GEO testing at 15 years

GEO space equivalent

Surface Modification of Flat Cable Conductors to Prevent Surface Charging 217



For all GEO simulating tested pristine FCCs, after both 4 and 15 years GEO

space exposure equivalents, the SR values of the front and the back surfaces

exceeded 105 MΩ/sq, or 1011 Ω/sq, i.e., remained fully insulating. For the second

tested set, a decrease in measured SR values was indicated on all ion-beam treated

samples after 15 years GEO space equivalent ground-based testing. Since the

processing of results of GEO simulation effects on surface resistivity was not

finished at the time of this paper preparation, the full results will be published

elsewhere..

Conclusions

An innovative ion-beam treatment process with simultaneous surface renewal

(IB/SSR) was developed at ITL and successfully used for treatment of both sides

of space-bound FCCs. The results of SR measurements of the front FCC sides

averaged around 10 MΩ/sq for short FCC units and around 8 MΩ/sq for long units.
The SR values for back sides averaged around 18 MΩ/sq for both short and long

FCCs. These values remained unchanged during ~1 month storage of the treated

FCCs at lab conditions, and after a following 2–2.5 year’s storage. Extended long-

term ground-based GEO environment simulation testing experiments (15 years

space equivalent) that involved simultaneous exposure to all three GEO environ-

mental factors, i.e., protons, electrons, and UV have been performed on two

specially selected FCC sets. These sets included pristine and IB/SSR-treated

FCCs, and radiation exposure was done for both front and back FCC surfaces. It

was demonstrated that the surface conductivity obtained on the insulating space

polymer films is almost insensitive to space radiation during the 15 years in GEO. It

was also shown that the long-term influence of GEO radiation on thermal optical

characteristics of both FCCs sides does not significantly differ for pristine and

ion-beam treated samples.

Table 2 Thermal optical characteristics of a pristine, ion-beam treated, and GEO tested FCC

samples from the first set

Sample ID Side Solar absorptance α Thermal emittance ε α/ε
Pristine Front 0.565 0.81 0.70

Back 0.592 0.80–0.81 0.74

Ion-beam treated Front 0.691–0.695 0.79–0.80 �0.88

Back 0.712–0.714 0.80 �0.89

GEO-tested Front 0.787 0.78–0.82 1.01

Back 0.817–0.821 0.79–0.81 �1.04
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Research of Contamination Prevention

in the Whole Process of Lunar Samples

Transfer

Danming Li, Qipeng Wu, Xiaojing Sun, and Guangliang Zhang

Abstract According to the China’s lunar exploration program, in its third phase

lunar samples will be collected and returned to Earth. An extensive research was

conducted on the contamination prevention measures and the development of the

requirements for protection and contamination prevention of lunar samples in the

course of opening the samples’ packaging device after its return to Earth, transfer and
storage of the samples, preparation and analysis of the samples and so on. At the same

time, we present a design concept of the most important ground facility for opening

the device and re-packaging the samples in Lunar Sample’s Preservation and

Processing Laboratory. Analysis and calculating of the key technical index of the

environment requirements for contamination prevention were also accomplished.

Keywords Lunar samples protection • Contamination prevention • Lunar

exploration

Introduction

One of the important tasks of lunar exploration is to collect the moon soil and rock

samples on the surface of the moon, to seal them in good condition and to bring

them back to Earth for further scientific research. According to the China’s lunar
exploration program, this goal will be achieved by collecting the lunar samples

D. Li (*)

Lanzhou Institute of Physics, Lanzhou 730000, China

Science and Technology on Material Performance Evaluating in Space Environment

Laboratory, Lanzhou, China

e-mail: lidanming@sina.com

Q. Wu • X. Sun

Lanzhou Institute of Physics, Lanzhou 730000, China

G. Zhang

National Astronomical Observatory, Chinese Academy of Sciences, Beijing, China

© Springer International Publishing AG 2017

J. Kleiman (ed.), Protection of Materials and Structures from the Space
Environment, Astrophysics and Space Science Proceedings 47,

DOI 10.1007/978-3-319-19309-0_23

221

mailto:lidanming@sina.com


automatically in unmanned expedition conditions and taking them back to Earth

before or after 2017 [1].

The lunar environment includes high vacuum and high temperature conditions.

The lunar samples to be collected from the surface of the Moon were exposed to the

lunar environment conditions for billions of years. In order to guarantee that their

scientific value would not be affected after being collected and returned to Earth,

the lunar samples must be preserved under special conditions, to avoid the exposure

to any living organisms on Earth, water, oxidation conditions and so on, so as to

keep the samples in original state. Once the sample is exposed to the Earth’s
atmosphere, it would react with the air. For example, superfine elemental metallic

iron in lunar samples would react with oxygen and produce rust; glass and minerals

could combine with the water in the air to form clay [2]. So a specially equipped

laboratory must be designed for preservation and processing of the lunar samples

that will be ready to accept them upon return to Earth to ensure that the samples are

protected from the contamination effects of Earth environment. The laboratory

conditions will allow for processing, storage and research the lunar samples in their

original state. The construction principles of such laboratory may refer to the

world’s leading sample preservation and processing laboratories such as the Apollo

lunar samples laboratory, the Meteorites processing laboratory [3], etc. with an

example shown in Fig. 1.

Contamination Prevention Measures

In order to successfully accomplish the third phase of China’s lunar exploration

program the following tasks need to be accomplished:

1. Collect the lunar samples and seal them on the surface of the moon automatically

in a contamination-free, nondestructive way and without affecting their

structure.

2. Return the lunar samples safely back to Earth.

3. Open the sample’s container and keep them in a contamination-free environ-

ment. Ensure that the samples are not affected or modified by preventing any

possible destructive and degenerative applications.

The amount of the lunar samples that will be collected in China’s lunar explo-
ration program is expected to be very small, making them extremely precious and

with an immeasurable value. In order to ensure they are not affected by various

factors after collecting and before returning to Earth and to keep the samples in their

original state, with all their chemical and physical properties preserved to the

greatest extent possible, they should be sealed in a specially designed device

which has extremely low leakage rate. It’s required that the leakage rate of the

automatic packaging and sealing device (as shown in Fig. 3) should be less than

5�10�11Pa�m3/s. After being returned to Earth, the packaging and sealing device

with the lunar samples must be transferred, unlocked and stored in a contamination-
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free environment. A scientific, strict, complete workflow must, therefore, be devel-

oped to make sure that all contamination factors are strictly controlled under the

specified level.

Workflow of the Lunar Samples’ Ground Application

System

After the lunar samples being returned to the Earth, we would start the whole

ground processing workflow which is mainly divided into six stages. The main

work contents included in each stage are as follows:

1. Samples handover and transshipment: remove the lunar samples’ packaging and
sealing device in complete packaging from the lunar module and put it in the

special transport box. The box will be placed on a special car, delivered to the

ground application facility and transferred to the sample preservation and

processing laboratory.

2. Opening of the automatic packaging and sealing device: After the device was

transferred to the lunar sample’s preservation and processing laboratory, it

would be opened there and the lunar samples will be re-packaged. In next

step, all of the samples would be collected.

3. The samples description and separation: After being unpackaged, the lunar

samples would be roughly separated, and each part would be described and

packed into various bags in the same facility.

Fig. 1 A corner of the

meteorite processing

laboratory in USA
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4. The samples storage: After being roughly separated, the samples would be put in

the storage area, waiting for further careful separation, handling, preparation and

analysis.

5. The samples preparation: Initial description of the samples’ characteristics will
include particle size evaluation using a microscope. The samples will be stored

in different nitrogen-filled cabinets for following preparation steps such as

grinding, cutting, molding, etc.

6. Analysis of the samples: The analysis will include evaluation of samples’
physical properties, chemical composition and structure.

The Contamination Protection Requirements during

Ground Processing and the Relevant Main Facilities

It’s required to maintain strict protective measures against contamination during the

whole process of lunar samples being processed and stored on the ground [4]. At the

stage when the samples are stored in cabinets filled with high purity nitrogen, the

humidity and oxygen concentrations must be controlled. It’s required that the

oxygen concentration will be less than 20mol per million mole of nitrogen, and

the water concentration be less than 50mol, with the requirements to the cleanliness

level of the internal environment of the operating cabinet be higher than level 100.

So the relevant facilities used in the ground processing of lunar samples must be

equipped with clean rooms and have supplies of high purity nitrogen and clean

vacuum environments.

The main facilities and devices to be used in the whole process on the ground

must consist of:

1. Samples’ transfer facility in a special truck equipped for transfer and transport of
the lunar samples’ packaging and sealing device. A vacuum system set on the

truck is needed;

2. Facility for opening the device and re-packaging of the samples;

3. Samples storage cabinets;

4. Samples’ boxes and transfer cases;

5. Nitrogen-filled cabinet and internal operation platform;

6. Samples’ packaging facility;

7. High purity nitrogen gas supply facility, etc.

The Requirements for Selection and Control of Materials

Used in the Facilities

The materials in the storage and processing facilities could release substances

potentially contaminating the lunar samples. The external pollutants may penetrate

the wall material of the laboratory, especially water and oxygen molecules. So the
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selection of materials needs to be controlled strictly. The principles for material

selection are as follows:

1. They should have low vacuum outgassing rates;

2. They should have lower water, oxygen and organic matter release rates;

3. They should have lower adsorption characteristics;

4. High ability of prevention for water and oxygen penetration.

For example, in the choice of materials of the operating gloves, we need to study

and evaluate the gas permeability of materials, as shown in Fig. 2.

The Design Concept of the Ground Facility for Opening

the Lunar Samples’ Packaging Device and Re-packaging

the Samples

As mentioned before, the leak rate of the automatic packaging and sealing device

should be less than 5�10�11 Pa�m3/s. To prevent higher leak rates, the device was

designed and built employing extremely delicate mechanical structural and sealing

technology concepts. Because the whole process of packaging and sealing lunar

samples should be done automatically on the moon, it implies that the device by

itself is an extremely complicated vacuum system. That greatly increases the

difficulty of the design of the ground facility for opening the device. The questions

of how to open the device with the lunar samples while keeping them in the original

state, and how to transfer the unsealed lunar samples to other devices and facilities

where they will be processed or stored under the condition of vacuum or high purity

nitrogen environment, are very complicated and difficult to tackle. Therefore, the

facility for opening the device and re-package the samples is a very important

ground application facility. This paper focuses on the design of this facility.

Fig. 2 The bar diagram of

gas permeability for three

types of glove materials for

vacuum use
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In recent years, the Lanzhou Institute of Physics has investigated and developed

the lunar samples’ automatic packaging and sealing device. The device adopts

vacuum sealing technology, which contains the collected lunar samples under the

condition of ultra-high vacuum environment on the moon. It is designed to keep the

lunar samples in the original vacuum environment. The device is shown in Fig. 3.

Our research group has also successfully developed the facility for storing and

handling the lunar samples upon their delivery to Earth. The facility can maintain a

certain environment for contamination prevention, and it is shown in Fig. 4. Based

on part of its design concept, recently we have designed the structure of the ground

facility for opening the lunar samples’ automatic packaging and sealing device and

re-package the samples, as shown in Fig. 5. In the mean time we have studied the

key mechanical mechanisms for opening. All of the design would meet the

requirements of opening the lunar samples’ device and re-packaging the samples

without being polluted by the terrestrial environment, analyzing the gases released

from the lunar samples in-situ, separating, packaging and transferring the unsealed

samples.

Analysis of the Key Environment Technical Index for Every

Contamination Prevention Facility

In the condition of normal atmospheric pressure (1atm), the molecular number NA

(Avogadro’s constant) of any gas in 1mol is 6.022�1023, the molecular number n0
of any gas in 1 m3 is 2.687�1025 (Loschmidt constant). Under normal temperature,

the molecular number of nitrogen at a pressure of 1 atmosphere is:

Fig. 3 The automatic

packaging and sealing

device for transportation of

lunar samples developed by

Lanzhou Institute of Physics
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nN2 ¼ 2:687� 1025=m3 ¼ 0:446� 102mol �m�3 ð1Þ

Assuming that the content of water vapor in the high purity nitrogen is 50 ppm, and

oxygen is 20 ppm, the corresponding molecular number of water vapor and oxygen

are:

Fig. 4 The device for storing and handling back samples, which could maintain a certain

environment for contamination prevention

Fig. 5 The structure of the ground facility for opening the packaging and sealing device with

lunar samples and re-packaging the samples
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nH2O ¼ 0:446� 102mol �m�3 � 5� 10�5 ¼ 2:23� 10�3mol �m�3 ð2Þ
nO2 ¼ 0:446� 102mol �m�3 � 2� 10�5 ¼ 8:92� 10�4mol �m�3 ð3Þ

Accordingly, the molecular number of oxygen per unit volume in vacuum environ-

ment should be less than 8.92�10�4mol�m�3. Volume percentage of oxygen in

atmosphere is 21%, so the molecular number percentage of oxygen in the condition

of normal atmospheric pressure is 21%. Ignoring the calculation error which was

brought by selective extraction of the vacuum pump at mid-high vacuum range for

different gases, and considering the existence of water vapor molecules, it could be

thought that under this condition the maximum molecular number percentage of

oxygen is 21% (calculations below is based on this value).

According to the gas pressure formula:

p ¼ n � k � T ð4Þ

p—pressure of the gas, [Pa];

n—density of the gas, [m�3];

k—Boltzmann’s constant, 1.38�10�23 J/K;

T—thermodynamic gas temperature, [K].

Aiming at a series of typical vacuum pressure, we have calculated the total

molecular number of gases and the molecular number of oxygen per unit volume,

which are shown in Table 1.

Considering the gas leakage rate of the vacuum chamber where the lunar

samples will be unpacked, outgassing of various materials and the high reliability

requirements of the lunar exploration plan, we choose the pumping system to

consist of the main turbo molecular pump and the front pump a dry mechanical

vacuum pump. The limit pressure of the dry vacuum pump is generally 0.1Pa~10Pa,

backing pressure of the turbo molecular pump is 10�1 Pa, and the limit pressure of

the turbo molecular pump is less than 10�8 Pa. Based on the calculation of possible

gas load, this configuration could ensure that the pressure in the vacuum chamber is

less than 5�10�2 pa, so the maximum molecular number of oxygen is 4.2�10�6

mol�m�3, which completely meet the requirement that the molecule number of

oxygen is less than 8.92�10�4mol�m�3(see formula (3)).

In addition, it is also required that the molecular number of water vapor in the

vacuum environment per unit volume is less than 2.23�10�3 mol�m�3 (see formula

(2)). Because water vapor is difficult to pump out from the vacuum chamber

compared with other gases, it should be specially taken into consideration. If the

work pressure in the vacuum chamber for unpacking the lunar samples is at about

5�10�2pa, then according to the experience, the gases in the container are mainly

nitrogen, water vapor, carbon dioxide and oxygen, whereby the proportion of water

vapor is about 20%. So it could be calculated that the partial pressure of water vapor

is 1�10�2 Pa.
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According to the formula (4), it could be calculated that the molecular number of

water vapor is 4�10�6 mol�m�3, when the work pressure in the unsealing vacuum

chamber is 5�10�2 pa, which meets the requirement that the molecular number of

water vapor should be less than 2.23�10�3 mol�m�3.

Summary

Because the collection and returning of the lunar samples are extremely difficult

and high cost tasks, the samples are very precious. In order to ensure that the lunar

samples are processed, stored, and researched in their original state, careful plan-

ning of whole process is required, including all stages of transportation, opening,

storage, protection and control of contamination.

Based on the basic research conducted in these areas a plan for the design and

construction of a special laboratory was developed for achieving and maintain

environment in which the lunar samples could be stored and processed. With the

related planning and national investment, we confidently can finish the construction

of the laboratory for preservation and processing the lunar samples on time.
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Table 1 The total molecular number of gases and the molecular number of oxygen per unit

volume under different vacuum pressure

Vacuum pressure (Pa) 10 1 1�10�1 5�10�2 1�10�2

The total molecular number of

gases per unit volume in vacuum

(mol�m�3)

4.0�10�3 4.0�10�4 4.0�10�5 2.0�10�5 4.0�10�6

The molecular number of oxy-

gen per unit volume in vacuum

(mol�m�3)

8.4�10�4 8.4�10�5 8.4�10�6 4.2�10�6 8.4�10�7
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The Research of Lunar Dust

Environment Influence and Design

of a Simulation System

Man Li, Dongbo Tian, Zhihao Wang, Yu Bai, Yu Li, and Qiang Yu

Abstract Lunar dust plays an important part in Lunar Exploration Program. It

could influence normal operation of thermal control materials, optical cameras,

optical sensors and other aircraft components and even seriously damage the solar

arrays electrical generation by reducing their working efficiency. In this paper, a

review of the lunar dust environment interaction with materials affecting thermal

control system faults, seal failures, material wear, mechanisms’ failure, and elec-

trostatic effects are discussed. It summarizes lunar dust characteristics including

particle size distribution, density, chemical composition, abrasion, adhesion, cohe-

sion. At last, it summarizes the problems associated with lunar dust suspension

caused by lunar rover operation. The results of this research are important in future

lunar exploration missions and in development efficient space material protection

technologies.

Keywords Lunar dust • Environment influence • Lunar dust characteristic •

Simulation system

Introduction

Apollo 17 astronaut Harrison Schmitt said at a lunar simulation workshop in 2005

that “Dust is the number one environmental problem on the moon” [1]. After only

hours on the lunar surface, the Apollo astronauts observed that lunar dust was the

source of certain aggravating operational problems. They reported that it had the

capacity to get everywhere. The O-ring seals of their suit gloves and helmets

became “bogged down with dust,” and dust interfered with their mechanical pulleys

and zippers [2].

M. Li (*) • D. Tian • Z. Wang • Y. Bai • Y. Li • Q. Yu

National Key Laboratory of Science and Technology on Reliability And Environmental

Engineering, Beijing Institute of Spacecrafts Environment Engineering (BISEE), Beijing,

China

e-mail: liman8319@126.com

© Springer International Publishing AG 2017

J. Kleiman (ed.), Protection of Materials and Structures from the Space
Environment, Astrophysics and Space Science Proceedings 47,

DOI 10.1007/978-3-319-19309-0_24

231

mailto:liman8319@126.com


Lunar Dust Environment Influence

Contamination on Material Surfaces

Lunar dust particles quickly adhere to all kinds of surfaces with which they come

into contact, including the boots and gloves of astronauts, radiators, solar panels,

etc. and, after adhering to such surfaces, these particles cannot be removed easily.

The adhesive force of lunar dust to a metal surface (e.g., aluminum) is, generally,

200 ~ 300 Pa and for metal painted surfaces it can reach values around 1000 Pa.

The lunar dust can contaminate thermal control surfaces, cause changes in solar

absorptivity and thermal emissivity, and lead to faults in the temperature control

system. For example, the solar cell arrays are among the components that are most

easily influenced by lunar dust. During the tasks carried out on Apollo 11, the

surface of the cable which was connected to the television camera was covered by

lunar dust, making it impossible to see it and, on several occasions, causing

astronauts to trip and stumble. During the tasks carried out on Apollo 12, lunar

dust settled on optical lenses and affected seriously their performance.

Thermal Control System Faults

If lunar dust adheres to the radiator surface, this may result in major faults in the

thermal control system since it greatly enhances the absorption capacity of the

radiator surface for visible and ultraviolet light. The relationship between the dust

coverage rate and absorptivity is strongly nonlinear, when dust coverage rate

reaches 11%, absorptivity increases by 100%.

The temperatures at 5 temperature measurement points on the Apollo 12 lunar

module were about 38 �C higher than expected. As a result of performance

reduction in the radiator, the battery temperature of the Apollo 15 lunar rover

increased by 38–43 �C. The Apollo 16 and 17 also experienced various levels of

overheating with their lunar rover batteries.

Seal Failure

Due to lunar dust, the seals in the space suits for astronauts of Apollo 12 were

damaged, and the rate at which the pressure decreased within the space suits was

more than expected. Commander Charles Conard’s space suit was worn after the

first walk on the moon and the leakage rate was about 1 kPa/min, which was up to

17 kPa/min after the second walk on the moon. In addition, due to lunar dust, seal

failure occurred in every single vessel which had been used to store samples.
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For manned moon landing projects, failures in the seal function of the space suits

or the lunar module are an enormous threat both to the safety of the astronauts and

to the success of the mission tasks as a whole.

Material Wear

Astronaut Pete Conrad once reported that his space suit was worn out only after 8 h

of work on the surface of the moon. During the training on Earth, the space suit

would be worn after 100 h of usage. However, he later found that the micromete-

oroid protective layer around the boots of their space suits had been penetrated

down to the Maylar fiber insulating layer. In completing the tasks of Apollo

16, astronauts cleaned the instrument dials on the lunar vehicle to which lunar

dust had adhered with a brush. It turned out that several dials were seriously worn

out and couldn’t be read. The clarity of the spacesuit helmet visor of astronaut

Harrison Schmitt became blurred as a result of abrasion by lunar dust, and he even

could not see through his helmet from some angles.

Failure Mechanisms

Experience suggests that mechanisms in the space suit will immediately become

jammed even if the astronauts only stop for just a moment in a place where lunar

dust is raised from the surface forming a cloud. Every astronaut who has landed on

the lunar surface had experienced this. In a few extreme cases, jamming in the space

suit mechanisms has caused the emergency termination of walks on the moon and

in some cases the mechanisms have become permanently jammed rendering them

unusable.

Vision Shielding

The formation of lunar dust clouds makes it difficult to find the landing location, in

turn making it more difficult to land on the moon and return to Earth. The astronauts

of Apollo 11 once reported that as the lunar module descended, the visibility outside

the lunar module constantly reduced and the minimum visibility went down to

<100 ft. This problem was especially obvious when the Apollo 12 mission carried

out its tasks. The astronauts could not see anything in the several seconds prior to

landing, directly causing a support pole of the lunar module to fall into a pit. The

following Apollo moon landing applied steeper descending trajectories for the

landing of the lunar module. This resulted in an improved view during landing,
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but the flying dust still had a great influence on visibility in the several seconds prior

to touching down.

For our manned moon landing projects, the dust clouds raised during the landing

of the lunar module may result in the astronauts being unable to clearly see the

landform outside, thus affecting manual operation by the astronauts during landing.

Furthermore, astronauts activities on the moon, while walking and working on the

lunar surface, may cause lunar dust to lift from the surface and adhere to the masks

of the astronauts, making them unable to see clearly and thus affecting the com-

pletion of the tasks on the lunar surface as well as their safety.

Electrostatic Effects

Lunar dust charging can affect the charge and discharge phenomena of the moon

landing equipment and can affect electronic parts and components in the equip-

ment. Electric charge accumulation of the electrophorus lunar dust may result in

electric leakage and partial discharge of the solar cell array, and thus cause

abnormality in, and even damage to, the solar cell arrays. Meanwhile, lunar dust

electrification will strengthen the adsorption characteristics of lunar dust and

aggravate contamination.

Johnson and others from George C. Marshall Space Flight Center calculated and

analyzed the distribution characteristics of dust blown by the landing engine,

including the calculation of the coverage degree of dust blown by the landing

engine on surrounding instruments and equipment. They also analyzed the harm

that lunar dust contamination can cause to the optical mirrors.

Lunar Dust Characteristics

Several of the most important physical properties of the dust are discussed below.

These properties are: particle size distribution, density, chemical composition,

abrasiveness, adhesion, and cohesion.

Particle Size Distribution

Extensive research has been conducted on samples of lunar dust collected during

the Apollo missions. One typical set of data showed that the particle size distribu-

tion for lunar dust ranged from <0.2 μm to over 400 μm in diameter [3].
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Density

The density of lunar dust ranges from approximately 1.0–2.0 gram per cubic

centimeter (g/cm3) [4]. The team assumed an average density of 1.5 g/cm3.

Chemical Composition

The dust particles are composed of various oxides with silicon oxide, aluminum

oxide, calcium oxide, iron oxide, and magnesium oxide accounting for more than

ninety percent of the composition of the dust [5].

Abrasion

Hardness and the shape of the particles are the most important factors influencing

abrasiveness. Since the oxides in lunar dust are very hard and the particles have

many sharp edges, the dust is very abrasive.

Adhesion

The adhesion of lunar dust to a surface is mainly due to electrostatic forces. For

large dust grains, these forces are due to an electrostatic dipole moment. The dipole

moment creates an induced mirror charge on the surface to which the dust is

adhered.

Cohesion

Cohesion of dust particles is also the result of electrostatic forces. Cohesion on the

order of 1000 Newtons per square meter (N/m2) was indicated from data collected

on the Apollo15 mission.

Design of the Simulation System of Lunar Dust Suspension

Caused by Lunar Rover Operation

Lunar dust is one of the extreme environmental conditions of lunar environment.

Most of the lunar dust consists of particles in the micrometer scale and has strong

absorption and permeability characteristics. Lunar dust particles have sharp edges
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with a strong abrasive action. In vacuum radiation environment, lunar dust particles

are also charged. Lunar Landers and lunar rover in lunar exploration phase will be

inevitably affected by the lunar dust. All these factors affect the level of testing and

validation of the equipment in ground testing before it can be confirmed that the

equipment will survive the lunar dust environment adaptability and tolerance.

Based on the lunar environment surrounding a moving lunar rover, the environ-

ment simulation system is divided into three parts: the vacuum container

subsystem, turntable subsystem and test subsystem. As shown in Fig. 1.

The Vacuum Container Subsystem

The vacuum container subsystem consists of vacuum container, vacuum tubes, heat

sink and a liquid nitrogen module. Vacuum container and tubes are the main body

of the environment simulation system providing a working vacuum not <4� 10�3

Pa. The liquid nitrogen heat sink equipment will provide low temperature environ-

ment. The liquid nitrogen used in heat sink equipment will be provided by liquid

nitrogen module. Crude pumping units and low temperature pumps will be used to

obtain and maintain the required vacuum. Test subsystem will be connected with

vacuum container subsystem to control the flow of liquid nitrogen module, tem-

perature, vacuum measurement and control indicators.

Fig. 1 The configuration of environmental simulation system
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Turntable Subsystem

The Turntable Subsystem is used for investigating the lunar dust suspension caused

by lunar rover wheel operation. Temperature range of the working environment is

from 0 to 120 �C. The Turntable Subsystem designed in the shape of a disk,

1200 mm in diameter and 150 mm high. Driven by a drive mechanism it can rotate

in both directions in the horizontal plane. At the same time, the rotation of the lunar

rover wheel in both directions can be conducted in the vertical plane. The turntable

is vacuum sealed to keep the lunar dust interacting with the moving lunar rover

wheel. A stress application system is used to simulate the weight of the lunar rover

on the wheels. The driving mechanism consists of two parts, one for the operation

of the turntable drive and the other for operating the rover wheel drive. The wheel

drive can be used in two drive modes, i.e., one is rotating around its own bearings,

and the other is contained in the dust turntable disk surrounding the central wheel

axis. The center of the support structure can be locked, with the capability of

working under low temperature in a vacuum.

Test Subsystem

The velocity field is evaluated through particle image velocimetry (PIV) measure-

ments. Particle image velocimetry can be used for providing two-dimensional or

three-dimensional velocity fields of the transient measurements. PIV system can

observe the details of the flow field to obtain information on the spatial structure

flow field.

According to the literature data, a single charge on dust particle can reach 10�14

C. So the precision of the power consumption meter has to be enough to record the

10�14 C charge. The evaluation of lunar dust charging is done by using a Faraday

cup. The size of the Faraday cup must allow for easy measurement of charge of a

single lunar dust particle, but at the same time has to meet the test chamber volume

requirements. The power measurement device also has a communication interface

with the terminal computer, so that it can automatically measure and collect data.

Focused beam reflectance measurement instrument (FBRM) probe is used for

evaluation of particle’s size and number. The FBRM can be used with particle flows

of any density and viscosity. The probe, using a focused laser beam, scans the

particles passing by the probe windows. FBRM can be highly sensitive and accurate

measurement of particle size and particle number changes.
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Conclusions

The study on lunar dust environment effects is one of the most important research

directions of lunar exploration and lunar excursion all over the world and in China.

The paper summarized the lunar dust characteristics, lunar dust environment effects

and the conceptual design of the simulation system of lunar dust suspension caused

by lunar rover operation. This study is still in the early stages of design in China and

could provide the test platform for the design of lunar spacecrafts and lunar rovers.
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Qualification of High Temperature

Platings and Corresponding Lessons Learned

Fabio Panin and Adrian Graham

Abstract BepiColombo is an ESA cornerstone mission for the exploration of the

Mercury planet. The journey to Mercury is a 6 year long cruise that constitutes a

challenge for the materials used because of the long exposure to the high intensity

of Sun illumination.

Several metallic and organic materials will reach sustained high temperatures

and undergo phenomena such as stress relaxation/creep, and degradation of thermal

and mechanical properties. These aspects need to be considered upfront during

material selection and evaluation. A specific logic has been for this, which con-

siders the incremental detailed knowledge of the environment, the material use and

the spacecraft configuration.

A number of high-temperature platings of titanium alloy substrate have been

subject to development, namely the gold-plating of the Medium and High Gain

Antenna Rotary Joints, and the silver-plating of the Low Gain Antenna. Their

qualification testing has shown how process set up is crucial, to avoid plating

degradation during thermal cycling at extreme temperatures. A number of lessons

have been learned for the improvement of the processes used.

Keywords BepiColombo • High temperature • Plating • Gold • Silver • Lessons

learned

Introduction

BepiColombo is an ESA cornerstone mission for the exploration of the Mercury

planet, currently planned for launch in 2016 (Fig. 1). The journey to Mercury is a

6 year long cruise that constitutes a challenge for the materials used because of the

long exposure to the high intensity of Sun illumination.
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Several metallic and organic materials therefore will reach sustained high

temperatures and may undergo phenomena such as stress relaxation/creep, and

degradation of thermal and mechanical properties. Such phenomena and degrada-

tion need to be considered upfront during material selection and evaluation. A

specific logic has been devised for material selection and evaluation, which will be

described, and considers the incremental detail knowledge of the environment, the

material use and the spacecraft configuration.

In particular, a number of high-temperature platings of titanium alloy substrate

have been subject to development, namely the gold-plating of the Medium and

High Gain Antenna (MGA) Rotary Joints (up to 290 �C), and the silver-plating of

the Low Gain Antenna (LGA), and MGA/LGAWave Guide routing (up to 350 �C).
Their qualification testing, that will be described, has shown how it is crucial to

place great care in the set up of the processes used, to avoid plating degradation

such as delamination and blistering during thermal cycling at extreme temperatures.

A number of lessons have been learned and will be described, for the improvement

of the processes used.

Fig. 1 The BepiColombo mercury composite spacecraft

240 F. Panin and A. Graham



The BepiColombo Mission

The BepiColombo mission will be the first European mission to the planet Mercury,

and is the 5th cornerstone in the Cosmic Vision Scientific Program of the European

Space Agency (ESA). The BepiColombo mission will answer several questions on

the planet itself, the exosphere as well as the magnetosphere and the interaction

with solar wind. To fulfill all the scientific objectives, 16 instruments will be carried

on two spacecraft orbiting around Mercury, one of them being provided by the

Japan Aerospace Exploration Agency (JAXA).

The difficulty of reaching, surviving and operating in the harsh environment of a

planet so close to the Sun makes BepiColombo one of the most challenging long-

term planetary projects undertaken by ESA.

Following launch, the 4100 kg spacecraft will begin a 7.5-year journey towards

Mercury. Eight planetary fly-bys will reduce the energy level required to reach

Mercury. The delta-V still necessary will be achieved through an electric propul-

sion system and a complementary chemical propulsion system for navigation

maneuvers and attitude control. Both propulsion systems are on board a dedicated

transfer module, which will be separated from the orbiter shortly before capture at

Mercury. When the Mercury orbit insertion is reached, the Japanese Mercury

Magnetospheric Orbiter (MMO) will be released from the European Mercury

Planetary Orbiter (MPO), by a spin and separation mechanism. Subsequently, the

MMO protection sunshield (MOSIF) will be also released from the MPO. The

primary science mission will commence in May 2024 and last for one Earth year

with a potential extension until May 2026.

In order to cope with the challenging requirements (mostly constituted by the

environmental conditions) and the mass constraint, a program of technology devel-

opment was undertaken in preparation for the project implementation phase. Tech-

nology critical areas were:

• TT & C: Deep Space Transponder and High Power Amplifier.

• High Gain Antenna: Antenna Reflector (including thermal and RF coating),

Antenna Pointing Mechanisms, Position Sensor, Rotary Joint, Low CTE Wave-

guides, High Temperature Feed, RF Compensated Phase-Stable Waveguide.

• Thermal: High Temperature MLI, MPO Radiator, High Temperature Cables.

• Power and Solar Arrays: High Temperature Solar Cells and Substrate, Shunt

Diodes and Blocking Diodes.

• Mechanical: SADM (including Slip-Rings).

• AOCS: Star Tracker.

• Propulsion: Solar Electric Propulsion.

The wide perimeter of the above shows clearly the magnitude of the effort that

was undertaken, namely through testing and evaluation of materials and compo-

nents, both at constituent and unit level.
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Material Evaluation Process

A first material overview shows that the externally exposed materials will see rather

large thermal ranges. For example the MOSIF sunshield is expected to experience

�180 to +280 �C. Thermal coatings such as Zirconia are used to protect sunshield

materials against thermal radiation from the Sun.

Deployable thermal covers will see �50 to +250 �C. They will employ Multi

Layer Insulation (MLI) for the shutter, a thermal coating, and Vespel SP1 has been

used for the thermal spacer with the spacecraft that will reach 250 �C.
White paint is also used for those elements that, even if not exposed for the

whole mission, will have extended exposure times e.g., 30–40 days and will

experience high but not extreme temperature e.g., 150 �C.
There are also a number of exposed elements that after launch are required only

to provide geometric stability with a low loading level (e.g., attitude maneuvers).

For these, degradation of mechanical properties can be tolerated.

These considerations already show that a dedicated review and approval process

is needed for this mission, to properly address the peculiarity of the environment, in

relation to the materials used. A Materials and Process Control Board (MPCB)

system has been organized at various levels to perform the systematic review of

materials, processes and mechanical parts proposed by the project subcontractors.

The first system-level MPCBwas held in October 2009. Here, the criteria to be used

to determine whether an MPCB meeting was necessary for a given unit, were

established:

– New equipment or subcontractor;

– Critical equipment e.g., functions, environmental conditions;

– Procurement time.

which allowed to focus resources. It was also agreed to use the ESA PMP Tool

[1]. For organic materials, due to the criticality of cleanliness and contamination

control aspects to the mission, it was decided to request companies to indicate the

date of the last outgassing test results that would have been claimed for material

approval (to be noted that this information is not normally requested). The guideline

to accept only outgassing test results not older than 10 years was established.

Materials with older tests would have to be retested, especially where a mixing

process is involved or the traceability to constituents of the suppliers is not available

e.g., pottings, adhesives and paints.

In the following months, preliminary information was collected on material

maximum expected temperature and exposure duration. This allowed a set of

approximately 30 materials for outgassing test at 125 �C to be selected, and

approximately 10 materials for dynamic outgassing test. In addition, it appeared

that material assessment based on the information of temperature class, material

class, etc. as per ECSS-Q-ST-70 was not sufficient. It was decided to establish a risk

assessment flow (see Fig. 2) based on the incremental evaluation of the material

properties vis-�a-vis the expected environmental conditions. When the material was
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to be used at high temperature (>80 �C), the expected maximum temp and duration

exposure was needed, in addition to a detailed description of use, including material

quantity and configuration. Depending on this first assessment, Thermal Gravimet-

ric Analysis (TGA) results were considered to determine if any physical or chem-

ical change (e.g., decomposition, sublimation) would occur which could affect the

material function. If this risk could not be excluded, and thermal stability consti-

tuted a concern, a high temperature outgassing screening test had been performed.

A final evaluation would consider detailed configuration aspects and potential

impact on cleanliness and contamination. If deemed necessary, a dynamic

outgassing test was performed that allowed information to be extracted as input

to the spacecraft contamination simulation.

A similar process was put in place for metallic materials (Fig. 3) where the

concerns were:

– Stress relaxation or creep;

– Loss of the mechanical properties achieved through heat treatment;

– Diffusion process taking place between different metals.

A first material assessment was based on examination of existing experience or

heritage of use at high temperature.

The determination of the temperature level to be considered as safe was more

involute than that for organic materials as it had to differentiate the various metals/

alloys, and the various heat treatments within alloy family—all in conjunction with

the expected use and state of stress.

For example, while AA1050 is mostly used for shims (hence the concern for

creep) and can be safely used up to 250 �C, 7075 T73 shows a decrease of

mechanical properties above 82 �C.
Solder materials have a specific use and their limits are:

– Sn63Pb37: extensive periods at +80 �C or short periods to a maximum of

+120 �C.
– Sn96Ag4: extensive periods at +120 �C or short periods to a maximum of

+150 �C.
– Sn60Pb40: extensive periods at +80 �C or short periods to a maximum of

+120 �C.

The most critical materials, due to the combination of low safe temperature and

application, are the aluminum alloys and solders. Stainless steels, titanium alloys,

nickel alloys are less critical.

Metallic material assessment for extended exposure to high temperature was

primarily based on the function to be provided by the element, and the material state

of stress. Following temperature exposure, the questions that needed to be answered

were:

– Which is the level of mechanical properties required for its function?

– Would stress relaxation or creep affect the function?
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Fig. 3 High temperature metallic materials assessment flow
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– If the metal is in contact with other metals, would diffusion occur, and if this

does, would diffusion affect the needed performance?

The application of the above logic showed that indeed a number of aluminum

alloys would pose no risk even after extended exposure to high temperatures,

because the loading level at that stage of the mission would be extremely low—

the driving design loads occurring at launch or during spacecraft separation (shock).

In other cases, an extreme temperature is related to failure cases only, and

exposure times would be very short, therefore again not constituting a risk for the

material use.

Following a number of iterations and research, the following safe temperature

limits were been established:

– Aluminum alloys: 82 �C, when mechanical strength is required.

– Nickel alloys, titanium alloys, steels and stainless steels: 127 �C.

For filler metals used in brazing, welding, soldering, optical materials, and

ceramics, it was impossible to establish generic safe temperature limits due to

their nature and properties. On the other hand, due to the limited use of these

materials, it was appropriate to assess them on a case-by-case basis.

The evaluation work described above resulted in the need for dedicated testing

of some 70 materials and processes to verify their suitability to the mission

environmental conditions. This represented a considerable effort for the industrial

consortium and the project. The effort was both financial and sheer work, which

sometime was of investigative nature as the demands placed on materials exceeded

the known or “heritage” limits.

Overall, more than 3100 materials, 2200 processes, and 1040 mechanical parts

have been subject of the evaluation process described above to achieve final

approval. The ESA Request For Approval (RFA) process was implemented to

control the implementation of qualification activities on materials and processes.

This process includes a first step of review and approval of the proposed qualifica-

tion test plan, followed by a second step of review of the obtained test results.

Eventually, 70 RFAs were generated within the project, to cover, among others:

• Thermal coatings.

• RF platings.

• Solar array composite materials and processes, spacecraft interface harness.

• Low friction coating of separation mechanisms.

• VUV resistant rings for optics retention.

• Carbon/Silicon-carbide struts for High Gain Antenna.

• Materials exposed to fluids e.g., valve seals.

• Potting of the Solar Array Drive slip rings in addition to a number of bondings

(e.g., heaters, tie-bases, thermistors), chemical conversion processes, coatings

(e.g., Molycote), platings, and Surface Mount Technology (SMT) verifications.

In the following, two plating processes are discussed as examples.
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Silver Plating of Titanium Substrate

The Low Gain Antenna (Fig. 4) is constructed with Ti6Al4V titanium alloy. To

provide electrical performance, the titanium alloy is plated with silver [2]. Rymsa,

Spain, was responsible for the procurement of the antenna, and performed the

plating process. The antenna qualification temperature range was �150 to

+350 �C. The plating process consisted of substrate cleaning, first nickel under-

plating, heat treatment, second nickel layer, silver plating (details of the process

steps are proprietary and cannot be discussed).

The process qualification employed 28 flat, cubic and design-representative

samples. The test flow was:

• Process quality and thermal/optical properties (flat samples)

– Thickness measurement (X-ray spectrometry).

– Adherence tests (peel, blister and bending tests).

– Humidity test.

– Thermal shock test.

– Thermal/optical properties measurement.

• Process robustness against environment

– Initial thickness measurement (X-ray spectrometry).

– Humidity test.

– Peel test.

– SEM inspection.

– Thermal shock test.

– Peel test.

– Diffusion test.

– Surface roughness measurement.

– Thickness measurement by micro-sectioning.

Fig. 4 Low gain antenna
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• Verification of RF performance

– Thickness measurement (X-ray spectrometry).

– Blister tests.

– RF performance test (on selected samples).

– Humidity test.

– Thermal shock test.

The peel, blister, and bending tests were according to ASTM-B571 and QQ-S-

365.

The humidity test was an exposure to 95% RH and 50� 5 �C for 96 h.

The thermal shock test was a thermal vacuum cycling between �150 and

+350 �C with 200 �C/min rate and for 100 cycles, in accordance with MIL-STD-

202F method 107G.

The diffusion evaluation was by SEM examination of microsections, and EDX

analysis.

Adhesion problems after heat treatment were found during sample manufactur-

ing. A number of changes were considered, that included abrasive blasting to

improve the surface roughness, cleaning agent, and changes of current level.

Experimentation showed that an extra cleaning before application of nickel strike,

heat treatment and a second nickel layer solved the problem.

After the thermal shock test, two large plating detachments were found at the

center of the inner walls of the waveguide, thus in a performance critical area

(Fig. 5). The sample was cut, and the inspection showed that poor adhesion of the

first nickel layer was the cause of the plating detachment. The stability and/or

uniformity of the current was the suspected cause of the problem. Additional testing

was performed on extra samples representing the waveguide cavity. Such testing

included plating thickness measurement, peel test, hardness measurement before

and after a thermal shock (�198 to +350 �C, five cycles). Three current levels were
tried, and three different electrode positions. As a result, it was determined that

while the position on the electrode internally to the waveguide has little or no effect,

the current through the electrode may cause detachment if too low or too high. The

investigation therefore allowed confirmation of the process set up and associated

parameters, as well as their monitoring. Indirectly, this confirmed that the single-

Fig. 5 After the thermal

shock test: large plating

detachment
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piece waveguide design was feasible (the alternative being a more complex two

halves design).

After thermal vacuum testing, brown stains, spots, and blisters were found

(Fig. 6). Contamination was the suspected cause of stains and spots, and SEM

inspection of the defect area was performed. This showed carbon on top of the

silver layer, which could be deposited during compressed air drying after silver-

plating, due to inevitable oil residues in the air stream. The preventive action was to

replace compressed air drying with drying in low vacuum at 80 �C for 2 h.

To prevent blister formation due to bad nickel adhesion, the positioning of parts

in the bath was changed to allow an easier hydrogen bubble evacuation, and thus

lower its interference with nickel deposition. The effectiveness of all such actions

was confirmed by additional testing.

Later on, during EQMWave Guide manufacturing, sandblasting of silver-plated

pieces following heat treatment caused their peeling, showing lack of nickel

adhesion onto substrate. The first suspect was the correct oven temperature during

heat treatment, but this did not show any deviation from normal profile. However,

this enquiry showed that an oven leak had occurred which resulted in postponing

the heat treatment to the following day, whereas this is usually performed during the

first day, immediately after nickel plating (as per ASTM B481). Two sets of

samples (one processes as per regular timeline, one with the delayed heat treatment)

were tested, While the first set reproduced the failure, the second was acceptable.

This showed that the time delay between nickel plating and heat treatment is a

critical parameter that needs control.

The Medium Gain Antenna (manufactured by Rymsa, Spain) also needed silver

plating for RF performance. For this application, however, qualification from �88

to +550 �C was necessary. The process qualification flow described above for the

LGA was adopted, reducing the thermal vacuum test to 30 cycles at first

(pre-qualification). At this stage, diffusion evaluation was paramount to determine

Fig. 6 After thermal

vacuum test: brown stains,

blisters and spots
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if the silver layer thickness was sufficient to guarantee end-of-life (EOL) perfor-

mance. Diffusion evaluation (by SEM examination of micro sections) showed that

this phenomenon took place among all three metals, despite the relatively short

exposure to high temperature. Even if the overall silver thickness was maintained in

this test, there was a concern over the expected lifetime. A high temperature storage

test was devised to study diffusion over time, however the boundaries set by

material properties implied a limitation on the acceleration factors that could be

adopted. Eventually, a 3-week storage at 540 �C was performed, followed by

1-week storage at 600 �C (peel tests were performed at various stages to confirm

good adhesion). In parallel, a re-design of the antenna with a larger size was

performed and a maximum temperature of 350 �C, as a backup solution in case

of a negative test outcome.

The results obtained with the storage test were used to derive the diffusion law

and thus the EOL diffusion expected for 350 �C operation. The initial calculations

showed that the planned mean plating thickness would be acceptable to maintain

the antenna performance over the 2-year operational phase, but subsequent calcu-

lations showed that the possible error in this value was huge. A new method of

analyzing the results was developed. This, in combination with published data,

allowed the behavior of the coating system to be modeled over the predicted

mission duration. The temperature experienced by the antenna will cover a range

depending on the heat input from the sun and planet. The present coating would

allow 2 years of continuous service at 420 �C without compromising data trans-

mission rates.

Gold Plating

The High (Fig. 7a) and Medium (Fig. 7b) Gain Antenna Rotary Joints are

constructed from Ti6Al4V titanium alloy. Sener, Spain, was responsible for the

procurement. To provide electrical performance, the titanium alloy is plated with

gold [3]. The plating system was performed by Epner Technologies Inc, USA, and

consisted of a chemical cleaning/activation bath, followed by an Electroless-Nickel

(EN) under-plate. After heat treatment, a second activation and EN layer was

applied, before the final Electroless gold plating (details of the process steps are

proprietary and cannot be discussed).

The process qualification flow was as follows:

– Initial surface roughness measurement.

– Plating.

– Thickness measurement (X-ray).

– Surface roughness measurement.

– RF performance test (on selected samples).

– Peel test.

– Thermal cycling.
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– Surface roughness measurement.

– RF performance test (on selected samples).

– Peel test.

– Cross sectioning.

– Peel test.

Fig. 7 (a) High gain

antenna: antenna pointing

mechanism rotary joint. (b)

Medium gain antenna:

mechanical assembly rotary

joint
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– Thickness measurement (X-ray).

– Microsectioning (to confirm X-ray measurement).

In total, 16 samples were used for the various tests. Both flat and complex shape

samples were employed. Complex samples included representative cavities, holes

and corners, and actual waveguide design. For the latter samples, plating of flanges

and internal waveguide surfaces was performed and subject to inspection, hence the

sectioning.

Thermal cycling was split in a cold step and a hot step:

– Cold cycling: �80 to 20 �C, 8 cycles, in atmosphere.

– Hot cycling: 20–290 �C, 100 cycles, in vacuum, 30 dwell, 10 �C/min ramp.

and samples were removed at 5, 20, 40, 60 and 80 cycles for inspection.

For the application, the acceptance criteria did not include discoloration or

tarnishing, as these would not affect electrical performance. Blistering, cracking

or peeling were instead considered as a reason for rejection.

Following gold plating, four of the samples exhibited blistering (Fig. 8). The

investigation showed that this was due an insufficient activation prior to the second

nickel plating. The affected samples were stripped and re-plated. The remaining

samples were thermally cycled to confirm the plating quality, however three

showed blistering after only five cycles. Those not affected were further tested to

20 cycles and showed no problem.

The corrective action for this blistering issue eventually was an improvement of

the workmanship to ensure a homogeneous wetting of all surfaces during

activation.

After re-plating, some granularity was observed in six of the samples (Fig. 9).

Granularity was found to be made of gold particles embedded in the gold plating.

Even if this granularity was within the maximum acceptable roughness limit, it

violated basic visual inspection criteria. Eventually the root cause was determined

to lie with the masking tape that had been used and the orientation of the samples in

Fig. 8 RJ assembly

blistering
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the bath in relation to the flow. The affected samples were stripped and re-plated

with changes to masking and raking.

Qualification testing performed on the seventeen samples showed the suitability

of this RF plating for use in the high temperature space environment foreseen for

the mission. The test samples showed no evidence of peeling or blistering and

successfully passed adhesion and surface roughness tests. They also showed no

evidence of metal diffusion when examined by scanning electron microscope.

The following is a summary of the findings:

• Surface roughness: this was measured three times on each sample (bare titanium,

before and after thermal cycling) and passed the set criteria. Variation from

sample to sample was observed which could be explained by a combination of

factors: different measurement location, handling (for waveguide flange samples

that were mounted for RF performance measurements), softness of pure gold

layer;

• Plating thickness measurement: a discrepancy had been found between the

results obtained through the X-ray fluorescence method and the SEM, which

was determined to be caused by the insufficient accuracy of the X-ray equipment

for the small thickness to be measured. Only SEM results have been retained and

showed a thickness at least double than that specified.

• Diffusion: six samples were used to characterize any diffusion taking place at

elevated temperatures. One of these samples was removed from thermal cycling

at 5, 20, 40, 60, 80 and 100 cycles. The SEM images of micro-sections show no

diffusion of gold into nickel, or inter-nickel diffusion.

• Surface patterning was observed on some of the samples. Plating, cleaning, or

condensation during cold cycling could cause these patterns. The effect was only

optical, and did not affect adhesion or performance.

Lessons Learned

As the discussion above has shown, the set up of plating processes for high

temperature applications was not straightforward and had an iterative nature,

Fig. 9 RJ assembly

granularity
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where the problems found needed investigation that in turn allowed increasing our

experience for such applications.

A number of lessons have been learned that can be summarized as follows:

For Silver Plating

• A nickel under-layer with low thickness (flash or strike) improves the adhesion

of the subsequent layers.

• For hollow pieces, the electrode current level is an important process parameters

that needs set up and control.

• Drying in between baths may affect adhesion if performed too quickly with

pressurized air, which can contain impurities.

• The timing between platings steps may affect adhesion and therefore needs

control to ensure repeatability.

• Material degradation can have a direct impact on the efficiency of the spacecraft

e.g., the correlation of diffusion with data bandwidth.

• For diffusion rate calculation, mean data can be useless if the possible errors

affecting the results are not understood;

• Modification of how the available data is used can produce both meaningful and

valuable results: the new analysis looked at the shape of the diffusion profile,

rather than the depth of the diffusion wave front as normally it is done;

For Gold Plating

• Intermediate inspections during thermal cycling were invaluable in detecting

problems as they arose (sometime, surprisingly at early phase of testing). Even if

this implies a longer overall schedule and a higher number of samples, the return

of information pays off as educated decisions can be made to adapt the test or

process.

• A relatively low number of thermal cycles e.g., 5–10 is a good screening to

identify major process weaknesses.

• It is inevitable that some process parameters e.g., strength of activation, need

experimentation or confirmation.

• Due to the two points above, early trials on a limited number of samples allow

confirmation of process or adjustment of such parameters. Such trials should be

undertaken before formal qualification.

Conclusions

The high temperature requirements of the BepiColombo mission needed a dedi-

cated material evaluation process. The process considered information such as:

mission profile; time-temperature predictions; function and configuration. The

potential effects of material degradation or contamination due to outgassing were
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assessed. To support material evaluation, extensive material testing was necessary,

both to provide valid input data to system level analysis (e.g., outgassing) and to

confirm EOL performance within limits.

Two examples were discussed, of platings used for RF applications. The discus-

sion of the problems encountered in the course of their qualification showed that

processes needed great care both in their set up and the associated controls, in order

to avoid poor quality e.g., low adhesion to substrate following exposure to high

temperature.

A number of lessons were learned that have a general nature. The consolidation

of processes involved a number of subsequent and incremental trials, and employed

a relatively large number of samples of increasing complexity. It is therefore wise

to initiate process qualification at an early stage of procurement, proceed step-wise,

and foresee adequate resources for its completion.
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Abrasion Research on Axle Materials

with the Influence of Simulated Lunar Dust

Dongbo Tian, Man Li, Yu Bai, Zhihao Wang, Qiang Yu, and Yu Li

Abstract Using Lunar Dust Environment Simulator, the effects of friction and

abrasion of lunar dust simulants in vacuum were investigated at the Beijing Institute

of Spacecraft environment Engineering (BISEE). The abrasion characteristics of

lunar dust on materials were studied, focusing on the CE-3 rover wheel axles. The

sample coupons included aluminum alloy, Teflon and steel materials used on axle.

The surface morphology of before-test and post-test samples were analyzed. The

friction coefficient curves were acquired in vacuum dust environment. The mass

losses of materials were analyzed.

In vacuum conditions without the application of lunar dust simulant, the abra-

sion degree of the friction pair was highest. The introduction of the lunar dust

simulant can significantly change the friction–abrasion status. The abrasion of

PTFE material was more serious than that of the aluminum alloy without the

lunar dust conditions; while the abrasion of aluminum alloy exceeded that of the

PTFE material with the participation of lunar dust particles.

Keywords Simulated lunar dust • Materials • Friction and abrasion

Introduction

Lunar dust having small particle size, sharp edges and high hardness, can be

considered as a special “abrasive”. These characteristics of lunar dust can cause

scratches and damage to the surfaces in contact with it, especially when they are in

relative motion. In particular, the surfaces, during reciprocating motion and rota-

tional motion, will be abraded, with the surface coatings even stripped off. When

the instrument panel on the inspection equipment of Apollo 16 was covered by

lunar dust, after the astronauts removed the dust with a brush, certain instruments

could not be read due to serious abrasion [1, 2]. After the two astronauts of Apollo

12 finished their moon walk, the window glass on the helmets of their space suits
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became blurred because of scratches. Several layers of the laminated heat-insulated

material were worn through. The electron microscopy image of a fragment of

Apollo 12 astronaut Alan Bean’s space suit, showed the damage resulting from

this kind of abrasion (Fig. 1) [3]. Alan Bean wrote in his reports that “The space suit

material on the lower part of the upper edge of the moon boots was seriously

abraded, and several spots on the outer layer of space suit were worn through. These

were all caused after less than three days of activity on the lunar surface. If we plan

to carry out longer term activities on the lunar surface, we need to pay more

attention to the abrasion effects [4].”

In the present paper the results of a study of abrasion effects of lunar dust

simulant on metallic aluminum and PTEF materials conducted in a lunar dust

environment simulator and using a vacuum lunar dust friction–abrasion testing

machine are presented. The research results can provide strong support in under-

standing the abrasion effects caused by lunar dust particles to materials in China’s
lunar exploration program.

Testing Apparatus

The testing apparatus mainly includes the lunar dust environment simulator and the

vacuum lunar dust friction–abrasion testing machine. The lunar dust environment

simulator is a horizontal type vacuum chamber that provides a vacuum environment

for the testing (Fig. 2). The size of the simulator is 800 mm in diameter and

1200 mm long. The vacuum system can create a vacuum environment with a

pressure of 1� 10�3 Pa inside the chamber. There is a dustproof system within

the vacuum system. With the exterior being cylindrical, the vacuum lunar dust

friction–abrasion testing machine includes the loading system, upper and lower test

samples, sample rotation driving system, friction coefficient acquisition system,

etc. By changing the test samples, a study on the changes in abrasion performance

of different friction pairs was conducted. The control and data acquisition of the

vacuum lunar dust friction–abrasion testing machine were set outside the lunar dust

environment simulator. The build-in friction force data sampling system on the

Fig. 1 Scanning electron

microscopy image of the

braided fabric on Space Suit

from Apollo 12 worn by

Alan Bean. Lunar dust

particles are embedded in

the fabric and abrasion can

be seen on several of the

individual fibers
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friction–abrasion testing machine was used for the real-time collection and record-

ing of the friction force data during the test. The METTLER electronic balance with

an accuracy of 10�5 g was used to weigh the samples and the dust-adding volume

before and after the test.

The aluminum alloy material, the PTFE materials were prepared as friction

samples, which were divided into upper test samples and lower test samples.

Results

Analysis on the Influence of Vacuum and Atmospheric
Environmental Factors Without Use of Dust Particles

In this study the PTFE material was used to prepare the lower test sample, and the

aluminum material was used to prepare the upper test sample. This friction pair was

used to investigate the impact of the vacuum and atmospheric environmental

factors on the friction pairs, without introducing the dust particles. The test condi-

tions were as follows: the load applied to the friction pair P¼ 3.85 kg; the vacuum

pressure P3¼ 4.5� 10�3 Pa, the rotation speed of the corresponding friction pair in

vacuum, v1¼ 285 rpm, and the rotation speed of the friction pair in the atmospheric

conditions, v3¼ 280 rpm. See Fig. 3 for the surface appearance of the samples after

the test. See Fig. 4 for the corresponding friction curves.

From the friction coefficient curves (see Fig. 4) we can see that the friction

coefficient curve in the atmospheric conditions changed between 0.07 and 0.08,

while the friction coefficient curve in the vacuum conditions changed between 0.25

and 0.3 with other conditions being equal.

The weight loss test results showed that the weight loss of PTFE sample in

atmospheric condition was 0.02536 g, while the weight loss of PTFE sample in

Fig. 2 Lunar dust sediment

and adsorption environment

simulator
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vacuum conditions was 0.0379 g; the weight loss of aluminum alloy sample in

atmospheric conditions was 0.00413 g, while weight loss of aluminum alloy sample

in vacuum conditions was 0.00392 g.

Through data analysis, we can see that in the atmospheric conditions, the thin air

film formed between the upper and lower samples significantly reduced the friction

between the samples, and the damage of the lower sample was also reduced

significantly, but its influence to the abrasion of the upper sample turned out to be

small. In other words, the abrasion in vacuum conditions is much more serious than

that in atmospheric conditions under the same operating conditions.

Fig. 3 Images of a friction PTFE/Aluminum pair after a test without the dust particles. (a) The

appearance of the PTFE lower sample after test. (b) The appearance of the aluminum alloy upper

sample after test
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Fig. 4 Friction coefficient curves of samples in atmospheric and vacuum conditions without dust

particles
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Analysis on the Influence of Vacuum and Atmospheric
Environmental Factors with Participation of Dust Particles

In this study, the PTFE material was used to prepare the lower test sample, and the

aluminum material was used to prepare the upper test sample. This friction pair was

used to investigate the impact of the vacuum and atmospheric environmental

factors on the friction pairs, with the dust particles. The test conditions: the load

P¼ 3.85 kg; the pressure in vacuum is P4¼ 4.3� 10�3 Pa, the rotating speed of the

corresponding friction pair is v2¼ 274 rpm, and the rotating speed of the friction

pair in the atmospheric conditions is v4¼ 266 rpm. Figure 5 shows the surface

conditions of the samples after the test. Figure 6 presents the corresponding friction

curves.

From the friction coefficient curves (see Fig. 6) we can see that the friction at

atmospheric conditions was about 0.15, while the friction coefficient at vacuum

conditions was about 0.25, with other conditions equal. The weight loss test results

showed that the weight loss of PTFE sample in atmospheric condition was

0.02843 g, while the weight loss of PTFE sample in vacuum conditions was

0.02822 g; the weight loss of aluminum alloy sample in atmospheric conditions

was 0.04346 g, while weight loss of aluminum alloy sample in vacuum conditions

was 0.01219 g.

Through data analysis, we could find that in the atmospheric condition, the air

film formed between the upper and lower samples also reduced the friction between

the samples. The abrasion in vacuum conditions is much more serious than at

atmospheric conditions under the same operating conditions with lunar dust.

Fig. 5 Images of a friction PTFE/Aluminum pair after a test with the dust particles. (a) The

appearance of PTFE lower sample after the test. (b) The appearance of aluminum alloy upper

sample after the test
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Analysis on Influence of Lunar Dust on the Degree
of Abrasion in Vacuum Conditions

In this investigation, the PTFE material was used to prepare the lower test sample,

and the aluminum material was used to prepare the upper test sample. The test

conditions: the load P¼ 3.85 kg; the revolution velocity of the friction pair:

v3¼ 280 rpm, v4¼ 266 rpm; the environmental pressure: P3¼ 4.5� 10�3 Pa,

P4¼ 4.3� 10�3 Pa; there was no simulated lunar dust in test 3, and 0.01619 g of

the dust was added in test #4.

The surface appearances of the upper and lower samples were evaluated before

and after the test. Figure 7 presents the images of both surfaces after the test.
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Fig. 6 Friction coefficients behavior of samples in atmospheric and vacuum conditions in

experiment with dust particles

Fig. 7 Images of the PTFE and aluminum samples after a vacuum test with dust particles

simulant. (a) The appearance of PTFE lower sample after a vacuum test with dust particles. (b)

The appearance of the aluminum alloy upper sample after a vacuum test with dust particles
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Figure 8 presents the friction coefficient curves. From the data analysis we can

see that the influence of the lunar dust on the friction coefficient between the

investigated PTFE-Aluminum friction pair was small in vacuum conditions.

Through comparing the weight losses of friction pairs, we found that the weight

loss of the PTFE lower sample without lunar dust is 0.0379 g, while the weight loss

of the PTFE lower sample with lunar dust is 0.02822 g; the weight loss of the

aluminum alloy upper sample without lunar dust is 0.00392 g, while the weight loss

of the aluminum alloy upper sample with lunar dust is 0.01219 g. The data analysis

showed that the damage to the PTFE material lower sample was significantly

reduced in the lunar dust condition, but the damage to the aluminum alloy upper

sample increased sharply at the same time.

Discussion

By comparing the results of the abrasion effects on the PTFE material and alumi-

num material in atmospheric, vacuum and lunar dust conditions, some preliminary

results can be suggested.

Vacuum conditions have the most significant influence on abrasion. In vacuum

conditions without the participation of lunar dust particles, the abrasion due to the

friction was the highest. The addition of the lunar dust can significantly change the

friction–abrasion status. For the PTFE material the abrasion was more serious than

that of the aluminum alloy without the lunar dust; while the abrasion of aluminum

alloy exceeded that of the PTFE material when the lunar dust was added.

The test results obtained in this study could provide useful reference information

on abrasion patterns that may be caused by lunar dust to the inspection equipment,

to the Lunar Lander on the lunar surface and to the moving parts and rotating parts

of various scientific instruments. By adopting the vacuum friction–abrasion testing
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method, this study can scientifically and effectively evaluate the influence of lunar

dust particles on the abrasion of materials, providing stronger support for selecting

the materials for moving parts of China’s lunar exploration apparatus and equip-

ment to withstand the effects of the lunar dust and reduce its influence from the

stage of design to the stage of experimental verification.
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Effects Analysis and Simulation Technology

of Dust Storm Environment on Mars

Lei Zhang, Jie Xu, and Shizeng Lv

Abstract The dust storm characteristics on Mars were analyzed. The material

properties of thermal control coatings, windows and mirrors affected by such dust

storm parameters like particle velocity, their density, size and hardness are

discussed. Investigation directions and methods for studying the dust storm envi-

ronmental effects are presented. By studying the Mars dust storm environments in

ground simulators, the numerical simulation method of mixed flow of backfilled gas

and dust particles has been developed and the analysis of the flow characteristics of

Mars dust storm conditions with different scale parameters has been conducted. The

Mars dust storm environment simulator concept is presented that allows providing

technical support in simulating the dust storm environmental conditions testing.

Keywords Mars dust storm • Effect analysis • Mars environment simulator • Test

method

Introduction

Dust storms on the surface of Mars are quite frequent, with the dust particles being

highly invasive. In addition, friction between dust grains during such events will

produce static discharges that may damage sensitive components of a Mars Probe

and reduce its performance. So, dust storm environmental effects should be inves-

tigated and their influence on the parts and materials verified by studying them in

ground simulators. This paper reports on a study carried on that included the

following topics: (1) Analysis of the dust storm characteristics on Mars. Evaluation

of the effects of such dust storm parameters as particle velocity, their density, size

and hardness, on material properties of thermal control coatings, windows and

mirrors. Investigation of the directions and methods for studying dust storm envi-

ronmental effects. (2) Development of a numerical simulation method of mixed

flow of backfilled gas and dust particles and analysis of the flow characteristics of
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Mars dust storm conditions with different scale parameters. (3) Development of the

Mars dust storm environment simulator concept that allows providing technical

support in simulating the dust storm environmental conditions testing.

Mars Dust Storm Characteristics

The atmosphere of Mars is very thin, and 95% of the atmosphere composition is

carbon dioxide, whose density is only about 1% of the Earth’s. The atmosphere

pressure at Mars’ surface is 700–l000 Pa. Wind is a common weather condition on

Mars, with the wind velocities being 10 times higher than those on Earth. The air

density is 120 times lower than on Earth [1, 2].

The Martian atmosphere contains significant amounts of dust with dust densities

reaching 10�7 kg/m3. Due to the low atmospheric pressure conditions on Mars’
surface and high levels of irradiation from the sun, it is easy to accelerate the dust

particles forming strong dust storms that occur frequently on Mars’ surface, with
the average wind speed reaching 50 m/s or even 150 m/s and more [3].

Mars Dust Storm Environmental Effects

The research studies and investigations on Mars dust storms environmental effects

are still in their infancy. Considering that the Mars dust and moon dust properties

are similar, it is possible to study the Mars dust storms environmental effects

drawing analogies to the lunar dust environmental effects. Similar to lunar dust,

Mars dust storms environmental effects include shadowing effects, wear effects,

retarding effects, deposition/adsorption effects and static discharge effects.

Shadowing Effects

The shadowing effects caused by Mars dust storms exhibit themselves mainly

through the weakening of the sun light intensity reaching the surface of Mars and

through changing the solar spectrum. The dust in the Martian atmosphere dimin-

ishes the sunlight intensity by scattering, absorption and other effects. The

suspended dust caused by Mars dust storms can also change the solar spectrum.

Due to lack of green light, the sunlight spectrum on Mars is dominated by red that

has an impact on solar cells.
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Wear Effects and Retarding Effects

The size of Martian dust particles is very small, usually in the micron range that

would cause severe wear of moving parts. The very small, high hardness particles

can be seen as a special “abrasive”. Physical contact between the working surfaces

of various parts that are in any relative movement on Mars with such particles

would produce scratches, surface flaking and other wear effects that can also lead to

seal failures. The interaction of the dust with moving parts can affect their relative

movement causing jamming of the moving parts, namely retarding effects.

Deposition–Adsorption Effects

Due to the small size and irregular shapes of the Martian dust particles, they easily

can get attached to surfaces. Also, since the Martian atmosphere is rarefied, and the

airflow is weak, the dust can be deposited and stay on the surfaces of detectors and

other equipment easily. An important consequence of such deposits on solar arrays

that they would obscure the sunlight and reduce the output power of solar arrays.

Static Discharge Effects

The dust suspended in the Martian atmosphere during the dust storms for a long

time through mutual friction between the particles can be charged. The rovers or

other equipment on Mars through interaction with such charged clouds of dust can

be charged to high potentials and, with these potentials reaching a certain threshold,

produce discharge phenomena in the atmosphere of Mars. Electromagnetic inter-

ference and electronic noise associated with discharges will also have an impact on

the on-board sensitive devices.

Simulation Technology of Mars Dust Storm

Wind Tunnel Structure Design

Wind tunnel structure design involves the following aspects:

a. Design of a stable and a contraction sections of the wind tunnel;

b. Use Pro/E software to establish the geometry model of the wind tunnel;

c. Design of the nozzle structure.
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The curve equation of the contraction section using a quintic curve can be

expresses as [4]:

H � H2

H1 � H2

¼ 1� 10
x

L

� �3

þ 15
x

L

� �4

� 6
x

L

� �5

ð1Þ

Where H1, H2 are the height of the contraction section inlet and outlet, H is the

height of contraction section at X point, L is length of the contraction section.

Stable section length is determined according to the following rules:

LW ¼ 1:0 � 1:5ð ÞD1 m < 5

LW ¼ 0:5 � 1:0ð ÞD1 m > 5
ð2Þ

where D1 is stable segment equivalent diameter, m is the contraction ratio, m ¼ H2

H1
.

In Pro/E modeling software’s using the Cartesian coordinate system, according

to the shrink segment curve equation and the shrink ratio, the 2-D geometric model

of the wind tunnel is shown in Figs. 1 and 2. Two types of the nozzle structure were

selected, i.e., a diverging type and a tapered type structure, as shown in Fig. 3.

Dust Transportation System

A pneumatic conveyor system was designed to generate the Martian dust storm

conditions. The schematic plan of such system is shown in Fig. 4. In simulating the

Martian dust storms, a number of parameters of the dust flow need to be controlled.

Among them, the concentration of particles in the formed cloud, their speed, the

pressure in the dust chamber, etc. The dust particles are mixed with the gases

H
1

H2
H

Fig. 1 Contraction section
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Tapered type nozzle 

Contraction 

angle

Pipeline Divergent type 

nozzle

PipelineExpansion angle

Fig. 3 Nozzle structure

Fig. 2 2-D geometric model of the wind tunnel

Fig. 4 Schematic of dust transportation to the wind tunnel
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imitating the Martian atmospheric composition in the ejector to obtain the desired

density of the particles in the mixture. Then the gas/particle mixture is sent through

the pipeline into the dust chamber.

Numerical Simulation of Wind Tunnel Dust Storms

In the numerical simulation the meshing was done using ICEM software and the

simulation using FLUENT software. Using Eulerian multiphase flowmodel, the gas

processing was treated as the first phase; the solid particles are treated as second

phase, The standard k-e model was selected for Mobile computing [5, 6].

Figure 5 shows the impact of the contraction ratio on flow distribution. As can be

seen, wind tunnel with low contraction ratio has lower loss pressure and higher outlet

speed. Wind tunnel with low contraction ratio has worse temperature uniformity.

Figure 6 shows the nozzle structure impact on flow distribution. As can be seen,

tapered type nozzle outlet velocity can exceed the inlet velocity. Divergent type

Fig. 5 Flow distribution of different contraction ratio

Fig. 6 Flow distribution of different nozzle structure
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nozzle outlet velocity is less than the inlet velocity. Relative to the diverging type

nozzle, the tapered type nozzle allow to achieve greater velocities.

Mars Dust Storm Simulator

Mars dust storm simulator includes a chamber, a vacuum system, a dust storm

generator and a control system, as shown as Fig. 7. The technical parameters of the

system are shown in Table 1.

The test chamber is placed horizontally, with the wind tunnel used for dust storm

generation. A liquid carbon dioxide storage tank used as the gas source is set

outside the chamber.

Firstly, the chamber is pumped using the vacuum pumps. Then, the flow of the

dried CO2 into the wind tunnel is initiated. By introducing the dust into the ejector

where the dust particles are mixed with the gases, the airflow is generated and

transferred under pressure to the main chamber. With the pressure of the chamber

increasing, in order to maintain steady pressure, it is connected with another

vertical chamber through a pipeline that is controlled by butterfly valve. When

the pressure in the test chamber exceeds the requirements, the valve is opened and

excess pressure is released, thus maintaining a relatively constant pressure in the

main chamber.

Table 1 Summary of

technical parameters of the

Mars dust storm simulator

Property Technical parameters

Atmospheric pressure <1000 Pa

Simulated wind velocity 0–150 m/s

Dust density 0.01–1.24 kg/m3

Size of dust particles 44–105 μm

Fig. 7 Mars dust storm environmental simulator
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Review of Atomic Oxygen Testing

and Protection Methods in China

Jingyu Tong, Xiangpeng Liu, Haifu Jiang, Zhigang Shen, Meishuan Li,

and Yiyong Wu

Abstract The developments in research conducted in China on atomic oxygen

simulators, simulated space environment testing and methods for protection from

space environment are reviewed. Principles and performance of atomic oxygen

facilities in China (oxygen plasma ashing, directional oxygen plasma, energetic

atomic oxygen with microwave or with laser), simulated space environment testing

results, methods for protection from space environment that include the use of

nano-particles, PVD, CVD and Sol–gel chemical modification processes are

discussed. The preliminary results of atomic oxygen and its effects flight detection

are described briefly. Future work in China in this area is suggested.

Keywords Atomic oxygen effects • Space environment simulation • Protection of

space materials

Introduction

When the early shuttle missions returned from low Earth orbit (LEO) and materials’
experiments flown on them and the ISS were returned to Earth and analyzed, it was

discovered that many materials experienced extensive deterioration in their

mechanical and physical properties. The surface morphology and chemical com-

position of many exposed materials changed, and some paints and coatings eroded

away completely. Researchers determined that the space environment factors like

atomic oxygen (AO), which exists in LEO, ultraviolet radiation, micrometeoroid
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impacts had degraded these materials. This degradation has the potential to com-

promise the performance and lifetime of missions with significant time in LEO.

Since 1990’s, China began to be interested in atomic oxygen and its effects.

Beijing Institute of Spacecraft Environment Engineering [1], Lanzhou Institute of

Vacuum Physics [2] and Beijing University of Aeronautics and Astronautics [3]

developed three atomic oxygen simulators respectively and carried out a large

number of atomic oxygen ground tests. Up to now, many institutes, university

and companies of China are investigating the atomic oxygen effects and effective

protection schemes from the atomic oxygen for Chinese manned spacecrafts and

space station. This paper provides an overview of the efforts on development of

atomic oxygen simulators, simulated space environment testing and methods for

protection from space environment in China. Then the future work in these areas in

China is suggested.

Atomic Oxygen Facilities

Energetic Atomic Oxygen with Microwave

The first energetic atomic oxygen facility of China was developed by Beijing

Institute of Spacecraft Environment Engineering in 1996. The facility is based

upon an advanced electron cyclotron resonance ions source driven by 1 kW RF at

2.45 GHz. A two plane-electrode is used as an extraction system. The energy of the

extracted ion beam is 4000 eV. The beam is transported through a retarding mesh

where the beam energy is reduced from 4000 to 6 eV. The beam is neutralized in a

stainless steel cylinder through electron transfer during a grazing-incidence reflec-

tion from the inner surface of the cylinder. As ions exit the decelerating mesh, the

effect of space charge in the beam results in the beam expanding radially as it runs

through the cylinder and the ions are neutralized by electron pickup.

Two deuterium lamps are used to provide moderate intensity UV up to 1–3 suns

between 115 and 400 nm. The lamps are used in combination with atomic oxygen

source for performing synergistic studies.

The technical parameters of the facility are summarized below:

Atomic oxygen flux: 2.8� 1015 AO/cm2 s.

Beam energy: 5–6 eV.

UV wavelength: 115–400 nm.

UV intensity: 1–3 suns.

The schematic diagram of the facility is shown in Fig. 1.

The general view of the facility is presented in Fig. 2.
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Directional Oxygen Plasma

The first directional oxygen plasma simulator in China was developed by Lanzhou

Vacuum Physics in 1990’s. The facility has a microwave oxygen plasma source

with a sleeve antenna. The plasma beam, confined by a magnetic field, impacts on a

molybdenum plate positioned at 45� to the incident beam. The plasma beam is

neutralized and reflected to the sample holder.

The technical parameters of the facility are summarized below:

Atomic oxygen flux: 5.2� 1015 AO/cm2 s.

UV wavelength: 185–400 nm.

UV intensity: 2–4 suns.

Fig. 1 Schematic diagram of atomic oxygen/VUV simulation facility. (1) Mass flow controller;

(2) quartz tube; (3) short circuit piston; (4) discharge chamber; (5) permanent magnet; (6) stub

tuner; (7) Directional coupler; (8) power meter; (9) circulator; (10) water load; (11) microwave

source; (12) source pole; (13) accelerate pole; (14) decelerate mesh; (15) neutralizer; (16) sample

stage; (17) high voltage source; (18) vacuum pump unit; (19) vacuum tank; (20) deuterium lamps

Fig. 2 Image of the atomic oxygen facility in the Beijing Institute of Spacecraft Environment

Engineering
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Oxygen Plasma Ashing

The first oxygen plasma ashing simulator in China was developed by Beijing

University of Aeronautics and Astronautics in 1990’s. The facility has a thermal

plasma source with a thermal cathode discharge. The walls of the plasma chamber

are covered with 600 small permanent magnets to confine the plasma. The plasma

density is 1010/cm3. During a test, the sample is immersed in the plasma and is

etched by it.

Energetic Atomic Oxygen with Laser

The first energetic atomic oxygen beam simulator using a detonation laser in China

was imported from Canada by Harbin Institute of Technology. It was designed and

developed by ITL. Inc., Canada [4]. The facility has a pulse laser and a hyperve-

locity nozzle. The laser beam is focused in the throat of nozzle, where O2 is ionized

to O+. The O+ beam is accelerated and neutralized forming an energetic neutral

atomic oxygen beam with an average energy of 5 eV that corresponds to velocities

of ~8 km/s.

Up to now, about 10 atomic oxygen beam facilities are operational in China.

Except above-mentioned facilities, others are distributed in colleges, universities

and institutes such as Shenyang Institute of Metals, Armored Corps College, North-

west Institute of Technology, Lanzhou Institute of Chemical Physics, Yanshan

University, Dalian Institute of Chemical Physics, etc.

Atomic Oxygen Testing Activities

Since 1990’s, a large number of tests in the atomic oxygen simulators have been

carried out in China. The samples included paints, polyimide films, materials of

various compositions, solar cells, seal materials, lubricant materials, etc.

Among the investigated materials great attention was given to the S781 white

paint that is often used on surfaces of spacecrafts as thermal control material. Only

AO and AO/UV simulation testing was conducted on the S781 paints with some

results briefly discussed below.

Mass Loss

Figure 3 presents the mass loss curves of S781 white paint exposed to AO only and

to AO+UV. The curves show that the increase in mass loss is linear as the AO
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fluence increases. They also tell us that there is a synergistic effect from exposure to

a combined AO/UV flux, with a higher mass loss than in an AO exposure alone.

Solar Absorptivity

Figure 4 shows the dependence of solar absorptivity of S781 white paint on the total

fluence of the AO without and with UV irradiation. As can be seen from Fig. 4, the

solar absorptivity in the experiments with AO only increased in the early stages of

AO exposure, stabilizing around AO fluencies reaching 1� 1021 AO/cm2. The total

change in solar absorptivity is only 0.037. It is obvious that the solar absorptivity of

S781 white paint is relative stable in AO environment.

In the AO/UV combined environment, the increase in solar absorptivity is

smaller than in the experiments with AO only, because atomic oxygen may act to

reverse some of degradation from UV. The data for AO/UV obtained at the fluence

of 0.5� 1021 seems to be abnormal and, possibly, due to a measuring error.

Fig. 3 Mass loss curves of

S781 white paint without

and with UV

Fig. 4 Solar absorptivity of

S781 white paint exposed to

AO only and to AO+UV
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Composition

The XPS analysis data of S781 white paint before and after the single and combined

exposure to AO and AO+UV are shown in Table 1. The main composition of S781

paint includes C, O, Si and Zn. As can be seen from Table 1, a substantial reduction

in C content happened after the combined AO+UV exposure. An increase in the Zn

consternation on the surface after single AO and combined AO+UV exposure can

be explained by erosion of the paint matrix and exposure of the Zn-based pigment

particles. The chemical bonds of the binder matrix have been broken by AO attack

with formation of volatiles like CO and CO2.

Protection Methods Against Atomic Oxygen Erosion

During last 20 years, some protection methods against atomic oxygen erosion were

developed in China that include the use of nano-SiO2 particles fill, ion implantation

and chemical processes. The materials modified with these processes show good

stability against atomic oxygen.

1. Epoxy filled with nano SiO2 particles.

In this approach, an epoxy, a curing agent, a diluent and nano-SiO2 particles are

mixed and agitated sufficiently. The prepared mixture is cast and solidified

providing for a modified epoxy material filled with nano-SiO2 particles. In

order to increase the compatibility between the epoxy and the nano-SiO2 parti-

cles, the particles have been activated with via an aerogel process.

The results of atomic oxygen simulation tests had shown that the higher the

nano-SiO2 percentage content in the modified epoxy material, the better the

protection property of epoxy material against the atomic oxygen. For samples

with the mass percentage of nano-SiO2 particles of 5, 10 and 15%, the erosion

rate of modified epoxy material was found to reduce form 35 to 8% and to 9% of

the original epoxy erosion rate correspondingly.

The results of infrared analysis show that some new chemical bonds are formed,

such as Si–O–C, Si–C on the surface of samples after exposure to atomic

oxygen. The new chemical bonds may facilitate the protection ability of the

epoxy material against atomic oxygen.

Table 1 XPS analysis of S781 paint

Before exposure After AO exposure After AO/UV exposure

C 23.4 23.09 16.54

O 41.4 41.43 42.26

Si 10.3 5.73 7.47

Zn 24.8 28.84 33.73

278 J. Tong et al.



2. Ion implantation/deposition process:

Using a multifunctional plasma treatment facility, firstly, silicon ions are

implanted into the substrate surface, then the ion source is turned off and a

SiO2 film is deposited on the substrate surface in-situ using a PVD source. There

is no clear interface between SiO2 film and substrate surface with this process.

The coating has a very good adhesion to the substrate and is not flaking off. If

some pin-hole and crack defects are present in the coating, the AO will react

with the silicon ions in the region below the defects and a new SiO2 layer can be

formed, providing a self-healing effect that should decrease substantially the

“undercutting” damage of substrates by AO in such damaged regions. The

results of ground-based tests of such samples show that this coating has a good

AO resistance. The erosion rate is 10�25 cm3/atom, i.e., 10 times lower than for

the pristine substrate. The process does not significantly affect the thermo-

optical properties of pristine substrate.

3. Sol–gel process.

The ethyl orthosilicate (TEOS) is used to produce SiO2 sol with Sol–gel process;

Mixing SiO2 sol up with polydimethylsiloxane as some rate to produce the

mixture of organosilicon resin/SiO2 sol; To increase the intersolubility of SiO2

sol and polydimethylsiloxane, add some siloxane couplant to the mixture and stir

the mixture sufficiently. The clear and achroic organosilicon resin/SiO2 hybrid

sol can be attained; The substrate surface is provided a hybrid sol coating and has

a heating curing process in vacuum furnace. Then a clear and achroic

organosilicon resin/SiO2 hybrid coating can be formed on the substrate surface.

Organosilicon resin/SiO2 hybrid coating has both advantages of organosilicon

resin and SiO2. It is softer and tough and has less defects than SiO2 coating

produced with PVD and CVD. Meanwhile it has much better AO resistance than

organosilicon resin. Sol–gel process is simple and cheap. It fits the protection of

large and complex spacecraft surface against atomic oxygen.

Flight Experiments with Atomic Oxygen Detectors

In order to understand the atomic oxygen environment effects, to confirm and

update predictive models for AO erosion of materials in LEO environment and to

define the best techniques for ground-based experiments, it is necessary to develop

reliable in flight experiments AO erosion detectors with collection of the

erosion data.

Beijing Institute of Spacecraft Environment Engineering has been developing a

small, low-cost sensor for evaluating the atomic oxygen erosion rates. The sensor is

based on measuring the change in the electrical resistance of a film that is made of

some susceptible to atomic oxygen erosion conductive materials. Presently, suit-

able atomic oxygen sensing conductive materials include silver, osmium and

carbon. Silver has very high atomic oxygen reactivity that is non-linear. The carbon

reactivity with atomic oxygen is medium and linear. But its electrical resistance has
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a poor stability in the harsh space environment. Osmium electrical resistance is very

stable in the space environment. Its atomic oxygen reactivity has good linearity.

So, osmium has been chosen as electrical resistance material in AO flux sensor.

The sensor film has been prepared by electroplating and photo etching. It has a good

stability and linear AO reactivity. Silver-based sensors were also evaluated. The

silver sensors were prepared using PVD deposition. One of the Silver-based sensor

advantages is its quick “switch” speed.

A combined detector with 2 AO flux sensors and 6 AO effect sensors has been

developed. The detector has been evaluated and standardized in AO ground simu-

lation tests. It passed also the radiation, thermal shock and vibration tests. Flight

experiments are being planned on the Chinese space station with these detectors.

Conclusions

A large portion of space activities in the near future will be concentrated in the low

Earth orbit. Spacecraft materials must be selected and assessed so that they can

withstand the deleterious effects of low Earth orbit environment. Environmental

factors in the low Earth orbit include atomic oxygen, ultraviolet, electrons, protons,

micrometeoroids and orbital debris. It has been proven that atomic oxygen is one of

the dominant factors in LEO that affect spacecraft materials.

Extensive work was conducted in China since 1990’s to study the atomic oxygen

effects on materials, simulating the atomic oxygen in ground facilities, develop AO

sensors and protection methods to prevent the AO erosion.

In order to meet the development schedule of the Chinese space station and

provide a unified approach to evaluating materials for LEO application a plan of

action is proposed as follows:

1. All of the AO Facilities in China need to be standardized by an authoritative

team of specialists, so that the tests results obtained form different facilities will

be dealt with confidence.

2. Great attention should be given to the planning and conductance of flight

experiments, so that the flight data would be of adequate value to be used in

updating the existing predictive models both of the environment and the envi-

ronmental effects on spacecraft, and in defining the best techniques for ground-

based experiments.

3. In order to meet the requirements for effective protection of materials from the

AO erosion for large and complex spacecraft surfaces, new protective methods

that are efficient, simple in applications and cheap would be investigated

continuously.
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Structural and Mechanical Properties
Changes in Carbon and Boron Nitride
Nanotubes Under the Impact of Atomic
Oxygen

Ekaterina N. Voronina and Lev S. Novikov

Abstract This paper presents results of simulation of processes of the oxygen atom

impact on carbon and boron nanotubes with ab initio (DFT) and semi-empirical

(SCC DFTB) methods. Our calculations demonstrated that the impact of oxygen

atoms may cause the nanotube elongation and unzipping. We performed DFTB

simulations of the impact of hyperthermal oxygen atoms on graphene and carbon

nanotubes of small diameter in the case of a low-coverage regime to obtain a

detailed picture of the formation of different oxygen-containing groups on their

surfaces.

Keywords Nanostructures • Carbon nanotubes • Boron nitride nanotubes •

Graphene • Atomic oxygen • Computer simulation

Introduction

In the near future, various nanostructures: carbon and boron nitride nanotubes,

graphene and sheet of hexagonal boron nitride (h-BN), nano-ribbons, etc., will be
applied in spacecraft design both as fillers in nanocomposites and as stand-alone

materials. In low-Earth orbits one of the main factors that cause the materials

damage is atomic oxygen of the Earth’s upper atmosphere. High relative kinetic

energy of oxygen atoms (~5 eV) due to the spacecraft orbital velocity enhances

their reactivity and opens additional pathways of their reaction with the matter

[1]. AO impact leading to erosion and mass losses of materials is well studied for

conventional bulk spacecraft materials but the data concerning the damage of

nanostructures and nanomaterials under AO exposure are quite limited, and the

computer simulation can become an efficient mean for its investigation.
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CNT-based nanocomposites can be applied as multifunctional spacecraft mate-

rials providing the protection against electrical discharges, thermo-cycling, hyper-

velocity impact, etc. Carried out experiments on CNT-based polymer

nanocomposites allow to conclude that embedding CNTs into a polymer matrix

improves its durability to AO. However, AO impact on carbon nanostructures can

cause and significant changes in their properties and even their partial destruction.

For example, oxidation is one of the most widely used methods for the purification

of carbon nanostructures and tailoring their physical, chemical, and electronic

properties [2], while high power oxygen plasma can inflict severe damage to the

CNT structure [3].

Boron nitride nanotubes (BNNTs), structural analogues of CNTs but electrical

insulators (bandgap of ~5 eV), attract much attention due to their excellent mechan-

ical properties, high thermal stability and high resistance to oxidation [4].

Our calculations with DFT and DFTB methods demonstrated that the impact of

oxygen atoms may cause the nanotube elongation and unzipping. Possible mech-

anisms of such interaction and its influence on the nanotubes structure and mechan-

ical properties are discussed. The reported study was supported by the

Supercomputing Center of Lomonosov Moscow State University [5].

Methodology

Our simulations are performed using density functional theory (DFT) and self-

consistent charge density functional based tight-binding (SCC DFTB) method,

implemented in DMol3, CASTEP, and DFTB+ code (Accelrys Materials Studio

6.0 [6]). All-electron spin-polarized calculations are used within GGA approxima-

tion with PBE exchange-correlation functional and DNP basis set. For DFTB

calculation we apply mio parameter set [7], molecular dynamics algorithms with

time steps of 0.05–0.25 ps (total simulation time of 1.0–2.5 ps).

We consider armchair and zigzag single-walled CNTs and BNNTs with diam-

eters of 0.4–2.1 nm. For nanotubes with diameter 0.4–1.1 our models are about

1.7 nm in length (sevenfold and fourfold periodicity for armchair and zigzag

nanotubes, respectfully) and contain 84–224 atoms. For nanotubes of larger diam-

eter, we use models with the length of 1.0 nm (fourfold and double periodicity). For

graphene and h-BN sheets, the models with size of 7� 7 unit cells are created. The

periodic boundary conditions are applied, and the size of super-cells is

4.0� 4.0� 1.7 nm for nanotubes and 1.7� 1.7� 2.0 nm for graphene and h-BN.
The Brillouin zone is sampled by 1� 1� 4 and 1� 1� 8 k-points using the

Monkhorst–Pack scheme.

Adsorption energies are calculated by using the expression: Eads¼Enanotube +O�
(Enanotube +EO), where Enanotube, EO and Enanotube +O is the total energy of the

optimized nanotube, oxygen atom and nanotube +O system, respectively.
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Results and Discussion

Preferential site for an O atom adsorption on the CNT surface is a bridge site over

C–C bonds leading to formation of an epoxide (epoxy) or an ether group depending

on the bond orientation with respect to the nanotubes axis [8]. The bonds of an

armchair nanotube that lie at an angle of 90� with respect to the nanotube axis, are

called “orthogonal”, and the bonds that are at an angle of 30� are “slanted”, or

“longitudinal” (for an zigzag nanotube the angles are 60� and 0�, correspondingly).
The formation of an ether over orthogonal bonds is energetically preferable in

comparison with the epoxy formation over slanted ones, especially in the case of

armchair nanotubes [e.g., for the (3,3) CNT ΔEads¼ 1.8 eV]. This difference in

adsorption energies for orthogonal and longitudinal bonds can be explained by the

influence of the surface curvature, which becomes more apparent for armchair

nanotubes of small (<1 nm) diameter [9]. Ether- and epoxy-like B–O–N structures

form on the BNNT surface as a result of the O atom adsorption [10], although the

energy differences are smaller.

Our calculations showed that the type of the forming group depends also on

diameter of CNTs as well as of BNNTs [11]. With increasing nanotube diameter,

the adsorption energy of oxygen atoms reduces, and the formation of epoxies on the

CNT surface prevails (arrows mark the points where transition from ether to an

epoxy occurs). Calculated dependences of bond opening ratio (BOR, the ratio of the

distance between C or B and N atoms after the O adsorption to the bond length of

the pristine nanotubes) and of the adsorption energies on the diameter of armchair

and zigzag CNTs and BNNTs are presented in Fig. 1a, b. BOR of ~1.5 corresponds

to the formation of an ether, and BOR of 1.1 corresponds to an epoxy. It should be

Fig. 1 BOR (upper panel) and adsorption energy (lower panel) in a bridge site over the

orthogonal bonds versus CNT and BNNT diameter. ΔEads is the difference in adsorption energies

for orthogonal and longitudinal bonds
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noted that as the diameter increases the differences in the adsorption energy for

orthogonal and longitudinal bonds decrease.

In general, the increase in the number of O atoms attacking a nanostructure leads

to the enhancement of bond elongation and breaking [12, 13]. The adsorbed O

atoms enhance the reactivity of adjacent bonds, and formed epoxy or ether groups

can be more easily attacked by next O atoms. For nanotubes of small diameter the

preferential site for the second O atom adsorption is the a bridge site over the

orthogonal bond which is located in the same hexagonal cell and is parallel to the

first O-containing group. As a result on the CNT surface two parallel ethers appear.

We calculated Eads for the sequential adsorption of four O atoms on the surface

of armchair and zigzag CNTs and BNNTs with diameters of 0.4–1.4 nm (Fig. 2).

The adsorption energy of the second O atom for almost all nanotubes lies lower

than Eads of the first one. This result indicates that the cooperative influence of two

O atoms on neighboring bonds is more intensive in comparison with the case of

independent adsorption when the distance between adsorbed atoms is large enough

[12]. For armchair CNTs curves for 2–4 adsorbed atoms are almost parallel (except

CNTs with diameter smaller than 0.5 nm), because there forms a chain of four

parallel ethers on the CNT surface of all considered diameters. For zigzag CNTs

there is a noticeable bend on the curve for two adsorbed atoms at ~0.9 nm. This

bend is associated with the transition from ether to epoxy formation (Fig. 1a),

leading to the increase in Eads (in an absolute value). In the case of BNNTs, the

curves for 2–4 atoms in the considered diameter range do not have any noticeable

bendings and are almost parallel to each other.

To compare the atomic oxygen impact on bonds with different orientations with

respect to nanotube axis, we performed similar calculations for the sequential

adsorption of O atoms on the longitudinal bonds. As the number of adsorbed

atoms rises, the groups situated in the middle of a forming epoxy chain may

transform into ethers [12]. Such a transition is more typical to armchair nanotubes

than to zigzag ones due to the fact that the distance between the formed epoxies is

lesser. Because this distance depends also on the surface curvature, this effect

intensifies with increasing the nanotube diameter (Fig. 3). The regularities

described above are valid for BNNTs, too. Within the considered range of diame-

ters, for armchair BNNTs the sequential adsorption of two and more O atoms over

longitudinal bonds results in transforming all epoxy-like groups into ether-like

ones, but for zigzag BNNTs such a transformation occurs only for groups situated

in the center of epoxy chains consisting three or more atoms.

The sequential adsorption of several O atoms with formation of an ether chain

can lead to noticeable changes in the nanotube geometry: CNTs and BNNTs with

adsorbed O atoms have non-cylindrical geometry (their cross-section become

ellipses), and the deviations are the most significant for armchair CNTs and

BNNTs for adsorption over orthogonal bonds (a major/minor axis ratio reaches

up to 1.2). Adsorption-induced elongation is more prominent for nanotubes with

smaller diameter (~0.5 nm) and weakens with the diameter increasing. Figure 4

demonstrates the dependencies of relative elongation on diameter in the case of four

adsorbed atoms. For adsorption over orthogonal bonds of armchair nanotubes strain
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is small enough (no more than 0.5%) whereas the similar process leads to more

noticeable elongation of zigzag CNTs and BNNTs (up to 1–1.2%). Such a differ-

ence can be explained by the fact that in zigzag nanotubes, orthogonal bonds are

situated at an angle of 60� with respect to the axis, so bond breaking causes the more

significant elongation for zigzag nanotubes than for armchair ones (for the latter

orthogonal bonds are perpendicular to the axis).

For comparison, the relative CNT and BNNT elongation due the O atom

adsorption over longitudinal bonds is presented in Fig. 4. Longitudinal bonds of

armchair nanotubes are oriented at the angle of 60� with respect to the nanotube
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Fig. 2 Dependencies of Eads for the sequential adsorption of four O atoms on diameter of

armchair (a) and zigzag (b) CNTs (orthogonal bonds)
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axis, and the formation of ethers over one or two longitudinal bonds (Fig. 3a) leads

to a strain of ~1.4% for a (4,4) CNT and ~2.1% for a (4,4) BNNT, correspondingly

[in the case of the epoxy formation, e.g., a (3,3) CNT, the elongation is only

~0.5%]. For zigzag CNTs, the distance between forming epoxide groups is large

enough, and breaking of longitudinal bonds upon the adsorption of several O atoms

occurs only for nanotubes of large diameter (Fig. 3b), therefore the elongation for

the given range of CNT diameters is small. In the case of zigzag BNNTs, the

breaking of longitudinal B–N bond occurs at the adsorption of the second O atom

(Fig. 3b), causing a noticeable (0.5–1%) elongation of nanotubes.
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Fig. 3 BOR for sequential adsorption of four O atoms over longitudinal bonds on armchair (upper
figure) and zigzag (lower figure) CNTs (in the case of 3 and 4 atoms, BOR is given for central

atoms)
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To analyze changes of nanotube mechanical properties due to oxygen adsorp-

tion, we calculated Young’s modulus. We used two approaches: via second deriv-

ative of strain energy with respect to the axial strain [14] with DMol3 code and via

stress with CASTEP software. Decrease in Young’s modulus after adsorption of

several (up to 4) O atoms, which formed an ether chain along the nanotube axis, is

calculated to be about 5%. However, if such an ether chain consists of 7 O atoms
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Fig. 4 CNT и BNNT elongation after the adsorption of four O atoms over orthogonal and

longitudinal bonds versus nanotube diameter
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(i.e., its length was almost equal to the length of our nanotube model which was

1.7 nm), Young’s modulus reduces to ~15%. Our calculations show that the

destruction of armchair nanotubes occurs at larger strains in comparison with

zigzag ones. For instance, failure strain of (4,4) CNT and BNNT are about 0.40

and 0.35, while for (7,0) nanotubes its value is significantly smaller (0.19 and 0.23,

respectively). At some degree of tension applied to armchair (4,4) CNT (strain is

~0.14–0.16), ether groups transform into epoxides, however on the surface of

zigzag (7,0) nanotube such groups remains longer, almost till the ultimate failure.

Under the attack of several O atoms, carbonyl (or semiquinone) pairs can form

on CNTs surface, leading to CNT unzipping and breaking into graphene nano-

ribbons [15, 16]. The transformation of ether into a carbonyl pair as a result of the

attack of a free O atom becomes more energetically preferable when there are two

or more parallel ethers on the CNT surface, and the probability of such a process

decreases for CNTs of larger diameter [17]. In the case of BNNTs, the similar

process does not lead to the nanotube unzipping due to chemical bond formation

between adsorbed O atoms. Moreover, for BNNTs with ether-like structures on

their surface the attack of the free O atom may lead to desorption of O2 molecule

and almost complete recovery of the B–N bond.

As it was shown above, oxygen adsorption processes depend strongly on the

surface curvature. Graphene can be considered as a limited case of CNT with

infinitely large diameter. It can be expected that preferential sites for the second

O atom adsorption for the armchair (4,4) CNT of small diameter (~0.5 nm) and a

graphene sheet differ significantly. The relative energies of different configurations

when the second O atom adsorbs in close vicinity of the first one, are given in Fig. 5.

In the case of the (4,4) CNT, the lowest-energy configuration is two parallel ethers

(CNT1) at the opposite ends of a hexagonal cell, whereas for graphene a pair of next

nearest neighbor epoxies (Gr1) is energetically preferable [18] (although it should
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be noted that the difference in energies of these configurations is small enough and

reduces with increasing the size of a graphene sheet model). Moreover, when the

second O atom is situated in the close vicinity of the first one, for graphene we

observed the desorption of both atoms with formation of O2 molecule, and the

energy is the system “graphene sheet +O2” (Gr6) is about 1 eV lower than that of

structure Gr1. It should be emphasized that the presented energetic relations

between different O-containing structures are valid only under condition of oxygen

low-coverage regime.

The SCC DFTB simulation of the formation of O-containing groups on the

surface of (4,4) CNT and graphene with one adsorbed O atom showed that the

adsorption of the second O atom is governed also by its impact factor. The diagrams

of the O-containing group formation with respect to the impact factor of the

incident atom are presented in Fig. 6. It can be seen that for graphene the formation

of O2 molecule with subsequent desorption prevails [19] over the formation of

structures Gr1–Gr3 whereas in the case of (4,4) CNT scattering and O2 formation

play a minor role, and the dominant process is the O atom adsorption over C–C

bond (CNT1–CNT3, CNT5). When the incident O atom hits near C atoms in the

close vicinity of the ether group on the CNT surface, we observe the formation of

carbonyl or semiquinone pairs (CNT4) indicating CNT unzipping, but for graphene

this event as well as the formation of two ethers is back enough.

Conclusions

1. The type of the oxygen-containing groups that form on the surface of carbon and

boron nitride nanotubes as a result of oxygen atom adsorption depends not only

on the bond orientation with respect to the nanotubes axis, but on nanotube

diameter and chirality.

C Gr4

CNT5 Gr1

CNT6 Gr6

CNT1 Gr2

CNT2 Gr3

CNT3 Gr4

Fig. 6 Diagram of the O-containing group formation on the surface of (4,4) CNT (left) and

graphene (right) with respect to the impact factor of incident O atom
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2. With increasing nanotube diameter, the adsorption energy of oxygen atoms

reduces and the formation of epoxy groups prevails.

3. Results of SCC DFTB simulation of hyperthermal O atom impact on CNT of

small diameter and graphene demonstrate that in the case of low coverage

regime for graphene the dominant process is the formation of O2 molecule and

its subsequent desorption whereas for CNT the adsorption with formation ether

and epoxy groups prevails.
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Effects of Atomic Oxygen Exposure

on Tribological Property of Zirconium Alloy

Yong Liu, Zhuyu Ye, Jianqun Yang, Shangli Dong, and Zhengjun Zhang

Abstract ZrTiAlV alloy has potential applications in space mechanisms. The

change of wear and the friction coefficient of the ZrTiAlV alloy subjected to atomic

oxygen (AO) exposure were investigated aiming to evaluate the tribological prop-

erties influenced by the atomic oxygen (AO) environment of the low Earth orbit

(LEO). The AO testing employing a 5 eV AO beam was performed under various

AO fluencies. The mass loss and roughness of the exposed to AO surfaces were

measured. The exposed surfaces and the worn surfaces were analyzed using

scanning electron microscopy (SEM) and X-ray photoelectron spectrometry

(XPS) to explore the mechanism of AO effect.

The results show that, the friction coefficient at the initial friction stage and the

wear loss are increased after AO exposure. The exposure to energetic AO beam

leads to mass loss and decrease in roughness, showing a polishing effect on the

exposed surface. Comprehensive analysis indicated that the AO interaction with the

exposed surface results in two simultaneously occurring phenomena, i.e., the

growth of surface oxides and their spalling. The wear loss and friction coefficient

exhibit a non monotonous variation with AO fluence under the competition of these

two processes.

Keywords Atomic oxygen • Zirconium alloy • Friction • Wear • Oxidation

Introduction

Zirconium alloys have wide applications in chemical and nuclear industry due to

their high specific strength and excellent resistance to corrosion and radiation

[1, 2]. With the development of zirconium alloys, many new zirconium alloys are
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emerging, such as ZrTiAlV alloy [3–8]. Some research pointed that Zr-alloys has low

friction and wear in special gas atmosphere [9] that makes them ideal candidates as

alternative materials for space applications. If a spacecraft is operating in the low

Earth orbit (LEO), the atomic oxygen (AO) environment would be a challenging

factor to the exposed materials [10]. The interaction of the energetic AO with high

chemical activity with materials on the outside of spacecraft will result in degradation

of these materials and in decrease in life and reliability of spacecraft [11].

The LEO flight tests showed that the AO interaction induced the formation of

surface oxides on many foils made of pure metals, such as Ag, Os, Al, Ni, Pd, Ta, Ir,

Cr, W, Mo, Ti, Nb, and Zr, et al. [12]. The silver is oxidized by AO forming layered

oxide with high stress, leading to cracking and exfoliation of the oxide film

[13]. The reaction between Zr and oxygen at high temperature has been widely

investigated [14–17]. The simulation indicated that AO results in formation of

oxide film with varied O/Zr ratio in the 300–600 K range [18]. The simulated AO

exposure test showed that, surface oxidation and oxide spalling simultaneously

exist during interaction between AO and ZrTiAlV alloy [19]. In general, the friction

and wear of Zr-alloys are mainly controlled by adhesion, abrasion and delamination

[20]. The AO induced oxide will affect the surface state and change the tribological

behavior of Zr-alloys. The present work explored the effect of AO exposure on the

friction coefficient and wear for ZrTiAlV alloy with aim to extend its application in

space mechanisms.

Experimental

ZrTiAlV alloy was chosen as the test material, with the chemical composition listed

in Table 1. The samples were spark cut from ZrTiAlV bar followed by mechanical

polishing to Ra 3.2 μm. Figure 1 shows the shape and size of ZrTiAlV samples.

Before AO exposure, all samples were ultrasonically in acetone for 10 min. The AO

exposure tests were conducted in a RF microwave-induced AO simulator which is

capable of providing AO beam with 5 eV energy and 5� 1016 atoms cm�2 s�1 flux

[21]. The ZrTiAlV samples were exposed to the energetic AO beam under different

fluencies including 1� 1020, 2� 1020, 5� 1020 and 1� 1021 atoms/cm2.

The friction and wear tests were performed in a pin-on-disk type tribometer

under a dry sliding condition in vacuum of 1.3� 10�4 Pa. The ZrTiAlV sample was

installed into the pin holder sliding against the rotated disk of 52100 steel to form a

friction couple. Normal load of 20 N and sliding velocity of 0.4 m/s were chosen as

parameters for the tribological test. Friction coefficients of specimens subjected to

AO exposure with different AO fluence were measured. The sliding distance in all

Table 1 Chemical composition of ZrTiAlV alloy (wt%)

Element Zr Ti Al V

Content 51.8 40.8 4.4 2.9
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tribological tests was 1000 m in order to obtain a stable friction. Each test data is

calculated from the average of three samples under the same friction conditions.

The mass was measured on a MSC 21 type electronic balance with accuracy of

10�6 g before and after AO exposure respectively. The mass change was calculated

by averaging three samples under the same AO fluence. X-ray photoelectron

spectroscopy (XPS) was performed on a PHI 5700 ESCA System to determine

chemical composition of the unexposed and the AO exposed surfaces, using an Al

Kα source with energy of 1486.6 eV. All the tested surfaces were sputtered for

2 min before XPS analysis to avoid the influence of absorbed oxygen during

analysis in air. The micro roughness of the AO exposed surface was measured

using a Nanoscope IIIa type atomic force microscopy (AFM) (Fig. 1).

Results and Discussion

AO Interaction with Exposed Surface

The mass measurement after AO exposure indicates that interaction with AO leads

to mass loss of ZrTiAlV alloy, as shown in Fig. 2. At fluencies<5� 1020 atoms/cm
2, the mass loss is decreasing with increasing AO fluence. When the fluence exceeds

1� 1021 atoms/cm2, AO exposure results in relatively higher mass loss. The energy

of the AO used in the present tests is ~5 eV that is not enough to knock out any

metallic atom from ZrTiAlV alloy matrix. Thus, the AO interaction has little

sputtering effect on the exposed surface. The mass loss would be induced by

another process related to AO interaction with the surface of ZrTiAlV alloy.

The XPS analysis illustrates that the AO interaction with ZrTiAlV alloy results

in formation of Zr and Ti oxides in the surface layer, as shown in Fig. 3. The surface

oxidation by AO should result in mass gain of the exposed sample. However, the

AO exposure leads to mass loss of the exposed samples. Therefore, it can be

deduced that some oxides produced by AO are being detached from the exposed

surface. Since the formation of Zr oxides and/or Ti oxides will generate high stress

inside the oxides [22], there is a probability of some oxidized material cracking and

Fig. 1 Shape and size of

samples for tribological test

(all dimensions in mm)
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spalling from the exposed surface if the inner stress accumulates to a certain level

with the growth of AO induced oxides, leading to mass loss.

As the AO bombardment proceeds, the formed oxides will play a protective role,

preventing the surface from the subsequent oxidation when interacting with the AO,

which slows down the rate of mass loss. Thus, there are two competitive processes

during AO bombardment. One is that oxides form and grow on the surface. The

other is that the formed oxides break and spall off the surface. Basically, the

removal of the oxides from the surface is the dominant factor leading to mass

loss after AO exposure. According to Fig. 2, at AO fluencies <5� 1020 atoms/cm2,

the domination of oxides spalling is weakened for the rate of mass loss is decreased.

With fluencies exceeding 5� 1020 atoms/cm2, the oxides spalling mechanism

dominates, leading to increase of mass loss.

Both mechanisms, i.e., the growth and the removal of oxides will change the

surface micro topography, i.e., roughness. The AFM analysis of the surface
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morphology (Fig. 4) shows the change in the surface geometry and roughness.

Machining traces are found on the AFM images of the unexposed samples, as

shown in Fig. 4a. The interaction of the surface with the AO flux makes the surface

smoother, comparing to the unexposed surface, as shown in Fig. 4b. The final

results of the AO interaction with the surface via the two competing mechanisms

results in a “polishing effect” on the surface. The analysis of the AFM results

indicates that the roughness is decreased after AO exposure, as shown in Fig. 5.

Moreover, Fig. 5 also illustrates that the variation of roughness with AO fluence

corresponds to the relationship between the mass loss and the AO fluence. Under

lower fluence (<5� 1020 atoms/cm2), the roughness is decreased with fluence. It

implies that the formation and growth of AO induced oxides will smoothen the

Fig. 4 AFM morphology

for (a) the unexposed

surface and (b) the exposed

surface under 5� 1020

atoms/cm2
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surface. The fracture and spalling of oxides on the contrary roughens the surface

and increases its roughness.

Wear Loss

Figure 6 shows the wear loss as a function of AO fluence. All the AO exposed

samples exhibit higher wear than the unexposed, indicating that the AO exposure
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aggravates the wear behavior of ZrTiAlV alloy. Furthermore, with increasing AO

fluence, the wear is increased. However, the AO effect on wear decreases at higher

fluence of 1� 1021 atoms/cm2. Under the present test conditions, both the wear and

the friction of ZrTiAlV alloy show a non-monotonous variation with AO fluence.

Under higher AO fluence of 1� 1021 atoms/cm2, the monotonous increase of

tribological property by AO is changed, which is similar to the relationship between

mass loss and AO fluence. Therefore, AO interaction with the surface affects

differently the exposed surface at this fluence. It also implies that the extent of

AO effect on tribological property is related to the mass loss that induced by AO.

Worn Surfaces

The unexposed and the exposed samples show similar wear patterns on the surface,

as illustrated in Fig. 7. The worn surface is mainly characterized by galling and

local plastic deformation, indicating adhesion wear. In addition, there are some

irregular fine scratches existing on the worn surface. These scratches are produced

by abrasion with hard asperities on the counter surface or hard particles inside the

friction interface. Therefore, the wear is dominated by a mixed mechanism of

adhesion and abrasion for both the unexposed and the exposed ZrTiAlV alloy.

Generally, the existence of surface oxides will decrease the adhesion trend for

the wear of metals and alloys. However, the present results show that the AO

exposure increases the wear of ZrTiAlV alloy. The reason for that is associated with

the effect of AO induced formation of oxides on the abrasive wear. During the

process of friction and wear, some formed by AO oxides have a probability to be

worn off by adhesion effect, forming wear debris and entering the friction interface.

Fig. 7 SEMmicrographs showing morphology of the worn surface; (a) unexposed, (b) exposed to

a fluence of 5� 1020 atoms/cm2
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The oxides in debris act as abrasive hard particles attributing to the increase of wear

comparing to the unexposed sample. As mentioned above, formation and growth of

oxides becomes more prevailed with increasing AO fluence to 5� 1020 atoms/cm2.

It means that the amount of AO induced oxides is increased with AO fluence

(<5� 1020 atoms/cm2). Thus, the abrasion from oxides particles is increased with

AO fluence, leading to the increase of wear with AO fluence. When the spalling of

oxides is enhanced under higher AO fluence (i.e., 1� 1021 atoms/cm2), the amount

of remained surface oxides decreases, leading to weakening of abrasion attribution

from oxides debris and decrease of wear, as shown in Fig. 6.

Friction Coefficient

The AO interaction with ZrTiAlV alloy results in different effects on friction

coefficient within different sliding distance ranges, as shown in Fig. 8. During the

initial 200 m, the exposure to AO increases the average friction coefficient.

Furthermore, with increasing AO fluence, the average friction coefficient is firstly

increased, and then slightly decreased when fluence exceeds 1� 1021 atoms/cm2. In

contrast, the AO exposure has little effect on the average friction coefficient in

200–600 m range. Within the followed distance of 200–600 m, the average friction

coefficient of the AO exposed sample is around 0.41–0.42, which is very close to

that of the unexposed (about 0.413). The above results indicate that AO exposure

only has a distinctive effect on friction coefficient in the initial stage of friction.

The friction coefficient depends on two factors, i.e., adhesion force and mechan-

ical interaction between two counter surfaces. In a similar way, the formation of

surface oxides will weaken the adhesive force between metals or alloys and
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decrease the friction coefficient. In the present test, the friction coefficient is

increased when the AO induced oxides remain on the surface. The reason for that

is that the mechanical interaction becomes strong when the exposed surface is

sliding against the counter surface. The enhancement of mechanical interaction

between the friction surfaces comes from the increase of abrasive effect introduced

by oxides particles in wear debris. Due to the higher hardness of oxides, they

mechanically interact with asperities of both friction surfaces, resulting in forma-

tion of higher mechanical resistance force between surfaces against each other.

When the sliding distance exceeds 200 m, the oxides produced by AO would

completely wear off the surface, the above extra abrasion from oxides particles

vanishes. In this case, the friction coefficient becomes similar to that of the

unexposed.

Conclusions

The friction and wear test was performed on the ZrTiAlV alloy subjected to AO

exposure. The results show that the energetic AO beam leads to the following

effects on the exposed surface and its tribological properties.

1. The AO has a polishing effect on the surface of ZrTiAlV alloy resulting in mass

loss and decrease of roughness.

2. The AO exposure increases the friction coefficient in the initial friction stage and

the wear as well.

3. The AO interaction with the exposed surface induces two simultaneous and

competitive processes of growth and spalling of surface oxides, which make the

wear loss and friction coefficient varying non-monotonically with AO fluence.
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Effect of Atomic Oxygen Irradiation

on the Properties and Structure of Spacecraft

Composite Beta Cloth Film

Haifu Jiang, Tao Li, Lihua Chai, Xiangpeng Liu, Ruiqiong Zhai,

and Xue Zhao

Abstract To study the effects of low Earth orbit environment on the surface

properties of polymer matrix composite material, a black Beta cloth film was

irradiated by atomic oxygen (AO) in ground-based simulation facility. The struc-

ture and properties, including morphology, mass loss, optical properties, and

surface composition of the pristine and irradiated films were investigated using

scanning electronic microscopy (SEM), high precision microbalance, energy dis-

perse spectroscopy (EDS) and UV/VIS/NIR spectrophotometry. It was found that

AO irradiation induced strong erosion of the Teflon resin on sample surface when

AO fluence reached 1.85� 1022 atoms/cm2, as evidenced by SEM, EDS and XPS

results. The real-time mass loss data show a non-linear relationship between etching

and AO fluence. The variation of surface chemical structure and composition lead

to bleached surface comparing to pristine black film. The optical properties show

some variations of sample emissivity (εh) and a substantial decrease of solar

absorptance (αs) reaching a value of 0.20.

Keywords Low Earth orbit • Atomic oxygen • Beta cloth film • Surface

morphology • Optical properties
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Introduction

A large variety of spacecrafts, such as spaceships, shuttles, space stations and

application satellites are traveling in low Earth orbit (LEO). The space environ-

mental factors in LEO include high vacuum, microgravity, neutral gas, constant

thermal cycling, the full spectrum of solar radiation, micrometeoroid and space

debris, etc. [1–4]. One of the most important factors that cause serious damage to

many polymeric spacecraft materials is atomic oxygen (AO), which is the dominant

neutral species in LEO and formed by photo-dissociation of molecular oxygen in

the upper atmosphere with a concentration of 106–109 atoms/cm3. Due to its high

chemical reactivity and high impinging energy on material surface (approximately

5 eV, which is attributed to the high orbital velocity of spacecraft of 7–8 km/s), AO

in LEO erodes many polymeric materials that are directly exposed to the space

environment [5, 6].

Polymer matrix composite materials are widely used in space science due to

their unique properties, such as low density, versatile electronic properties, high

strength-to-weight ratios, low thermal expansion coefficients and manufacturing

cost. However, it has been well established that polymer matrix composite mate-

rials may suffer accelerated erosion in low Earth orbit environment because of the

presence of AO. Accordingly, it is very important both to evaluate material

characteristics and to clarify the degradation mechanism in AO exposure [7, 8].

Flight experiments provide a significant opportunity for evaluating materials

under a real space environment. Up to now, the National Aeronautics and Space

Administration (NASA) has performed several flight experiments, such as short-

term space flight experiment EOIMI-III, the Lockheed Space Flight Experiment

(LSFE), Long Duration Exposure Facility (LDEF) and Material International Space

Station Experiment (MISSE) [9–13]. Another method to examine material proper-

ties after AO exposure is ground-based simulation testing. Due to their lower cost

and high efficiency, ground-based simulation experiment has been widely used in

the field of space environment/spacecraft materials interactions.

In this work, a new type of composite material black flame retardant film, also

known as Beta cloth was selected as a test subject exposed to a neutral AO beam

produced by a microwave excited discharge of O2 gas. After the experiment, the

surface morphology, mass loss, surface composition and optical properties of the

samples were investigated in order to evaluate its tolerance against AO erosion.

Experimental

Experimental Materials

The black Beta cloth film is an alternative material, which is used for installations

around optical parts of spacecraft, such as optical lens, window glass and space

docking mechanism, in order to reduce the reflected sunlight. This film was
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produced by Shanghai Silicate Research Institute (Shanghai, China) and consisted

of SiO2 glass fiber and Teflon resin binder. For the sake of achieving high optical

absorption, plenty of carbon was added to Teflon resin that ultimately resulted in a

black sample surface. For this study, a black spacecraft flame retardant film sample,

200 μm thick and 4.0� 4.0 cm2 in surface area was cut from the larger film.

AO Simulation System

The AO irradiation experiments were performed using the LEO combined space

environment test system. The test system is equipped with an AO source, an

electron beam (EB) source and a vacuum ultraviolet (VUV) source. These sources

can be used simultaneously or in any combination. The vacuum chamber is made of

stainless steel and is 500 mm in diameter with a vacuum level of 10�5 Pa. A

schematic view of the irradiation system is shown in Fig. 1. The AO generation in

this system was based on the microwave detonation phenomenon. It utilized a

microwave source to excite O2 to oxygen plasma. A magnetic mirror field was

provided in the discharge region by coils in order to increasing plasma density. The

ions in the oxygen plasma were accelerated by an electric field resulting from

negatively biased metal molybdenum plate in front of plasma. The accelerated

oxygen ions collided with the metal molybdenum plate, and they were neutralized

by the negative charges on the metallic molybdenum plate. The neutral AO

rebounded to form particle beam with impingement kinetic energy, and eventually

collided with the test sample fixed on a sample holder. The average energy of the

AO produced by this system was about 5 eV and the sample temperature did not

Microwave
AO source

VUV

Mass 
spectrometer

EB

Window

Sample
holder

Gate

Molecular 
pump

Temperature

control system

Mechanical 
pump

Fig. 1 Schematic view of the system used in simulation testing with three different space

environment factors
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exceed 40 �C by adjusting the temperature control of the combined space environ-

ment test system.

Experimental Details

In the experiment, the black Beta cloth film was affixed to the sample holder and

oriented perpendicular to the exit of AO source which was 200 mm away. The

equivalent AO flux was approximately 5.0� 1015 atoms/(cm2 s) in this position.

The maximum AO fluence was 1.85� 1022 atoms/cm2, which was calculated to be

equivalent to that of a 2 years exposure fluence at an orbit 350 km altitude and 42�

inclination on the ram face of spacecraft. The fluence evaluation of each irradiation

test was based on mass loss evaluations of a 25 μm thick Kapton HN film (DuPont,

Inc.), assuming an erosion yield of 3� 10�24 cm3/atom [14]. The Kapton HN film,

as well as the black flame retardant film, was installed on the sample holder. Before

loading into the vacuum chamber, the samples were cleaned in an ultrasonic bath

using alcohol for 2 min, and subsequently air-dried and conditioned in the vacuum

chamber for 48 h in order to release the adsorbed gases completely. The purity of O2

gas used in our experiments was 99.99% and the working pressure was 5� 10�2

Pa. The O2 gas flow during experiment was 33 sccm and the microwave power was

kept at 600 W.

Tests and Evaluation

The surface morphologies of samples were determined using SUPRA55 scanning

electron microscope (SEM). An accelerating voltage of 15 keV was used for all

sample observations, photographs of the samples were taken at magnifications of

100�. The mass loss of black Beta cloth film was obtained using a Sartorius

ME235S microbalance with precision of 10�5 g and maximum load 210 g. Three

measurements were taken to yield statistical averages for each sample. The labo-

ratory temperature was 25� 2 �C and the relative humidity ranged from 30 to 40%.

In order to reduce the effect of moisture absorption in air, the mass loss measure-

ments had to be accomplished within 5 min after taking samples from vacuum

chamber. The changes in surface composition were evaluated using an energy

dispersive spectroscopy (EDS) system attached to the SEM. The optical properties

of the sample, including solar absorptance (αs) and emissivity (εh), were evaluated
using a Perkin-Elmer Lambda 9 UV/VIS/NIR spectrophotometer equipped with a

barium sulfate coated integrating sphere. The precision of the measurement was

�0.003.
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Results and Discussion

Surface Morphology

The photographs of samples after AO exposure are shown in Fig. 2. Four corners of

each sample are fixed to the aluminum holder by polyimide adhesive tape (3 M,

Inc.).

Before AO exposure, the Beta cloth film exhibits a black surface because of a

large carbon concentration added to the original material, but after AO exposure, it

was observed that the surface dark color of samples gradually disappears with

increasing AO fluence. This “bleaching effect” of AO on dark material’s surface,
was mentioned frequently in literature [15, 16].

Investigation of the surface morphology by SEM (Fig. 3) indicates that AO

exposure results in considerable changes of sample surface structure. The pristine

sample (Φ¼ 0) appears to have a relatively smooth surface containing the SiO2

fibers with 90� � 90� fabric direction that are covered completely by Teflon resin

Fig. 2 Images of samples exposure to AO beams with different fluence: (a) Φ¼ 0, (b)

Φ¼ 1.2� 1021 atoms/cm2, (c) Φ¼ 2.4� 1021 atoms/cm2, and (d) Φ¼ 1.85� 1022 atoms/cm2
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binder. In contrast, the surface of the sample exposed to an AO fluence of 1.85� 1022

atoms/cm2, is completely stripped of the carbon rich Teflon resin binder, leaving a

surface that contains only the SiO2 fiber bundles. This morphology difference of

polymer matrix composite materials before and after AO exposure has been reported

in flight experiment results [17, 18].

Surface Composition

Figure 4 illustrates the EDS spectra obtained from the sample surfaces before and

after AO exposure. As shown in Fig. 4a, the surface of pristine sample (Φ¼ 0) is

mainly composed of carbon and fluorine elements, which indicates that Teflon resin

is enriched with carbon in sample surface. But after AO exposure, the surface

composition of the sample changes significantly, carbon and fluorine elements are

Fig. 3 SEM images of the samples before and after exposure to AO beam. (a) Φ¼ 0, (b)

Φ¼ 1.85� 1022 atoms/cm2

Fig. 4 Energy dispersive X-ray microanalysis results obtained from samples before and after AO

exposure (a) Φ¼ 0, (b) Φ¼ 1.85� 1022 atoms/cm2
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replaced by oxygen and silicon elements, which validates that only SiO2-based

fibers are present on the sample surface. In addition, a minor peak of Mo is observed

in Fig. 4b that is due to the Mo plate that was sputtered in the AO exposure process.

The X-ray photoelectron spectroscopy (XPS) analysis, as shown in Fig. 5 val-

idates EDS result, and indicates at a serious erosion of the sample surface.

Mass Loss

Figure 6 presents the dependence of the mass loss of the sample after AO exposure

on the total fluence of AO. As can be seen from Fig. 6 a non-linear trend between

the mass loss and the AO fluence is observed. At the initial stage of AO exposure,

the sample mass decreases sharply due to the intense impact of AO and extensive

erosion of the F-C binder. With AO fluence continuing to increase (the second
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stage), only a small change in mass (about 0.00016 g in mass loss) is observed with

AO fluence increasing from 2.4� 1021 to 1.85� 1022 atoms/cm2. The non-linear

trend of mass loss is most probably due to the difference of erosion yield of the rich

carbon Teflon resin binder (at the first stage of high mass loss) and the SiO2 glass

fiber (in the second stage of low mass loss) that are two basic component of film.

When oxidation reaction occurs between AO and the film, the surface layer of

the Teflon resin binder is eroded firstly, leading to rapid increase of mass loss, but

with increasing fluence, and the gradual exposure of the SiO2 fibers, the erosion rate

and the mass loss are reduced. For this flame retardant film, AO erosion yield can be

calculated from the following expression [19]:

Es ¼ Δms

Φρ
; ð1Þ

where Es is the AO erosion yield, Δms is the mass loss of test sample, Φ is

equivalent fluence in experiment calculated from the mass change of witness

Kapton HN, ρ is the density of test sample.

According to Eq. (1), the erosion yield of the flame retardant film is in the range

5.05� 10�23–1.07� 10�24 cm3/atom (the density of 1 g/cm3 is used), which relates

to the AO fluence. It is interesting that the erosion yield of black Beta cloth film at

the initial stage of experiment is even higher than epoxy resin (1.7� 10�24–

3.4� 10�23 cm3/atom) [20, 21] that is, most probably, associated with the carbon

addition in materials.

Optical Properties

The black Beta cloth film is an anti-reflective material that has potential applica-

tions in use around optical observation equipment for providing high optical

quality. The optical properties of the black Beta cloth film samples before and

after AO irradiation experiment were measured and the results are shown in Figs. 7

and 8. Figure 7 presents the emissivity, εh value of samples after exposure to

different AO fluencies. As can be seen from Fig. 7, after AO exposure, the εh
values are steady around 0.88 and almost the same as that for the pristine sample

(Φ¼ 0).

In contrast, a substantial decrease of αs is detected as shown in Fig. 8. The αs
decreases by approximately 0.19 when AO fluence changes from 0 to 2.4� 1021

atoms/cm2, but with increasing fluence, the change in αs is only 0.01 until the end of
experiment. The optical properties are associated with the surface structure and of

the sample. When AO fluence does not exceed 2.4� 1021 atoms/cm2, the surface

morphology is governed by strong erosion of the binder, which leads to the rapid

decrease of αs. But with continuous increase of AO fluence, the optical properties of

the SiO2 fibers that are exposed on the surface, become dominant. Because the SiO2

fibers are little eroded by AO, the surface morphology does not change substantially

at this stage, which eventually results in minor change in αs.
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The changes of αs can be calculated using the following expression:

T ¼ Δαs
αsi

%ð Þ ¼ αsf � αsi
�
�

�
�

αsi
%ð Þ; ð2Þ

where T is the change in αs, αsf—is final value of αs, αsi—is original value of αs,Δαs
is the change of αs. Using Eq. (2), the changes in αs were estimated to exceed 20%,

implying that the application of black Beta cloth film in space mission has its

limitations. Thus, it is obvious that for applications of black Beta cloth film on

surfaces of spacecraft facing the ram direction and in long term operations in LEO

space environment, the AO erosion would seriously affect the thermal optical

performance of the film. While further improvements and optimization of the film

properties should be considered for long term applications, for short term applica-

tions, in short term flight missions, this film may be a good choice.
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Conclusions

AO testing was conducted on a black Beta cloth film in ground-based LEO

simulation system. The sample surface was eroded seriously and the SiO2 fibers

were exposed with the F-based binder with carbon filler being eroded fully after AO

exposure with fluence of 1.85� 1022 atoms/cm2. The mass loss and αs of samples

decrease distinctly with increasing AO fluence, but there is not obvious change in

emissivity. These results suggest that the black Beta cloth film has a potential for

use in space applications in short-term flight missions.
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The Study of the Effects of VUV/UV

Radiation on the Thermal Control Coatings

Lingnan Wu, Yuzhi Zhang, Jia Meng, Xiaofu Yin, and Lixin Song

Abstract In recent years, extensive research has been conducted on long-term

reliability of thermal control coatings (TCC) used in space. The properties of

TCC’s directly affect the internal temperature control of spacecraft and their normal

performance. In this paper, optical properties of several typical TCC samples includ-

ing the antistatic silvered cerium glass second reflectance mirror, KS-Z white coating,

antistatic F46 film silvered second reflectance mirror were measured in situ in

different VUV (115–200 nm) and UV (200–400 nm) ranges and radiation doses

using a long-term ultraviolet radiation exposure facility. Data fitting was conducted to

obtain the solar absorption ratio degradation curve of the thermal control coatings,

and the ratio was extrapolated reasonably. The solar absorption ratio of the thermal

control coatings tends stabilize after a certain amount of radiation, whether UV or

VUV. Other parameters of the thermal control coatings before and after UV/VUV

radiation, such as the surface microstructure and infrared emissivity were also

measured and their degradation after UV/VUV radiation is discussed.

Keywords Thermal control coatings • Solar absorption ratio • UV/VUV radiation

Introduction

The effects of harsh space environment on spacecraft on different orbits vary. The

low-orbit satellites are within the radiation belt, and the main effects are protons,

atomic oxygen and vacuum ultraviolet radiation. The ultraviolet radiation consists

of two parts: 200–400 nm (UV radiation) and 115–200 nm (VUV radiation). The

direct result of deterioration of the thermal optical properties of thermal control

coatings (TCC’s) (caused by radiation and other factors) is poor control of surface

temperatures of the spacecraft in the required range [1–3]. In the degradation of

TCC’s, the increase of the solar absorption ratio is the main factor affecting the
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temperature of the spacecraft So the emphasis in this study was put on the solar

absorption ratio changes in the UV/VUV irradiated TCC samples [4, 5].

In this paper, optical properties of several typical thermal control coating

samples, including the antistatic silvered cerium glass second reflectance mirror,

KS-Z white coating, antistatic F46 film silvered second reflectance mirror were

measured in situ in different VUV (115–200 nm) and UV (200–400 nm) ranges and

radiation doses using a long-term ultraviolet radiation exposure facility. Data fitting

was conducted to obtain the solar absorption ratio degradation curve of the thermal

control coatings, and the ratio was extrapolated reasonably.

Experiments

Experimental Samples

Antistatic silvered cerium glass second reflectance mirror (OSR), KS-Z white

coating (KSZ), antistatic silvered F46 film second reflectance mirror (F46), and

antistatic polyimide aluminized second reflectance mirror (PI-Al) were chosen as

experimental samples. At least three samples were used of each type.

Experimental Process

The UV (200–400 nm) and the VUV (115–200 nm) vacuum radiation experiments

were carried out in the long-term ultraviolet radiation exposure facility developed

by our group (see Fig. 1). The facility consists of three major parts: ultraviolet

Fig. 1 Long-term ultraviolet radiation exposure facility
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radiation system, in-situ measurement system and automatic control system. As a

source of UV (200–400 nm) radiation a high power Mercury Xenon lamp (5000 W)

is used. The UV radiation intensity was 4 suns. As a source of VUV (115–200 nm)

radiation a high power Deuterium lamp made in Japan was selected. The acceler-

ation factor was 30–35. The vacuum in the irradiation chamber was kept at <10�5

Pa.

Results and Discussion

Irradiation with VUV (115–200 nm)

SEM Morphology

Figures 2, 3, 4 and 5 present the results of SEM analysis of the four selected thermal

control coatings before and after VUV radiation. The antistatic silvered F46 film

second reflectance mirror sample exhibited some surface wrinkles (Fig. 3) due to its

Fig. 2 SEM morphology of sample OSR before (left) and after (right) VUV radiation

Fig. 3 SEM morphology of sample F46 before (left) and after (right) VUV radiation
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flexible nature. Otherwise, no apparent internal structure changes were noticed in

the SEM images before and after VUV radiation of all samples, suggesting little

influence of the VUV.

Data Fitting

The experimental data obtained for the solar absorption ratio was fitted by a power

function regression. This form of power function regression equation can be

expressed as

αs ¼ exp aþ bln tð Þð Þ ð1Þ

where αs—the solar absorption ratio of the thermal control coatings, a, b—are

undetermined coefficients and t—is the irradiation time.

The solar absorption ratio degradation curve of thermal control coating can be

obtained through the experimental data.

Fig. 4 SEM morphology of sample PI-Al before (left) and after (right) VUV radiation

Fig. 5 SEM morphology of sample KSZ before (left) and after (right) VUV radiation
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Figures 6 through 9 present the results of the measurements (mean of 3 samples)

and the fitting curves of the solar absorption ratio of OSR, F46, PI-Al and KSZ

coatings. It can be seen from Figs. 6, 7, 8 and 9 that the solar absorption changed

strongly in the beginning of the exposure, with the tendency for the data to stabilize

after 500ESH of exposure. While some of the measured points deviated somewhat

from the fitting curves, considering the test error of the solar absorption ratio

measurement, the compliance between the data points and the fitting curves was

good.

According to the fitting curves in Figs. 6, 7, 8 and 9, the experimental data could

be extrapolated to assess the VUV radiation stability of the thermal control coat-

ings. In Table 1, the measured values for the four coatings at 2000ESH and the

extrapolated values of the solar absorption ratio to 5000ESH, 8000ESH and

12600ESH are shown. As can be seen from Table 1, the solar absorption ratio of

Fig. 6 The measured data

and fitting curve of the solar

absorption ratio of OSR

Fig. 7 The measured data

and fitting curve of the solar

absorption ratio of F46
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thermal control coatings remained relatively stable and within a reliable range even

after prolonged exposures to UV.

Spectral Reflectance

Spectral reflectance of the thermal control coatings before and after VUV radiation

was measured in order to better understand their solar absorption behavior.

Fig. 8 The measured data

and fitting curve of the solar

absorption ratio of PI-Al

Fig. 9 The measured data

and fitting curve of the solar

absorption ratio of KSZ

Table 1 Summary of extrapolated solar absorption ratio changes of the thermal control coatings

after VUV radiation

Radiation dose/ESH OSR/Δαs F46/Δαs PI-Al/Δαs KSZ/Δαs
2000 0.005 0.012 0.007 0.013

5000 0.009 0.015 0.011 0.017

8000 0.010 0.016 0.012 0.018

12,600 0.010 0.016 0.013 0.019
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After VUV irradiation, the solar absorption of OSR slightly increased. The trend

for F46 after VUV irradiation was similar, however, change was much more

pronounced, with the spectral reflectance in the near infrared region dropping

significantly. The spectral reflectance change of PI-Al was basically similar to

that of OSR, i.e., with a decrease in near infrared spectral reflectance. For the

KSZ material a slight decrease in spectral reflectance was observed in the visible

range. The observed spectral reflectance trends were consistent with vacuum VUV

irradiation test results for thermal control coatings [6].

Infrared Emissivity

The results of the measurements of infrared emissivity of the tested thermal control

coatings after 2000ESH VUV irradiation are listed in Table 2. It could be seen that

the infrared emissivity of OSR and KSZ remained almost unchanged after VUV

radiation that is consistent with the literature [7]. Certain change, however,

occurred in the emissivity of F46 and PI-Al materials (Figs. 10, 11, 12 and 13).

Table 2 Infrared emissivity

of thermal control coatings

before/after 2000ESH VUV

radiation

Sample

Infrared emissivity/εh
ΔεhBefore After

OSR 0.084 0.085 0.001

F46 0.729 0.719 �0.010

PI-Al 0.682 0.705 0.023

KSZ 0.940 0.946 0.006

Fig. 10 Spectral

reflectance of OSR before/

after VUV radiation
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UV (200–400 nm) Radiation

SEM Morphology

SEM analysis was conducted on OSR and KSZ thermal control coatings samples

before and after UV radiation with the results shown in Figs. 14 and 15. As can be

seen from Fig. 14, no evident surface morphology changes were found for the OSR

sample after UV radiation. However, for the KSZ coating, significant spalling of the

organic filler was observed after UV radiation (Fig. 15) that may have a negative

impact on the optical performance of the coating.

---- before 

----- after

Fig. 11 Spectral reflectance of F46 before/after VUV radiation

Fig. 12 Spectral reflectance of PI-Al before/after VUV radiation
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Fig. 13 Spectral reflectance of KSZ before/after VUV radiation

Fig. 14 SEM morphology of sample OSR before (left) and after (right) UV irradiation

Fig. 15 SEM morphology of sample KSZ before (left) and after (right) UV irradiation
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Data Fitting

The experimental data obtained for the solar absorption of the OSR and the KSZ

coatings were fitted by a power function regression using the Eq. (1). Figures 16 and

17 present the results of this data fitting.

Analyzing the data in Figs. 16 and 17, it can be suggested that deviations

between the accumulated data and the fitting curves are larger in the beginning of

the experiments with a much better fit occurring after ~3000ESH of exposure.

Fig. 16 The measured data and fitting curve of the solar absorption ratio of OSR

Fig. 17 The measured data and fitting curve of the solar absorption ratio of KSZ
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Using the fitting curves in Figs. 16 and 17, the experimental data could be

extrapolated to assess the UV radiation stability of the thermal control coatings at

higher exposures. Table 3, presents the results of such extrapolation. In the table the

values of the solar absorption of OSR and KSZ coating samples at 3000ESH are

given together with the extrapolated results for doses of 5000ESH, 8000ESH and

12600ESH.

As can be seen from Table 3, the extrapolated data for the solar absorption of

OSR and KSZ coatings remained relatively stable at a value within the reliable

range that was similar to results of thermal control coatings after VUV radiation.

Spectral Reflectance

Spectral reflectance of the OSR and KSZ thermal control coatings before and after

UV radiation was measured in order to better understand their solar absorption

behavior.

As shown in Fig. 18, the spectral reflectance of OSR coating rose slightly in the

visible range, while decreasing significantly in the near-infrared region, which may

be the main cause for the decrease of the solar absorption ratio. The spectral

reflectance of the KSZ coating after UV radiation demonstrated a different behav-

ior, decreasing in the 300–1300 nm range but increasing in the 1300–2500 nm

Table 3 The extrapolated

solar absorption ratio changes

in the value of OSR and KSZ

after UV radiation

Radiation dose/ESH OSR/Δαs KSZ/Δαs
3000 0.009 0.015

5000 0.010 0.017

8000 0.011 0.019

12,600 0.011 0.021

Fig. 18 Spectral

reflectance of OSR before/

after UV radiation
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range. Since the energy contribution in the sun spectrum in the 300–300 nm is much

larger than in the 1300–2500 nm range, the solar absorption of KSZ after UV

radiation experienced a greater decrease (Fig. 19).

Conclusions

The UV (200–400 nm) and the VUV (115–200 nm) irradiation experiments were

carried out for a number of thermal control coatings, namely, OSR, KSZ, F46 and

PI-Al in the long-term ultraviolet radiation exposure facility. The solar absorption

was measured for these coatings in situ for a range of different irradiation doses.

The solar absorption degradation curves were experimentally measured and fitted

using a power function regression. By extrapolating the fitting curves, estimates

were obtained for the solar absorption values of the thermal control coatings at high

irradiation doses, which could provide reference data for designers.

The surface structure and infrared emissivity of the thermal control coatings

before and after UV/VUV irradiation were also analyzed and measured and their

degradation after UV/VUV radiation was discussed. The results showed that the

VUV irradiation affected thermal control coatings to a lesser extend and the thermal

control performances were stable. In contrast, UV radiation had a greater effect on

the thermal control coatings, with the thermal performances, however, maintained a

relatively stable range.

Fig. 19 Spectral

reflectance of KSZ before/

after UV radiation
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Effect of Projectile Shape and Velocity

on Crater Damage

Qiang Wei, Haorui Liu, Sam Zhang, and Yu Bai

Abstract The shape of the particles in ground simulations of space debris is mostly

assumed as spherical particles. However, the number of flat particles in space debris

is much higher than of spherical ones. Therefore, flat-shaped particles pose more

danger to orbiting crafts. This paper describes a study that employs the laser-driven

flyer technique to produce flat-shaped projectiles of different aspect ratio to impact

on quartz glass (usually used as window in spacecraft) and studies the influence of

the projectile boundary geometries on damage morphologies. The results show that

the impact craters due to spherical particles and to flat ones are similar in shape but

differ in depth of penetration and scatter. The equation for spherical debris was

modified to describe the relationship between diameters of the crater and the flat

projectile.

Keywords Space debris • Laser driven flyer • Boundary geometry • Hypervelocity

impact • Impact equation • Aspect ratio • Penetration coefficient
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Introduction

With increasing human activities in space, the quantity of space debris is ever

increasing. Micro debris has become one of the threatening factors to service life

and reliability of the orbiting space vehicles [1]. Until now, ground simulation

experiments often assume spherical projectiles [2, 3]. In space, however, the space

debris are of different shapes and sizes with great differences in aspect ratio. As

early as in 1995, NASA reported [4] that the spherical particle is not the main debris

in space. The number of the flaky particles amounted to more than 13% of the total

space debris. As such, flakes pose more dangers because of their sheer number. In

recent years, more studies of flaky projectiles appeared in the literature [5–7]. Until

now, the emission of a group of particles was usually adopted in ground simulation,

i.e., a “shotgun” effect: one single firing triggers many “shots”. In group emission,

scientists have to face a large distribution of particle velocities and sizes, thus it is

difficult to pinpoint impact damage to a specific particle. The laser driven flyer

(LDF) technique developed in early 2000’s has great advantage to associate the

flyer parameters with the specific impact result. In this paper, we use the LDF

technique to generate projectiles of different aspect ratio to simulate flakes of

different sizes and study the influence of debris boundary geometry on the hyper-

velocity impact damage morphology to describe the relationship between diameters

of the crater and the flake projectile.

Figure 1 illustrates the damage morphologies induced by a spherical (a) and a

flake particle (b).

In Fig. 1a mostly fragments of the target material are scattered around the impact

crater, similar to eruption of a volcano [10]. In Fig. 1b, very few fragments of the

window are seen but a large number of flyer residues is found around the impact

crater.

In collision dynamics, hypervelocity impact creates a shock wave in the target

material that leads to very high pressure and temperature. This leads to creation of

an approximately hemispherical crater damage [11] induced by the interaction

Fig. 1 A spherical projectile impact crater and flaky projectiles impact crater. (a) Spherical

projectile hypervelocity impact crater [9]; (b) flake projectile hypervelocity impact crater [8]
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between the compression wave and the reflection wave within the impact target. In

addition, formation of micro cracks, ejecta and extrusion around the impact crater

takes place.

The whole collision process includes creation of crater, penetration and extru-

sion, and reflective sputtering. The compression wave plays the leading role in the

first two stages, the reflection wave in the last. This is true for crater formation by

spherical projectile or by flake projectile, as illustrated in Fig. 2. However, in the

case of impact by a flake particle, the time of penetration and extrusion is very short,

which results in shallow crater and no extrusion (Fig. 2b). The shallower the crater

becomes, the larger the scatter area results in. The difference in damage morphol-

ogy originates from the penetration process, which, in fact, is largely affected by the

projectile’s boundary geometry, i.e., the aspect ratio of the projectile. The aspect

ratio of a spherical particle is one, and that of a flake is much <1.

Experimental

In order to verify the influence of the aspect ratio on impact damage, particles of

different aspect ratio (illustrated in Fig. 3) are created using different laser beam

diameter. Table 1 tabulates the details.

A pulse solid laser Nimma-900 is used in the experiment. To accelerate a flyer,

the laser beam 5–7 ns wide with a wavelength of 1064 nm is shot with a frequency

of 1 Hz onto a composite flyer target 1 cm away and in 10�1–10�4 Pa vacuum. The

flyer target is made of a 16 μm thick aluminum foil glued with silicone oil onto a

piece of quartz glass. The laser passes through the quartz onto the aluminum foil to

ablate a small part of the aluminum foil at the foil/quartz interface to form plasma

with high pressure and temperature that “launches” the residual foil towards an

impact target. The impact target is a “quartz window”, i.e., a quartz glass disk of

40 mm in diameter and 2 mm in thickness. The spot size and the energy density of

the laser beam can be adjusted by changing the focal length to obtain flyers with

different diameters to achieve different aspect ratio. The flyer velocity is measured

by the polyimide piezoelectric films (PVDF) method [8]. The damage morphology

of the impacted surface is examined under optical microscope and scanning elec-

tron microscope (SEM). The crater size is measured using Image-pro plus software.

Fig. 2 Diagram of the produced craters for projectile particles with different shapes. (a) Spherical

projectile impact model; (b) flake projectile impact model

Effect of Projectile Shape and Velocity on Crater Damage 331



Effect of Particle Shape on Damage Morphology

Figure 4 shows the damage morphology induced by projectiles of different aspect

ratio. In Fig. 4a, the crater and volcano-like extrusion are observed, similar to that

of spherical projectile. In Fig. 4b, along with an impact crater, large area is found

contaminated around the crater due to ejecta by reflective sputtering.

Multi-Feature Damage Equation for Flaky Particles

In hypervelocity impact dynamics, the relationship between the diameter of the

crater and that of the projectile is described by a dimensionless parameter Dc/dp,
projectile size effect in physical meaning. For spherical projectile, this equation is

[12]:

Dc

dp
¼ Ψ

vpffiffiffiffiffi
Yt

p
=ρt

;
ρp

t
;
Yp

Yt

� �
ð1Þ

where, Dc is the crater diameter; dp is the projectile particles diameter; ρp and ρt are
the density of projectile particles and target materials, respectively and the Yp and Yt
are the strength of projectile and target materials, respectively. The dimensionless

velocity is introduced as

vpffiffiffiffiffiffiffiffiffiffiffi
Yt=ρt

p
by using the target inertia ratio

Fig. 3 Flyer diagrams with

different aspect ratio. (a)

The aspect ratio of flyer is

0.32; (b) the aspect ratio of

flyer is 0.145

Table 1 Experimental parameters and data of flyer with different aspect ratio

Experiment No. Velocity (km/s) Diameter (μm) Flyer thickness (μm) Aspect ratio

1

2

1.4

1.4

50

110

16

16

0.32

0.145
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ffiffiffiffiffiffi
Yt

ρt
:

s

To apply to flake projectiles, a parameter g representing penetration coefficient

must be introduced. The penetration coefficient is related to penetration ability such

as aspect ratio, and is different for different collision systems. With this consider-

ation, Eq. (1) is modified as

Dc

dp
¼ Ψ g;

vpffiffiffiffiffi
Yt

p
=ρt

;
ρp
ρt
;
Yp

Yt

� �
ð2Þ

According to the isotropic expansion theory in hypervelocity impact theory [12],

Dc/dp can be expressed as follows

Dc

dp
¼ g∗2 � pc

dp
þ A

ρp
ρt
;
Yp

Yt

� �

¼ 0:54 • g •
ρp
ρt

� �2=3

•
vpffiffiffiffiffiffiffiffiffiffiffi
Yt=ρt

p
 !2=3

þ 1:4 � 1� ρp
ρt

� �2=3

� Yp

Yt

� �1=3
" # ð3Þ

where, pc is the crater depth, and it is only related to the material’s parameters as

follows.

pc
dp

¼ 0:27 � ρp
ρt

� �2=3

•
vpffiffiffiffiffiffiffiffiffiffiffi
Yt=ρt

p
 !2=3

: ð3aÞ

Fig. 4 Damage morphology induced by impactor with different aspect ratio: (a) 0.32, (b) 0.145
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A
ρp
ρt
;
Yp

Yt

� �
¼ 1:4 � 1� ρp

ρt

� �2=3

� Yp

Yt

� �1=3
" #

: ð3bÞ

Equation (3) is a dimensionless multi-parameter characteristic equation describing

the relationship between the diameter of the crater and a flake projectile. Equation

(3) has three different aspects of parameters: basic materials parameters such as

density, strength of the projectile and impact target (ρp, ρt, Yp and Yt), the shape

factor of the projectile or the penetration coefficient (g) and the impact velocity of

the projectile (vp). For a given projectile and impact target, Dc/dp is a function of

penetration coefficient g and impact velocity vp.

Experimental Verification of the Multi-Parameter
Characteristic Equation

To verify Eq. (3), the penetration coefficient g needs to be determined first. For this

purpose, a series of impact tests was carried out with Aluminum flyers (c.f., Table 2)

of different diameters at constant impact velocity vp¼ 1.4 km/s.

Figure 5 plots the measured crater diameter as a function of projectile size. A

straight line is obtained with a slope of 1.8. From Eq. (3), the slope contains g and

the velocity used together with other materials constants, substitution of these

values gives rise to coefficient g¼ 1.5.

Table 2 The material

parameters adopted in

verification experiment

Parameters Aluminum flyer Quartz glass

Density 2.7 g/cm3 2.2 g/cm3

Strength 80 MPa 640 MPa

Diameter 50 μm 40 mm

Fig. 5 The statistical

relationship between the

craters size Dc and debris

size dp at vp¼ 1.4 km/s
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Equation (3) can be reduced to Eq. (4) as follows.

Dc

dp
¼ 0:93 •

vp
539:36

� �2=3
þ 0:6 ð4Þ

Therefore, at a given flyer shape, the projectile size effect (Dc/dp) is a function of
velocity only. To verify this point, a series of impact tests with different velocities

were conducted. Figure 6 plots Dc/dp as a function of vp according to Eq. (4). The

experimental data points (solid dots) fit nicely the “theoretical prediction” (solid

line), thus successfully validating Eq. (3).

Conclusions

1. The parameters of formed crater are related to the aspect ratio of a projectile.

Flake flyers result in shallow craters with large spread of ejecta contamination.

2. The impact equation describing the relationship between diameters of the crater

and flake projectiles is a function of the projectile velocity only for a given shape

of the flyer material and impact target. In the case of an aluminum flyer being

shot at a quartz window, this relationship becomes

Dc

dp
¼ 0:93 •

vp
539:36

� �2=3
þ 0:6:
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The Study of Space Debris and Meteoroid

Impact Effects on Spacecraft Solar Array

Dongsheng Jiang, Pei Zhang, and Yi Zhang

Abstract The debris impact may cause the degradation of solar cells because of

the cumulative effect (Lei, Cumulative effects of micrometeoroid impacts on

spacecraft, 2010), and even damage several strings of solar cells depending on

the diameter of the debris. Hypervelocity impact event may excite plasma and by

spreading the plasma can initiate discharges that are able to induce arcing on the

solar circuits that will decrease the output power of solar arrays. The effect of

impacts on wires and aluminum honeycomb is also discussed. The risk of impact on

solar array of a GEO satellite will be analyzed, and the probability of impact will

also be calculated by using the MASTER2005 flux model.

Keywords Solar array • Debris and meteoroid • Impact damage

Introduction

On June 12, 2011, the Y-axial solar array output current on a Chinese GEO satellite

suddenly decreased, according to the telemetry signal, the shunt current dropped

from the normal condition of 7.78–4.94 A. At the same time, the yaw angle of the

satellite changed 0.1�, and after 3 min, the attitude and orbit control system

stabilized the satellite. It was estimated that the satellite probably had been hit by

space debris or meteoroids. In last 20 years, there were 8 impact events reported on

satellites in orbit (see Table 1).

With the expansion of human activity in space, there has been a growing amount

of objects whose secondary impact created a large amount of space debris left in

orbit. The spacecraft also faces meteor shower threats from the comet and asteroid

belt. Those debris and meteoroids are presenting a serious threat to spacecraft [1].

The meteoroid and orbital space debris environment in Earth orbits consists of

hypervelocity particles of various mass, diameter, and velocity. Micrometeoroids

have an average density and velocity of 0.5 g/cm3 and 20 km/s respectively whereas
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space debris average density and velocity is 2.8 g/cm3 and 9–10 km/s depending on

the altitude [2]. According to NASA orbital debris program office’s database

(2009), there are currently about 19,000 objects with sizes larger than 10 cm, tens

of millions particulates smaller than 1 cm and about 500,000 particles in between.

As solar arrays have the largest exposed to the space area, their probability to be

impacted by meteoroids or space debris is high. From the inspection of the retrieved

HST array, for instance, the whole wing suffered between 5000 and 6000 micro-

meteoroid impacts in its 4-year life. The effects of these impacts range from slight

grazing to puncture of cells and panels [3]. This paper studies the impact damage

effects of space debris or meteoroids on spacecraft solar arrays.

Space Debris and Meteoroid Impact Damage on Solar Array

All spacecrafts in orbit have the impact risk from space debris and meteoroid.

Practically, any spacecraft will suffer damage if it receives a hypervelocity impact

from an object heavier than a few grams, with collisions with smaller objects

causing serious surface erosion. The solar array surface area is the largest part of

the total spacecraft surface area exposed directly to the space environment, so the

space debris and meteoroid impacts have a particularly strong effect on

it. Individual impacts on spacecraft solar array surfaces generally may not pose a

threat to critical system functioning. However, the accumulation of impacts over

the large area of the solar array would lead to a degradation of output power.

Structure of Solar Array

Typical solar array panels (Fig. 1) are built from aluminum honeycomb-type core

supported with carbon fiber reinforcement. The solar cells are bonded to the array

Table 1 Eight impact events reported on satellites, since 1993

Date Satellite Events

1993 Olympus Hit by Perseids meteor shower; total loss

24 July 1996 Cerise Hit by space debris (a fragment of Ariane V16)

19 Jan 2001 SO-35 Contact lost, possible collision with external object

21 Apr 2002 Kosmos 539 Hit by space debris or meteoroid

22 May 2007 Meteosat-8 Orbit change, likely hit by unknown object

10 Feb 2009 Iridium 33 Destroyed in accidental collision with defunct Russian milsat

22 May 2013 NEE-01

Pegaso

Hit by space debris, tumbling

22 May 2013 GOES-13 Unknown anomaly (possibly hit by micrometeorite); returned

to service
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structure with silicon adhesive. Between the solar cells and solar panel, a layer of

polyimide film is pasted to insulate the solar cell electrodes and conductive sub-

strate. The cover glasses that are used to provide protection for the cells against

radiation and microparticles impact damage are made usually of cerium-doped

glass 0.01 cm thick. Multiple wires link the diode board and solar cells strings,

and connectors link them between all panels, ensure the current transfer into the

spacecraft.

The damage to the solar array from the impact by meteoroids or space debris

includes creation of a small crater on the coverglass or even penetrating and leaving

a hole in the solar array that depends on the velocity and size of the projectile. The

hypervelocity impact of a meteoroid can form plasma on the solar array surface; the

formed plasma can also trigger a discharge of solar circuit and even cause a short

circuit with the potential consequence of losing output power from several strings

of solar array.

Optical Degradation of Solar Cells

Optical degradation means incident light on solar cell is partially disperses and

absorbs, so the amount of power converted into electrical is reduced. The damage

that affects optical degradation typically happens mostly to the coverglass, with

most of the damage not reaching the solar cell (Figs. 2 and 3). The erosion and

mechanical destruction of the surface can happen upon impact by any type of

particles. The effect of micro-particles 1–100 μm in size is mainly to reduce the

Coverglass

CIC
(Coverglass Interconnect Cell)

Interconnect

Transparent
adhesive

Adhesive

Adhesive

Adhesive

Adhesive

Insulator

Facesheet

Facesheet

Thermal control surface

Honeycomb core

PV cell

Fig. 1 A typical structure of a solar array panel
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amount of light reaching the cell. For particles over 1000 μm in size the optical

losses are negligible, due to their relatively small numbers [4]. The optical degra-

dation is induced by the surface damage of the coverglass where micro-cracks,

scratches and craters are formed. The optical losses are determined by the amount

of damaged area, i.e., the area of formed craters, and whether any dust remains in

the craters or not.

Physical Damage of Solar Cell

The cover glasses can partly prevent the particle from hitting the cell itself. Under

impact of particles with large sizes and high velocities, solar cells can be damaged

as well, with the projectiles even penetrating and shunting the cells. Studies show

Fig. 2 Examples of craters formed on solar cell coverglasses

Fig. 3 Examples solar cell damage photo (from ESA HST)
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that the power losses under such impacts can be sufficiently greater than from the

optical surface damage. Cells impacted by meteoroids and debris can exhibit two

damage mechanisms: increase in series resistance due to grid damage, or decrease

in shunt resistance due to junction damage. In both cases the output current in solar

cells will decrease or will be totally lost.

Mechanical Damage on Solar Panel

As was discussed above, solar panels are generally built using aluminum honey-

comb core covered on both sides with carbon fiber facesheets that form a sandwich

panel (Fig. 1). Large sized particles travelling at high velocities can completely

penetrate the solar panel and leave a clearly measureable hole. During such events,

the formed fragments may propagate through the honeycomb core, eventually

impacting on the rear facesheet. An increase in impact velocity will result in a

larger damage to the honeycomb core structure a shown in Fig. 4 [5].

Plasma and Arcing

The space-debris impacts on solar array cause not only mechanical damage but also

electrical damage such as solar-array arcing initiated by local high-density plasma

created by hypervelocity impact. The formation of plasma can lead to arcing

between the solar cells or the cell and the substrate on the solar array. In the

worst case, the heating produced by arcing can carbonize the insulation layer and

create a permanent short-circuit path [6].

It was shown in an experiment at Kyushu Institute of Technology that when the

debris collided with the solar cell directly, the solar cell circuitry almost immedi-

ately was shortened onto the substrate [7].

Connectors and Cables

Cables that are gathered together into bundles together with connectors that are

used between panels on the solar arrays are the major current carriers. Impact

damage to the cables and connectors would have, therefore, more severe conse-

quences. There are two kinds of failure modes of cables after impact. Firstly, the

electrical continuity of cable is broken, which means that some of the output power

from the solar array is lost; secondly, sustained arc occurs between two nearby

cables. The heat generated by the burning arc can melt the insulator skin of a nearby
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healthy cable, with the arc extending to another cable and so on, until the whole

bundle can get affected (Figs. 5 and 6), causing a power loss from a whole solar

array [8].

Impact Probability Between Solar Array and Particles

The probability of collision between meteoroids, space debris and a satellite solar

array is proportional to the flux of meteoroids and space debris and also to the

geometric projection area on cross flux direction of the solar array. The probability

P of impact by a particle on a surface is given by

P ¼
Z tþΔt

t

dtF tð ÞA ð1Þ

where Δt is the duration of the exposure and F(t) the normal component of the flux

of particles [9].
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99
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Rear facesheet Honeycomb core

Fig. 4 Panel ground impact experiment photo (from RMIT University)
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For one GEO satellite we talked earlier, the probability of its solar array

impacted by space particles during its on orbit is studied. The meteoroids and

debris flux for its orbit is obtained by using MASTER2005 flux models. Figure 7

shows the meteoroid and debris flux of this satellite orbit environment. For the

particles with the diameter larger than 1 mm, the flux of meteoroid is 70 times as

much as space debris; when they are larger than 5 mm, the flux of meteoroid will

only be 9 times higher than space debris.

During the 8-year life in orbit, with a total area of 20 m2 solar array, its

probability hit by different size particles is shown in Fig. 8. As shown in the figure,

the probability of the solar array hit by particles size <1 mm in diameter is highest,

reaching 0.1.

With increasing particle size, the probability of collision between them and solar

array will decrease rapidly. So in the design of solar array, it is more important to

Fig. 5 A projectile impact onto a cable bundle triggers a short circuit in the cable

Fig. 6 Image of cable bundles destroyed by an impact
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consider the impact effect from the small size particles than the larger one. The

impact of small particles will cause mainly optical losses.

Summary

The risk of solar array from hypervelocity impacts should be considered for any

spacecraft design. Common protective measures include additional shielding case

or placing of sensitive component at safe and separate locations to reduce risk. For

solar array, adding a proper extra area of solar cell for power degradation because of

impact damage is the common solution. The cable and connector shall be carefully

arranged and protect because of the severe consequence after impacting.
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Characteristic of Substrate Coloration Under

Space Charged Particles

Hai Liu and Huicong Zhao

Abstract The radiation induced transmittance change of the lens with

antireflection films of MgF2/ZrO2/Al2O3 on both surfaces was investigated under

the 60–1000 keV electron and/or proton radiation on a space complex radiation

simulator. The results show that the transmittance of lens is monotonously

decreased with increasing radiation fluence. The major absorption band around

430 nm is caused by F2 center, F
+ center and VŌH center in the antireflection films.

The weak absorption band in 500–800 nm is related to the hole-type color center

and the impurity-type color center under higher radiation fluence. Under the proton

energy <100 keV, the radiation induced damage of antireflection films dominates

the variation of transmittance, which is increased with increasing radiation energy.

When the energy exceeds 100 keV, the energy loss in films is reduced and the

substrate coloring becomes the main cause for the transmittance change. Under

electron radiation, the change of transmittance increases with increasing energy

while the energy loss in films dramatically decreases with increasing electron

energy. In this case, the radiation induced effect on substrate is a dominant factor.

The coloration of films also has certain contribution to transmittance change due to

the scattering effect of electrons. In the near-Earth space, electron fluxes are higher

than proton ones and the fluxes of low-energy charged particles are higher than

high-energy charged particles. Therefore, for evaluation of radiation effects on the

optical elements with films, the low-energy electron exposures are preferred, with

the low-energy proton exposures being the second option.
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Introduction

The spacecrafts are irradiated by charged particles from Van Allen belt and cosmic

ray during their flight [1]. According to the existing model for the radiation belt, the

electrons energy is spread in 0.04–7 MeV interval while the protons energy ranges

from 0.1 MeV to tens MeV and higher. The flux of these particles is decreased with

increasing energy [2–4]. The irradiation by charged particles changes the structure

and the properties of materials.

Optical systems that contain a series of optical elements are very often important

payloads on spacecrafts. Optical transmission components such as lenses and filters

have wide applications in optical systems. The light transmittance of an element is

degraded after working in radiation environment for a period of time, thus, in many

cases, affecting the functional performance of the whole system [5,6]. For these

reasons much attention is paid worldwide to studies of radiation effects on optical

materials and elements. Discoloration of optical materials caused by radiation

induced color centers that absorb photons leading to decrease in the transmittance

of certain wavelength is a major radiation effect on optical materials [7–10]. The

radiation induced coloring effect on optical materials has been studied for decades.

Although the classic theory of color centers is well developed, the mechanism for

formation of complicated color centers is not clear from the present theory. Many

types of compound centers with complicated structures are produced in complex

material systems under higher radiation fluence. Their effect on optical properties

needs further study.

For the transmission optical elements composed of a substrate and complex

optical films, the type, evolution and distribution of their color centers are very

complicated. The changes in optical properties of an element in such a structure are

integrated into the overall change from all of its parts. Special glass can be selected

as substrate to increase radiation resistance whereas the materials available for

optical films are limited. In many cases, the damage to optical films is the dominant

factor in degradation for optical element properties. The radiation induced damage

of optical films not only depends on the species and energy of irradiation but also

closely correlates with the structure of films [11, 12]. Presently, there is less detailed

research in this area.

A lens with antireflective films was selected as the research subject in this work.

The effects of particle type, their energy and fluence on the spectral transmittance of

the selected lens were investigated through a series of irradiation tests with protons

and/or electrons and the results are reported and the corresponding mechanisms

discussed.
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Experimental

A lens with both surfaces coated by antireflection film is chosen as the test sample.

The substrate is a K208 type anti-radiation glass with a thickness of 3 mm. The

substrate is coated using the PVD technique with a stack of antireflection films in

the following sequence and thicknesses: 125 nm of Al2O3, 250 nm of ZrO2, and

125 nm of MgF2. The irradiation of the samples was conducted on three facilities,

i.e., the space complex radiation simulator providing the 30–200 keV protons

and/or electrons, with energies ranging from 0.5 to 1.2 MeV and the

0.5–4.5 MeV electrostatic proton accelerator. Spectral measurements were carried

out on a Lambda950 type of spectrophotometer made by USA PE Company.

Results

Optical Spectra of Proton Irradiated Lens

The spectral transmittance data of the lens measured after 60 keV-proton irradiation

tests under various energies and fluencies are shown in Fig. 1a. The change of

spectral transmittance after proton radiation is also calculated as shown in Fig. 1b. It

can be seen that the transmittance monotonously decreases in visible region. The

maximum transmittance is obtained around 430 nm. The maximum moves slightly

to the long-wave with increasing radiation fluence. The transmittance shows similar

variation with energy but exhibiting different value of change. The obtained results

indicate that proton irradiation has a significant effect on the lens.

Fig. 1 Spectral transmittance of irradiated lens: (a) 60 keV proton radiation; (b) its change after

radiation
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Optical Spectra of Electron Irradiated Lens

Comparing the data from proton irradiation tests, the spectral transmittance after

electron radiation shows similar behavior. The transmittance is also monotonously

decreased with fluence within the wavelength of 350–800 nm, as shown in Fig. 2.

Under the same energy and fluence, the electron induced changes of transmittance

are relatively lower than those induced by protons.

Analysis of the Mechanism of Radiation Induced Damage
in Optical Films

The color centers contributing to the absorption band of 350–500 nm are listed in

Table 1 and are described in detail in ref. [9]. The weak absorption band of

500–800 nm is attributed to the hole-type color centers and the impurity-type

color centers in films and substrate.

The wavelength where the optical spectrum possibly changes can be determined

according to the data in Table 1. The change level depends on the color center

concentration that is related to the absorbed dose of material. Figure 3 gives the

calculated energy loss of protons dissipated in surface films. At lower energies, the

protons lose their energy mainly in the surface layers, as shown in Fig. 3a. When the

energy exceeds 100 keV, the energy loss in substrate is increased due to the

increased shot range. Figure 3b gives detailed energy loss of protons in each of

the three coatings. The energy loss is higher in ZrO2 than in the other two films

since ZrO2 has a higher density and stopping power. The 80–200 keV protons have

maximum energy loss in ZrO2 film, as shown in Fig. 3b. The energy loss in MgF2
and Al2O3 reaches a maximum at proton energies of 70 keV and 130 keV,

respectively.

The above analysis implies that the energy losses in different films are not the

same under single-energy proton irradiation, implying that the physical processes of

proton interaction with the coated lens will be more complicated in interactions

Fig. 2 Spectral transmittance of electron irradiated lens: (a) 60 keV electron irradiation; (b)

transmittance change after radiation
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with the space charged particles having a broad energy distribution. Figure 4 gives

the energy loss in films and the transmittance change through the lens versus the

proton energy range under proton fluence of 1E15/cm2. When proton energy is less

than 30 keV, almost all of the energy loss occurs in films, affecting only the films.

When proton energy exceeds 300 keV, it is deposited mainly in the substrate,

having little effect on films. Within the proton energy range of 30–300 keV, the

energy loss in films is monotonously decreased with increasing proton energy,

Fig. 3 Energy loss in lens as a function of penetrating depth and proton energy

Table 1 Main color centers

and absorption band in films

of lens

Material Type of color center Absorption band (nm)

MgF2 F2 370

ZrO2 F+ 490

Al2O3 VŌH

F2
+

400

440–450

Fig. 4 Variation of energy losses in films and transmittance through lens versus proton energies
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which complicates the spectral response of the lens. In the case of lower proton

energy, although the proportion of energy loss in films is low, the total absorbed

dose by films is increased with increasing proton energy resulting in increase of

transmittance change.

When the proton energy is higher than 100 keV, the energy loss in films is

reduced to below 40%, leading to a distinct decrease of the absorbed dose by films

and enhanced decrease in the transmittance. In this case, a part of proton’s energy is
delivered to the substrate. However, the shot range in anti-radiation substrate glass

material is not enough to induce distinct coloring effects. Therefore, the

100–200 keV proton irradiation influences mainly the deposited films. Further

increase in proton energy will thicken the colored layer in the substrate, resulting

in transmittance decrease with increasing proton energy.

Due to the characteristic differences, the irradiation effects by electrons are

different to those by protons. Firstly, the electron range is much higher than the

thickness of the deposited optical films. If electron energy exceeds 10 keV, the

energy loss mainly occurs in the substrate. Thus, the effect of electron irradiation

should be taken into account. Secondly, electrons always lose a certain amount of

energy in the films even having longer range due to their severe scattering in the

target material.

Figure 5 shows the energy loss in films and the transmittance change of the lens

versus the electron energy under electron radiation. It can be seen that the energy

loss in films decreases dramatically with increasing electron energy whereas the

transmittance change gradually increases with incident energy. This behavior

implies that substrate coloration is a dominant process during electron irradiation.

The analysis of absorption spectrum indicates that film coloration also has a certain

contribution to spectral change which, however, is hard to quantify.

Above all, evaluating the anti-irradiation properties of a transmission element

with deposited optical films, both the films and the substrate should be considered.

The irradiation effect is related to many factors such as the type, the energy and the

fluence of particles. Generally in the near-Earth space, electrons have higher fluxes

than protons and low-energy particles have higher fluxes than high-energy particles.

Fig. 5 Variation of energy

loss in films and

transmittance change under

various electron energies
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Therefore, in ground testing, using low-energy electrons should be preferred to

investigate the property of optical films under irradiation, and the low-energy

protons should be used as the second choice.

Conclusions

1. The transmittance of lens is monotonously decreased with increasing fluence of

protons or electrons in the ultraviolet and the visible bands. The major absorp-

tion band is located in the wavelength range 350–500 nm. A weak absorption

band is found in the wavelength range 500–800 nm under high-fluence

irradiation.

2. When the proton energy is <100 keV, the transmittance of the lens depends on

the antireflection films. Substrate coloring becomes the dominate factor under

proton energy higher than 100 keV.

3. Under certain radiation fluence, the transmittance change of the lens is increased

with increasing electron energy. Substrate coloring is a major factor of electron

radiation effect while the antireflection film structure has a certain effect on the

transmittance changes.

References

1. Wu JG, Eliasson L, Lundstedt H, Hilgers A, Andersson L, Norberg O (2000) Space environ-

ment effects on geostationary spacecraft: analysis and prediction. Adv Space Res 26(1):31–36

2. Koshiishi H (2014) Space radiation environment in low Earth orbit during influences from

solar and geomagnetic events in December 2006. Adv Space Res 53(2):233–236

3. Benton ER, Benton EV (2001) Space radiation dosimetry in low-Earth orbit and beyond. Nucl

Instrum Methods Phys Res B 184:255–294

4. Koshiishin H, Matsumoto H (2013) Space radiation environment in low Earth orbit during

solar-activity minimum period from 2006 through 2011. J Atmos Sol Terr Phys 99:129–133

5. Zhao X, Zhou Y, Liu H (2004) Research of space radiation design of optical system. J Harbin

Inst Technol 03:406–409

6. Lu C, Zhao X, Zhou Y (2005) Analysis of the contamination affection on the space optical

system. J Harbin Inst Technol 37(2):223

7. Piccinini M, Ambrosini F, Ampollini A, Carpanese M, Picardi L, Ronsivalle C, Bonfigli F,

Libera S, Vincenti MA, Montereali RM (2014) Optical spectroscopy and imaging of colour

centres in lithium fluoride crystals and thin films irradiated by 30 MeV proton beams. Nucl

Instrum Methods Phys Res Sect B Beam Interac Mater Atoms 326:72–75

8. Kurobori T, Miyamoto Y, Maruyama Y, Yamamoto T, Sasaki T (2014) A comparative study

of optical and radiative characteristics of X-ray-induced luminescent defects in Ag-doped

glass and LiF thin films and their applications in 2-D imaging. Nucl InstrumMethods Phys Res

Sect B Beam Interact Mater Atoms 326:76–80

9. Liu H, Liu G, Dong S, He S, Yang D (2011) Coloring effects of optical antireflective film

irradiated by 60 keV protons. Thin Solid Films 519(15):5131–5134

10. Choi J, Heo J, Choi YG, Chung WJ (2012) Visible light emission from selenium color centers

formed in silicate glasses. Opt Mater 34(7):1231–1234

Characteristic of Substrate Coloration Under Space Charged Particles 353



11. Wei Q, Liu H, Wang D, Liu S-X (2011) Degradation in optical reflectance of Al film mirror

induced by proton irradiation. Thin Solid Films 519(15):5046–5049

12. Di Sarcina I, Grilli ML, Menchini F, Piegari A, Scaglione S, Sytchkova A, Zola D (2014)

Behavior of optical thin-film materials and coatings under proton and gamma irradiation. Appl

Opt 53(4):314

354 H. Liu and H. Zhao



Mass Loss of Spacecraft Polymeric Thermal

Control Coatings Under Radiation

R.H. Khasanshin, A.V. Grigorevsky, and I.B. Vintaykin

Abstract Experimental results of influence of intensity and fluence of electrons,

protons, and combined action of space environmental factors (vacuum, electrons,

protons and electromagnetic radiation) on mass loss of a model polymeric com-

posite are presented. Existence of threshold levels both for fluencies of electrons

and protons at flux density of 1011 cm�2 s�1 and at flux densities of these particles

corresponding to 1015 and 5� 1014 cm�2 at fixed fluencies was established and a

threshold level for combined action of protons and electrons was determined. It was

shown that excess of threshold radiation modes makes a thermally stimulated mass

loss of irradiated samples to reduce as compared with the source material.

Keywords Mass loss • Polymer composites • Thermal control coatings • Proton •

Electron • Electromagnetic radiation • Combined irradiation

Introduction

An increase in spacecraft operational life imposes more severe requirements on

reliability and quality to space environmental testing of materials. One of the

factors able to disrupt the normal operation is the spacecraft outer atmosphere

(SOA) that forms due to the mass loss of outer surface materials, gas leakage

from internal compartments, emission from rocket fuel combustion products and

other processes.

The most critical negative effect of SOA on existing and prospective satellites

equipped with numerous high-sensitivity probes and scientific equipment is con-

tamination of their surfaces by volatile products (VP) [1]. The severity of this

problem is stipulated by widespread use of polymeric composites, for example,

thermal control coatings (TCC), and by practical application of unpressurized
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modules in spacecraft design that create prerequisites for increasing SOA density

and presence of high-molecular weight easily-condensable compounds in it.

Polymeric materials and based on them composites are used to create TCC’s,
structural components, vacuum-screen heat-insulations, sealants, adhesives, etc. It

is known that absorbed doses of 105–106 Gy cause significant changes in their

optical, mechanical, electro-physical and thermo-physical properties [2, 3].

To predict reliably the contamination levels of spacecraft functional surfaces we

need physical–mathematical models describing processes of SOA formation, trans-

fer in the vicinity of spacecraft and deposition of SOA products on sensitive

surfaces. A whole range of problems exists, however, due to insufficient knowledge

of the nature of such processes, among which we can name a few:

1. Lack of data concerning the influence of temperature and space radiation factors

on mass loss of non-metallic materials and deposition of SOA products on

spacecraft surfaces.

2. Lack of physical–mathematical models describing mass loss of polymeric com-

posites that account for changes of their properties under radiation. Existing

empirical models [2–4] have limited application and are mainly used to analyze

results of laboratory experiments on mass loss of materials subjected to heat

exposure in vacuum.

3. There are no data on dependence of mass loss rates of polymeric composites on

energy, intensity and radiation type. There is no clear understanding on the

synergistic effects of combined action of vacuum, temperature, UV, electron and

proton radiations on these materials.

External coatings of geostationary orbit (GSO) satellites operating in space

communications systems, radio- and television transmission are exposed to intense

ionizing radiation. Estimated values of annual surface absorbed doses in this orbit

are about 8.8� 106 Gy [1]. The significant differences of dose distribution through

thickness in various materials add to the difficulties in studying their mass loss.

When carrying out radiation tests, electron and proton energies and flux densities

are selected in such a way that distribution of total absorbed dose in material will

approximately reproduce the space conditions.

Selecting the EKOM-1 paint, being applied as a spacecraft TCC, as the model

polymeric composite, we show that dependence of properties of non-metallic

materials on the absorbed dose and intensity of radiation should be taken into

account to determine radiation induced mass loss. For this model material, the

threshold values of flux density and fluencies of 40-keV electrons and protons were

found and threshold level for the combined action (vacuum, EMR, protons and

electrons) was defined.
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Experimental Technique

Coupons, prepared from AMg6 aluminum alloy, 30 mm in diameter, were painted

with the EKOM-1 paint. The EKOM-1 is a white enamel paint that is being used as

thermal control coating with charge-dissipative properties. It consists of an acrylic

copolymer with Ga-doped ZnO pigments. The weight of the samples was recorded

before and after each experimental stage using the Shimadzu microbalance “AUW-

220D” with an error of �10�5 g.

The effect of irradiation on mass loss of the model material was determined in

two stages. In the first stage, the samples were irradiated in a vacuum chamber of

the “UV-1/2” test facility. In the second stage, the dynamics of thermally induced

mass loss of irradiated samples were evaluated using the “Vesy” radiation facility.

Source material sample and witness samples were also tested in the same facility for

comparison.

Beside the samples to be irradiated, witness samples protected from radiation

were also fastened to the cooled sample stage of the UV-1/2 system. They were

used to determine the mass loss by samples in vacuum chamber in the first stage.

To study the effect of space environment on mass loss of the model material,

three series of irradiation tests have been carried out. All tests in these series had the

following common conditions:

• Pressure in the chamber 1.0� 10�4 Pa;

• Electron (Ee) and proton (Ep) energies were 40 keV.

In the first series, the samples were irradiated by different electron (Φe) and

proton (Φp) fluencies with constant flux density of ϕe¼ϕp¼ 1011 cm�2 s�1. The

temperature of the sample holder to which the samples were attached with screws

was 15� 1 �C.
In the second series, the samples were irradiated by different electron and proton

flux densities to fluencies of Φe¼ 1015 cm�2 and Φp¼ 5� 1014 cm�2, respectively.

The temperature of the sample holder was kept at 15� 1 �C. Electron and proton

fluencies were selected based on the results of the first series. Their values were not

to exceed the threshold values of the fluencies found in the first series.

In the third series, the samples were irradiated using four different regimes given

in Table 1. Solar electromagnetic radiation was defined by ESR and equivalent

solar hours (ESH). In combined action, the flux densities of electrons and protons

did not exceed the critical values established in the second series. Temperature of

the sample holder for 1 ESR and 2 ESR was maintained at 30� 1 �C and 45� 1 �C
respectively.

In the second stage, we obtained the dependencies of thermally induced mass

loss on time, i.e., the kinetics (or dynamics) of mass loss. The mass changes were

monitored on a microbalance using a 10.0-MHz temperature-controlled quartz

piezoelectric resonator. In our experiments, the change of mass took place due to

condensation of VP emitted by material sample.
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A sample of a material with an attached to it temperature sensor was placed on

the heated sample holder of the “Vesy” facility and, while testing the calibration of

measurement devices, it was kept for one hour in vacuum at 15� 1 �C. Then, the
sample was heated up to 100 �C and the mass loss dynamics were recorded during a

24 h period (standard test period for determining the mass loss parameters of a

heated material in vacuum conditions). The changes of the output frequencies of the

microbalances were recorded every minute in the first 4 h, and every 20 min

after that.

The thermally induced mass losses were measured in the following conditions:

• Vacuum 2� 10�5 Pa;

• Material sample temperature 100� 1 �C;
• Temperature of piezoelectric resonator �187� 0.5 �C;
• Mass sensitivity of piezoelectric resonator 5� 10�9 g/(cm2 Hz).

The experimental set-up and the geometry between the sensitive element of

microbalance and the sample was the same in all experiments.

Analysis of Results

To conduct a numerical analysis of obtained experimental data, a mathematical

model was used that allows reducing the solution of the problem of mass loss of

polymeric materials under irradiation in vacuum to a solution of a system of

equations describing changes of VP concentrations in it, as follows:

∂Ci x; tð Þ
∂t

¼ ∂
∂x

Di x; tð Þ∂Ci x; tð Þ
∂x

� �
� χiCi x; tð Þ þ Si xð Þ,

x 2 0, h� υ � tð Þ , t > 0, υ � t < h; ð1Þ
Ci x; tð Þjt¼0 ¼ Ri xð Þ, x 2 0; h½ �; ð2Þ

Di x; tð Þ∂Ci x; tð Þ
∂x

����
x¼h�υ�t

þ ki tð Þ þ υ½ �Ci x; tð Þjx¼h�υ�t, t > 0; ð3Þ

∂Ci x; tð Þ
∂x

����
x¼0

¼ 0, t > 0; ð4Þ

where Ci(x, t)—concentration of i-type VP in material; χi—chemical reaction rate

with involvement of i-type VP, s�1; Di(x, t)—effective diffusion coefficient of i-
type VP, μm2/s; Ri(x)—concentration of i-type VP in material at the initial moment;

ki(t)—effective desorption coefficient of i-type VP, μm s�1; h—thickness of sam-

ple, μm; υ—sublimation rate of material, μm/s; Si(x)—a function of i-type VP

source, dependent on type of material, spectrum, content and intensity of radiation.

The shape of the source function, Si(x), repeats the distribution of absorbed energy.
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The non-uniformity of propagation of the irradiation through the material thick-

ness was taken into account by introducing a diffusion coefficient that increases

with time Di x; tð Þ ¼ Di0 1þ α xð Þt½ �, where α xð Þ � 0—weight function proportional

to Si(x); Di0—effective diffusion coefficient of VP in source material.

The solution of Eqs. (1)–(4) has values that are functions of i-type VP concen-

tration in the near-surface layer of material Ci h� υ � t, tð Þ. They are used to

determine the mass loss rate from a unit surface:

_M i tð Þ ¼ mi ki þ υð ÞCi h� υt, tð Þ; ð5Þ

where mi—is the mass of i-type molecule.

Total mass loss from the unit surface of material M(t) for the time interval t can
be calculated from the expression:

M tð Þ ¼
XN
i¼1

Mi tð Þ ¼
XN
i¼1

mi

ðt

0

�
ki þ υ

�
Ci h� υτ, τð Þdτ: ð6Þ

Numerical calculations qualitatively reproducing the above-cited experiments

were also made in two stages. The first one was concerned solving Eqs. (1)–(4) that

describes VP concentration change in material under radiation. It had been consid-

ered that before irradiation VP’s in material were distributed uniformly.

The same question was solved at the second step for thermal vacuum action

when Si(x)¼ 0 and υ ¼ 0. Distribution of diffusion coefficient and initial concen-

tration were determined as D x; Tð Þ ¼ D0 1þ α xð ÞT½ � and Ri xð Þ ¼ Сi x, Tð Þ respec-
tively where Сi (x,T )—is the VP distribution in the sample by the end of irradiation,

T—is the irradiation time.

The non-linear regression analysis methods were used in processing data

obtained at the second stage of experiment to determine accurately mathematical

model parameters in Eqs. (1)–(6) [5].

Figure 1 shows some of the results from the first series of experiments in which

the dependencies of thermally stimulated mass losses of model samples on flu-

encies of constant fluxes of 40-keV electrons and protons.

As can be seen from Fig. 1, both dependencies of mass loss of irradiated samples

on fluencies of electrons and protons have pronounced peaks. They can be

explained by the fact that irradiation triggers in material such simultaneous com-

petitive processes like accumulation of radiolysis products, chemical reactions with

these products and emission from material in vacuum of the VP’s that were in it

before irradiation and/or were generated under irradiation. The radiation-induced

destruction and outgassing of the material increase its permeability that goes up

together with the absorbed dose and accelerates the migration processes in material.

Therefore, irradiation with fixed flux density increases mass loss rate of a sample

and duration of the process in vacuum in line with fluence.
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Thus, the rate of VP generation in material sample exceeds the rate of their

emission in vacuum if fluencies are below a threshold value Φ	
e . Therefore, ther-

mally stimulated mass loss of these samples is larger than the mass loss of the

source material at the second stage of experiment. If the fluence exceeds Φ	
e , the

amount of VP being generated in the material does not compensate their loss due to

chemical reactions and emission in vacuum. The following thermally stimulated

mass loss of this sample is lower than that of the source sample.

Maximum penetration of 40-keV protons and electrons in model material are

Rp
 0.8 μm and Re
 17 μm. Consequently, under proton irradiation, their energy

is released in a thin near-surface layer of the material and in that region the

radiolysis takes place. Rates of formation of radiolysis products and increase of

permeability of material are proportional to absorbed dose rate. Therefore, the

threshold value for protons Φ*
p 
 1.7� 1015 cm�2 is less than that for electrons Φ*

e 

8.2� 1015 cm�2.

The weight results from samples before and after the first stage in all three series

of experiments had shown that mass loss of each irradiated sample is greater than

that of the witness sample. For example, these values differ by 1.4� 10�4 and

3.6� 10�4 g in the case of electrons with fluencies of 5� 1015 cm�2 and 1016 cm�2,

respectively.

As an example, Fig. 2 shows the influence of the intensity of irradiation with

fluence of electrons 1015 cm�2 on the dynamics of thermally induced mass loss of

model samples.

With increasing, to a certain value, of electron flux density, the functionM(φ) is
growing and, after reaching a maximum, is decreasing. When ϕe>ϕ∗

e 
2.1� 1012

cm�2 s�1, the mass loss of irradiated samples becomes smaller than that for source

material samples. An analysis of the data in Fig. 3 that presents the dependence of

mass loss of irradiated samples on radiation intensity of protons and electrons

shows that in the case of proton irradiation, the threshold value of flux density is

almost an order of magnitude smaller than for electron irradiation and is equal to

ϕ∗
p 
 2.6� 1011 cm�2 s�1.

Fig. 1 Dependence of mass loss of irradiated samples on fluence of (a) electrons; (b) protons
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Figure 4 shows dependencies of thermally induced mass loss of model sample

and samples irradiated in different space environmental conditions (see Table 1).

With an increase in the level of environmental impact, the dependence of mass

loss of the samples on energy flux has the same character as in the scenario of

irradiation by electrons and protons separately. With the intensity of irradiation at

2 ESR (see Fig. 4b) the mass losses for the irradiated samples after the first (2) and

second (3) levels of environmental impact (as per Table 1) were greater, while after

the third (4) and fourth (5) levels, they were lower than in a non-irradiated sample.

With the intensity of irradiation at 1 ESR (see Fig. 4a), the mass loss was less than

in the non-irradiated sample only after the fourth level of environmental conditions.

The obtained results can be explained assuming that an increase in environmental

impact level does not only lead to a growth in total absorbed energy in the material,

Fig. 2 The effect of flux density on mass loss of samples irradiated by electrons

Fig. 3 Dependence of mass loss of irradiated samples on radiation intensity: (a) electrons; (b)

protons
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but also to a change in the penetration depth, allowing VP’s to leave the material

into the vacuum from deeper layers.

It should be noted that electron and proton fluencies were below the threshold

values (Φ	
e and Φ	

p) obtained in the first series of experiments where influence of

separate ionizing radiations on sample mass loss was investigated for all levels of

combined action. Hence, the EMR was strong enough to cause the photolysis and to

increase the sample temperature thus emitting existing VP’s in addition to gener-

ated by combined radiation from material.

Conclusions

Based on the analysis of the experimental data and the results of computer model-

ing, threshold values for the fluencies and flux densities of electrons and protons

were determined. If exceeded, a reduction of thermally induced mass loss of

irradiated samples is observed in comparison with the source material. The thresh-

old values depend on radiation type and energy.

The following threshold values were obtained for EKOM-1:

• Fluencies of 40-keV electrons and protons Φ*
e 
 8.2� 1015 cm�2 and Φ*

p 

1.7� 1015 cm�2, respectively at flux density of 1011 cm�2 s�1;

• Electron and proton flux densitiesϕ*
e 
2.1� 1012 cm�2 s�1 and ϕ	

p 
 2.6� 1011

cm�2 s�1 for fluencies 1015 cm�2 and 5� 1014 cm�2, respectively;

The similar threshold values have also been observed in testing of other polymer

composites. The existence of such threshold parameters must be taken into consid-

eration when selecting test modes of polymer composite materials to avoid making

false conclusions regarding the impact of space environment on mass loss of

material.

Fig. 4 Dynamics of mass loss of model samples (marked in the legends as—1), and samples

exposed to different levels of space environment (marked in the legends as 2–5): (a) 1 ESR; (b)

2 ESR
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Numerical Simulations of Spacecraft Wake

Charging

Cheng-xuan Zhao, De-tian Li, Sheng-sheng Yang, Xiao-gang Qin,

Jun Wang, Yi-feng Chen, Dao-tan Tang, and Liang Shi

Abstract The outer region of the Earth’s ionosphere, where the earth’s magnetic

field controls the motion of charged particles is called magnetosphere. Generally,

the plasma properties in the magnetosphere are described by particle density and

energy temperature. The plasma properties in the magnetosphere region are

affected significantly by changes in latitude and altitude. The plasma environment

in the orbits such as Low Earth Orbit (LEO) and Polar Earth Orbit (PEO) is

characterized by high density (1010–1012 m�3) and low energy temperature

(0.1–0.3 eV), because of the high energy auroral electron (1–10 keV) injection

that leads to spacecraft wake charging effects.

A wake area where electrons and ions currents are different will be formed

behind a spacecraft in LEO cold, dense plasma environment. The electrons, due to

high spacecraft velocity, could accumulate in the wake area of spacecraft to form a

high negative potential barrier. The wake effect will develop differential charging

on the surface of a spacecraft. The surface potential mainly depends on the

collection of the electrons and ion fluxes. Surface charging formed by the wake

effect affects the safe operation of the low and middle orbit, especially polar orbit,

satellites. In this paper the physical mechanism of wake charging effect is analyzed,

Three-dimensional spacecraft computing model based on Particle In Cell (PIC)

methods is established by using of Fontheim distribution model of hot electrons and

taking account of the effects of the secondary electrons and photoelectrons. The

wake charging potential distribution and its variation in time are also discussed.

Keywords Wake charging • PIC (particle in cell) • Numerical simulations
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Introduction

Spacecraft–plasma interaction and the charging problems associated with it has

been an attractive field of research since 1970s [1, 2]. Generally, spacecraft

charging is usually associated with high energy electrons in the magnetosphere

causing formation of high potentials on geosynchronous satellites. Spacecraft

charging at low altitudes is not regarded as a problem, because typical ambient

electron has a temperature of 0.1 eV, so that the charging potential of a spacecraft in

the ionosphere is about the same temperature order. However, the high energy

(1–10 keV) auroral electron injection in polar Earth orbit (PEO) environment will

lead to spacecraft wake charging effects. And, in fact, spacecraft charging has been

frequently observed on low-altitude, polar-orbiting spacecraft. The data from the

Defense Meteorological Satellite Program (DMSP) have shown that charging in the

auroral oval occurs hundreds of times per year [3].

The particle-in-cell (PIC) method has become in the last few decades an efficient

numerical computational tool to study the complicated behavior of plasmas, as well

as plasmas in space [4, 5]. It provides a kinetic description of the plasma by

following the trajectories of charged macroparticles in self-consistent electromag-

netic fields computed on meshing [6]. When spacecraft interacts with the PEO

plasma, the electrons and ions will move to and deposit on the surface of the

spacecraft and will result in electrostatic potential on the surface. The electrons

could accumulate in the wake area of spacecraft to form a high negative potential

barrier. The wake effect will develop a differential charging on the surface of a

spacecraft.

So far, several spacecraft charging three-dimensional modeling tools have been

developed and incorporated, which can be used for spacecraft wake charging

simulation, such as POLAR software of NASA, SPIS of ESA and Japan’s MUS-

CAT, and the simulation results of the tools are consistent with data of space

monitoring according to the published data.

Model of Spacecraft–Plasma Interaction

Spacecraft charging problem at low polar orbit is commonly represented by a

moving large scale spacecraft immersed in dense and cool ionosphere plasma as

well as in hot auroral electrons. The effects of secondary electrons and photoelec-

trons should be taken account in the numerical simulations as well. In order to

simply the problem, it is assumed that the plasma is in thermal equilibrium and the

geomagnetic field is neglected in PEO environment. In order to investigate the

potential or the electric field of the disturbed plasma around the spacecraft it is

necessary to solve the coupling Poisson and Vlasov equations as follows:
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∇2φ ¼ � ρ

ε0
¼ e

ε0
ni � ne þ nse þ npe
� �

v �∇f þ a �∇vf ¼ 0

(
ð1Þ

where f is the particle distribution function, ν is the velocity, a is the acceleration, ni,
ne, nse and npe are the number densities of the ions, electrons, secondary electrons

and photoelectrons. Because of the difficulty of obtaining the analytic solution for

the above Eq. (1), we can simulate the charging process by using the classic motion

equation of macroparticles based on PIC method.

Spacecraft Structure Modeling

The first step in developing the polar orbit simulation is to build a model of a

spacecraft with a large scale paraboloid antenna and a solar array attached to it. The

main body of the spacecraft is modeled as a cube with a rib length of 1 m. The

length, width and thickness of the solar array are 3 m by 1 m by 0.1 m, respectively.

The radius of the paraboloid antenna is 3 m, and the thickness is 0.1 m. The

simulated surrounding plasma area is a sphere with a radius of 8 m, as shown in

Fig. 1. The set of surface materials on the spacecraft is selected as follows: the main

body of the spacecraft and ion-ram side of paraboloid antenna are coated with ITO,

the back surfaces of the solar array and the back of paraboloid antenna are covered

with dielectric material Kapton, which is usually more conductive under space

satellite
solar array

antenna

Z

X

simulation area

Fig. 1 Modeling of the

spacecraft and the ambient

plasma region
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irradiation. The sunlit surface of the solar array is CERS (Cerium doped silicon with

MgF2 coating). The initial and boundary conditions are selected such that the

spacecraft moves in the Y direction and the initial potential of the spacecraft is

zero volts. The sunlight comes from the Z axis direction. The surface properties of

the selected materials are listed in Table 1.

Auroral Electron Environment Fitting

Unlike geosynchronous environment, polar orbit spacecraft will fly through a

region of background plasma of high density (109 m�3) and low energy (0.1 eV)

that is described by a Maxwellian distribution. Besides the background plasma, it is

very important to fit the real auroral electron spectra due to the important role it

played in the process of spacecraft wake charging. An auroral electron spectra

observed by the DMSP F13 satellite has been given by Cooke [7] and is shown in

Fig. 2 where it is also fitted with the Fontheim distribution function.

The high auroral electron environment is described in our simulation by a

Fontheim distribution [8] that has three components, specified by the net current

in each component. The Maxwellian component describes the low and high energy

flux plasma environment, the Gaussian component describes the electrons flux

intensified by aurora, and the Power Law component describes the secondary and

backscattered electrons from interactions between the Gaussian beam and the rest

of the plasma. The electron differential flux formation of Fontheim distribution

function is as follows:

Flux Eð Þ ¼
ffiffiffiffiffiffiffiffiffiffiffi
e

2πme

r
n
E

θ
3
2

e�
E
θ þ AGEe

� E�E0
Δð Þ2 þ ApE

�α, EPL < E < EPH ð2Þ

where, in most circumstances, the parameters are set as follows:

Ap ¼ 3 � 1011m�3, α ¼ 1:1, EPL ¼ 50eV, EPH ¼ 1:6 � 106eV,
n ¼ 6 � 105m�3, θ ¼ 8keV,AG ¼ 4 � 104m�3,

E0 ¼ 24keV, Δ ¼ 16keV

The logarithm of Fontheim distribution is shown in Fig. 3.

Table 1 Properties of the selected spacecraft surface materials

Material (Ω) Thickness (m) Relative permittivity Surface resistivity

ITO 1.0� 10�5 1.0 ~0

CERS 1.0� 10�5 3.8 1.0� 1015

Kapton 2.5� 10�5 3.0 1.0� 1015
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Calculation of Ram Ions and Secondary Electrons

The dense ram ions should be considered in the spacecraft wake charging, and their

moving direction relative to the spacecraft must be taken into account in initial

conditions. Suppose the spacecraft in the simulation area is resting, and the ions are

impacting on the surface of the spacecraft at a velocity of the spacecraft’s orbital
speed. In the simulation, we think that there will be ions injection at certain energy

at the boundary of the simulation area every time step, as shown in Fig. 4. The ions

spectrum is shown in Fig. 5.

The surface emission of secondary electrons comes from both ion impact and

electron impact. The secondary yields vary with different materials, which is

difficult to predict. The emission efficiencies depend on the energy of the impacting

particles. To calculate the contribution of the secondary electrons, one must deter-

mine the secondary yield as a function of energy, with the incident electron energy

typically peaking between 100 and 1000 eV. The spectrum of secondary electrons

Fig. 2 The Fontheim fit

electron spectrum compared

with the spectrum observed

by DMSP [7]

Fig. 3 The Fontheim

electron spectrum logarithm

distribution
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typically has a characteristic energy of 2 eV. Figure 6 shows the yield energy of the

secondary electrons as a function of incident electron energy for Kapton. As for the

photoelectrons, their initial current can be set to 10�5A m�2, and their characteristic

energy to 2 eV.

ion

electron

electron

antenna

satellite

Fig. 4 Illustration of the

geometry between the ram

ions and the moving

spacecraft

Fig. 5 Spectral energy

distribution of the ram ions

spectra
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Fig. 6 Yield energy of the

secondary electrons in

Kapton as a function of

incident electron energy
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Results and Discussion

As was described above, the direction of plasma flow is from +y to �y at a velocity

of 7000 m/s. When the net current through the surface of the spacecraft equals zero,

the sum of all currents coming in equals to the sum of all currents going out, which

means that the spacecraft comes to a charging equilibrium. Figure 7 shows the

charging potential distribution in Kapton in the wake side of the spacecraft. As can

be seen from Fig. 7, the dielectric material Kapton at the back of paraboloid antenna

has been charged to �811 V, and in the wake zone the potential varies sharply due

to the absence of the ion neutralizing process. The surface potential of Kapton

versus time is shown in Fig. 8 that presents data from 100 data points. When

charging equilibrium is reached, the surface potential of Kapton is �811 V.

While the total simulation time was 4 s, as can be seen from Fig. 7, the surface

potential after t¼ 0.3 s stabilized around�811 V. Compared to the typical charging

equilibrium times of tens of minutes, the charging time in PEO environment is very

short, implying that charging mitigation measures must be taken when designing

the spacecraft for PEO operations.

Fig. 7 Charging potential distribution of the Kapton on the back of the antenna (in the wake side)
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Conclusions

In conclusion, the wake charging effects of spacecraft in PEO environment were

studied using the PIC method in this work. Three-dimensional spacecraft comput-

ing model was established by using of Fontheim distribution model of hot electrons

and taking into account the effects of the secondary electrons and photoelectrons. It

is shown that a zone exhibiting severe charging exists in the wake of a large scale

antenna under the auroral-electron condition. The potential of the dielectric mate-

rial Kapton in the wake side can reach�811 V in polar auroral plasma environment

and the time scale to reach charging equilibrium can be as short as 0.3 s.

Some payloads such as electric field or plasma density detecting instruments

must be placed out of the near wake charging zone due to avoid the strongly

changing potential gradients. Wake charging may have significant implications

for polar satellites such as some meteorological satellites and earth observation

satellites.
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Synergistic Effects of LEO Space

Environment and Their Influence on Space

Station

Zicai Shen and Dekui Yan

Abstract Space station, during its projected extended stay in LEO, will encounter

many environmental factors including energetic particles, ultraviolet radiation,

atomic oxygen, and space debris and meteoroids, together with some induced

environments such as contamination and discharging. Firstly, the synergistic effects

of the above environments on space station are briefed in pairs. Then the synergistic

effects from extravehicular space environments are studied one by one, including

the interactions between energetic particles and solar electromagnetic irradiation,

between atomic oxygen and ultraviolet radiation, between space debris and atomic

oxygen, as well as the contamination induced by space factors and discharging.

Thirdly, the synergistic effects inside the space station between microbes, temper-

ature, humidity and gas circulation, micro vibration, residual radiation, space

radiation and microgravity and so on are analyzed. Lastly, some recommendations

and countermeasures against synergistic effects are proposed for improving the

mechanism’s analysis, the simulation studies, the test methods, the forecasting

techniques and the protection of space station.

Keywords Space environment • Synergistic effects • Space station • Manned

spacecraft • Countermeasures

Introduction

Space station, that usually is orbiting the Earth at an altitude of about 300–500 km

will encounter many LEO environmental factors such as energetic particles, ultra-

violet radiation, atomic oxygen, meteoroids and space debris, and some induced

environments such as contamination [1, 2], as illustrated in Fig. 1. In addition, there
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are some special environments inside the space station such as micro biological

environment, residual radiation, temperature, humidity and gas circulation, etc.

Some of the space environmental factors are influenced by solar activity, especially

in the region of the South Atlantic Abnormality. The space environmental effects

will results in the degradation and deterioration of spacecraft materials or devices,

and can threaten the reliability and life of space station.

In recent years, more experiments and studies were conducted on the effects of

single environmental factors on the spacecraft materials and devices, but the results

from ground simulation tests do not always agree with the data collected in space.

These discrepancies may be caused, among other things, by synergistic effects of

space environmental factors.

For example, the decrease in transmittance of solar cells contaminated by small

space debris and their impact products is larger than from only the impact products

[3]. Besides, it is conceivable to assume that interaction between many types of

energetic particles, electromagnetic radiation, atomic oxygen, etc. will have a

synergistic effect on solar cells and other space station materials. So, it is essential

to study the synergistic effects between various space environmental factors and

provide guidance for design of ground simulation tests and failure analysis of space

materials and components on space station.

Fig. 1 Space environmental factors and their hazards to spacecrafts
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In this paper, the synergistic effects between the environmental factors affecting

the space station are introduced firstly, and then the synergistic effects from

extravehicular space environments or inside the spacecraft are analyzed. At last,

recommendations and countermeasures preventing the synergistic effects on mech-

anisms, simulation techniques, test methods, forecasting techniques and protection

methods are proposed.

Synergistic Effects Between Space Environmental Factors

The space environmental factors around and inside the space station are complex

and they may interact synergistically with the space materials and components. The

interactive synergistic effects between some space environmental factors are listed

in Table 1.

For space environment containing such factors as electrons, protons, ultraviolet

radiation, debris, atomic oxygen, etc. it is conceivable to expect that some of them

will interact synergistically, affecting the spacecraft and/or influencing each other’s
effects. In order to increase the effectiveness and the efficiency of ground simula-

tion testing and error analysis, the synergistic effects between space environmental

factors should be taken into account.

Synergistic Effects of Open Space Environments

Synergistic Effect Between Energetic Particles
and Electromagnetic Radiation

Surface materials of space station will encounter radiation damage not only by

energetic particles but also by ultraviolet radiation. For thermal control coatings

Table 1 Summary of possible synergistic effects between space environmental factors

Space

environments

Energetic

particle Ultraviolet

Atomic

oxygen

Space

debris Plasma Contamination

Energetic

particle

1a 2 2 2 1 2

Ultraviolet 2 1b 3 2 1 2

Atomic

oxygen

2 3 0 3 1 3

Space debris 2 2 3 0 1 3

Plasma 1 1 1 1 0 2

Contamination 2 2 3 3 2 0

Degree of interaction: 0-none, 1-micro, 2-common, 3-obvious
aThere are synergistic effects between electron, proton and heavy ions
bThere are synergistic effects between near ultraviolet and far ultraviolet
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such as thermal control white paints or optical components, energetic particles not

only damage the chemical bonds of organic materials, but also bring ionizing effect

and displacement effect to them. Ultraviolet can bring chemical bond break effect

or ionizing effect, but also increase the damage or get some repair from it. So many

aerospace countries or companies built space combined radiation facilities which

includes electron, proton, ultraviolet and so on, just as combined radiation facility

in Beijing Institute of Spacecraft Environment Engineering (BISEE), as shown in

Fig. 2 [4].

Synergistic Effect Between Atomic Oxygen and Ultraviolet
Radiation

Atomic oxygen and ultraviolet are the major space environments of spacecraft in

LEO. From lots of flight test and ground simulation test, it is can be concluded that

surface degradation of low earth orbit spacecraft is mainly caused by atomic

oxygen, ultraviolet and their synergistic effect [5].

The Bleaching Effect of Atomic Oxygen on the Ultraviolet Radiation

Spacecraft surface material such as thermal control coating can be damaged by

ultraviolet radiation and results in the dark of material’s color and increase of solar

absorption. But atomic oxygen has some bleaching effect on the ultraviolet

Fig. 2 Combined radiation environment simulator in BISEE
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radiation, and results in some recovery of optical property of materials. Therefore,

both space environmental affects to the performance of the optical parameters of

the thermostat paint mutually offset.

This is because there are many color centers produced in the pigment particles of

the material irradiated by UV radiation. Metal oxide in materials absorb photon

from UV radiation and then results in the appearance of electron transition and the

formation of the hole—electron pairs, which led to the increase in the absorption

rate. Color center of the metal oxide pigment particles will disappear after exposure

to oxygen environment, resulting in “bleaching” or “recovery” effect.

Enhancement of Ultraviolet Radiation on the Erosion Effect by Atomic

Oxygen

Synergistic effect of atomic oxygen and ultraviolet will exacerbate surface erosion

of thermal control paint. For UV radiation can cause cross-linking of the molecular

chain and valence bond breaking in the thermal control coating or organic polymer,

which results in the material surface softening or fragmentation, providing channel

to the atomic oxygen erosion [6, 7].

Synergistic Effect Between Space Debris and Atomic Oxygen

The synergistic effect of space debris and atomic oxygen will greatly exacerbate the

extent of space material erosion.

Space debris <1 mm usually can not cause catastrophic damage to the space-

craft, but due to the large number and high collision probability with spacecraft, the

surface long-term cumulative effect caused by multiple impacts is obvious. Despite

difficult to find, micro debris impact will generate many pinholes or cracks in space

functionality protective film, and these defects will provide channel into the base

material to atomic oxygen, resulting in the “hidden loss” and emptied under the

protective layer by atomic oxygen, causing tearing and shedding of the protective

layer, which led to the failure of protective measures, especially to large area of the

plate-shaped structure array antenna and solar array [8].

Discharge Induced by Space Debris and Meteoroids

Solar panel is an important energy systems of the spacecraft and its working state

directly affect the operating conditions and service life of the spacecraft. Because of

huge area, and exposed to the space debris environment, it has a very high

probability of being struck by space debris.
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The continuing the secondary arc can be generated in the high voltage battery

plate by electrostatic discharge, and it’s usually occur at the edges, for example,

between the solar cell sheet where exists a bias and a dielectric material. However,

the secondary arc in high-voltage solar array can be easily induced by the ejection

from hypervelocity debris and contamination, which has been the support for the

work of the Crawford and Schultz et al., the study found that plasma splashing with

high conductivity near the point of impact provide a convenient channel for

discharge, as illustrated in Fig. 3 [9].

Contamination Induced by Space Environments

Contamination Induced by Space Debris and Micrometeoroid [10]

Spacecraft may impact by space debris and micrometeoroids and cause damage to

spacecraft, the type and extent of the damage depends on the size of the spacecraft

configuration, working hours and micro-meteoroid mass, density, speed character-

istics. The impact damage includes rupture of the pressure vessel, the degradation

of the porthole, spallation of the thermal control coatings, thermal protection

performance degradation and damage of the antenna system.

Besides from natural pollution and the spacecraft itself volatile, pollution also

from spacecraft impact by ultra-high space debris and micro-meteoroids. When

spacecraft surface materials and devices impact by the ultra-high-speed movement

of space debris, the impacting particle will be hinder by the spacecraft materials and

devices and generate high temperature and pressure, which knocked a hole in the

material near the point of impact and high temperature melting occurs splash. The

splashing will scattered near the crater and form pollution, as illustrated in Fig. 4.

For example, the pollution from the impaction by hypervelocity debris to a large

area of solar panel, it can absorption and scatter electromagnetic radiation in a

specific wavelength range. The pollution caused by hypervelocity impact can lead

Fig. 3 Discharge of solar

panel induced by space

debris
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to degradation of solar transmittance of the transparent cover glass material up to

15%.

Synergistic Effects Between Ultraviolet, Atomic Oxygen

and Contamination

Outgases of spacecraft material can be caused by the ultraviolet radiation and

atomic oxygen erosion. The contamination deposited on the surface of the space-

craft and then pollutes the sensitive materials and devices of spacecraft, resulting in

the decrease of transmittance of the optical devices and the performance degrada-

tion of thermal control coatings.

However, the pollution mechanism induced by ultraviolet radiation and atomic

oxygen on spacecraft materials is complex. Firstly, when the spacecraft surface

material radiated by ultraviolet, valence bond breakage of organic material will

occurs and the desorption of the adsorbed molecules and the material component,

resulting in the occurrence of the outlet and pollution effects; Secondly, the

undercutting of the atomic oxygen and its sputtering and chemical reaction to the

surface material will cause surrounding diffusion deposition of the material mole-

cules or components, resulting in contamination of the spacecraft; Thirdly, pollut-

ants generated by atomic oxygen erosion and sputtering of atomic oxygen to

spacecraft materials will deposited on the surface, and then it will be radiated by

UV and solidified on the surface of the spacecraft, exacerbated the pollution on the

spacecraft; Fourthly, contamination on the surface of the spacecraft will be

sputtered and chemical reacted by the atomic oxygen, and it will reduce the

pollution and play a role of slowing down.

Therefore, ultraviolet radiation, atomic oxygen and their induced pollution

effect mechanism is related with spacecraft surface material composition, structure

closely.

Fig. 4 K9 glass impacted

by micro debris (diameter

1 mm, thickness 7 μm,

velocity 5.5 km/s)

Synergistic Effects of LEO Space Environment and Their Influence on Space. . . 381



Surface Charge to Enhancement of Pollution Effect

The spacecraft charging on the surface by charged particles generate charged

particle adsorption, and then increase the surface contamination, which is due to

the low energy ion group from spacecraft out-gassing or sputtered neutral atoms

ionized by photovoltaic or charge exchange with other ions. These ions will be

attracted to the negatively charged surface, and results in the change of surface

optical performance changes, increase temperature and the absorption coefficient,

decrease the transmittance and the surface conductivity. The satellite surface

contamination can also cause the changes of the number of incident electrons and

secondary electron, causing the change of the optical performance, decreases the

surface conductivity, increases surface charge and discharge. Charged Surface will

also cause the plasma measurement error in the space environment.

Synergistic Effect Between Charged Particle and Contamination

Spacecraft materials or devices radiated by charged particle can cause outgas of the

material, and then increasing the pollution of the spacecraft sensitive materials or

devices, causing the optical performance degradation. For thermal control mate-

rials, the sun absorption rate will rise and threat the safety of the spacecraft thermal

control.

Besides, space high vacuum, high and low temperature alternating, atomic

oxygen, radiation and other environments will have synergistic effects too, and

give a threat to the spacecraft orbit performance and reliability.

Synergistic Effects Inside Space Station

Synergistic Effect Between Microbiology and Micro Vibration

During the course of its lifetime, some processing such as deployment of solar

arrays, movement of manipulators and so on will results in the appearance of micro

vibration, which difficult attenuation gradually by itself, and some stress fatigue in

structural material or functional material will generate. At the same time, micro

biology will erode metal materials too. Under the synergistic effect of micro

biology and micro vibration, oxidation film on the surface of metal material will

be corrupted and the floor metal will appear. The naked metal surface and the

oxidation coating becomes anode and cathode separately, and results in the appear-

ance of electrochemistry erosion. Furthermore, crack may generate in the erosion

site gradually. All of this will accelerate the corruption of metal surface and its

function invalidation.
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Synergistic effect between micro biology, temperature, humidity and gas

circulation.

Temperature and humidity give a good chance of propagation to micro biology,

and the activities of cosmonaut and flow of gas bring the micro biology to

everywhere place of space station.

Some organic from protection coating can be eat off by micro biology, and the

metabolize production of micro biology has erosion effect to protection coating too.

As the propagation of micro biology in gas and water, the micro biology and its

secretion, erosion production and so on may bring jam to water or gas circulation

system, and influence the operation of life support system in space station.

Synergistic Effect Between Microbiology and Residual
Radiation

There is residual radiation inside space station, which may not kill the microbiology

but improve their activity in some extent.

Comparing with flight tests and ground test, some micro biology has apparently

enhancement in reproductive ability under space condition, and their growth rate

increase and morphological differentiation advance. For example, Russian smoke

detector is space station were Fungal-contaminated severely, as shown in Fig. 5 [11].

Synergistic Effect Between Space Radiation and Microgravity

Genetic variation of biology is mainly induced by space radiation and micro gravity

in space station. There are cell damage and genetic variation induced by space

radiation, and micro gravity can give some recovery from macrocosm and cell

Fig. 5 Fungal-

contaminated Russian

smoke detector
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level. The influence of space radiation and micro gravity to biology is dependent,

and their synergistic effect on biology brings large variety contrast to ground

environment.

Research Situation and Countermeasures

After decades of development, the world have initially capability to carry out

ground simulation test evaluation of synergistic effect between multi space envi-

ronmental factors and carried out a series of ground simulation test study. But

compared with the actual in-orbit environment, there are still need to be given

further efforts and improvements.

Firstly, improve ground simulation capability of the space environments and

effects.

Now, the space powers have ground simulation capabilities of synergistic effect

between space charged particles and solar electromagnetic radiation, atomic oxy-

gen and ultraviolet, plasma discharging induced by space debris, but not yet

implemented all these space environment simulation in the same device, and cannot

in the ground simulation equipment to carry out in situ testing of material compo-

sition, microstructure defects.

So, multi-functional ground simulation facilities with multi factor space envi-

ronments and their synergistic effects, in situ testing of material composition,

microstructure defects should be built [12].

Secondly, synergistic mechanism between space environmental factors should

be given further study.

While scientists and engineers engaged in the spacecraft space environment

effect have recognized the importance of the synergistic effect between space

environments and carried out some ground simulation test and mechanism research,

but it is still in its infancy, and further study should be given.

Thirdly, establish and improve the space factor synergies test methods.

Some efforts have given to the experimental studies of the synergistic effect

between some environmental factors, but the space ground simulation test method

for multi-factor environmental effects has not established.

Fourthly, develop space environmental synergistic effect software and tool.

At present, the world has not yet carried out a simulation study of synergies

evaluation of the spacecraft materials and devices between space environments. So

the performance degradation indicates and the simulation model should be studied

and established on the basis of spacecraft performance degradation mechanism and

test analysis.
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Conclusions

With the increasing on-orbit life of spacecrafts, the synergistic effect of multi space

environments may pose larger threat onto the performance and reliability of

spacecraft. Therefore, in the design, development and selection process of space-

craft materials and devices, the related synergistic effect should be paid more

attention to, and the work of space environment tailoring, the synergistic test

method, the degradation mechanism and indicates and so on should be strengthened

to improve the reliability of operating spacecraft and to meet the requirements of

new generation space missions.
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Effects of Thermal Cycling on Atomic

Oxygen Interaction with Graphite/Cyanate

Composite

Ruiqiong Zhai, Yuming Liu, Dongbo Tian, Haifu Jiang, and Yuting Li

Abstract In the Low Earth Orbit (LEO) environment where some of the spacecraft

would be located, surfaces will be exposed to potentially damaging environmental

conditions including atomic oxygen (AO), solar ultraviolet (UV) radiation, charged

particles, thermal cycling, and so on. It is necessary to utilize ground-based tests to

determine how these environmental conditions would affect the properties of

candidate spacecraft materials. Differences between the results of ground-based

and on-orbit materials tests are generally not reproduced in the ground test. While

some progress had been made for AO reactions in the presence of UV, or energetic-

electron bombardment; little has been done to study AO reactions combined with

thermal cycling. It was to remedy this deficiency that the work in the paper was

undertaken.

Keywords Composite material • Atomic oxygen • Thermal cycling • Space

environment

Introduction

Due to its high specific strength and specific modulus, excellent dimensional

stability and many other advantages, and well-developed manufacturing process,

thermosetting resin matrix composite enhanced by carbon fiber has been broadly

employed in the aerospace manufacturing industry [1, 2]. Since the early 1990s,

support barrels of horn antenna, despun frame, and folded rigid solar cell array

made by carbon/epoxy composite materials have first been introduced in domestic

DFH-2 broadcasting satellites and FY-1 meteorological satellites. After 20 years,

high-performance fiber-enhanced resin matrix composite materials have been

increasingly applied in satellites structures [3].
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For the orbiting spacecraft, its exterior structure will be remarkably impacted by

various spatial environment factors. Atomic oxygen, which is a strong oxidizing

agent and the key component in the low earth orbit (LEO) atmosphere, gives rise to

one of the major environment factors in the LEO [4]. When the spacecraft orbits at

7–8 km/s, the atomic oxygen strikes its surface at high speed, leading to the

oxidation corrosion of surface material and mass loss, which will eventually give

rise to the degradation in optical and mechanical properties [5–8]. On the other

hand, since spacecraft experiences low temperature environment during orbiting,

there will be alternate changes in ambient temperature when it’s entering or leaving
the Earth’s shadow area.

Currently, the interactions between atomic oxygen and resin matrix composite

materials have been extensively studied internationally. However, the influences

due to thermo circulation on the interactions between atomic oxygen and resin

matrix composite materials have rarely been explored. To study the resistivity of

resin matrix composite materials against oxidation due to atomic oxygen under the

alternating hot and cold condition, this paper mainly focuses on two materials:

cyanate ester composites enhanced by carbon fibers M40/DFA-1, and epoxy resin

composites enhanced by carbon fibers M40/AG-80. In the following sections, by

carefully measuring and analyzing the reaction rate of atomic oxygen, observing

the surface optical topography, testing the shearing properties between different

layers, and analyzing the X-ray photoelectron spectroscopy (XPS), the effect of

single atomic oxygen environment factor and the sequential effect due to both

thermo circulation and atomic oxygen environment factors are compared. And the

mechanism of increment in resistivity of resin matrix composites against atomic

oxygen due to thermo circulation is proposed.

Experimental Procedure

Experiment Materials

Cyanate ester composites enhanced by carbon fibers M40/DFA-1, and epoxy resin

composites enhanced by carbon fibers M40/AG-80 are tested in the experiments

respectively.

M40/DFA-1 materials are divided into two groups, marked as A and B. The

materials in A group are employed in atomic oxygen experiment directly. The

materials in B have experienced two hundred times of thermo circulations prior to

the atomic oxygen experiment. Similar procedures have been repeated for M40/

AG-80 materials.
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Experiment Instruments and Methods

The atomic oxygen experiments of both materials are simulated on atomic oxygen

simulation facilities at Beijing Satellite Environment Engineering Research Insti-

tute. The experimental parameters are shown in Table 1.

The F-10 (chamber B) thermo cycle test chamber at Beijing Satellite Environ-

ment Engineering Research Institute has been employed for the thermo circulation

experiments. Its performance indexes are given in Table 2.

To avoid the impact of microcracks on the mechanical properties of testing

materials during thermo circulations, the temperature ranges of thermo circulations

are chosen as �150 to +150 �C according to other related studies [9, 10]. Two

hundred thermo cycles have been performed, with a typical one cycle temperature

curve illustrated in Fig. 1.

The mass loss of samples is measured by German MiroSatorius precision

electronic balance, the measuring accuracy is 10�5. The mass of samples prior to

and after the experiments have been recorded respectively. Three trials have been

performed for every experiment, and means are calculated. The reaction rates of

atomic oxygen are calculated based on the mass loss method of Kapton membrane

[11]. Calculation details are shown as following:

Re ¼ Δm=ρ
f kt � A

¼ Δm � V
f kt � A � m ¼ Δm � d

f kt � m
¼ Δm � d

F � m ð1Þ

Where, Re is the atomic oxygen interaction rate of the specimen, cm3/atom; F is

the atomic oxygen flux (atoms/cm2); Δm is the mass loss of the specimen, m is the

mass of the specimen, d is the thickness of the specimen, cm

The surface optical topographies of samples are observed by Olympus GX-51

optical microscope at Beijing Institution of Space Environment Engineering. The

shear strengths between different layers are tested based on GB3357-82 standard by

applying the three-point short beam shear test. These experiments were performed

by universal material testing machine MTS with loading rate as 1.3 mm/min. The

surface XPS of all samples were analyzed by VGDSCALABMK II XPS instrument

at Tianjin Polytechnic University.

Experimental Results and Analysis

Surface Optical Topography

Atomic oxygen irradiation experiments with or without thermo circulation have

been performed respectively for M40/DFA-1 and M40/AG-80 materials. After the
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experiments, the surface optical topographies due to both methods are observed by

optical microscope, as shown in Figs. 2 and 3. With the influence of atomic oxygen,

various degrees of denudations are shown on the surface of resin composite

materials, exposing the carbon fiber near the surface. By contrast, the samples

exposed to atomic oxygen are corroded more seriously as illustrated in Figs. 2b

and 3b, the structures and trends of exposed carbon fibers are pretty obvious.

Moreover, after exposing to atomic oxygen, the color resin residue left on the

surface darkens, due to the oxidation of the epoxy resin and cyanate ester resin by

atomic oxygen. The long molecule chains are broken in to micro molecules due to

atomic oxygen. The optical index of each molecules are different, influence the

optical permeability, leading to the darkening of material color.

Table 1 Experiment parameters of atomic oxygen experiments

Vacuum degree Fluence impact area Fluence energy Atomic oxygen flux

5� 10�2 Pa >φ150 3–10 eV 1.5� 1020 atoms/cm2

Table 2 Performance indexes of thermal-cycling-test chamber

Chamber

capacity

Range of flexible

temperature

Temperature increasing

rate

Temperature

decreasing rate

0.3 m3 �150 to +180 �C >30 �C/min >10 �C/min

0 10 20 30 40 50

-150

-100

-50

0

50

100

150

(-150 ~+150 )

Te
m

pe
ra

tu
re

/

Time/min

Fig. 1 Thermal cycling test parameters
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Reaction Rate of Atomic Oxygen

Using the data obtained from mass loss measurements, the reaction rates of atomic

oxygen for two kinds of materials are calculated using Eq. (1), the results are listed

in Table 3.

Comparing the reaction rage of atomic oxygen for these two materials under two

different environmental conditions, it appears that the atomic oxygen reaction rates

decline after thermo circulations for both composite materials. In another word, the

thermo circulations weaken the corrosion due to atomic oxygen. The reason could

be that the thermo circulations lead to curing reaction of resin matrix, increasing the

intermolecular crossing links, and more closely packed, which originates the

increment in resistivity against corrosion due to atomic oxygen. Within these two

materials, the changing rage of M40/AG-80 is relatively big, and the changes could

hardly be observed for M40/DFA-1. The reason is that cross-linking groups in

epoxy resin are soft segments, which have better movement ability during thermal

treatments than cyanate ester resin. Then after thermo circulations, it would be

easier for epoxy resin to undergo cross-link reaction and its molecular chains would

arrange more orderly, which gives rise to the more enormous effect of thermo

circulation on epoxy composite matrix than the one on cyanate resin composite.

Fig. 2 Surface of M40/DFA-1 specimen before/after space environment test. (a) Original; (b)

after AO erosion; (c) after TC+AO erosion
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Shearing Strength Between Layers

The testing results of shear mechanics between different layers are presented in

Fig. 4. The shearing strengths of both materials decline at certain degree. M40/

DFA-1 decreases by 4.47%, and M40/AG-80 is reduced by 1.75%. Whereas, after

applying TC+AO, it appears for shearing strength there are increments at certain

degree for both samples, MD40/DFA-1 increases by 1%, and for M40/AG-80 the

number rises by 4.57%. It appears that thermo circulations increase the mechanical

properties of both composite materials, which could compensate the decline due to

atomic oxygen corrosion.

Fig. 3 Surface of M40/AG-80 specimen before/after space environment test. (a) Original; (b)

after AO erosion; (c) after TC+AO erosion

Table 3 Comparison of the atomic oxygen reaction rate under different condition

Status of the

specimen

AO interaction rate before

thermal cycling

(�10�24)/cm3 atom�1

AO interaction rate after

thermal cycling

(�10�24)/cm3 atom�1

M40/DFA-1 2.37 2.33

M40/AG-80 4.63 3.95
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Generally speaking, the effects due to thermo circulation on composite materials

can be categorized into two aspects [12–14]: (1) at the beginning of thermo

circulation, curing reactions of resin matrix take place, increasing the

intermolecular crosslink and improving the mechanical properties. (2) After thermo

circulations achieve certain times and temperature, the difference of thermal

expansion coefficients between fibers and resin matrix leads to stress concentration.

When it exceeds the interfacial strength, the debonding between fibers and resin

matrix would occur, leading to decline in mechanic properties. According to the

experimental result, the thermo circulation conditions applied in this experiment

have little impact on the interfacial strength between fibers and resin matrix. Instead

of causing decline in mechanical properties after thermo circulations, the curing

reactions due to thermo circulation make the molecular chains packed more ordered

and closely, which significantly improves the mechanic properties of composite

materials.

Analysis of Surface XPS

The detail analysis of C1s peaks in XPS of M40/DFA-1 before and after the spatial

environment experiments are shown in Fig. 5. The peak for carbon in organic

compounds usually can be found around 285 eV (C–C bond), 286.5 eV (C–O–C

bond), 287.6 eV (CHO bond) and 288.6 eV (COOH bond). The peak positions for

samples before spatial experiments are shown as Fig. 5a. After the oxidation of

atomic oxygen, the strength of the C_c peak at 285 eV (C–C bond) reduces

significantly. Whereas the C_b peak at 286.5 eV (C–O bond) shows enormous

30

40

50

60

59.24
(+0.64%)

50.57
(-1.75%) 51.47

53.83
(+4.57%)

58.87
56.23

(-4.47%)

M40/AG-80

M40/DFA-1

/M
Pa

Fig. 4 Comparison of

interlaminar shear strength

under different condition
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increment in its strength, and the peak strength for C_a peak at 289 eV (C¼O bond)

also increases slightly, as shown in Fig. 5b. It could be due to the reaction between

oxygen and C–C bond, giving rise to new C–O bonds, which leads to the rising of
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peak strength at 286.5 eV. The bonding energy of C–C bond is 3.60 eV, which

should be broken by O first. The carbon atom within a C–O single bond also

connects with two other hydrogen atoms with bonding energy 4.28 eV, which

should oxidized further by atomic oxygen, forming C¼O bonds, leading the

increment in corresponding peak strength. With the increasing number of C–O

bonds in the materials, the rate of intermolecular cross-linking raises correspond-

ingly, which gives rise to the fragility of material and harm the mechanical strength.

These observations are in great agreement with the testing results of shearing

properties between layers.

For the M40.DFA-1 which undergoes thermo circulations prior to the reactions

of atomic oxygen, all three peaks shift to the low-energy region by 0.6–0.8 eV. It

suggests that certain changes in bonding condition occur during experiment, which

could be due to the curing reaction of resin matrix composite during thermo

circulation. Also the molecular chains are packed more orderly in composite

matrix, increasing the resistivity against corrosion of atomic oxygen. However,

the changing ranges are smaller than the results in experiments which only undergo

atomic oxygen oxidation without thermal circulation, which means the thermo

circulations weaken the interaction between atomic oxygen and materials. At

certain level, it could be concluded that thermo circulations enhance the resistivity

of materials against oxidation of atomic oxygen.

The Cls fine spectrums of M40/AG-80 before and after applying atomic oxygen

are illustrated in Fig. 6. Before applying atomic oxygen, there are three peaks in Cls

spectrum, which are at 284.5, 286.3 and 287.3 eV. The peak at 284.5 eV corre-

sponds with the carbon atoms within the benzene ring which do not bond with N

and O atoms (C–C bond on benzene). The area ratio of this peak is around 35.62%.

The peak at 286.3 eV correlates with C–O bonds, and 287.3 eV relates with CHO

functional groups. After the oxidation of atomic oxygen, the strength of original

peak 4-C_b and 4-C_c decrease enormously and shift to high-energy range. A new

peak appears at 289 eV as shown in Fig. 6b, which is due to C¼O functional group.

This indicates during the reactions between atomic oxygen and M40/AG-80, the C–

C bonds are broken by oxygen, forming new C–O bonds, which can be further

oxidized to C¼O bonds.

For the samples which undergo thermo circulation prior to the reaction of atomic

oxygen, the C–C peaks strengthen exceptionally. This indicates that new C–C

bonds are formed during thermo circulation, leading to more closely packed

molecular chains. The influence on molecular chains due to corrosion of atomic

oxygen decreases, which is in good agreement with the observation for M40/DFA-1

composites. Thermo circulations weaken the interaction between atomic oxygen

and M40/AG-80 (or M40/DFA-1). In other words, the resistivity against corrosion

due to atomic oxygen of both two materials has been enhanced.
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Conclusions

Generally speaking, our results can be summarized as following:

1. The impacts of atomic oxygen on the surface of composite materials lead to

severe corrosion on the resin matrix near the surface, exposing the carbon fibers.

According to the analysis of surface composition, the effects due to atomic

oxygen are not only limited to physical corrosion, but also chemical interactions

with materials.

2. The major reactions between atomic oxygen and surface of materials appear to

break the C–C bond, and add an oxygen atom between these two carbon atoms,

forming an ester. The increments in the ratio of ester functional groups lead to

higher branching levels of polymers, decreasing the intermolecular crosslink,

and further weakening the mechanical strength.

3. Thermo circulations lead to curing reaction of resin matrix in polymers, chang-

ing the bonding conditions, which makes the atoms more closely packed.

Consequently, the reactions between atomic oxygen and materials are weak-

ened. From certain point of view, thermo circulation strengthens the resistivity

of materials against corrosions due to atomic oxygen.

4. The oxidative denudations of polymers due to atomic oxygen harm the mechanic

properties. However, in this experiment, the samples, which undergo thermo

circulations prior to exposing to atomic oxygen, have shown slight increment in

mechanic properties. There are two factors contributing to this observation:

First, the curing reactions of resin matrix during thermo circulations increase

the mechanic properties. Secondly, the thermo circulations weaken the interac-

tion between atomic oxygen and samples, which leading less damage on the

mechanic properties. This can be concluded by comparing the reaction ratio

between atomic oxygen and samples.

In a word, the thermo circulations will influence the reaction between atomic

oxygen and resin matrix composites at certain level. For M40-DFA-a and M40/AG-

80 tested in this experiment, thermo circulations weaken the interaction between

atomic oxygen and samples, leading to higher resistivity against corrosion of

atomic oxygen. Thus it can be concluded that, since various environment factors

present at the same time in spatial environment, the interactions between each

factor and materials may compensate with each other. In certain cases, the declines

in material properties in simulated atomic oxygen experiments on the ground would

exceed the real level for orbiting spacecraft. Therefore, for simulated experiments

about spacecraft structures and spatial environments, the compensation effect

between various environment factors should be taken into consideration.
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Atomic Oxygen Monitor Based

on Resistance Film

Xiangpeng Liu, Jingyu Tong, Dingyigang, Liuyuming, Haifu Jiang,

and Jia Zheng

Abstract Atomic oxygen (AO) monitor based on resistance film had been devel-

oped for the detection of flux of AO impinging on the surface of the spacecraft in

low earth orbit (LEO) and AO erosion effects. The monitor is comprised of

electrical resistance film which is made of some AO susceptible conductive mate-

rials. The electrical resistance will change as monitor is eroded by AO attack. The

AO flux and the erosion rate of flight samples can be deduced by measuring

electrical resistance changes in-situ.

An osmium-based AO sensor had been prepared by plating, UV-light etching

and metal etching micro processing techniques for AO flux detection. The AO

effects sensor consist of silver film and test samples film deposited onto a quartz

substrate successively. The material film becomes thinner and thinner by AO

attack. When the material film is eroded away completely, exposed silver film

would be oxidized quickly and its electrical resistance will become large. By the

variation of Ag film electrical resistance, we can determine the erosion time of

experiment material film and the material AO erosion rate. The results of ground

simulation test of atomic oxygen monitor revealed that the measured resistance

increases of AO sensor was agreed with the theoretical values well.

Keywords Atomic oxygen sensors • Silver-based Atox sensors • Low Earth Orbit •

Osmium-based Atox sensors • Ground-based testing

Introduction

Spacecraft in LEO operate in a hostile environment, which can significantly affect

their operational capability or mission duration. Atomic oxygen (AO) is the most

abundant atmospheric species over most of this altitude range. Orbital AO is
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formed by the breakup of molecular oxygen under short wavelength solar UV

irradiation and is the most dominant atmospheric species at altitudes of between

200 and 700 km. The exact AO density distribution is highly variable and depends

on the level of solar irradiation and, hence, the local time, local season, and the

11 year solar cycle. Commonly the F10.7 index is used as an indicator for solar

activity and, by calculation, the number density of AO in the upper atmosphere [1].

The orbital velocities give rise to AO impact energies about 5 eV. The energy is

much higher than the thermal energy of the AO, which is less than 0.5 eV. Conse-

quently, satellite surfaces receive large fluxes of chemically reactive, high energy

AO. Hence, it is thought that AO is one of the most dangerous environment in LEO

[1]. It is found that some of the materials used to fabricate satellites are eroded, or

otherwise degraded, by the action of this chemically reactive AO. A limited range of

non-polymeric materials are also affected: silver, carbon, and osmium are the most

vulnerable. In each case, AO erosion causes chemical and morphological alteration

of these materials that, in general, leads to changes in material properties.

Several remote instruments have been used to monitor thermospheric AO

before. Mass spectrometers, carbon-coated quartz crystal microbalance have been

used in orbit [2]. However, their size and mass, power prevent the use of microsat-

ellite. Another technique, that of the witness sample, has also been used but this

requires the retrieval of the experiment making its use expensive [3].

In this paper we concentrate on techniques used to measure the concentration of AO

in the Earth’s atmosphere. Actinometers are sensors which experience a change in

electrical resistance when an electrically conductive element is exposed to AO. The

changes in resistance are caused either by erosion of the conductive element and/or

conversion to a non-conducting oxide, or by changes to the element’s electronic

structure. Knowledge of the element’s electrical characteristics and its response to AO
attack provide a means for converting resistance measurements into AO flux/fluence

[4]. Actinometers also can be used for testing the AO response of coatings. Actinom-

eters have the advantage of small, light, cheap, simple and small amounts of power.

Sensor Construction

Osmium-Based AO Sensor

The initial criteria for selecting the element of the sensor was that conductive

material can react with AO. There are three materials, silver, carbon and osmium,

which are suited for resistance AO sensor. They react efficiently with AO and

undergo significant mass loss when exposed to the space environment. Table 1

shows their properties.

Sliver has a very rapid reaction yield with AO. However, it has the drawback that

it reacts too rapidly for much information to be gathered in low LEO. The formation

of a brittle oxide layer prevents the reliable regeneration of the sensors so AO

erosion rate of silver is non-linear which would result in measurement error.
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Carbon has a medium erosion yield. Volatile CO, CO2 would be produced as the

carbon is oxidized by AO. Carbon oxide is vapor and does not retard fresh carbon to

be oxidized by AO, so its AO erosion rate is linear. But temperature sensitivity of

carbon sensor and several structures, such as graphite, vitreous carbon and ada-

mantine etc, may cause significant problems in its calibration.

Osmium is known to react efficiently with AO and to undergo significant mass

loss when exposed to the space environment. The mass loss is due to the formation

of OsO4, which is volatilizable. As the osmium metal surface reacts with AO, under

the low-pressure conditions existing in orbit, the oxidized metal sublimes away

from the surface and continually exposes fresh metal to the environment. Osmium

is the elemental metal and its structure has good stability in space environment, so

osmium resistance sensor has high measurement accuracy.

Osmium-based sensor is used for AO flux measurements. The principle is as

follows: Osmium resistance film is deposited on insulating substrate of sensor.

After exposed in AO environment, the resistance film becomes thin as it is eroded

by AO and the resistance increases. The mass loss can be computed according to the

resistance change. As the erosion rate of resistance film, exposure interval is known,

AO flux can be determined.

Osmium sensor is deposited onto fused silica substrates with dimensions

30 mm� 20 mm� 1.5 mm. Electrochemical method of deposition is used to

deposit osmium film. Before deposition, the glass substrates are thoroughly cleaned

to remove foreign matter from the surface. First a very thin layer of chromium is

deposited to improve adhesion followed by 100 A of gold film. Chromium film and

gold film are manufactured using a vacuum evaporation coater. Then osmium is

deposited by plating. A perfect film with 0.3 μm thickness has been prepared

successfully, by optimizing the plating bath PH, temperature and current efficiency.

The film was etched by UV-light etching and metal etching technique, after

osmium film deposited. It was produced to a resistance line with 340 mm in length

and 0.2 mm in width. The bonding pad is then formed by a thick gold deposition to

provide continuity for the resistance line (Fig. 1).

Silver-Based Resistance Sensor

Silver-based sensor is used for AO effect measurements. AO effect sensor principle

is as follows: a space material film is deposited on the resistance film of above-

mentioned sensor. After exposed in AO environment, the resistance keeps constant

as it is protected from AO by space material film. But when the space material film

Table 1 Properties of silver, carbon and osmium

Property Silver Carbon Osmium

Atomic oxygen erosion rate (�10�24cm3/AO) 10.5 0.3 ~ 1.1 0.03

Resistivity (�10�8Ω.m) 1.587 8.2 8.8
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is eroded away completely, exposed resistance film would be oxidized quickly and

its electrical resistance would become large. Then, the eroded time of material film

could be determined and the material eroded rate by AO could be computed easily.

There are materials, Kapton, polythene and epoxy resins, which are most used

spacecraft outer material. They are used for AO erosion experiment of coatings.

The silver film sensors are manufactured using physical vapor deposition (PVD).

The resistance line of Ag is direct deposited on the glass substrate through a mask,

followed by 100 A of gold pad. Then the testing coating is covered on the silver

resistant line. After finishing the sensors are solidified and dehydrated. Figure 2 is

the schematic diagram and photo.

Experimental

AO test is conducted in the AOBISEE. AO is generated using an Electron Cyclo-

tron Resonance (ECR) plasma source and electrically biased metal surfaces. Neu-

tralization apparatus is a molybdenum plate. Within the exposure chamber, the

Fig. 1 Photo of the

Osmium-based sensor

Fig. 2 Photo of the Silver-

based sensor
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sensors are mounted upon a sample holder. The effective fluence of the AO

exposure facility is based on the mass loss of the witness samples Kapton H

(Figs. 3 and 4).

Microwave system

Electromagnetic
system

Water load

Diagnose system

Vacuum system

Contron

system

microwave

Biased electrical
source

Sample holder

vacuum

C1

C2

neutralizer
AO

plasma

Fig. 3 Schematic diagram of atomic oxygen simulation facility

Fig. 4 Photo of atomic oxygen simulation facility
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Test Parameters

The AO flux at different distance from the neutralizer is calibrated before the test.

The test parameters are determined from the calibration results. The AO fluence is

1020atoms/cm2 and its flux is 1015atoms/(cm2 � s). The test samples include the

Osmium resistance sensor and three types of materials AO effect sensor. The

sample temperature during the test is below 40 �C.

Results of Calibration Test

The Osmium Resistance Sensor Calibration Test

Test Principle

The resistive film is eroded in the AO environment. The ratio of the resistance after

erosion to the original resistance of the film can be express as following:

R0

R
¼ ρ L

A0

ρLA
ð1Þ

Where:

R0 Original resistance, Ω
R Resistance after erosion, Ω
A0 Original section, cm2

A Section after erosion, cm2

L Length of the film resistive path, cm

ρ Resistivity of film, Ω cm

It is assumed that the cross section of the resistive path is a rectangle and the

resistivity is constant, then Eq. (1) can be changed as follows:

R0

R
¼ A

A0

¼ τW

τ0W
¼ τ

τ0
ð2Þ

Where:

τ0 Original thickness, cm

τ Thickness after erosion, cm

W The width of the resistive path, cm
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By estimating the eroded volume from:

ΔV ¼ WL τ0 � R0τ0
R

� �
ð3Þ

Where ΔV¼Volume change due to erosion (cm3). It can be shown that the erosion

yield is given by:

Y ¼ ΔV
FWL

ð4Þ

Where F is AO fluence (atoms/cm2) and Y is the erosion yield (cm3/atom).

From the above equations, we can express the AO fluence as that:

F ¼ �τ0
Y

R0

R
þ τ0

Y
ð5Þ

The AO fluence can be expressed from flux as:

F ¼ ft ð6Þ

Where f is AO flux (atoms/cm2/s) and t is exposure time(s).

Assuming the flux and erosion yield remains constant throughout the exposure,

normalized resistance can be plotted against time as a straight line, as shown in

Fig. 5 below. From Eq. (5), it is shown that the sensitivity and life of the resistance

sensor is correlated with the ratio of original thickness and erosion yield [5].

AO Exposure Test Results of the Resistance Sensor

The Osmium thickness is 300 nm. After 1� 1020atoms/cm2 AO exposure, the

normalized resistance curve against time is shown in Fig. 5. From this figure it

can be found that R0/R is linearity to time approximately and its response is

accorded with the ideal sensor (Fig. 6).

AO Effect Sensors Calibration Test

Silver-based sensor can be also used for AO flux measurements. A space material

film is deposited on the resistance film of above-mentioned sensor. During exposure

in AO environment, the resistance of the sensor is constant since it is protected from

AO by the deposited on top of it space material film.When the space material film is

eroded away completely, the resistance film would be oxidized quickly and its

electrical resistance would change. Then, AO exposure fluence could be determined

from the time it took to erode the sample material film and the material AO erosion
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rate could be computed easily. The results of AO effect sensors calibration test are

listed in Table 2. It is clear that the measurement of AO erosion yield is the same

magnitude as the flight test results.

Increasing erosion yied and/or flux

R
0/

R

1

t

Fig. 5 Ideal sensor

response

0 20 40 60 80 100 120 140 160
0.995

0.996

0.997

0.998

0.999

1.000Fig. 6 The Osmium film

resistance change

vs. exposure time

Table 2 Results of sensor’s exposure to AO

Sample

Exposure

fluence (�1019

atoms/cm2)

Erosion yield measurements

(10�24cm3/at)

Erosion yield

flight results

(10�24cm3/at)

Kapton/Ag 6.8 4.3 3

polyethylene /Ag 13 2.7 (3.3–3.7)

Epoxy/Ag 0.76 2.1 1.7
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Discussion of Test Results

It is shown that the Osmium film sensors have a linear response to low fluence AO

exposure. The stability of Osmium film sensors should be verified in high fluence

AO exposure experiments. The calibration tests of Ag film sensors demonstrated

that their response is in accord with the flight test results.

Summary

The study of Os resistance sensor and Ag resistance AO effect sensors is performed

in BISEE. The preparation processes of these two types of sensors are investigated

and the prototype device of resistance AO detector is developed. The ground

simulation test showed that the results of Os resistance sensor and Ag resistance

AO effect sensors are well in accord with the ideal values. In the future our efforts

will focus on the further engineering implementation of sensor preparation.
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Effects of Thermal-Mechanical Cycling

on Tension Properties of AZ31 Magnesium

Alloy

Shangli Dong, Hao Wang, Libo Fu, Gang Lv, and Shiyu He

Abstract Effects of thermal-mechanical cycling on tension properties of an

extruded AZ31 alloy are studied. The results show that the strength of the examined

AZ31 alloy samples varies with thermal cycles, increasing from non-cycle to

50 cycles and then decreasing to 380 cycles. The plastic elongation exhibits out

of steps tendency which has maximum at 100 cycles and decreases after that.

Microstructure development indicates that dislocation and twinning induced by

accumulated internal stress vary with thermal cycling. And the tension fracture

surface of the thermal cycled samples shows that fracture of cycled samples transits

from cleavages and facets into dimple and second phase crack dominated feature. It

is believed that dislocation and twinning evolution during thermal cycling are

responsible for the observed tension deformation and fracture behaviors.

Keywords Thermal-mechanical cycling • Magnesium alloy • Mechanical

property • Tension

Introduction

Magnesium alloys are widely used in transportation industry and aero-industry due

to the excellent properties such as low density, high specific strength, fatigue

strength and good cutting performance [1–3]. Numerous studies about the defor-

mation mechanism of magnesium single crystal and polycrystalline have been

established in the past half century [4–8].

Compared to other light metals such as aluminum and titanium, the deformation

complexity, steming from dislocation and twinning interaction under temperature,

texture and strain rate influences, prevents expanding the use of magnesium alloys.

The lack of suitable slip system is the main reason for its poor plastic capability in

room temperature (RT) and low temperature, but magnesium alloy can be ductile at

higher temperature and moderate strain rate [6, 9].
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Basal dislocation in magnesium has the smallest critical resolved shear stress

(CRSS) and the greatest mobility under loading, but limited contribution to defor-

mation compatibility especially in c-lattice direction [10]. Prismatic a dislocation is

often activated in tension along rolled direction in rolled sheet which is also short of

supporting c-direction deformation [7, 9]. Pyramidal c + a dislocation with highest

CRSS gains more attention with the satisfaction in Taylor criterion of free defor-

mation, and have been considered as important source to maintain deformation

from 77 K to 300 K [6, 9, 11].

On the other hand, deformation twinning in magnesium is also taken as addi-

tional source to support deformation with the effect that reorient hard slip plane to

easy one. And, twinning as sub-grain structure can reduce dislocation slip free path

length to cause stress increasing in Hall-Petch-like way [12, 13]. Under cycling

loading condition, twinning and de-twinning would lead to Bauschinger effect

[14]. There are two kinds of deformation twin in magnesium, tension twin and

compression twin, which are activated by elongation and contraction stress along

c-axis with different CRSS. Therefore, different strain path would show different

mechanical behavior such as tension-compression asymmetry [15–17].

For service on spacecraft, thermal cycling effect on the loading parts is regarded

as the reason for early failure and deformation misfits of structure parts. Temper-

ature variation of 240 K between exposing in sun and in the shadow of the earth

may cause thermal stress discrepancy between matrix and additive of composite

material [18], and ageing effect to alloy microstructure change. Experiments on

composite material and alloy have been done considerably [19, 20]. But thermal

mechanical loading on magnesium is far less understood. For polycrystalline

magnesium, the internal stress rising from temperature cycling and external

loading has direct influence on microstructure change and would vary subsequent

deformation behavior to impact the service life.

In this paper, extruded AZ31 alloy was chosen to perform tension test in order to

reveal thermal mechanical loading effects on mechanical properties. By optical

observation, microstructure changes after different cycling were examined.

Materials and Experiments

A commercial extruded AZ31 alloy was used to perform thermal mechanical

loading and tension test, with average grain size of 15 μm and extruded fiber texture

that basal plane parallel to extrusion direction (ED). The specimens were cut along

ED and annealed at 673 K for 4 h to remove twinning and homogenize microstruc-

ture. The set-up of thermal mechanical loading is shown in Fig. 1. Direct current

was used to heat sample during heating stage, and liquid nitrogen was used for

cooling. Temperature data were acquiring during whole thermal cycling by the

sensors fixed in three positions, and process in LabView programmer to control

heating and cooling parts.
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Thermal procedure is shown in Fig. 2, which illustrates four stages of one cycle,

heating stage and cooling stage with temperature change rate of 1 K/s and two

temperature stabilization stages with dwell time of 60 s each.

The loading part took 120 Kg weight as external stress on the specimens during

the thermal cycling. The microstructures of cycled specimens were polished, etched

with picric acid ethanol solution, and then observed with Olympus GX5 optical

microscope.

Fig. 1 Set up of thermal

mechanical loading

experiment
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After thermal mechanical cycling, tension test was carried out on universal test

system under the deformation rate of 1 mm/min. The fracture surfaces were

examined by HITACHI S-4700 scan electron microscope.

Results

Microstructure of Cycled AZ31 Alloy

The specimens were examined after different cycling times using optical micros-

copy to evaluate cycling effects on grain size and twinning nucleation, with the

observations shown in Fig. 3.

The grain sizes of all cycled specimens were calculated and are shown in Fig. 4.

With cycling time increasing, the tendency of grain size change has a trend of

increasing from 17 μm to 31 μm. The grain enlargement can be divided into three

stages, i.e. during 10–20 cycles, during 20–100 cycles and during 100–380 cycles.

In the first and the last stage, grain size changes little with cycled times, but changes

dramatically in the second stage. Grain growth takes place during the period of

20–100 cycles.

Besides the grain size change, twinning nucleation was also noticed with the

number of cycles increasing. The initial grain structure, before cycling started, did

not have twins, due to the anneal process. However, with number of cycles

increasing, the twinning process increased, from a single twin in one grain to

multiple twinning in one grain. The morphology of twinning shown in the cycled

grain is consistent with contraction twins that have thin lamellar. And during the

loading thermal coupling, the stress along loading direction would accumulate and

activate contraction twin. The increase in twin volume fraction with number of

cycles is indicative that during thermal cycling and loading the internal stress is

enough to activate twinning and thus mechanical properties would vary with

cycling times.

Tension Results of Cycled Magnesium

Tension tests at deformation rate of 1 mm/min at room temperature were carried out

on the cycled specimens. Tension test results are shown in Fig. 5a in true strain—

true stress format. Tension properties versus the number of cycles are shown in

Fig. 5b. The insert in Fig. 5a presents a magnified portion of the true strain graph,

between 0.015 and 0.035, to show the effect of cycling on the yield initiation

behavior. The yield stress increases to maximum after 100 cycles to 179 MPa and

ultimate strength has the peak value of 271 MPa at 50 cycles. Elongation is

increasing abruptly at 100 cycles. The general tendency in tension properties
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Fig. 3 Optical microstructure observation of specimens cycled for different times. (a) 10 cycles;

(b) 20 cycles; (c) 50 cycles; (d) 100 cycles; (e) 200 cycles; (f) 380 cycles
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changes is, firstly, to increase with cycled time and then to decrease after reaching

the peak value, at around 50–100 cycles.

Since microstructure changed with cycling time, the yield initiation behavior

varies accordingly, as shown in the insert of Fig. 5a. The yield stress increases from

170MPa after 10 cycles to 179 MPa after 100 cycles and then decreases to 171 MPa

after 380 cycles. The hardening behavior after yield also differs, as the slops of true

strain—true strain change with different cycled times. Hardening rates (θ¼ dσ/dε)
of test specimen after different cycling times are calculated and shown in Fig. 6.

Two regions, with respect to the initial microstructure, that are formed after

yielding to 0.035 strain and, later, after 0.035 strain, i.e. can be distinguished,

with the former one affected by the initial microstructure and the latter one not.

During the initial microstructure affect region, hardening rates at 0.02 strain were

calculated. As can be seen from Fig. 6b, the hardening behavior changes, with two

peaks present at 50 and 200 cycles, respectively. When strain is over 0.035, a

uniform behavior in hardening is exhibited.

Fractographs

According to optical observation of specimens after different number of cycles,

initial microstructures vary from twin-free to twinned, which would cause different

fracture behavior. The fractographs corresponding to specimens after 10, 20,

50, 100, 200 and 380 cycles were analyzed using scanning electron microscopy at

500 times magnification and are shown in Figs. 7a–f. The dominating features in the

fractographs are cleavages and facets, with dimples present on a small scale, which

presents localized ductile and integral brittle fracture patterns. Figure 7a shows a

large number of cleavages and facets separated by shallow dimples. The facets have

a special lattice orientation, and, in the surface of the facets, deformation traces can
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be found, which suggests that the effect of suppressing the non-basal slip left

straightforward deformation mode. Copious dimples segregated between cleavages

prove that the extrude AZ31 alloy has better localized ductility. The facets formed

at the fracture surface would also come from twinning effects that sudden oriented

lattice of grain releases the stress concentration by localized plastic deformation,

and dimples are formed at these localized sites with crack grown along twinning

planes. With increasing cycled times, fracture surfaces have more cleavages, facets
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and steps until 100 cycles, after which more dimples are presented with secondary

phase at the bottom. This tendency is consistent with mechanical properties change.

Fractographs of test specimens reveal quite many features of inter-granular mor-

phology as marked in Fig. 7c, but not in the same proportions. As cycling times

increase, the effect of thermal ageing on the microstructure appears, with secondary

phase formed as shown on the postmortem fractographs. After 50 cycles, dimples

(in Fig. 7 d, e, f) on the fracture surface have secondary phase in the center. The

microcracks induced by the secondary phase contribute to the origin of voids and

crack coalescence. This transition indicates dominated fracture mechanism change
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from twin-induced dominated fracture to micro-void coalescence dominated

fracture.

Discussion

In this study, the microstructure evolution in specimens after thermal mechanical

loading testing, involved dislocation density/structure changes, thermal ageing and

twinning formation. The effects of thermal mechanical loading can be reflected on

the initiation yielding behavior and fracture behavior, and discussed from the

perspective of dislocation and twinning changes. The thermal stress induced by

the heating-cooling cycles acts as asymmetrical cycling stress adding up to the

constant loading that would cause fatigue-like damage such as microcracks gener-

ation from weak phase boundaries and twinning-detwinning progress. Besides,

thermal effects combined with external loading on the microstructure would

cause ageing and grain growth.

For dislocation related yielding, yield stress can be written as function of

dislocation density as shown in Eq. (1) [21],

τy ¼ τ0 þ τforest
ffiffiffiffiffiffiffiffiffiffiffi
ρforest

p� �þ τdeb
ffiffiffiffiffiffiffiffi
ρdeb

p� �þ τHP
1
ffiffiffiffiffiffiffi
deff

p
� �

ð1Þ

where τy is the yield stress, τ0 is a materials constant for the starting stress for

dislocation movement (or the resistance of the lattice to dislocation motion), ρforest
and ρdeb are density of forest dislocation and dislocation debris. τforest and τdeb is

Fig. 7 Fractographs of fracture surfaces of differently cycled specimens. (a) after 10 cycles; (b)

after 20 cycles; (c) after 50 cycles; (d) after 100 cycles; (e) after 200 cycles; (f) after 380 cycles
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stress related to forest dislocation and dislocation debris, deff is the effective grain
size altered with dislocation structure and twinning.

During thermal mechanical loading, the stress concentration would increase

after each cycle, as illustrated in Fig. 8a. During the cycling sequence A–F shown

in Fig. 2, the stress concentration would increase during AB heating, for the reason

of deformation compatibility among grains with different orientation. To coordi-

nate the discrepancy of each grain’s expansion, dislocations are formed at the stress

concentration sites. And the dislocation density increases with an increase in

cycling temperature during the AB heating part. When specimens are going through

the dwell time BC, dislocation annihilate under assistance of stress and tempera-

ture, causing a decrease in stress, leaving behind dislocations with the same Burger

vector (forest dislocation, ρforest) and dislocation debris (ρdeb) that are immobilized.

Dislocation annihilation would continue until the stress reduces to the point that it is

not sufficient to maintain this progress. During the cooling part, dislocation density

will reach the intermediate residual density values that means when loading is off,

dislocation density would not change. The residual dislocations would exist in the
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form of a forest structure, sub-cell and debris. The stress during the cooling part CD

decreases to zero and increases reversely to cause stress state convert from con-

traction to extension at the stress concentration sites. Dislocation density increases

as well to mediate strain compatibility. Compared to the high temperature dwell

situation, the dislocation annihilation is much less at 153 K dwell time, neither does

the stress decrease. After a full cycling period until reaching the F point, stress in

the concentration sites would have extension pattern Δσe and residual dislocation

density increases to final residual density ρ f
r .

For a certain times cycling, concentration stress Δσ is equal to NΔσe, and
dislocation density is Nρ f

r . The micro-structure will alter when stress and disloca-

tion density reach critical stress and density denoted as σic and ρic to form sub-cell

structure, support grain growth and twin, where i represents sub cell structure (sc),

grain growth (g) and twinning (t).

Combined with optical microscope observation, the correlation of cycling times

and microstructure evolution can be illustrated as below:

N(�20): During these stage, dislocation density accumulate with cycling times

as expressed in Nρ f
r . The increasing dislocation density has two parts contribution

on both ρforest and ρdeb, which are increasements in portion of forest dislocation and

dislocation debris. The overall effects of cycling times on this stage is the accumu-

lation of dislocation in the form of forest dislocation and debris that forest disloca-

tion would increase the yield stress after and debris has contribution on hardening.

The influence of forest dislocation and dislocation debris on initial harden rate of

yielding can be expressed in Eq. (2):

θini ¼ dσρ
dε

�
�
ε¼0:002 ¼ ∂σρ

∂ρforest
*
dρforest
dε

�
�
ε¼0:002 þ ∂σρ

∂ρdeb
*
dρdeb
dε

�
�
ε¼0:002 ð2Þ

The contribution of forest dislocation and debris dislocation vary with their

density variation on stress. From the calculation results of Fig. 6b, the initiation

hardening rate increase solely with cycling times in this stage. But the yielding

stress of these stage changes indicate that dislocation density has limited effect on

stress at this stage due to the localized generation in stress concentration sites near

the grain boundary that barely change the dislocation free mean path as known in

deff. While dislocation density reaching to ρsc and stress reaching to σsc, sub-cell
structure can be formed localized near the grain boundary which are essential to

next steps grain growth.

N(20 ~ 100): Microstructure evolution during this stage has two remarkable

features, grain growth and twinning nucleation. These two processes have a com-

mon effect of reducing the density of dislocation in the way of dislocation annihi-

lation under the thermal annealing effect and releasing stress concentration by twins

rather than dislocation generation. Once the sub-cell structure of dislocation formed

near the grain boundary that dislocation density reach to ρgc , thermal cycling at the

elevated temperature range with external and internal stress helping that σgc is

reached, recovery would take place that dislocation annihilate and small size
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grain cluster intend to converge into bigger size grain. This is the reason that initial

hardening rate decreases dramatically after 50 times cycled according to Eq. (2).

Meanwhile, the large size grain intends to twin within the grain where stress

concentration reaches to σtc, because large size grain facilitates twinning nucleation
compared to small size grain. Yield stress during this stage still keeps increasing

and reaches to the maxima of all test results. Since dislocation decreasing, the yield

stress of Eq. (1) may dominate by the twin’s behavior in the form of Hall-Petch-like

equation as in Eq. (3),

τ ¼ τ0 þ kd
�1=2
eff ð3Þ

where k is the strengthening coefficient (a constant unique to each material). The

newly formed twin in grain reduces deff, and the yield stress increases accordingly.

N(>100): When cycling times is over 100 times, the microstructure evolution is

dominated by the twinning. In this stage twinning continue nucleating and will be

forming net structure as illustrated in Fig. 9.

As we see in Fig. 9, at the beginning of this stage (cycled 100 times), specimen

only has single twin nucleated within some grain, these first generation twins often

50 μm

50 μm

First generation Twin

First generation Twin

Second generation Twin

Fig. 9 Optical microscopy analysis of specimens after 100 cycles (a) and 380 cycles (b) with

schematic figures of first generation and second generation twins. The red zones in the figures

indicate the twinned grains
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keep their thin morphology across the entire grain. After 380 times cycled, speci-

men has multiple twins within a single grain, that second generation twin insert with

first generation twin to form net twinning structure as shown in Fig 9b. With the

help of twinning, stress concentration releasing would no longer need generating

dislocation, the density of forest dislocation and dislocation debris stop increasing.

On the contrary, due to the twinning growth, dislocation debris immobilized with

c direction character is consumed to participating twin boundary expanding. But the

harden effect of twinning is still in playing until the volume of twinning is reaching

its maximum in the grain. So the initial harden rate has a peak in the range of

100–380 times cycling.

The effects of thermal mechanical loading impacts the evolution of microstruc-

ture and further more influences the tension properties later. Before the twinning

formation, the fracture surface observation shows the dominated feature of cleav-

age and facets as in Fig. 7 a–c, dislocation slip is the mainly source of deformation

especially the basal slip. The cleavages and facets with uniform deformation trace

indicate the single deformation mechanism is activated and non-basal dislocation

deformation is suppressed. After twinning formed, cleavages and facets in the

fracture surface are replaced by shallow dimples partially as shown in Fig. 7d,

and the elongations of tension test increase dramatically. By introducing twinning,

the plasticity of extrude AZ31 alloy is improved. The dimples of the fracture are

most localized which indicate the role of local softening by the twins for its

reorientation of hard slip system. The condition of non-basal slip is also improved

when the tension test was carried on to maintain the plasticity compatibility. When

the twinning net structure formed, tension loading will enhance the stress concen-

tration to the intersection sites to nucleate micro-cracks and cause failure.

The ageing effect of thermal mechanical loading would also incline to promote

second phase to nucleation at grain boundary, which are shown in Fig. 7 d–e. The

incompatibility of two phase would also lead to the early failure due to the cracks

formed in the phase boundary or by the second phase splintering.

Conclusions

The effect of thermal mechanical loading with cycling times on tension properties

and microstructure of an extruded AZ31 magnesium alloy are evaluated in current

study, and following conclusions are obtained:

(1) The tension yielding stress and ultimate strength increase with increasing

cycling times first and drop after reaching to a maximum. The fracture strain

also increases firstly and then decreases with increasing cycling times.

(2) The microstructure development with thermal mechanical loading cycling is a

dynamic process, including sub-cell dislocation structure formation, grain

growth and twinning formation in this sequence with increasing cycling times.
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(3) The discrepancy in tension yielding of different cycled specimen is the result of

microstructure variation during the cycling. Up to 100 cycles, the dominating

mechanism is controlled by dislocation behavior as sub-cell structure formation

and grain growth. After 100 cycles, the mechanism inclines to be controlled by

twinning.

(4) Fracture behavior of AZ31 magnesium alloy also inherits the microstructure

discrepancy due to thermal cycling, and varies from cleavages and facets into

dimple and second phase crack dominated feature with increasing cycling

cycles.
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Self-Assembly Structures in ZnFexMn(2-x)O4

Ceramics and Effect on Thermal Properties

Bin Wang, Jilong Dai, and Chaobo Liu

Abstract Thermoelectric technology has been regarded as a perfect energy source

on spacecraft thanks to its advantages such as no moving part, zero emission and

high stability in harsh environment. ZnFexMn(2-x)O4 ceramics were fabricated and

self-assembly structures were observed in the sample of some compositions, which

may be of benefit to the thermoelectric performance. In this paper, the applications

of thermoelectric technology on spacecraft were briefly reviewed. The synthesis

method and crystal structures of ZnFexMn(2-x)O4 ceramics were also introduced.

Furthermore, the phase transitions in the system were carefully studied by SEM

technique. Finally, the heat capacities and thermal diffusivities, which were key

parameters of thermoelectric performance, were measured.

Keywords Thermoelectricity • Ceramics • Phase separation • XRD • SEM •

Thermal properties

Introduction

Thanks to the developments in nanotechnology and advanced material preparation

techniques, thermoelectric technology experienced a boom in the last 20 years. By

far, thermoelectric devices have been commercially used as cooler, waste heat

generator, aircraft power supplier and so on [1–42]. In 2006, the size of thermo-

electric market was over $200 million and customers were widely spread in areas

such as consumer marketing, telecom, automotive, etc [2].

Thermoelectric technology has many advantages such as no moving parts, zero

emission, quiet and high stability in harsh environment. However, there is a fatal

disadvantage, low efficiency, which is a big barrier for extensive application. As a

result, most researchers in this field are struggling to enhance the thermoelectric

figure of merit (zT) which is used to evaluate the quality of the material.
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The peak zT values of different materials emerge at different temperatures that

opens up a problem of temperature adaptability. Since the traditional alloy thermo-

electric materials usually cannot endure a temperature higher than 800 �C, oxide
materials are developed for thermoelectric applications at high temperature. Further-

more, the top zT value of oxide materials has been about 1 which is competitive [32].

However, no matter what kinds of materials are being studied, the key point

could be consistent. Disalvo [10] theoretically predicted the existence of a new

material, whose zT value can be over 4, and he pointed out that the material should

be of particular structure to lower the lattice thermal conductivity, hopefully

without increasing the resistivity. This description was in agreement with the

candidate material described by Slack [11], a narrow-bandgap semiconductor

with high-mobility carriers which he called a “phonon glass and electron crystal”.

Furthermore, Nolas [5] summarized the recent developments in bulk thermoelectric

materials such as “rattlers” in cage structures and mixed-lattice atoms and got a

conclusion that the ability to manipulate the thermal conductivity was essential

point to get a remarkable thermoelectric property.

Experiment

The samples of ZnFexMn2-xO4 were produced by a solid-state synthesis method.

The mixed powder was ball milled and pressed into compacts of 3–5 g. The

compacts were sintered at 1300 �C for 4 h and then cooled down at two cooling

rates (either 180 �C/h or 6 �C/h). The flow chart of preparation process is shown in

Fig. 1.

According to the phase diagram shown in Fig. 2, ZnFexMn(2-x)O4 ceramics are

not single phase when 0.2< x< 1.4. To research the structural transformation and

properties of the whole system, five kinds of samples of compositions in different

regions were prepared. Two compositions (x¼ 1.6, 1.4) were in the single phase

region and three others were in the 2-phase region. In addition, ZnFe2O4 and

ZnMn2O4 were also prepared.

XRD Data

Based on the information from ZnFe2O4 and ZnMn2O4, samples were indexed with

their relevant space group, respectively. The patterns of two Fe-rich samples

(x¼ 1.6, x¼ 1.4) were indexed with an Fd-3 m space group like ZnFe2O4 as

shown in Fig. 3.

According to the patterns, no matter with which cooling rate, the Fe-rich samples

(ZnFe1.6Mn0.4O4, ZnFe1.4Mn0.6O4) are of a cubic structure similar to ZnFe2O4 in

general. However, little peak shoulders can be detected on the (3 1 1), (4 0 0) and

(5 1 1) peaks in ZnFe1.4Mn0.6O4 which are more pronounced in the low

cooling rate.
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Considering the phase diagram, because composition of x¼ 1.4 has been on the

boundary of two different phases, the peak splitting in ZnFe1.4Mn0.6O4 could

indicate a starting point of phase transformation. Furthermore, a more significant

phenomenon in the low cooling rate sample could demonstrate that the low cooling

rate may be beneficial to this transformation.

Fig. 1 Flow chart illustrating the process of sample preparation

400
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1000

1200

2-phase region

X= 2 1.8 1.6 1.4 1.2 1 0.8 0.6 0.4 0.2 0

a1

Fig. 2 Phase diagram of ZnFexMn(2-x)O4 system [42]
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The patterns of Mn-rich (ZnFe0.6Mn1.4O4, ZnFe0.8Mn1.2O4, ZnFeMnO4) sam-

ples were indexed with an I41/amd space group like ZnMn2O4 as shown in Fig. 4.

Compared with the pattern of ZnMn2O4, the peaks can be generally indexed but

displacements and shape transformations are obvious. The peak displacements

could indicate lattice distortions due to the substitution of Mn ions by Fe ions.

The width of peaks in the patterns is obviously broadened which decreases with

increasing Fe content. According to the theory of XRD profile, this phenomenon

could imply a nanostructure.

Fig. 3 XRD patterns of Fe-rich samples indexed with cubic structure (Fd-3 m space group)

Fig. 4 XRD patterns of Mn-rich samples indexed with a tetragonal structure (I41/amd space

group)
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Phase Separation

The phase and structure analysis were based on the SEM images of polished surface

in BSE mode. In Mn-rich samples, ordered stripes (Fig. 5) inside grains are

observed on the SEM images. Since contrast of BSE image reflects the Z number

of atoms in the material or different crystal orientations, these stripes may indicate

an ordered phase separations or an ordered crystal orientation distribution in the

samples.

In order to identify these stripes, the formation and scale should be firstly

studied. The widths of these stripes are between 0.5 μm and 2 μm and they

ZnFe0.6Mn1.4O4 6c/hr ZnFe0.6Mn1.4O4 180c/hr

ZnFe0.8Mn1.2O4 6c/hr ZnFe0.8Mn1.2O4 180c/hr

ZnFeMnO4 6c/hr ZnFeMnO4 180c/hr

Fig. 5 SEM (BSE) images of Mn-rich samples
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constitute a parallel lines formation as shown in Fig. 6. In a ceramic system,

contrast difference in such a big scale has little chance to be attributed to atom

separation. So, it more possibly implies a crystal orientation distribution.

Thermal Properties

The temperature dependent thermal diffusivities of low cooling rate samples are

shown in Fig. 7. The legends in the diagram are marked with the ratio of Fe and Mn

in the composition.

As shown in the figure, the diffusivities of all the samples decrease with

increasing temperature. Furthermore, diffusivities of the Mn-rich compositions

(Fe3Mn7, Fe4Mn6, Fe5Mn5) with tetragonal structure have higher rate of decrease

than those of Fe-rich ones (Fe7Mn3, Fe8Mn2) with cubic structure.

The temperature dependent heat capacities of low cooling rate samples are

measured and a 3 order polynomial fit was undertaken to highlight the trend of

the curves, as shown in Fig. 8. The legends in the diagram are also marked with the

ratio of Fe and Mn in the composition.

Based on these fitted curves, Fe-rich samples have higher heat capacity than

Mn-rich samples in most of the temperature range. Moreover, the trend of Mn-rich

curves show an accelerated growth instead of uniform growth of Fe-rich curves.

Based on thermal diffusivity and heat capacity data, the temperature dependent

thermal conductivity was calculated as shown in Fig. 9. The legends in the diagram

are also marked with the ratio of Fe and Mn in the composition.

Fig. 6 Processed SEM

image for formation and

scale analysis
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The trend and magnitude of thermal conductivity show a dependence on the

structure of the samples. The thermal conductivity rises with increasing tempera-

ture in Fe-rich samples without any sub-grain structure. However, a slight

temperature-dependent decrease occurs in Mn-rich samples with sub-grain struc-

tures. Furthermore, in Fe5Mn5 sample the thermal conductivity increases in a

relatively low temperature range but decreases at higher temperature. The lowest

thermal conductivity emerges in the Fe5Mn5 sample. Besides, in both Fe-rich and

Mn-rich group, the farther the composition of the middle point (Fe5Mn5), the higher

the thermal conductivity magnitude.

Fig. 7 Thermal

diffusivities of the 6 �C/h
samples vs. temperature

Fig. 8 Heat capacities of

the 6 �C/h cooling rate

samples vs. temperature
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Conclusions

A self-assembly ordered sub-grain structures can be detected on SEM images of

tetragonal samples. These sub-grain structures display as parallel stripes with a

width of 0.5–2 μm on BSE images. Based on a similar research [42] of the

ZnGaMnO4 ceramic and considering the peak shape variation on XRD patterns,

an ordered orientation distribution of fine domains may be the nature of this

phenomenon.

Thermal conductivities of the samples are relevant to their structure. Thermal

conductivity rises with increasing temperature in cubic samples. However, a slight

temperature-dependent decrease occurs in the x¼ 0.6 and x¼ 0.8 samples with the

sub-grain structure. Furthermore, in the x¼ 1 sample thermal conductivity

increases in the low temperature range but decreases at higher temperature. The

lowest thermal conductivity emerges in the x¼ 1 sample. Besides, in both tetrag-

onal and cubic group, the farther the composition of the middle point (x¼ 1), the

higher the thermal conductivity magnitude. All in all, the sub-grain structure in the

material can affect the thermal conductivity behavior and these effects can be

employed to improve the performance of the thermoelectric materials.
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Preparation and Space Environmental

Stability of a Nano-Materials Modified

Thermal Control Coating

Zhou Bo, Liu Gang, Cao Kangli, and Chen Weimin

Abstract As an essential part of the spacecraft thermal control system, thermal

control coatings are widely used. In this paper, nanometer modification technology

for spacecraft thermal control coatings is studied. Sol-Gel technology is used to add

nano-SiO2 into thermal control coating system, where TEOS is used as the precur-

sor of SiO2, in order to modify the binder and the filler of the coating system. The

thermal control coatings were characterized by FTIR, PL and optical properties

testing, both before and after proton irradiation, which has a significant applied

background in engineering and theoretical research importance. The test results

prove that the nano modified coating has well established optical properties

(αs� 0.2) and radiation stability. After 90 keV proton irradiation, Δαs of the nano
modified coating is reduced to 0.12. The stability improves almost 50% as com-

pared to ordinary ZnO white paint. The main reason why the performance of nano

modified coating degrades is that defects are formed in ZnO during the irradiation,

according to the analysis. Modified ZnO powder can effectively eliminate the

variations and quantities of irradiation defects, such as oxygen vacancies. This

not only improves the proton irradiation stability of ZnO powder, but also effec-

tively reduces the absorbed oxygen content in the coating system, thereby, lowering

the damage to chemical bonds in the adhesives.

Keywords Thermal control coating • Nano-SiO2 • Proton irradiation • Spacecraft
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Introduction

Thermal control system is one of the most important subsystems in spacecraft,

similar to the importance of keeping the constant temperature control in a human

body. The thermal control of subsystems in a spacecraft is a prerequisite to ensure

the internal parts of the spacecraft instruments and structures to function properly

and to provide protection for the spacecraft normal operation in orbit [1, 2]. Thermal

control coatings are special coatings applied on spacecraft surface to adjust the

optical thermal properties to maintain the thermal control.

White organic thermal control coating is widely used as outer surface thermal

control material for geostationary spacecraft [3]. Its optical properties will be

degraded under the influence of space environment effects, consequently, worsen-

ing the reliability and stability of spacecraft thermal control system. Nano-SiO2

powders have excellent properties that include quantum size effect, small size

effect, surface effect and macroscopic quantum tunneling effect, as well as an

excellent stability. The stability of coatings can be effectively improved if the

nano-SiO2 is added to the coating system.

This article introduces the use of the Sol-Gel method combined with heat

treatment technology to uniformly coat the nano-SiO2 on the surface, forming a

layer of ZnSiO4 core-shell structure. Meanwhile, SiO2 sol is added into the silicone

resin system, and the SiO2-silicone binder is formed by the Graft copolymerization

technology. Thermal control coating is made frommodified ZnO filler and modified

silicone binder by dispersing and blending. The irradiation experiment of the

coating is carried out using the proton with energy less than 200 keV, to study

the variation of modified coating performance before and after radiation.

Experiment

Materials

Silicone resin, Tetraethoxysilane, KH550, Aqueous ammonia, Polyethyleneglycol,

Ethyl acetate, Butyl acetate, Acetone, Xylene, Ethanol, Distilled water, ZnO

powder.

Modification Methods for ZnO Filler

Sol-Gel method: Coating SiO2 membrane with particles by the hydrolysis-

condensation principle reaction of Tetraethoxysilane, then drying TEOS and ZnO

pigment before the organic components are removed by calcination, finally

obtaining the modified ZnO pigment.
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The TEOS hydrolysis-condensation reaction is conducted in three steps. The

reaction equations are as follows:

The first step: hydrolysis reaction:

Si ORð Þ4 þ H2O ! HO-Si ORð Þ3 þ ROH ð1Þ
HO-Si ORð Þ3 þ H2O , HOð Þ2Si ORð Þ2 þ ROH ð2Þ
HO3ð ÞSi ORð Þ2 þ H2O , HOð Þ3Si ORð Þ þ ROH ð3Þ
HOð Þ3Si ORð Þ þ H2O , HOð Þ3Si ORð Þ þ ROH ð4Þ

The second step: condensation reaction:

�Si� ORþ HO� Si� () �Si� O� Si�þ ROH ð5Þ

The third step: Polymerization:

X Si� O� Sið Þ ! �Si� O� Sið ÞX ð7Þ

The Sol-Gel method modified ZnO process is shown in Fig. 1.

Method for Modified Silicone Resin Binder

Blending the TEOS sol with the organic silicone resin, the hydrolysis mechanism of

TEOS as shown in formula Eq. (8):

(8)

Si OCH2CH3

OCH2CH3

OCH2CH3

CH3CH2O
+3(H2O) CH3 Si

OH

OH
OH + 3CH3CH2OH

+n(CH3)Si(OH)3 HO Si O Si O Si OH
CH3

OH

CH3

OH OH

CH3
ð8Þ

The Method for modifying the silicone resin is shown in Fig. 2.

Parameters of Proton Irradiation Experiment

The parameters of proton irradiation experiment were selected as follows: the

proton irradiation flux is φp¼ 5� 1011 cm�2∙s�1, the energy of proton irradiation

is 90 keV, specimen temperature is 298 K, the vacuum is 1� 10�4 Pa, the total

irradiation fluencies were selected at 5� 1014 cm�2, 1� 1015 cm�2, 2� 1015 cm�2,

3� 1015 cm�2 and 5� 1015 cm�2.
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Result and Discussion

Surface Morphology Analysis

Figure 3 shows the surface morphology of the samples before and after irradiation.

As can be seen from the presented photographs, with the increases of radiation

fluence, the color of specimen turns dark, in other words, its optical performance is

decreased. Thus, it is necessary to measure the optical performance of the thermal

control coating after irradiation with different fluencies.

Sol-Gel method doping 
modified ZnO

Compound ZnO 
alcohol-water 

solution Compound 
TEOS-isopropanol

 solution

Regulate PH and 
keep mixing

Add dispersing 
agent and mixing

Ageing 

Filtrate and 
washing 

Stoving and heat 
treating

Doping  modified 
ZnO

Fig. 1 Sol-Gel process

doping modified ZnO
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Technology of modified 
silicon resin

Copolymerization 
of SiO2 sol and 

silicon resin

TEOS hydrolysis 
reaction

Modified silicon 
resin 

Blend silicon resin 
and TEOS 

solution

Nano-SiO2 add in 
resin system

Fig. 2 Modification process of the organic silicone

Fig. 3 Surface morphology of the samples before and after irradiation
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Optical Performance Test

Filler ZnO

Figure 4 shows the spectral reflectance spectrum of three types of ZnO. This figure

shows that in the wavelength range from 460 nm to 2500 nm the spectral reflectance

of modified ZnO is higher. In the wavelength range from 460 nm to 2500 nm, the

optical performance of nano-ZnO is not good, and its spectral reflectance drops to

sharply with wavelength.

Thermal Control Coating System

In order to study the proton irradiation stability of the modified thermal coating,

the specimens are tested with 90 keV protons at different radiation fluencies of

5� 1014 cm�2, 1� 1015 cm�2, 2� 1015 cm�2, 3� 1015 cm�2 and 5� 1015 cm�2.

Figure 5 shows the spectral reflectance spectrum of specimens after irradiation with

five different radiation fluencies.

If one will plot the change in spectral reflectance as a function of the proton

fluence it can be shown (Fig. 6) that the change is largest at the wavelength of

400 nm, and the peak is getting higher with higher proton fluencies. It is known that

the composition of thermal control coatings under proton irradiation is deteriorated

[4–7], forming many absorption regions. As the total radiation fluence increases,

the degree of composition break up is increasing and the optical performance is

dropping.

Fig. 4 The spectral

reflectance spectrum of

three types of ZnO
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FTIR Analysis

Figure 7 shows the influence of the total radiation fluence on the infrared spectra.

The changes in the phenyl peak intensity are small that indicates the damage to

the phenyl groups in the silicon resin is small. As the proton fluence increases, the

peak of Si-O-Si is changed, the peak at 1130 cm�1 disappeared and the peak at

1050 cm�1 widened. This effect proves that the Si-O bond is damaged under proton

irradiation.

Fig. 5 Spectral reflectance

of modified thermal coating

samples exposed to

different proton fluencies

Fig. 6 Variation of spectral

reflectance spectrum
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PL Analysis

As shown in Fig. 8, the shape and location of the fluorescence spectrum peak at

380 nm do not change with proton fluence. The peak at 510 nm is getting weaker as

the proton fluence increases but even at the strongest fluence it is still present.

Fig. 7 FTIR for thermal

control coating

Fig. 8 PL for thermal

control coating
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Conclusions

Modified ZnO powder can effectively eliminate the variations and quantities of

irradiation defects, such as oxygen vacancies. This not only improves the proton

irradiation stability of ZnO powder, but also effectively reduces the absorbed

oxygen content in the coating system, consequently lowering damage to chemical

bonds in the adhesives. The reason why the performance of nano modified coating

degrades is because deterioration of ZnO occurs under irradiation, as was found

from the analyses.
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Analysis of the Effect of Space Environment

Parameters on the Solar Radiation Pressure

Model for IGSO Satellite

Qiuli Chen, Zhonggui Chen, and Haihong Wang

Abstract This paper analyzes the mechanism of solar radiation which causes the

perturbation acceleration. After that, a solar radiation pressure perturbation model

is developed for the Inclining Geostationary Synchronized Orbit (IGSO) satellite

using the finite element approach. The effect of space environment parameters on

the solar radiation pressure model is analyzed. These parameters include solar

radiation intensity, optical property parameter of satellite surface, temperature

difference of thermal radiation, and Earth infrared radiation intensity. The results

show that, because of solar radiation pressure perturbation is a non-conservative

force caused by interaction between the space environment and the satellite surface,

the model precision would decline to different level varying with the space envi-

ronment parameters mentioned. The error of the solar radiation pressure model

caused by the solar radiation pressure and optical property parameter of satellite

surface is crucial, whereas the effect of temperature difference of thermal radiation

and Earth infrared radiation intensity could be ignored. The precision declining of

the solar radiation pressure model due to space environment change should be

concerned during orbit determination and correction for the solar radiation pressure

model should be made on the basis of space environment parameters change given

by other observation means.

Keywords IGSO satellite • Solar radiation pressure model • Environment

parameter • Precision declining

Introduction

Solar radiation pressure (SRP) is converted from energy transformation of the

reflected or absorbed photons while acting on the satellite body and solar panels.

The most important perturbation source according to this mechanism is the direct

solar radiation. Besides, satellite thermal radiation pressure (TRP) and Earth
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radiation pressure (ERP) [1] are also included. For medium and high orbit naviga-

tion satellites, SRP is the most difficult pressure force to be accurately modeled. It’s
also the most important error source in modeling the orbital dynamics for satellite

navigation [2]. SRP models are generally divided into analytical models based on

pre-launch physical information, and empirical models built on the basis of a large

number of observed orbital data [3–9]. For the beginning orbit or a pre-launch

satellite, the research on modeling method on the basis of physical properties is the

only effective way.

In this paper, a research on modeling method of SRP is proposed and a param-

eterized model of SRP is constructed based on the mechanism, using the engineer-

ing parameters and attitude control mode of a Beidou inclining geostationary

synchronized orbit (IGSO) satellite. On the basis of the model, the key influence

factors are analyzed. Specifically, the influences of optical properties aging of the

surface, variation of solar radiation intensity, surface thermal radiation and infrared

radiation intensity are analyzed. These offer a theoretical analysis reference for

further improvements on the precision and stability of the SRP model.

Modeling for IGSO Satellite SRP

Mechanism Analysis of SRP

Starting from the energy, mass, and momentum relationships given by Einstein’s
special theory of relativity, the radiation pressure caused by incident solar radiation

is:

Fincident ¼ E=c ð1Þ

where E is the radiation intensity and c is the speed of light.

The incident light at the surface is divided into specular reflection and diffuse

reflection. The proportional coefficient of the specular reflection of photons is μv,
with v being the reflectivity of the surface material and μ the coefficient of the

mirror surface of the material. The number of diffuse reflection photons is v(1� μ).
Diffuse light scatters at Lambert hemisphere of the object surface element, which is

in line with Lambert law.

The normal component and tangential component of direct SRP on the surface

are:

Fn̂ ¼ � AE cos θ=cEMð Þ 1þ vμð Þ cos θ þ 2

3
v 1� μð Þ

� �
ð2Þ

Fŝ ¼ AE cos θ=cEMð Þ 1� vμð Þ sin θ ð3Þ
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Modeling Method for Direct SRP

The navigation satellite nominal attitude at any time is determined by the satellite

navigation task requirement, such as to center the field of the geocentrically

pointing navigation antenna, to send navigation signals, to hold solar panels always

perpendicular to the Sun vector in order to get enough energy, etc. Therefore, the

satellite body fixed coordinate system (BFCS) is defined as follows: the satellite

center of mass is defined as the origin, the Z-coordinate is the center axis of the

antenna field, the Y-coordinate is in the solar panel beam direction, and the

X-coordinate completes the right-hand system, as shown in Fig. 1 [10]. The

BFCS is chosen as the reference coordinate system for the direct SRP model.

Under normal circumstances, continuous yaw-steering is taken by the IGSO

satellite attitude control system. Sun vector moves in the XOZ plane in BFCS,

which is expressed by the angle between Sun rays and +Z axis of BFCS, denoted as

θeps. When the sun elevation is small, yaw-fixed was chosen by the attitude control

system. Sun vector is decomposed into the projection in the XOZ plane and the Y

component. θeps is defined as the angle of projection in the XOZ plane and +Z axis.

θeps is an argument of the SRP model.

Because the distance between Sun and the satellite is far enough, sunlight could

be equivalent to a beam of parallel light. A pixel array which is vertical to the line

between the sun and the satellite is used to simulate the Sun light. A number of

points with vertical ray emanating from the center of each pixel spaced by 1 mm

express the sunlight as shown in Fig. 2 [11].

The geometry relationship between all surface components of the satellite and

the Sun vector is calculated in each satellite attitude control modes. The SRP of

each surface component is calculated using optical tracking function. The linear

equation of light simulation was calculated in the BFCS using the Sun vector.

X

Z

Y

(Antenna field center)

Fig. 1 Body-fixed coordinate system of IGSO satellite
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Taking into account that space is curved, equations have been developed for surface

components and edge of the parts determined by the area of intersections of rays

and the surface. The part at a shortest distance between the intersection and the

center pixel is actually radiated. Thus, the effective radiated area is calculated.

According to Eqs. (2) and (3), the direct SRP of surface parts are calculated. The

SRP of a whole star is obtained by combining all surface perturbations.

SRP Model

The SRP of the IGSO satellite is modeled using the above method in this section. A

complex 3D view of the IGSO satellite is presented in Fig. 3.

During yaw-steering regime, the variation of X component and Z component of

the SRP model with θeps is shown in Figs. 4 and 5, respectively. The Y component

was 0.

During yaw-fixed regime, the variation of X component, Y component and Z

component of the SRP model with θeps are shown in Fig. 6, Figures 7 and 8,

respectively. The results show that the Y weight has perfect regularity with solar

elevation.

In order to verify the precision of simulation calculation, the above models were

used for precise orbit determination for 3 days. The results are compared with the

Pixel array

Sunlight

Sun-satellite vector

Fig. 2 Pixel array perpendicular to the vector between Sun and satellite
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precise ephemeris published by Wuhan University. The position fitting error was

1.5 m. The fitting error of STW directions is shown in Fig. 9.

Analysis of the Key Factors Effect

Many space environment parameters are used in modeling the SRP. Some of them

would inevitably change the model error, including the surface optical parameter,

solar radiation intensity, thermal radiation temperature, Earth albedo intensity, and

so on.

Fig. 3 A complex 3D view of the IGSO satellite
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Surface Optical Parameter Aging

The Geosynchronous Earth Orbit (GEO) has a large number of low-energy elec-

trophorus particles which affect significantly the satellite surface. Hence, solar

absorptivity of the satellite surface would degrade with time [12]. Along with

accumulation of in-orbit time, solar absorptivity of the satellite surface degenerates,

this is expressed by absorptivity increased and reflectivity decreased.

The difference from the initial values of the telophase optical parameter

predicted by the SRP model is shown in Figs. 10 and 11.
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Figures 10 and 11 show that the errors for the X component and the Z component

of the SRP model are 1.21% and 1.2%, respectively, and they are caused by

decreasing reflectivity.

Solar Radiation Intensity Change

The direct solar radiation intensity is 1367 W/m2 as determined by the international

standard. The Sun-Earth factor would change with season change. The minimum is
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0.9673 at midsummer. The maximum is 1.0327 at midwinter. It is 1.008 and 0.992,

respectively, for the vernal equinox and for the autumnal equinox [13]. The

Sun-Earth factor change is represented in Fig. 12.

From data shown in Fig. 12, the deviation of the intensity in midsummer and

midwinter are the most important. The radiation intensity is 1322.299 W/m2 and

1411.7009 W/m2, respectively, in midsummer and in midwinter. Compared with

the standard intensity, the SPR model error caused by intensity change is offered in

Table 1.

Instead of using the standard intensity, the radiation intensity at midsummer and

at midwinter were used in the SRP model for precise orbit determination. As a

result, the RMS decreased from 1.384 m to 1.998 m and 4.977 m.

Thermal Radiation Temperature Error

When the equivalent temperature of the south and north surface are the same, the Y

weight of TRP acceleration is 0, since the TRP on these surfaces compensate each

other. If there is a temperature difference, the thermal radiation imbalance would

affect the Y weight of TRP. The relationship between the Y weight of TRP and

temperature difference Δt is shown in Fig. 13.

Vernal equinox autumnal equinoxmidsummer midwinter

Fig. 12 The Sun-Earth factor change with season changes

Table 1 The SRP error caused by nominal attitude warp

Error source Xweight Yweight Zweight

Midsummer intensity 2.67% decrease / 3% decrease

Midwinter intensity 2.7% increase / 3% increase
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Infrared Radiation Intensity

The intensity of infrared radiation is related to orbital altitude and clouds change.

Taking the orbital altitude of IGSO navigation satellite as an example, infrared

radiation intensity is 21.486–49 W/m2. In the BFCS, the ERP model has only the X

weight and the Z weight. The ERP model results for the maximum and minimum

infrared radiation intensity are shown in Figs. 14 and 15.
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When the infrared radiation intensity is minimum, the X weight acceleration of

ERP is 0.531% based on the direct SRP model, the Z weight acceleration of ERP is

2.86%. When the infrared radiation intensity is maximum, the X weight acceler-

ation of ERP is 0.796% based on the direct SRP model, the Z weight acceleration of

ERP is 5.24%.

Conclusion

The IGSO satellite is chosen as the object of study in this paper. The SRP model has

been developed. Based on the SRP model, the influence factors of SRP model were

analyzed. The results are as follows:

(1) The attitude control modes are the foundation of SRP. The movement law of the

Sun vector in the BFCS would change with different attitude control modes,

which leads to variation of the satellite surface radiation. There are

corresponding SRP models for different attitude control modes.

(2) The satellite surface material aging, solar radiation intensity error, thermal

radiation temperature error, and infrared radiation intensity change would

cause a different level error of the SRP model. Therefore, improving the

accuracy of space environment parameters or compensating the error caused

by the environment parameters are important to improve the SRP model

accuracy.
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3-Dimensional Characteristic of Electric

Field and Potential Induced by Internal

Charging Effects in Typical PCB

Xiao-Jin Tang, Zhong Yi, Chao Zhang, Ye-Nan Liu, Zhi-Hao Wang,

Li-Fei Meng, and Jian-Guo Huang

Abstract To assess satellite internal charging effects more accurately, a 3-D

computation method is developed to study the internal charging problems with

realistic geometry and grounding configuration. The method includes two steps:

3-D electron transport simulation and internal electric field computation. The

transport simulation is carried out by a self-developed software based on

GEANT4. And 3-D internal electric field is calculated through solving a set of

electrostatic equations by COMSOL Multiphysics. In this work, the 3-D character-

istics of electric field and potential in a typical PCB irradiated by an electron beam

through an aluminum shield are demonstrated. This PCB is partially grounded by a

rectangular circuit and the electron beam uses the GEO space-like spectrum with

flux in the worst case. According to these conditions, the 3-D field and potential

distributions in charging stationary state can be computed. Finally, the following

conclusions are drawn: distributions of dose and charge deposition rate have

remarkable edge effects. Severe distortion of electric field can arise around edges

of partial grounding, especially at corners. The degree of field distortion decreases

significantly with the increase of the distance from the grounding surface.
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Introduction

Internal charging, induced by space high-energy (0.1–10 MeV) electron radiation,

generally arise in spacecraft dielectric components, such as printed circuit board

(PCB) and cable insulation. If the conductivity is very low and the grounding is

poorly designed, the charge accumulation may increase continuously to discharge.

It can be damaging to the local circuit or subsystem. So high-energy electrons are a

great threat to spacecraft, and internal charging is one of the major causes of

satellite anomalies [1, 2].

In order to resolve the problem of internal charging and discharging, a substan-

tial research effort has been undertaken. In this connection, numerical simulation is

an important means used for revealing the mechanism of internal charging,

assessing the discharging risk and promoting the defensive design for spacecraft

dielectrics.

There exist several software tools which enable spacecraft designers to predict

the sensitivity of spacecraft structures to internal charging effects, such as DICTAT

[1, 3], NUMIT [4] and ATICS (Assessment Tool of Internal Charging for Satellite)

[6, 7]. Their common points are that they are able to compute the 1-D electric field

distribution for planar or cylindrical dielectric and assess discharge risk by means of

comparing between the maximum electric field and breakdown threshold. This 1-D

computation makes them impossible to tackle real problems with 3-D feature, such

as PCB with partial grounding. So some researchers, including us, have already set

out to study 3-D simulation method used to deal with realistic internal charging

problems. C. L. Lemon et al. [12] construct a 3-D internal charging model with

parallel electric field solver for complex geometries and arbitrary source particle

distributions. However, the model excludes the charge dissipation process and

cannot solve problems with complex boundary conditions. Ira Katz and Wousik

Kim [13] develop a 3-D internal charging model for single PCB with two or more

circuit traces. The model includes the time-dependent charge dissipation process

and can resolve problems with floating and fixed potential boundary conditions.

Also, we study a method for computation of 3-D internal charging field and

potential in arbitrary structure dielectric with multiple boundary conditions using

the self-developed software ATICS and COMSOL Multiphysics [15]. The basis on

mature software and classic theories provides our method with powerful modeling

capability and good reliability. In this paper, the charging of a typical PCB is

simulated by the 3-D method and the 3-D characteristics of the computed electric

field and potential are discussed in detail.
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Simulation Approach

In this paper, we use ATICS to calculate electron and energy deposition. ATICS is

developed to tackle the problem of the electron transport and internal charging

process in spacecraft immersed in high-energy electrons. It is based on GEANT4

which is an open source code package and can be used to accurately simulate the

transport process of particles through matter. ATICS has a 3-D geometry modeling

capability and two geometry design modes. Simple geometry, such as a slab,

cylinder and combination of them, can be directly constructed via ATICS. Complex

geometry can be designed in CAD software, transformed into GDML (Geometry

Description Markup Language [16]) file, and then imported into ATICS. As for

transport process model, standard electromagnetic physics, which includes ioniza-

tion, bremsstrahlung, multiple scattering and secondary gamma effects, such as

Compton scattering, photoelectric effect and gamma conversion, is built in. ATICS

has the modeling capability of space electron radiation environment and several

special sources like point, beam, plane, surface and volume sources through

embedment of the GPS (General Particle Source) model of GEANT4.

The research object is a typical PCB (10 mm� 14 mm� 3 mm) with a

2-mm-thickness-aluminum shield slab. The PCB is composed of epoxy (shown in

Fig. 1). A rectangular circuit trace (3 mm� 7 mm) is printed on the front surface

(plane z¼ 3, on the upper surface in the view of Fig. 1). All the corners on the PCB

are transformed into rounded corner of 0.2-mm curvature radius.

In the transport simulation, a multi-energy electron beam with an exponential

spectrum (shown in Eq. (1)) perpendicularly irradiates the shield-PCB structure

(shown in Fig. 1) from the plane z¼ 10 mm. The spectrum can be described by the

formula [7]:

flux > Eð Þ ¼ flux > 2MeVð Þ ∙ exp 2� E

E0

� �
ð1Þ

where E is energy [MeV], E0 is e-folding energy [MeV], which depends on flux
(>2MeV). In this work, the GEO-Worst-Case flux ( flux(>2MeV)¼ 1�109 m�2.s�1.

sr�1) is adopted, then E0 can be computed (0.5209). In the ATICS simulation, the

minimum energy is 0.6 MeV, then the integral flux (>0.6 MeV) of the beam is

1.85� 107 cm�2.s�1.

Then 3-D meshes (50� 70� 15) in x-y-z dimension can be made. The threshold

cut of transport particle is set to 0.1 mm.

Electric field is built in dielectric with electron accumulation. Under electric

field, electrons can migrate along with the excited holes despite the low conduc-

tivity. Then a current, namely leakage current, can be generated inside the dielectric

and conducted through grounding. Consequently, field, electron accumulation and

charge dissipation process are inter-coupled. This is a negative feedback process

and final equilibrium state can be reached.
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According to Gauss’ law, the magnitude of the field is determined by the net

quantity of the deposited charge. Thus the field in dielectric is determined by the

rates of electron deposition and leakage. The electron deposition rate can be

obtained by transport simulation, whereas the leakage current is related to the

conductivity and field. The greatest complexity in the charging process comes

from the varying conductivity of the dielectrics, which is affected by several

variables, such as temperature, electric field, dielectric properties, and dose rate.

So stationary equations used to determine electric field can be established via above

charging physics model [5].

Fig. 1 The 3-D shield-PCB structure (a) and its simulation effect of electron transport (b)
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∇∙~J x; y; zð Þ ¼ QJ x; y; zð Þ ð2Þ
~J x; y; zð Þ ¼ σ x; y; zð Þ~E x; y; zð Þ ð3Þ

~E x; y; zð Þ ¼ �∇u x; y; zð Þ ð4Þ
σ x; y; zð Þ ¼ σr x; y; zð Þ þ σET x; y; zð Þ ð5Þ

σr x; y; zð Þ ¼ kp _D x; y; zð ÞΔ ð6Þ

σET x; y; zð Þ ¼ σTsinh αγð Þ
3αγ

� 2þ cosh α
ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi
βE x; y; zð Þ

p� �h i
ð7Þ

σT ¼ σ0T0

T
exp

Ea

k

1

T0

� 1

T

� �� �
ð8Þ

Where

~E x; y; zð Þ The electric field vector σ0 The dark conductivity

E x; y; zð Þ ~E x; y; zð Þ		 		 T0 The temperature in σ0 test

~J x; y; zð Þ The total current density vector α 1/2kT

QJ x; y; zð Þ The volume current density β e3=πεrε0
u(x, y, z) The electric potential γ eδE(x, y, z)

σ(x, y, z) The total conductivity e The charge of a electron

σr(x, y, z) The RIC (Radiation Induced

Conductivity)

δ The jump distance (fixed at 1 nm)

σET(x, y, z) The field-temperature conductivity T The temperature of PCB

kp The material-dependant co-efficient

of RIC

k Boltzmann’s constant

Δ The dimensionless material-dependent

exponent (Δ<1)

εr The relative dielectric constant

_D x; y; zð Þ The radiation dose rate ε0 The dielectric constant of

vacuum

σT the temperature conductivity Ea the activation energy

Equation (2) is charge conservation equation. The divergence of~J x; y; zð Þmeans

the decrease of current in point (x, y, z). QJ(x, y, z) ( A ∙m�3 ¼ C ∙m�3 ∙ s�1) equals

the density of deposited electrons divided by the simulation time and can be

obtained directly by ATICS. Equation (3) is Ohm’s Law. Equations (2) and (3)

mean that the newly injected charges per unit time will leak away entirely by

conduction current and the charge density holds steady in equilibrium state. Equa-

tion (4) shows the relation between the field and potential. Equation (5) is conduc-

tivity mode [1, 7–11]. Equation (6) denotes that RIC rises with dose rate converted

from energy deposition, which is computed directly by ATICS. Equations (7) and

(8) show that the field and temperature have significant effects on conductivity.

After the transport simulation and the physics modeling of electron dissipating

process, the other modeling work can be implemented in COMSOLMultiphysics. It

has flexible physics modeling interface, and the above equations can be embedded

in via PDE (Partial Differential Equation) solver. Complex geometry can be
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constructed in COMSOL and multiple boundary conditions can be modeled

according to the shape. In the computation, the geometry is built as shown in

Fig. 1. The rectangular circuit trace is fixed at zero potential (grounding). The

other surfaces are set to free and electric insulation boundary condition.

Meshing the PCB is an important work in field computation. Figure 2 shows the

mesh grid figure of the PCB by COMSOL. The PCB is meshed with dense

hexahedral elements, especially in circuit edges and corners.

As for the conjunction between transport simulation and electric field computa-

tion, it is performed through the importation of electron deposition and dose rate

distribution data sheet, which are assigned to variable QJ(x, y, z) and _D x; y; zð Þ.
Table 1 [1] shows the parameters of PCB dielectric used in the computation.

Results and Analysis

According to the above conditions, electron transport simulation is carried out by

ATICS. As a result, electron deposition and dose rate distributions are obtained.

The dose and electron deposition distributions of cut plane z¼ 3 mm are shown

in Figs. 3 and 4. They indicate remarkable edge effects that energy and electron

deposition in the middle region is larger than edge region. Figures 5 and 6 show the

dose and electron deposition profiles along the 3 cut lines which are parallel to the z-
axis. Line1 locates at the center. Line2 is at the center of one shorter edge and Line3

is just at one corner. From these figures, in general, the dose and electron deposition

decrease linearly with the depth, and the edge effects are still remarkable in deeper

depth. The linear characteristic is different from that in literature [5, 14], in which

there is no adopted shield and mono-energy electron beam. The edge effects can be

Fig. 2 The mesh figure of

the PCB

Table 1 Parameters of PCB dielectric material used in the computation

ρ( g/cm3) σ0(s/m) Ea(eV) εr kp(s.Ω-1.m-1.rad-1) Δ
1.5 2.5� 10�15 1 3.6 6.5� 10�14 1
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explained by the fact that the probability of energy and electron deposition in the

middle region is larger than that in the edge region.

The 3-D computation of charging electric field is carried out through solving

Eqs. (2)–(8) by COMSOL with the above conditions and transport result. Then 3-D

internal electric field and potential distribution in charging equilibrium state are

obtained (as shown in Figs. 7, 8, 9, 10, 11, 12, 13, and 14). In this paper, the electric

filed and potential are considered as absolute value, and the sign is ignored.

From these 3-D results of field distribution, the maximum electric field in the

PCB is 2.8�107 V/m and it occurs at the circuit trace corners (as shown in Fig. 7).

According to the classification of predicted fields in literature [1], this electric field

is definitely hazardous. It indicates that discharge may occur despite

2-mm-thickness shield and grounding in the front surface.

For better presentation of the 3-D field distribution, we can illustrate the results

through height plots of several typical cut-planes. The electric field height plot of

plane z¼ 3 mm, z¼ 2.98 mm, z¼ 2.8 mm, z¼ 2 mm and z¼ 0 are shown in Fig. 7

through Fig. 11.

Fig. 3 The dose rate of cut plane z¼ 3 mm
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The common points between the three figures (Figs. 7, 8, and 9) are that similar

distortion of electric field distribution arises around the four edges of rectangular

circuit trace, and the distortion is especially severe around the four corners.

Fig. 4 The electron deposition rate of cut plane z¼ 3 mm

Fig. 5 The dose rate of the 3 cut lines
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Considering that electrons driven by field migrate most likely towards grounding

through the shortest path, we can make a deduction that the internal current density

around grounding, especially in the circuit edges and corners, is generally the

Fig. 6 The electron deposition rate of the 3 cut lines

Fig. 7 The electric field of the plane z¼ 3 mm

3-Dimensional Characteristic of Electric Field and Potential Induced by. . . 463



largest in the PCB. And it isn’t hard to understand that the current density around

the corners is larger than that around the edges for the convergence effects in

different geometric feature. According to Eq. (3), the electric field is certainly the

largest around the corners than around the edges and the least in the other

ungrounded district. This phenomenon is very obvious in Fig. 12, which shows

the electric field of the 3 cut lines which are parallel to the z-axis. Line1 locates at

the center of the circuit trace. Line2 is just at one corner of the trace and Line3 is at

the center of one shorter edge of the trace.

The different points between Figs. 7, 8, and 9 are that the field decreases

generally with the increase of the distance from the plane z¼ 3 mm, and the degree

of the field distortion goes down as well, especially in Figs. 10 and 11. It is can be

explained by considering that the closer distance from the grounded circuit, the

more current converges.

In addition, the interval between plane z¼ 3 mm and z¼ 2.98 mm is merely

0.02 mm, but the maximum field of the former is about 3 times of the later. The

great change of electric field can be explained by the effects of current convergence

at boundary corners. It indicates that any tiny distinction may result in a great

change of electric field in dielectric.

Fig. 8 The electric field of the plane z¼ 2.98 mm
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Figures 13 and 14 are electric potential height plot of plane z¼ 3 mm and

z¼ 2 mm. As shown in these two figures, the profiles are similar to a potential

well. The rectangular circuit trace just locates at the bottom. It makes that the

current flows from the ungrounded district with higher potential to the grounding

circuit with the least potential. This can prove the above analysis about current

density. Besides, there is steep drop in the potential of plane z¼ 3 mm around the

circuit edges. In view of Eq. (3), it agrees with the field distribution around the

edges. The more gradual potential change of plane z¼ 2 mm denotes that the field

in closer distance from the grounded circuit is generally larger than that in the other

district. This can indicate the quantity relation from Figs. 7, 8, 9, 10, and 11.

Conclusions

In this paper, our new 3-D simulation algorithm of internal charging is used to

compute the 3-D field and potential distribution of a typical PCB. Only by a 3-D

method in the real sense, the field distortion within a real object can be quantified

Fig. 9 The electric field of the plane z¼ 2.8 mm
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well. On the basis of these accurate results, the root causes of field formation and

distribution are discussed in detail. This may be useful in defensive design to

internal charging effects.

According to the above calculation results and analyses, achieved conclusions

and defensive design suggestions are as follows:

• Distributions of dose and charge deposition rate have remarkable edge effects.

• Severe distortion of electric field can arise around the edges of partial grounding,

especially at the corners.

• The electric field distribution is mainly caused by the effects of current conver-

gence at the boundaries.

• The degree of field distortion decreases significantly with the increase of the

distance from the grounding surface.

Fig. 10 The electric field of the plane z¼ 2 mm
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Fig. 11 The electric field of the plane z¼ 0 mm

Fig. 12 The electric field of the 3 cut lines
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Fig. 13 The electric potential of the plane z¼ 3 mm
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Investigation of the Radiation Environment

in Deep Space and Its Effect on Spacecraft

Materials Properties

Yigang Ding and Zicai Shen

Abstract In the deep space exploration activities, the spacecraft would travel

through the interplanetary space and arrive at other planets. The vehicles would

be exposed to the harmful space environments during traveling or while orbiting the

planet. The radiation environment is one of the most important environmental

factors that would affect the spacecraft performance. The radiation environment

in the interplanetary space, as well as on Jupiter, Saturn and Mars is described in

this paper. Radiation in the interplanetary space consists of galactic cosmic rays and

solar protons. Because Jupiter has the strongest magnetic field in the Solar system,

the particle energy in its radiation belt is ten times that of the Earth’s radiation belt

and its flux is a few orders of magnitude larger than at the Earth. In this harmful

radiation environment, many of the materials used in the vehicle design would

suffer significant properties degradation or failure. Also the effects of these severe

radiation environments on vehicle materials are analyzed in this paper.

Keywords Deep space • Radiation environment • Spacecraft material • Effect •

Mars • Jupiter • Saturn

Introduction

The deep space exploration has never been stopped. So far, the exploration activ-

ities conducted on the solar celestial bodies beyond the moon have exceeded

200 [1, 2]. When the deep space exploration spacecraft is travelling to the target

celestial body or orbit around the target, it will encounter the harsh space radiation

environment. One of the main features of deep space beyond the Earth’s magneto-

sphere is a radiation field of energetic particles. The radiation environment expe-

rienced by a deep space explorer can be divided into three stages: first, the radiation

environment during the journey from the Earth to other planets, its main source of

radiation is solar particle events and galactic cosmic rays (GCR). Second, the
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radiation environment during landing on the target planet, its main source of

radiation is energetic particles trapped by the planet magnetic field; third, the

surface radiation environment of deep space planets, it is mainly from the second

radiation due to the interaction of the planet body and the cosmic rays. These

radiation environments are mainly composed of energetic particles.

This radiation environment will cause the sensitive materials and devices

onboard the vehicle a more serious degradation than in the Earth’s orbit. In the

long term exposure to a deep space environment, the vehicle materials, such as

thermal control materials, solar cells, optical materials, insulating materials, sealing

materials and alike, encounter a severe degradation, including deterioration of

optical properties, electrical properties and mechanical properties, as well as deg-

radation of insulating performance and sealing performance.

This paper reviews the investigation of the planet’s radiation environments and

their models during deep space exploration activities, and provides a preliminary

analysis on the degradation effects of deep space environment on spacecraft

materials.

Deep Space Radiation Environment

Interplanetary Space Radiation Environment

The radiation environment in the interplanetary space is mainly composed of solar

particle events and galactic cosmic rays. The galactic cosmic rays are charged

particles from outside of the solar system, their main component are high energy

protons, alpha particles and heavy nuclei with an atomic number greater than

2 [2]. The occurrence and intensity of solar particle events related to the solar

activity cycle, consisting mainly of high energy protons, in addition to a small

amount of alpha particles and heavy nuclei.

Radiation Environment at Mars

Martian surface radiation environment mainly includes galactic cosmic rays, occa-

sional solar proton events and secondary neutrons. The galactic cosmic rays

reaching Mars’ surface is one of the main sources of radiation. Figure 1 shows

the absorbed dose in solar maximum (1990) and solar minimum (1977) under

different shielding materials and thickness. The Mars surface radiation environment

by Marsgram atmosphere model during solar maximum (1990) and solar minimum

(1977) activities is shown in Fig. 2.

Mars surface also is affected by the solar particle event (SPE). However, due to

attenuation in the Mars atmosphere, the SPE dose reaching Mars’ surface decreases
approximately one order of magnitude compared to the SPE dose in space. Figure 3
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shows the SPE dose rate at Mars’ surface measured by the Marie detector and its

variation with orbit time, with the peak dose rate of 60 mrad/day [3].

Galactic cosmic rays and solar energetic particle will interact with Mars’ atmo-

sphere and low energy charged particles will be absorbed, changing the particle

distribution on the surface of Mars. Meanwhile, the particles interact with the Mars’
surface materials and produce secondary neutron radiation reflected back into the

atmosphere. The secondary neutron component is closely related to the surface of

Mars. On the regolith and bedrock, neutrons with energy below 20 MeV diffused

into atmosphere from the surface is in absolute dominance in the Mars’ surface
neutron environment. Thus, the flux and energy of surface neutrons vary for

different surface and different atmospheric conditions.

Radiation Environment on Jupiter

Jupiter is located on an orbit in 5.2 AU from Sun. It has at least 60 satellites, four

main satellites are Io, Europa, Ganymede and Callisto. Jupiter has a more powerful

magnetic field than Earth. Its core magnetic field is 17,500 times stronger than the

Earth’s core. On the surface of Jupiter, the magnetic field strength becomes smaller,

but it is still more than ten times stronger than the Earth’s surface magnetic field.

Jupiter’s magnetic moment is 1.55� 1020 Tm3, approximately 20,000 times higher

than the Earth’s magnetic moment.
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Because Jupiter has the strongest magnetic field in the solar system, its energy

density and number of trapped particles is much higher than on other planets. The

energy of trapped particles in Jupiter’s radiation belt is ten times higher than the

energy of particles in the Earth’s radiation belt, and its number density is several

orders of magnitude more than the Earth’s radiation belt. Now it is considered that

most of the radiation belt particles are mainly from Jupiter’s moon Io. Therefore,

the most intensive part of the magnetosphere is located in the torus between 5.5 and

8 RJ. The results from the Energetic Particles Detector (EPD) in Galileo shows that

the proton number and energy density in the range of 20–25 RJ is higher than those

of other particles. The results from Ulysses show that the equatorial omnidirectional

proton flux has an exponentially decaying distribution with the distance from the

magnetic equator and approximately vertical symmetry. The two-dimensional

image of synchrotron radiation from the radio telescope shows that there are two

different distributions of high energy electrons (1–100 MeV) in the inner radiation

belt. First, radiation intensity at the magnetic equator, with the maximum density at

1–1.5 RJ. Second, the electron density has a wide angular distribution and produces

radiation over a wide range of magnetic longitudes. The distribution of energetic

electrons is limited by absorption in Jupiter’s ring and by its satellites.

Jupiter’s radiation belt is composed of electrons, protons and heavy ions. The

first model of the belt was built in late 1950s and in early 1960s, shortly after the

discovery of Jupiter’s radiation belt. This model is based on the theory of Earth

radiation belt and ground observation results of Jupiter synchrotron radiation. Later,

based on the observation of Pioneer and Voyager vehicles, the first comprehensive

model of Jupiter trapped radiation was developed in 1980s and 1990s. Recently, the

model of high-energy electron and heavy ions was improved on the basis of

observation data by Galileo spacecraft. Figure 4 shows the predicted synchrotron

emissions at 1.4 GHz and CML 200 for the modified DM electron radiation

distributions for E> 1 MeV. Also during this period, the understanding of Jupiter

magnetosphere trapped particles was improved based on a physical model devel-

oped in Europe.

Radiation Environment at Saturn

Saturn is located at 9.54 AU from the Sun and has an equatorial radius (RS) of

60,268 km. Saturn was first visited by NASA’s Pioneer 11 in 1979 and later by

Voyager 1 and 2. Cassini (a joint NASA/ESA project) arrived on July 1, 2004 and

orbited Saturn for at least 4 years.

Saturn’s magnetic field is mainly composed of three parts; the first part is the

intrinsic dipole magnetic field, the second is the toroidal plasma magnetic field

around the Saturn, the third part is from the contribution of solar wind on the

magnetosphere.
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The former two parts are called inner source field and they have axis symmetry

and equatorial symmetry. In the South and North Polar Regions of Saturn, the

magnetic field strength is about 0.7 Gauss and 0.6 Gauss, respectively.

Due to the presence at Saturn of a strong magnetic field, a trapped particle

radiation belt is formed around this planet. Saturn’s radiation belt was first observed
by the instruments on Pioneer 11 in September 1979. These results gave evidence

that the observed trapped radiation is absorbed by the satellite and by the Saturn

rings.

The Saturnian radiation belts did not receive as much attention as the Jovian

radiation belts because they are not nearly as intense, the famous Saturnian particle

rings tend to deplete the belts near where their peak would occur. As a result, there

was no systematic development of engineering models of the Saturnian radiation

environment for mission design.

A primary exception is that of Divine (1990) [4]. That study used published data

from several charged particle experiments aboard the Pioneer 11, Voyager 1, and

Voyager 2 spacecraft during their flybys at Saturn to generate numerical models for

the electron and proton radiation belts between 2.3 and 13 Saturn radii. The Divine

Saturn radiation model described the electron distributions at energies between 0.04

and 10 MeV and the proton distributions at energies between 0.14 and 80 MeV. The

model was intended to predict particle intensity, flux, and fluence for the Cassini

orbiter. Divine carried out hand calculations using the model but never formally

developed a computer program that could be used for general mission analyses

(Fig. 5).

Fig. 4 Predicted synchrotron emissions at 1.4 GHz and CML 200 for the modified DM electron

radiation distributions for E> 1 MeV. (a) observation results; (b) old model; (c) revised model
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The Effects of Deep Space Radiation Environment

on Materials

Radiation Effects on Spacecraft Materials

Thermal control materials are an important component of the spacecraft thermal

control subsystem. The commonly used thermal control materials include thermal

control paints, second surface mirrors, polymer films, and so on. Thermal control

paints are generally composed of pigments and organic or inorganic matrices.

These components will degrade under the radiation environment and their proper-

ties will change, thus leading to an increase in the solar absorptance.

Polymer materials are widely used on spacecraft. The effect of radiation envi-

ronment on polymer materials will lead to cross-linking, degradation, change in the

unsaturated bond content and free radical production. This will cause the degrada-

tion of physical properties and mechanical properties of polymer materials.

Optical materials in the optical systems will suffer degradation of optical

properties under the action of radiation environment. Optical materials will expe-

rience the following effects when exposed to electrons or protons: (1) Coloration

effects. Many optical glasses and crystals will generate some additional spectral

absorptance, i.e. a coloration phenomenon. Materials coloration can lead to a

transmittance decrease. (2) Surface erosion. Particles with energies of tens of keV

can cause the atoms in the materials composition to be sputtered, leading to surface

Fig. 5 Enceladus integral proton and electron spectra at 0� inclination using the SATRAD model
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sputter erosion of materials. In addition to direct sputtering effect, the effect of

radiation can also cause foaming at the surface of optical materials, i.e. the optical

surface erosion. (3) Charging and discharging effects, energetic charged particles

can cause significant surface non-uniform charging, causing the breakdown of glass

lenses.

The Effect of Deep Space Radiation Environment on Materials

Due to different deep space exploration missions, spacecraft experience different

radiation environments. For more harsh radiation environments of Jupiter and

Saturn, we must pay attention to choice of candidate materials. The particle flux

of Jupiter’s radiation belt is several orders of magnitude higher than the Earth’s belt.
In medium or high Earth’s orbits, the average dose absorbed by surface materials is

about 109 rad, thereby we can estimate that the surfaces of materials on spacecraft

flying in Jupiter’s radiation belt will absorb a dose more than 1010 rad. Due to such a

dose, many polymer materials, such as polypropylene, POM, PTFE, etc., will

experience strong performance degradation. Most of optical glasses will be

unusable after exposure to 106–108 rad. Thus, we must carry out a detailed analysis

of radiation environments met in deep space exploration missions, to determine the

candidate materials tolerant to radiation.

Summary

Radiation in the interplanetary space consists of galactic cosmic rays and solar

protons. The Martian surface radiation environment mainly includes galactic cos-

mic rays, occasional solar proton events and secondary neutrons. Because Jupiter

has the strongest magnetic field in the Solar system, the particle energy in its

radiation belt is ten times higher than that of the Earth’s radiation belt and its flux

is a few orders of magnitude larger than the radiation flux on Earth. In this harmful

radiation environment, many of the materials used in the vehicle design would

suffer significant properties degradation or failure. Thus, we must carry out a

detailed analysis of radiation environments met in deep space exploration missions,

to determine the candidate materials tolerant to radiation.
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Mechanism and Kinetic Characterization

of the Electron Irradiation Induced

Degradation of Dgeba/Dicy

Gang Liu, Lixin Zhang, and Jian Jiang

Abstract The diglycidyl ether of bisphenol A/dicyandimide (DGEBA/DICY)

films were tested using 160 keV electron irradiation simulation facility. The

degradation mechanism of the irradiated DGEBA/DICY was analyzed using

EPR, FT-IR, and XPS. The kinetic process of irradiation induced degradation of

DGEBA/DICY was expressed quantitatively based on the data from FT-IR and

XPS. The relationship between the micro-mechanism and the macro-property was

proposed that allowed describing the property variation of DGEBA/DICY with

electron irradiation fluence.

Keywords Electron irradiation • Epoxy resin • Degradation • Exponential

recession

Introduction

With the development of space technology, epoxy resins have found wide applica-

tions in coating, composites materials and adhesives [1], and, gradually, are

becoming an important spacecraft structural material. Under the irradiation of

electrons and protons during the space flight in orbit, the properties of epoxy resins

will be degraded, consequently, resulting in potential serious spacecraft

malfunctioning. Therefore, study of the mechanism and the kinetic process of the

irradiation induced degradation is a new demand in the application field of high-

molecular materials [3–6].

Under ionizing radiation environment, a series of complex physical and chem-

ical changes will arise in the polymer materials, generally exhibiting two effects of
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cross-linking and scission. Most efforts in the field of radiation chemistry is focused

on radiation processing and modification of polymer materials [7, 8]. However,

relatively less study was carried out on the mechanism and kinetics of irradiation

induced degradation. The degradation and change in the performance of epoxy

resin under condition of electron irradiation were studied in literatures [9–11],

where a few useful results were reported. However, there is a lack of refining the

common law due to a difference in the materials and the experimental conditions

chosen by different researchers.

There are various methods to analyze the microstructure of polymers, such as

Fourier Infrared Spectroscopy (FT-IR), X-ray photoelectron spectroscopy (XPS),

and electron paramagnetic resonance spectroscopy (EPR) [12–14]. Benedicte

Mailhot obtained the variation in stiffness as a function of film thickness and

gave degradation profiles for polymers using a combination of AFM nano-

indentation and micro-FTIR, named as depth profiling. Their results connected

the mechanical properties and the aging mechanism of irradiated polymers, pro-

viding a new way to explore degrading mechanism of irradiated polymers [15].

Aiming at space applications, a study was conducted of the degradation mech-

anism of DGEBA/DICY films irradiated with 160 keV electrons and the irradiation

induced degradation kinetics of DGEBA were characterized quantitatively by

combining several common analytical methods.

Experiment

The specimens are Diglycidyl Ether of Bisphenol A (DGEBA) solid films with a

thickness of 0.35 mm and an epoxy value of about 0.5. The molecular structure is

shown in Fig. 1. The curing conditions for the specimens are as follows: using

dicyandimide (DICY) as curing agent, firstly heated to 125 �C with a rate of 3 �C/
min, and maintaining for 3.5 h, then followed by cooling in air to room temperature.

The irradiation test was performed in a complex radiation simulation facility at

Harbin Institute of Technology. The specimens were placed in a vacuum chamber

maintained at 1� 10�4 Pa and irradiated with 160 keV energy electrons at a

maximum fluence of 4� 1016/cm2.

Fig. 1 Molecular structure of DGEBA
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Before and after irradiation, tensile fracture strength of the specimens was

measured on the Э-71 type universal testing machine made in Ukraine. The EPR,

FTIR and XPS analyses were carried out using the German Brook A200 electronic

paramagnetic resonance spectrometer, Magna IR560 (Nicolet) Fourier transform

infrared spectroscopy, and K-Alpha X-ray photoelectron spectroscopy made by

Scientific & Technical Corporation, respectively.

Degradation Mechanism Induced by Electron Irradiation

As shown in Fig. 2, when the electron fluence exceeds 5� 1015 cm�2, EPR analysis

detected the distinct signal of free radicals, giving evidence that electron irradiation

induced degradation of DGEBA/DICY is controlled by a free radical mechanism.

On the other hand, the g value of the paramagnetic spectrum remains unchanged

during the irradiation, indicating the type of the formed free radicals does not

change with increasing irradiation fluence.

Figure 3 shows the results of FT-IR analysis which shows that the benzene ring

is stable during the irradiation. The extension of vibration absorption peak of the

C-N bond (1292 cm�1) in the curing structure and that of the aliphatic C-O bond

(1036 cm�1) in the main chain are decreased with increasing irradiation fluence,

indicating that the major mechanism of irradiation induced degradation are the

damage of the curing structure and the breaking of aliphatic C-O bond in the

Fig. 2 EPR spectra of DGEBA/DICY electron irradiated with various fluence
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backbone structure of DGENA/DICY. The two disappeared peaks at 1382 and

1362 cm�1 suggest that there was also isopropylidene cleavage under electron

irradiation.

Figure 4 presents the results of XPS analysis which shows that the binding

energy of the feature peak (532.3 eV) corresponding to the C-O ether bond is

decreased with increased electron irradiation fluence, which further confirms the

bond breaking mechanism of ether C-O. By contrast, the binding energy of the

feature peak attributed to carbonyl C¼O (531.5 eV) shows an opposite variation

comparing to that of the ether C-O bond, indicating that the generated carbonyl

C¼O is transformed from the broken ether C-O bond.

The degradation reaction of the C-N and C-O bonds is shown schematically in

Figs. 5 and 6.

Degradation Kinetics of the Irradiated DGENA/DICY

The irradiation induced degradation causes a decrease in the fracture strength of the

specimens with an increase of irradiation fluence. According to the above analysis,

the major degradation mechanism is bond breaking of the C-N and C-O bonds in the

DGENA/DICY’s curing structure and in the backbone structure, respectively. Thus,
the data from tensile test and the FTIR and XPS analyses were normalized. The

normalized property degradation and the bond breaking yield refer to the percent-

age of decrease in the fracture strength for DGENA/DICY, and of the broken C-N

Fig. 3 ATR-FTIR spectra

of DGEBA/DICY after

160 keV electrons

irradiation vs. fluence
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Fig. 4 High resolution O1s XPS spectra of DGEBA/DICY irradiated with 160 keV electrons with

various fluencies

Fig. 5 Degradation reaction of the C-N bond

Fig. 6 Degradation reaction of the C-O bond
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and/or C-O bonds comparing to un-irradiated specimens. The mathematical fitting

on the normalized data demonstrates that both normalized decrease in the fracture

strength and the yield of broken C-N or C-O bond can be expressed by the same

equation form, which represents an exponential variation with irradiation fluence,

as shown by Eq. (1).

y ¼ y0 þ A1exp �ϕ

t1

� �
ð1Þ

where y represents the normalized decrease in the fracture strength of DGENA/

DICY or the bond breaking yield; y0 represents the maximum value of electron

irradiation induced damage; A1 is a constant related to the property and structure of

the material; Ф is fluence of electron irradiation; and t1 is the ratio constant of

irradiation induced degradation.

Table 1 gives the mathematical fitting of the parameters in Eq. (1) calculated for

the normalized decrease in the fracture strength of the specimens and the bond

breaking yield of C-N and C-O. We tried to explore the quantitative relationship

between the variation in macro properties of the material and the degrading process

induced by irradiation, in order to set up the equation characterizing the dynamic

degrading process of DGEBA/DICY under electron irradiation. It can be seen from

Table 1 that the t1 values for normalized decrease in the fracture strength and bond

breaking yields of C-N and C-O bonds are almost the same. The y0 and/or A1 of

DGENA/DICY, which characterize the fracture strength of DGENA/DICY, is

equal to the sum of the corresponding y0 and/or A1 of the normalized broken C-N

and C-O bonds, demonstrating there is an interrelationship between the change in

the fracture strength and the breaking of the two bonds.

Plotting the above three fitting curves together allows to see that the curve of the

normalized decrease in the fracture strength closely conforms to the curve for the

C-N bond plus that of the C-O bond, as shown in Fig. 7. This result further proves

that the intrinsic mechanism of the change in the fracture strength of DGEBA/

DICY under electron irradiation is the breaking of the C-N and C-O bonds.

Although there is also cleavage of the isopropylidene group, its effect on mechan-

ical properties variation can be neglected.

Thus, this study allows establishing the internal relationship between the

mechanical properties and irradiation induced degradation and shows that Eq. (1)

is able to characterize and evaluate quantitatively the kinetics of DGEBA/DICY’s
degrading evolution under electron irradiation conditions.
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Conclusions

The results of EPR, FTIR and XPS analysis show that DGEBA/DICY is degraded

under electron irradiation by a free radical mechanism. The degradation is charac-

terized by damage of the C-N bond in the curing structure and by damage of the

C-O bond in the backbone structure, as well as in the isopropylidene structure.

Normalization and mathematic fitting of the test data prove that breaking of the C-N

and C-O bonds is the major factor that leads to the decrease in the fracture strength

of DGEBA/DICY. An equation of the y ¼ y0 þ A1exp Φ=t1ð Þ form is established

to characterize and evaluate quantitatively the kinetic process of property evolution

under electron irradiation for DGEBA/DICY, demonstrating the existence of an

interrelationship between the change in the fracture strength and breaking of the

two bonds.
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Effectiveness Analysis of Ground Simulation

Space Environmental Tests and Their Effects

on Spacecraft

Zicai Shen and Xiaoyi Zhai

Abstract Space environments and their effects have threatened the reliability and

lifetime of spacecraft materials and structures. Besides flight tests, ground simula-

tion tests are essential to evaluate the property degradation of spacecraft materials

and structures. However, restricted by the technology, ground simulation cannot

reproduce totally the space environments. Space environments and their effects are

introduced firstly in this paper, and then a study on the effectiveness of ground

simulation testing for spacecraft to imitate space environmental effects is reported,

and some key problems and key technologies are analyzed. At last, some advices to

improve the effectiveness of ground simulation testing are proposed.

Keywords Space environments • Ground simulation testing • Effectiveness

Introduction

During the preparation, launch, in-orbit fly and reentry, spacecraft will encounter

ground environments, launch environments, in-orbit environments and reentry

environments. All the environments will result in degradation or damage of space-

craft materials and structures, so flight tests, ground simulation tests and numerical

simulations are used to evaluate the change in their properties. Because of low cost

and convenience of use, the ground simulation testing is widely used as acceptance

testing and evaluation testing of spacecraft materials and structures. Because of

uncertainties between the space environments and their models, difficulties in
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reproducing the parameters of the effects, the inconsistency of simulation sources

or in test methods, added complexity due to packaging or structure of samples,

questions of reproducibility of results on different systems, etc. there are errors or

mistakes in the ground simulation testing. So it is very important to pay attention to

effectiveness analysis of ground simulation testing imitating the space environ-

ments and their effects [1–3].

In this paper, space environments and their effects are introduced firstly, and

then uncertainties between the space environments and models, test methods,

samples, etc. are analyzed. Thirdly, the effectiveness analyses of ground simulation

testing are made for both accidental and systemic factors. At last, some counter-

measures are proposed to decrease the errors and to improve the effectiveness of

ground simulation testing.

Space Environments and Effects

Space Environments

During the course of space missions, spacecraft will operate in different orbits such

as LEO, GEO, HEO, SSO or deep space. Spacecraft in different orbit will encounter

different environments such as solar cosmic rays, galactic cosmic rays, atomic

oxygen, space debris and meteoroids, induced radiation belts, dust, etc. Some

space environment factors should be given special attention when concerning

particular orbits of operation. For example, fast atomic oxygen (AO) and AO/UV

(ultraviolet) in LEO, or intensive space radiation in MEO consisting of keV to MeV

protons and electrons, are critically important factors for some sensitive materials,

as listed in Table 1 [4]. So spacecraft materials should be tested and evaluated

according to their operation orbit and their location on spacecraft.

Space environments are complex and dynamic. The energies, densities, and

constituents of orbital environmental factors vary with position (such as attitude,

latitude, and longitude), local time, season and solar activity. Furthermore, the

presence and activities of space systems modify many of the natural environments,

such as the neutral particles and plasma environments, induced contamination, etc.

A summary of the near- and interplanetary space environmental factors that need to

be included in the evaluation of spacecraft materials is given in Table 1.

We should consider that space environmental factors may affect spacecraft

materials and structures simultaneously, and that space environmental factors

may influence spacecraft materials synergistically. Being concerned only with

one environmental factor may result in inadequate or incorrect conclusion while

evaluating the degradation of spacecraft materials properties.
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Space Environmental Effects

Space environment comprises many factors which can produce important effects on

the spacecraft systems, subsystems, structures, and materials. The impact of these

interactions must be assessed to ensure successful design and operation of space-

craft. Environment effects on the materials and structures play a key role in

determining the system’s operation, reliability and lifetime.

Figure 1 illustrates the environmental factors and their effects. Many of the

effects are materials related. Table 1 summarizes the near-/interplanetary space

environmental factors on spacecraft materials to be included into evaluation [4].

The effects of the main space environmental factors on spacecraft materials and

possible consequences for the materials’ properties are listed in Table 2 [4], the

outcomes of some environmental effects such as energetic particles radiation, space

debris impact, atomic oxygen erosion, and plasma discharge are shown in Figs. 2, 3,

4 and 5 [5, 6].

Radiation belt particles

Environment Hazards

Fig. 1 Space environments and their hazards for spacecraft [5]
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Table 2 Effects of the primary space environmental factors on materials [4]

Space

environments Effects Possible consequences

Vacuum Outgassing Dimensional changes

Mechanical properties variation

Contamination

Surface morphology variation

Temperature Thermal cycling Modification of residual stresses

Warping of surfaces

Micro cracking

Outgassing and contamination

UV Photo chemical

reactions

Degradation of outside surfaces

Free radical formation

Surface morphology degradation

Chain destruction and mechanical property

degradation

Energetic

particles

Ionization and

excitation

Cross linking

Polymeric chains

destruction

Surface morphology degradation

Degradation across the thickness, includes optical,

electrical and mechanical properties

Atomic oxygen Oxidation Chemical erosion on the surfaces

Mass loss

Contamination

Space debris and

meteoroids

Impaction Contamination

Mechanical damage

Fig. 2 Solar flare effect on an optical material [5]. (a) Solar flare breakout (b) After solar flare

radiation
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Uncertainty Analyses

Environment Uncertainty

Space environmental models used in ground simulation testing are based on

satellite data. But the models are inaccurate due to uncertainties in these measure-

ments associated with instrument calibration and characterization difficulties,

extrapolation and interpolation procedures employed in constructing the models,

Fig. 3 Space debris impact

on optical glass

Fig. 4 Atomic oxygen

erosion of polymer
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representation of measured periods, etc. For example, the space radiation environ-

mental model AE-8/AP-8 is accurate within a factor 2, which means that the

uncertainty factor of the AE-8/AP-8 model is 2 [7, 8].

In order to improve the precision of space environmental models, “confidence

level” is introduced to evaluate the reliability of the models. For example, the

AE-9//AP-9 models can provide the space radiation data with different confidence

levels for ground simulation testing and analysis.

Effects of the Parameters Uncertainty

During the tests, reliability of parameters from instruments will influence the test

results for the spacecraft materials and structures in the ground simulation envi-

ronments. Instrumental errors and instability will bring some uncertainty to the test

results.

Testing-Related Uncertainties

Ground simulation testing has uncertainties related to systematic and random errors

which come from simulation sources of space environments, preparation of devices

or samples, measurement of the effects and test facility parameters, etc.

Uncertainty from Simulation Sources

For particle beam sources, some important parameters, including particle energy,

energy spread, particle flux, beam uniformity, particle beam composition and their

precision, have influence on the reliability of ground simulation testing.

Fig. 5 Plasma discharge on

solar array [6]
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For radioactive sources such as 60Co, which is commonly used for total dose

testing, dose variation and emission composition should be considered.

In addition to the main emission of alpha particles, the 252Cf source also emits

low energy neutrons and a range of ions. It is usually used for single event effects

simulation in a rough vacuum, to ensure a sufficient particle range.

Uncertainty from the Packaging or Structure of Samples

The packaging of electronic components should be considered as it can modify the

source environment. To ensure that low energy particles can reach the sensitive

zones of a device, the lid is often removed. Though, the lid removal is often difficult

and residual layers can still obstruct the sensitive device regions.

Besides the packaging problem, penetration of particles into materials usually

results in decreasing the velocity and energy of particles in LETs and NIELs, or in

decreasing the dose profiles.

The profile of deposited dose depends on the energy distribution and particle

type of the radiation. While the surface dose may be the same, using a different

energy spectrum or different type of particles would lead to such a result that the

dose profile in the material can be different from that in space. Especially for optical

materials, such as solar cells or optical devices, the color center distribution can be

unrepresentative.

Uncertainty from Test Methods

Considering the complexity of space environments and long duration orbiting of

spacecraft, accelerated testing and effect equivalency considerations are usually

used in ground simulation testing to reduce the test time and cost. Therefore, the

energies or type of particles used in ground simulation testing often do not corre-

spond to the space conditions. For example, the direct ionization single event effect

is assumed to be characterized by the particle’s LET, independent of the particle

type and energy. However, different ion species possessing the same LET can give

rise to different effects because of the details of ionization track structure.

Dose rate adopted in the accelerated testing is another key parameter that can

result in the uncertainty of simulation testing. As some devices show the apparent

dose rate effect, the response can be different to low and high dose rates.

Procurement Process and Device Reproducibility

The materials or devices flown in orbit should be as identical as possible to the ones

tested. But this is difficult to achieve since the structural materials or devices may
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come from different countries with different manufacturing processes involved in

their design and production.

The stability of preparation environments or parameters is another reason for the

uncertainty of materials properties. The reproducibility of devices also depends on

the skills and experience of the manufacturing engineers and properties of the raw

and processed materials.

Effectiveness Analysis of Ground Simulation Testing

According to the above uncertainty analysis and historical testing data analysis, we

can suggest a ground simulation testing effectiveness analysis as follows:

Firstly, the uncertainty factors can be divided into accidental factors and sys-

tematic factors.

Secondly, the influence of uncertainty on the test results can be divided into

different ranges, such as slight, common, and severe. The slight range has a little

influence on the test results, the common range has some influence on the results,

and severe range has high influence on the test results, as shown in Table 3.

Thirdly, according to their probability and frequency, the uncertainty factors can

be also divided into three effect groups like little, common and often, as shown in

Table 4.

And lastly, a combined evaluation allows considering the influence of uncer-

tainty factors on the effectiveness of ground simulation of space environmental

effects, as shown in Table 5.

According to the combined influence of uncertainty factors on the effectiveness

of ground simulation testing, further study is required to conduct a mathematical

evaluation. A concept of “confidence level” should be used to evaluate the reliabil-

ity of ground simulation testing, and this is our future work.

Considering the uncertainties in the ground simulation testing, we can do a

critical analysis and give a design margin showing how the test results can be

Table 3 Influence of the grade of uncertainty factors on ground simulation testing

Effect

Range Influence

Slight There is little influence to ground simulation testing

Medium There is some deviation to ground simulation testing

Severe There is severe influence to ground simulation testing and may lead to mistakes in

the test results

Table 4 Probability (P) of

uncertainty factors in the

ground simulation testing

Effect group Probability

Little Seldom, such as 0.1%� P< 1%

Common Possible, such as 1%� P< 10%

Often Often, such as P� 10%
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used in the design of spacecraft. For different missions, the design margin can vary

from 1 to 2 to even more depending on the mission reliability requirements. And

further work on the design margin will be done in the future.

Countermeasures

From the above discussion, the following countermeasures should be considered in

the ground simulation testing to improve the effectiveness and reliability of the

tests.

As for the combined effect I, especially in case of a systematic error, the ground

simulation methods should be improved to increase the reliability of ground

simulation testing.

As for the combined effect II, especially in case of a random error, ground

simulation facilities with high reliability and stability should be developed, the test

environments should be kept clean, and the samples for ground simulation testing

should have stable properties.

As for the combined effect III, a scientific operation criterion should be

established and be carried on to decrease the uncertainty of ground simulation

testing.

Besides, research and studies should be continued on the synergistic effects of

space environmental factors.

Conclusions

The space environments are complex, they actually represent dynamic environ-

ments, and these environments have important effects on spacecraft systems, sub-

systems, structures and materials.

In the ground simulation testing, the uncertainties related to the environmental

models, effects parameters, simulation sources, preparation of devices or samples,

Table 5 Combined

evaluation of uncertainty

factors in ground simulation

testing

Combined effect Probability

I Common, severe

Often, severe

II Often, medium

Common, medium

Little, severe

Little, medium

Often, slight

III Common, slight

Little, slight
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measurement instruments, facility parameters, and procurement processes and

device reproducibility can bring the problem of the effectiveness of the ground

simulation testing.

By dividing the uncertainty factors into systematic and random and giving them

a combined evaluation, some countermeasures, such as improving the ground

simulation methods, using ground simulation facilities with high reliability and

stability, establishing scientific operation criterion, etc., should be adopted to

improve the effectiveness of ground simulation testing.

At last, further research and studies should be done on the synergistic effects

between space environments.
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Research on Vacuum Outgassing

of a Cable Material for Spacecraft

Applications

Jialong Dai, Dongsheng Yang, Xiaoxue Yuan, Zhong Yi, Lifei Meng,

Weiguo Zang, Yu Bai, and Qian Yu

Abstract Degradation of parts in thermal vacuum testing may happen through

contamination by outgassed products. Vacuum outgassing tests for a cable material

were systemically conducted and two parameters of the cable material, namely the

TML and the CVCM were measured at three temperatures after outgassing tests in

vacuum environment. CVCM curves at various times at 65 �Cwere evaluated and the

components of the cable material at three temperatures were tested. The results from

these tests provided the condition and criterion of the end of vacuum bakeout test.

Keywords Vacuum outgassing • TML • CVCM

Introduction

With the extensive development of spacecraft, during long term flights, the space-

craft are facing serious contamination problems that may jeopardize the mission

goals. Spacecraft operate in hostile environments that may include sunlight,

charged particles, debris and micrometeoroids, and self-contamination. These envi-

ronments adversely affect thermal and optical properties of spacecraft surfaces.

Operational experience had shown that performance of radiators, solar power arrays

and optical elements of sensors are degraded by contamination. As mission dura-

tions increase, along with increased requirements for spacecraft design and opera-

tion, contamination becomes a substantial problem.

Degradation of a number of parts was studied in a thermal vacuum test. This

report describes the results of a study of performance degradation of parts occurred

during a thermal vacuum test through contamination. A series of vacuum
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outgassing tests for a cable material were performed, with two parameters of the

cable material, namely the TML and the CVCM, being measured at three temper-

atures after outgassing tests in vacuum environment. CVCM curves at various times

at 65 �C were evaluated and the components of the cable material at three temper-

atures were tested. The results from these tests provided the condition and criterion

of the end of vacuum bakeout test.

Effect of Molecular Contamination

Spacecraft contamination can generally be divided into two categories: molecular

contamination and particulate contamination. The former category means that the

contaminants form a single molecular film layer. Some volatiles and condensable

substances have already accumulated on the surface before the spacecraft launch.

Under vacuum environment, the volatile condensable materials (VCM) come out of

non-metallic materials and can be transported to anywhere on the spacecraft. If

VCM are deposited onto the surface of solar arrays, the output power of solar arrays

is reduced. In general, the effects of contamination can be summarized as follows:

1. Functional performance of surfaces will degrade due to the deposition of con-

taminants. For example, emissivity of thermal control surfaces is impacted by

contaminant deposition that, in turn, may lead to temperature increases of such

contaminated surfaces.

2. The contaminants may accumulate in certain areas leading to corona discharge

events in such situations.

3. Organic contamination deposited on optical systems can degrade the signal

through reflection, scattering, interference and absorption.

4. The deposited contamination films upon irradiation by solar vacuum ultraviolet

(VUV) may darken, changing further the optical and thermal optical properties

of the functional surfaces.

Vacuum Outgassing of Cable Materials for Spacecraft

Sheaths of electrical cables that are used widely on satellites were selected for this

study. The sheath samples were cut to 3 cm long segments and thermally tested

between �55 and +150 �C. Phthalate and siloxane were identified as the main

contaminants in the satellite thermal vacuum tests and solar array thermal vacuum

tests. A possible source of methylphenylsiloxane in the solar array thermal vacuum

test is that it may come from the solar cell adhesive.

The main accent in this research program was put on the following:

1. TML and CVCM were measured of the cable sheath material at three different

temperatures.
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2. CVCM of the material and its variation in time were measured.

3. The outgassing components of the material at three different temperatures were

identified.

The Vacuum Test of Material Volatile

Molecular contaminants can degrade the performance of spacecraft systems by

changing the optical properties of optical materials and thermal control surfaces.

Some systems of the satellite were shut down during the thermal vacuum test. Upon

completion of the thermal vacuum test, the outgassing test was conducted.

The outgassing vacuum test facility in our department was used to obtain the

material’s TML and CVCM at different. The sample holder includes nine cells to

accommodate specimens. The cells temperature can be maintained from 35 to

125 �C. Most of the outgassing tests of materials were carried out using this

equipment.

The time-dependent curve of the CVCM was measured. The QCM sensor was

used to collect essentially the outgassed species.

A gas chromatograph-mass spectrometer (GC-MS) was used to analyze the

components of the CVCM. The contaminants were collected on the specimen

collectors.

Test Results and Analysis

Vacuum Test Results of Material Volatile

Tables 1, 2, 3, 4 and 5 present the results of the conducted testing.

According to data in the above tables, the TML change vs. test time at different

temperatures was plotted and is presented in Fig. 1.

Summarizing the data in Fig. 1, the following conclusions can be drawn:

1. During the outgassing test for 24 h in vacuum, the mass of cable material is

decreased.

When the outgassing temperature is 65 �C, the TML is 1.2% and the CVCM is

0.02%.

When the outgassing temperature is 85 �C, the TML is 1.33% and the CVCM is

0.02%.

When the outgassing temperature is 105 �C, the TML is 1.64% and the CVCM

is 0.16%.

2. The outgassing rate increases with temperature but this increase is non-linear.
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Components of the CVCM

A QCM sensor was used to measure the CVCM kinetics at a constant temperature.

With the QCM temperature set to 25 �C the QCM frequency remained constant in

time after a 4 h exposure, implying that contaminants did not deposit on the crystal

surface. This result confirmed that data of the QCM at 25 �C could not be used to

provide the criterion for the end of the vacuum bakeout test.

Table 1 Weight at different

temperature and test time
Test time

Weight (g) at

65 �C 85 �C 105 �C
0 h 3.54879 3.58362 3.49919

24 h 3.50628 3.53592 3.44164

46 h 3.50469 3.53411 3.43924

68 h 3.50375 3.53245 3.43801

Table 2 TML at 65 �C Test time Change of mass (g) TML (%)

24 h 0.04252 1.20

46 h 0.04411 1.24

68 h 0.04504 1.27

Table 3 TML at 85 �C Test time Change of mass (g) TML (%)

24 h 0.04771 1.33

46 h 0.04951 1.38

68 h 0.05118 1.43

Table 4 TML at 105 �C Test time Change of mass (g) TML (%)

24 h 0.05754 1.64

46 h 0.05995 1.71

68 h 0.06118 1.75

Table 5 Collector weight at different temperature after 24 h

Initial weight (g) Post-test weight (g) Mass change (g) CVCM (%)

65 �C 8.54722 8.54744 0.00022 0.02

85 �C 8.73077 8.73095 0.00018 0.02

105 �C 8.39533 8.39714 0.00181 0.16
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Ion Chromatography Analysis of Contaminants of the Cable
Sheath at Various Temperatures

The byproducts of the outgassing testing after 65, 85 and 125 �C were analyzed on

the MS-GC system, with the results presented in Figs. 2, 3 and 4. Analyzing the data

in Figs. 2, 3 and 4, it is clear that the outgassing deposits are not the same at various

temperatures. Thus at 65 �C, the deposits are mainly phthalic acid esters (PAEs) and

some siloxane groups. At 125 �C while the types of deposits are the same as at

65 �C, their amount are different, with the amounts collected at 125 �C being higher

than at 65 �C.
PAEs are often found in the contaminants during the vacuum thermal testing of

satellites and solar arrays. They are widely used in cables and plastics. PAEs are

harmful for transmittance of the optical test equipment. Because they are exten-

sively used, it is difficult to control or eliminate the contamination by PAEs in

space.

Siloxane is another main contaminant in this test. It is widely used in adhesives

and thermal control paints. The deposition rate of siloxane is increased if vacuum

ultraviolet radiation is also present. The contaminant film deposited on sensitive

surfaces has a dark appearance.

Conclusions

A vacuum outgassing test of a cable material was conducted. The TML and CVCM

of the cable material were measured at three temperatures after the outgassing tests

in vacuum environment. Based on the collected data, the following conclusions

could be drawn for the bakeout conditions of the cables:

Fig. 1 TML vs. test time for the cable sheath at different temperatures
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Fig. 2 Chromatography analysis of the contaminants from the cable sheath at 65 �C

Fig. 3 Chromatography analysis of the contaminants from the cable sheath at 85 �C
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1. It is save to set the bakeout temperature to 65 �C because siloxane volatiles come

out at 85–125 �C
2. The contaminants evaporated at 65 �C do not deposit on the QCM crystal at

25 �C
3. The QCM data measured at 25 �C cannot be used to provide the criterion for the

end of the vacuum bakeout test.

4. After the 24 h bakeout test at 65 �C, the outgassing rate of the cable material is

close to saturation. This time and temperature provide the condition and criterion

for the vacuum bakeout test.
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A Method for Locating Space Debris Impact

Source Based on PVDF Films

Zhenhao Liu, Jianmin Wang, Fanjin Kong, Wugang Liu, and Haibo Li

Abstract With the continuing development of space activities, the total number of

space debris is increasing at an alarming rate, which greatly threatens the orbiting

spacecraft. Confirming the location of space debris impact on a spacecraft is

important to efficiently repair the damage and increase the life of the spacecraft

on orbit. Polyvinylidene fluoride (PVDF) is a permanently polarized piezoelectric

polymer material with a high molecular weight. A charge signal will be generated

when a pressure load is applied to the surface of the PVDF film. In addition, a high-

velocity projectile impacting the PVDF film will produce very rapid irreversible

local depolarization in the foil volume destroyed by the projectile. It will also

generate a large charge signal. The PVDF film can be applied in space for detection

of impacts due its excellent characteristics like high piezoelectric efficiency, stable

temperature characteristics, good radiation resistance capacity, wide frequency

range, to name a few.

Presently, research is being conducted on position-sensing PVDF sensors aimed

at detection of cosmic dust impacts. In this paper, based on the related research in

the world, a method for locating the space debris impact is proposed. In this

method, a number of narrow aluminum foil strip electrodes are plated orthogonally

on the positive and negative surfaces of the PVDF film. A gap exists between two

strips on the same side of the PVDF film. Each strip electrode on the PVDF film is a

channel and the electrical charge is extracted by a conductive wire. The response

amplitudes of the generated signals and the impact occurrence times detected from

the channels located at the impact site are different from the signals from other

channels in the developed matrix. The electric charge signal is translated to voltage

signal via a demodulation circuit and the output signal of each channel is collected

by the data acquisition system. The data from the impacted channels is acquired and

the intersection of the affected channels identifies the location of the impact. The

method provides a theoretical basis on PVDF position sensing and on-orbit space

debris detection.
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Introduction

With the continuing development of space activities, the total number of space

debris is increasing at an alarming rate, which greatly threatens the orbiting

spacecraft. Being able to pinpoint accurately the space debris impact site on a

spacecraft is an effective method to ensure the security of the spacecraft and

astronauts. If such accidents can be found quickly by the ground control center,

emergency measures can be applied in an efficient way. To deal with the threats of

space debris, a number of on-orbit monitoring technologies are developed, such as

acoustic emission, acceleration signal detection, thermal imaging detection, fiber

optic sensor, ferroelectric thin films, etc. [1]. The acoustic emission technology has

a good potential for application in the space debris on-orbit sensing field because of

its insensitivity to the structure shape and good environmental adaptability. How-

ever, some factors associated with the installation and protection of the acoustic

emission sensors may impose some restrictions in their application.

Polyvinylidene fluoride (PVDF), a high molecular weight polymer, is a perma-

nently polarized piezoelectric material. The PVDF film can be applied in space

debris impact detection due to the advantages of high piezoelectric efficiency,

stable temperature characteristic, good radiation resistance capacity, wide fre-

quency range, and so on. A high-velocity projectile impacting the PVDF film will

produce very rapid irreversible local depolarization in the foil volume destroyed by

the projectile and generate a large charge signal. Thus, the impact information

could be acquired by using this characteristic. NASA had used the PVDF for

detecting the position of cosmic dust impacts and developed a concept of

two-dimensional PVDF [1–3]. Based on this concept, a method for location of

high-velocity impacts of space debris is researched in this paper to provide more

theoretical basis on PVDF position-sensing and on-orbit space debris detection.

Typical PVDF Detector

SPADUS Detector

NASA and Chicago University developed a Space Dust Experiment (Spadus) for

measurement of the distribution of man-made and natural dust in the near-earth

space for flight on the P91-1 Advanced Research and Global Observation Satellite

(ARGOS) shown in Fig. 1. Sixteen pieces of PVDF film were put on the surface of

the detector as a piezoelectric sensor. The thickness of each film was 6 μm and the

area was 36 cm2. The impulse signal was generated with the depolarization effect

when the PVDF film was penetrated by dust particle. In SPADUS, the impact
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velocity of a dust particle could be acquired by measuring the time interval of two

impulse signals generated by a particle penetrating two pieces of PVDF film

successively, that is why the method was called Time of Flight (TOF). In addition,

the mass of the impact particle could be acquired by analyzing the shape of the hole.

In 739 days of on-orbit operation, SPADUS has detected 368 impact accidents,

including 35 impacts on the matrix of PVDF detector, and allowed 19 particle’s
impact velocity calculations [2, 3].

PINDROP Detector

After the accident of the Columbia space shuttle, NASA developed a LAD-C

project and explored a space detector named PINDROP shown in Fig. 2. This

detector was based on the principle of acoustic emission technology but the sensor

array consisted of PVDF film sensors. Corsaro [4] designed ten types of different

PVDF sensors and used a number of materials like aluminum alloy, Kevlar, PET

film, et al. The space debris impact signals were collected successfully by these

sensors. After termination of the LAD-C project [5], PINDROP was improved by

NASA, by adding a thin film resistant to micro debris. At present, the research on

this detector is in progress.

DUCMA Detector

DUCMA detector, which had flown on Vega-1 and Vega-2, was used for taking

count of dust impacts and mass analysis from the comet Halley [6]. The thickness of

Fig. 1 SPADUS detector

A Method for Locating Space Debris Impact Source Based on PVDF Films 511



the PVDF films selected for DUCMA was 28 μm, including a 75 cm2 M-type

detector and a 3.8 cm2 V-type detector shown in Fig. 3. The M-type was used for

space debris detection and the V-type was used for acquiring the noise signal. The

event when the M-type detector got a signal and V-type detector didn’t, was the real
impact signal from space debris and it was considered as a detection. When the two

detectors generated two signals at the same time, it would be a noise from

mechanical vibration and this event was deleted.

Fig. 2 PINDROP detector

Fig. 3 DUCMA detector
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Detecting Principle of PVDF Film

PVDF films have an extensive potential for space detection. The advantages of

PVDF are described below:

• Good manufacturing ability. The thickness could be 5 μm–1 mm;

• A wide frequency range (10�5–10�9 Hz at room temperature);

• High impact strength to measure the shock wave;

• Relative permittivity is low but piezoelectric constant d33 is high;

• Soft and diligent. It is 30 times softer than the piezoelectric ceramics PZT and

lots of complex shapes could be made;

Based on these advantages, PVDF films have been used commonly in a lot of

fields.

PVDF sensor has a volume polarization P, taking 5 μC/cm2 as an average value.

The approximate connection between the area of the center hole A and signal

amplitude of electronic charges N is:

N eð Þ ¼ 3:1� 105A; ð1Þ

Based on abundant testing, the relation between N, particle velocity v, and mass

m is:

N eð Þ ¼ k � m gð Þa � v km=sð Þb; ð2Þ

where k, a, b are constants. They could be determined from calibration tests.

Chicago University had finished calibration tests with iron particles on 28 μm
PVDF films. The electronic charge N was described as:

N 28μmð Þ ¼ 6:94� 1014m gð Þ0:9v km=sð Þ1:05: ð3Þ

This equation is commonly used in engineering calculations of PVDF

detection [7].

Locating Method Based on PVDF Films

NASA developed position-sensing PVDF dust detectors named two-dimensional

PVDF films in 1986, which are successfully used for detecting cosmic dust [3]. The

sensor is shown in Fig. 4.

We modified this method [8] and developed a method for high-velocity space

debris location that is described in this paper. Narrow strips of aluminum foil

electrodes are plated on the positive and negative sides of the PVDF film. Small

distances are kept between the electrodes. All the electrodes on each side of PVDF

film are in the same direction and the angle of the electrodes between the two sides is
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90�. When a pressure load is created in a region of the surface with the electrodes, a

positive electric charge is generated on the positive side and negative electric charge

is generated on the other side [9, 10]. All electrodes are connected to individual

channels and the output signal of each channel could be acquired due to a demodu-

lation circuit thus providing information on the location of the impact in the generated

electrode matrix. When the space debris is large, multiple channels are affected.

Therefore, the channels affected by the impact of a particle on both sides of the PVDF

film, could be identified by reading the response signal of each channel. The center

location of the impacted channels is the impact location. The principle is shown in

Fig. 5 and a PVDF film sensor sample was developed based on this principle.

Fig. 4 Position-sensing

PVDF dust detector

Fig. 5 Principle of PVDF

film based sensor for impact

location
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Conclusions

In summary, we investigated the use of typical PVDF detectors, for detection of

large size space debris by modifying the design of the PVDF film detector. While

the PVDF films, based on the piezoelectric effect they exhibit, are commonly used

in meteoroid and space dust detection, for space debris larger than 1 mm they need

to be modified. The two-dimensional PVDF films used for cosmic dust location

could be extended to detect space debris of large diameters. A signal acquisition

circuit and related experiments will be explored later to understand the response

from such structures. This research could provide more theoretical basis on PVDF

position-sensing and on-orbit space debris detection.

References

1. Wang Q (2012) Research on sensing technologies of space debris in orbit based on PVDF.

Harbin Institute of Technology, Harbin

2. Tuzzolino AJ, McKibben RB, Simpson JA et al (2001) The Space Dust (SPADUS) instrument

aboard the Earth-orbiting ARGOS spacecraft: I—instrument description. Planet Space Sci

49:689–703

3. Tuzzolino AJ, McKibben RB, Simpson JA et al (2001) The Space Dust (SPADUS) instrument

aboard the Earth-orbiting ARGOS spacecraft: II- results from the first 16 months of flight.

Planet Space Sci 49:705–729

4. Corsaro R, Giovane F, Tsou P et al (2004) PINDROP an acoustic particle impact detector.

Orbital Debris Q News 03:3–4

5. Liou JC, Burchell M, Corsaro R et al (2009) In situ measurement activities at the NASA

Orbital Debris Program Office, Darmstadt

6. Cao G (2007) Development of Space-micro-debris detector. The Chinese Academy of Science,

Beijing

7. Yuan Q (2005) Research of space debris detector. The Chinese Academy of Science, Beijing

8. Liu W, Pang B, Wang Z et al (2008) Technique advances about space debris in-situ impact-

sensing-system. Struct Environ Eng 01:57–64

9. Simpson JA, Rabinowitz D, Tuzzolino AJ (1989) Cosmic dust investigations: I. PVDF detec-

tor signal dependence on mass and velocity for penetrating particles. Nucl Inst Methods Phys

Res 03:611–624

10. Simpson JA, Tuzzolino AJ (1989) Cosmic dust investigations II. Instruments for measurement

of particle trajectory, velocity and mass. Nucl Inst Methods Phys Res 03:625–639

A Method for Locating Space Debris Impact Source Based on PVDF Films 515



“Meteor” Sensors Mounted on a Small

Spacecraft AIST

M. Telegin, N.D. Semkin, and L.S. Novikov

Abstract At present, developers of space technology are paying great attention to

small spacecraft. These satellites can be used for testing various technical solutions,

as well as for scientific research. One of these satellites is a small satellite AIST.

The major payload on the AIST satellite consists of scientific equipment METEOR

that represents a set of six parametric sensors with a primary purpose to measure

high-velocity micro-particles in the near-Earth space. The study of high-velocity

micro-particles, i.e. the particles of space debris and micro-meteoroids, is a vital

objective due to the consequences of their impact on the spacecraft. Micron-size

particles having a velocity of several km/s may impair significant damage on the

spacecraft equipment. If one knows the distribution of the high-velocity micro-

particles in the Earth orbit, their collisions with the spacecraft can be simulated and

the negative effects from the impacts minimized. Our results were obtained by

measuring the surface temperature of the spacecraft which is the initial data on the

micro-meteoroid environment in the Earth orbit.

Keywords Spacecraft • Space debris • Micrometeoroid • Sensor • Satellite

Introduction

During the time in orbit, the spacecraft (SC) are exposed to streams of dust

particles. The following effects are observed during the interaction of the particles

with materials and structural elements: surface erosion, spacecraft surface contam-

ination by the precipitating particles generated by own outer atmosphere (OOA),

increased light background in the vicinity of SC due to the scattering of light by

OOA particles and luminescence, leakage current increase of open high-voltage

devices and decline in their electric strength [1].
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Recently, there has been a trend of an increasing concentration of man-made

high-velocity debris in the low Earth orbit space [1–3]. Given the increasing

demands on the reliability and durability of spacecraft, as well as the emergence

of many new materials, further development of the research into the interaction

mechanisms of small particles with material elements of spacecraft is essential

[3, 4]. To determine the parameters of micrometeoroids and space debris, we need

sensors that are able to convert shock impact into electrical signals.

Based on the articles and reviews describing experiments with high-velocity

particle detectors of various designs in laboratory and in field conditions and

theoretical studies of physical phenomena underlying the operation of such trans-

ducers, all physical phenomena used in the instrumental measurement methods can

be classified as follows: physical phenomena associated with the mechanical

motion of the object under investigation; physical phenomena associated with the

properties of the object as a material particle; physical phenomena associated with

the properties of the electric charge in the object of study.

There are a number of ways and based on them methods and systems for

detection of dust particles. Thus, methods based on particle interaction with the

device are divided into contact and contactless. Methods using convertors are

characterized by having one informative output dependence or more. Methods

using the speed and the duration as parameters differ according to generated output

pulse signals.

In practice, the ionization method is the most sensitive to the effects of interac-

tion of micro-meteoroids with surfaces of the spacecraft.

Description of the Experiment

In 2013, two small “AIST” satellites were launched into the Earth orbit [5]. Each

one of them (Fig. 1) was equipped with a scientific instrument METEOR, equipped

with six multi-parameter sensors, the primary purpose of which was to register

high-velocity micro-particles in the near-Earth space.

Each of the multi-parameter sensors on METEOR has a temperature sensor, an

ion gauge for high-speed dust particles, a solar sensor, and an electrification sensor

(Fig. 2).

Figure 3 shows the structure of the ionization sensor, the key elements of which

are the target 4 with effective yield of ions and the collecting electrodes 4.

In laboratory, several series of experiments with the ionization sensor using an

electro-dynamic accelerator system were conducted (Fig. 4). The characteristic

ionization pulse induced on the collecting electrodes is shown in Fig. 5.

A generally adopted characteristic curve for the ionization sensor is a curve

displaying the ratio of ionic charge to particle mass vs. particle velocity. This curve

for the above-mentioned sensor is shown in Fig. 6.

During the experiment, the position of the METEOR instrument was changing

every 45 min between the sunny and the shade sides of the Earth. The position of
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the sensor at each moment of time can be estimated by the appropriate temperature

and solar sensors.

According to the temperature sensors, the maximum temperature was 47 �C and

the minimum temperature was 10 �C. Data measured by the temperature sensors

has a periodic character (“shadow-light”) depending on the flight time of the

Fig. 1 The model of small “AIST” satellite with the METEOR scientific instrument locations

marked on it

Fig. 2 Block diagram of the apparatus METEOR
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Fig. 3 Block-diagram of the ionization sensor. 1 grounded grid, 2 ionization sensor electrodes,

3 attachment of the target, 4 target (steel), 5 insulator, 6 aluminum, 7 amplifier with an ionization sensor

Fig. 4 Accelerator system for simulation of hypervelocity particles [6]. Key Features: Effective

accelerating voltage: ~735 kV; Particles velocity 15 km/s; particles mass: 10�12–10�15 g
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satellite. The local maxima of the temperature data correspond to exposure of SC to

the Sun.

The electrification sensor is a condenser transducer; its top plate is exposed to the

charged particles in space. The area of the electrifying plate is 22.75 cm2.

Converting the capacity per 1 m2, one can get about 6 kV potential for AIST.

These experimental results are in good agreement with the results obtained by

simulation.

Fig. 5 Ion pulse: 1 component of the charge, 2 ion constituent

Fig. 6 Dependence of Q+/m vs. particle velocity
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Because of a lack of power onboard the SC AIST, sensors operate continuously

only for 2 h in a 2–3 day span operation. The rest of the time AIST fulfills other

scientific and housekeeping tasks. As a result of operation of the METEOR

equipment within this specified time, several events were recorded, about 15 of

which can be classified as high-velocity micro-particles impact.

Conclusions

By monitoring the multi-parameter sensors consisting of a temperature sensor, an

ion gauge for high-speed dust particles, a solar sensor, and an electrification sensor

on the METEOR instrument flown on the AIST microsatellite in Earth orbit

important information on the microparticle impacts and the surrounding conditions

was collected.

A linear relationship was found between the ratios of ionic charge to particle

mass vs. particle velocity. A number of events were recorded during the operation

of the METEOR equipment within the specified observation time, with about 15 of

which could be classified as high-velocity micro-particles impact. According to the

temperature sensors, the maximum measured temperature was +47 �C and the

minimum temperature was +10 �C. The data from the electrification sensor

suggested that the formed potential from the impacts is around 6 kV that is in

good agreement with the results obtained by simulation.
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Hypervelocity Impact Response of Al-Sc

and Al-Ti Targets

Peiji Li, Weigui Zhang, Liangju He, and L.S. Novikov

Abstract Al-Sc and Al-Ti semi-infinite targets were impacted by stainless steel

projectiles with velocity range of 0.6–1.9 km/s. It was found that the Al-Sc targets

demonstrated a much better ability to resist hypervelocity impact. It is concluded

that different microstructures of Al-Sc and Al-Ti alloys, including different grain

sizes and secondary particles precipitated in the matrix, result in their greatly

different abilities to resist impact.

Furthermore, the effect of the size range of nanoscale Al3Sc precipitates in Al-Sc

target on the resistance of hypervelocity impact was investigated. Simultaneously,

the response of Al3Sc precipitates on shock wave propagation generated by hyper-

velocity impact was analyzed.

Keywords Hypervelocity impact • Al-Sc target • Al-Ti target • Al3Sc particle

Introduction

Aluminum (Al) alloys are widely used as structural materials for airplanes and

space vehicles, due to their low density, high specific strength and high specific

modulus. Because of the importance of Al alloys in spacecraft and the inevitability

of hypervelocity impacts between spacecraft and micrometeoroids or space debris,

the studies of hypervelocity impact behavior of Al alloys has always been carried

out [1, 2]. Al alloys containing Sc represent a new generation of high-performance

alloys that display numerous advantages over high strength Al alloys [3]. These

Sc-containing Al alloys have been proved to be attractive materials for applications

in the aerospace industry. However, until now, little is known about the
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hypervelocity impact response of the Al-Sc alloy. Only in recent studies, the impact

deformation behavior of several kinds of Al-Sc alloys was studied by employing the

compression split Hopkinson pressure bar (SHPB) [4–6]. Impact deformation

behavior and microstructural evolution were investigated and the constitutive

equations of Al-Sc alloys were elaborated in their works. However, the SHPB

test cannot substitute the hypervelocity impact test. Lately, the residual microstruc-

tures and impact responses of Al-Sc alloys have been investigated and compared

with Al-Ti alloys using the hypervelocity impact test [7, 8]. Nevertheless, the

influence of the size range of nanoscale Al3Sc particles on the hypervelocity impact

was not involved. In addition, the response of Al3Sc particles on the shock wave

propagation was not analyzed as well.

The present study is aimed at studying the hypervelocity impact response of the

Al-Sc target by comparing the results to those from the Al-Ti target. Also, the effect

of material microstructures on the impact characteristics will be illustrated.

Experimental Procedures and Simulation Methods

Samples of Al-1.0wt.%Sc alloy and Al-1.0wt.%Ti alloy (referred to as Al-Sc and

Al-Ti, respectively, in the following) were obtained by adding master alloys

Al-2.12wt.%Sc and Al-2.15wt.%Ti to pure Al (99.99%), respectively, with

annealing for 1 h at 450 �C after finishing the solution treatment for 3 h at

600 �C. The projectiles were carefully selected stainless steel spheres with a density
of 7.9 g/cm3 and a diameter of 0.8 mm, which is a typical size of space debris in the

near Earth space. These projectiles were launched from a two stage light gas gun

with impact velocities from 0.5 to 6 km/s.

The samples were carefully cut and polished through the middle of the formed

craters. The crater geometries were measured from these sections. Metallographic

observations and analysis was performed using NEOPHOT 32 microscope system.

Thin foils for transmission electron microscopy (TEM) examination were prepared

by grinding sections of samples, punching out 3 mm diameter discs and

electropolishing them in a solution of 30 vol.% nitric acid in methanol at �30 �C
and 16 V. The foils were examined in a 2011 TEM at 200 kV. Vickers

microhardness was obtained using THV-30S microhardness tester. The load of

10 gf and a dwell time of 15 s were employed during microhardness measurements.

Results and Discussion

Figure 1 shows cross-sections of the Al-Sc and Al-Ti targets impacted by the

stainless steel projectiles with velocities of 0.8, 1.0, 1.2 and 1.5 km/s. Consistent

with reported results [9], there is a protuberance around the crater of the target. If

the projectile is hard and has a comparatively high melting temperature while the

target is comparatively soft, a whole projectile can be found in the crater after the
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impact with a comparatively low velocity of ~1 km/s. The projectile was used to

impact the Al alloy in this research with the impact velocity lower than 2 km/s.

Therefore, the projectile was found in the crater in most of the experiments. The

absence of projectiles in Fig. 1a, g is due to fact that they fell out during the sample

preparation procedures. Actually, after high-speed impact, these two samples

contained projectile in their craters.

The parameters of the craters of the samples were measured according to

definition of reference [7] and the relationship between the crater depth and the

impact velocity was obtained (see Fig. 2). As shown in Figs. 1 and 2, the crater

depth of the Al-Sc target is smaller than that of the Al-Ti target at the same impact

velocity. And as the impact velocity increases, the increment of the crater depth for

the Al-Sc target is smaller than that for the Al-Ti target. Therefore, it is concluded

that the resistant ability to high-speed impact of the Al-Sc target is higher than that

of the Al-Ti target in this experiment.

A great deal of experimental work on examinations of impact crater shapes has

been reported. These studies usually adapt metallic projectiles as impact bodies and

Al alloy as targets which have practical consequences in structural materials in

space. Correspondingly, a wide range of empirical cratering equations has also been

developed (largely based on Al targets). Among the formulas, Eq. (1) is a typical

one [10]:

pc=dp ¼ c1 ρp=ρt
� �a1 vp=

ffiffiffiffiffiffiffiffiffiffiffi
Ht=ρt

p� �a2 ð1Þ

where pc is the crater depth, dp is the projectile diameter, ρp is the density of the

projectile, ρt is the density of the target, vp is the velocity of the projectile, Ht is the

hardness of the target, and a1, a2 and c1 are constants.
According to Eq. (1), the hardness of the target (Ht) plays a more important role

to influence the ability to resist high-speed impact. Reference [11] summarized the

Fig. 1 Cross-sectional optical images of impact craters in the Al-Sc and Al-Ti targets impacted by

0.8 mm diameter stainless steel projectiles. (a) sample A, Al-Sc, 0.8 km/s (b) sample B, Al-Ti,

0.8 km/s (c) sample C, Al-Sc, 1.0 km/s (d) sample D, Al-Ti, 1.0 km/s (e) sample E, Al-Sc, 1.2 km/s

(f) sample F, Al-Ti, 1.2 km/s (g) sample G, Al-Sc, 1.5 km/s (h) sample H, Al-Ti, 1.5 km/s
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depth of cavities and craters of many projectile/target systems, indicating that pc/dp
depends on the target strength (Ht). It is suggested that there are two main factors

leading to the notable difference in strength between the Al-Sc and Al-Ti targets,

which will be discussed later.

Typically, as the size of the grains in the material decreases, the number of grain

boundaries which prevent glide increases and the strength and hardness of the

material is enhanced, correspondingly. The general relationship between hardness

and grain size is as follows:

HV ¼ Aþ Bd�1=4 ð2Þ

where HV is Vickers hardness, A and B are constants and d is average grain

diameter. Obviously, the alloy hardness depends on grain size.

The microstructures of the Al-Ti and Al-Sc samples are shown in Fig. 3. As can

be seen from Fig. 3, there is a dramatic difference in the grain sizes between these

Fig. 2 Dependence between crater depth ( pc) and impact velocity (v0)

Fig. 3 Grain structure of original samples: Al-Ti (a) and Al-Sc (b)
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two alloys. The average grain sizes of the Al-Ti and Al-Sc targets are 85 μm and

25 μm, respectively. The grain size of the Al-Sc target is much finer than that of the

Al-Ti target that results in a higher hardness value compared with the Al-Ti target.

The TEM micrograph of the Al-1.0wt.%Sc alloy annealed at 450 �C for 1 h

(before impact) shows that there is a great deal of fine second-phase particles in the

Al-Sc matrix (Fig. 4). Though, no such particles were found in the Al-Ti target. The

particles in the Al-Sc target were proved to be secondary Al3Sc, which was also

confirmed in our previous studies [7]. Due to the similarity between the crystal

lattices of the Al matrix and the Al3Sc phase in terms of structure and dimension,

the Al3Sc particles precipitate homogeneously with a very high density as stable

spherical particles fully coherent with the matrix that provides a considerable

increase in strength to Al alloys. It can be seen from Fig. 4 that secondary Al3Sc

particles are distributed uniformly in the Al matrix after annealing. The Vickers

hardness of the Al-Sc and Al-Ti targets before impact is HV67 and HV30,

respectively.

Based on the law of dynamic behavior of materials, it is inferred that the

microstructure of a material has a significant effect on the penetration of projectiles

in the target. In order to investigate the relationship between microstructure of the

material and impact behavior, comparative impact tests of Al-Sc targets under

different heat treatment conditions were carried out. Then the effect of the grain

sizes and the secondary phase particles were examined. The results of the impact

experiments were plotted in the coordinates by making the dimensionless ballistic

velocity as the X-axis and the crater shape factor as the Y-axis (see Fig. 5a). By

carefully examining the results, several conclusions can be obtained:

1. The Al-Sc target which was not subjected to heat treatment and the Al-Ti alloy,

which was either subjected to heat treatment or not, are all close to the fitted

curve 1. Though, the Al-Sc alloy which was subjected to heat treatment is close

to the fitted curve 2. It is obvious that curve 2 represents higher resistive ability

to hypervelocity impact.

2. The samples corresponding to data points near curve 1 do not have secondary

phase particles, the differences between which are the grain sizes. The hardness

Fig. 4 TEM photos of microstructures in Al-Sc target before impact
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differences resulted from different grains sizes are shown in the X-axis. This

demonstrates that the grain sizes show no direct influence on the penetration

depth of the crater produced in the impact process.

(3) The samples corresponding to data points near curve 2 are all heat treated

Al-Sc alloys, which shows a common obvious characteristic of secondary Al3Sc

precipitation reinforcement. Curve 2 is under curve 1, which demonstrates that the

precipitation of the secondary Al3Sc particle shows more influence on enhancing

the resistive abilities of the alloys than just on the hardness of the alloys, because

the hardness effect has been shown in the X-axis. The data points close to curve

2 can be divided into 2 regions. The data from samples with secondary Al3Sc

particles having their radii in the range 15–40 nm are scattered above or on both

sides of the curve, and there are more data points above the curve than under the

curve. Most of the data points corresponding to the grains with radii smaller than

15 nm are under the curve. According to reference [12], the secondary Al3Sc

particles with radii within the 15–40 nm range are transition particles. It means

that among these particles, some just began to lose their coherency with the matrix

and some have lost their coherency completely and turned into semi-coherent

particles. The secondary Al3Sc particles with radii smaller than 15 nm are all

coherent with the matrix.

In this experiment, as the size of second phase particles decreases, the degree of

dispersed precipitation increases, demonstrating the gradually improving resistive

ability to impact. The effect of different particle state on shockwave propagation is

illustrated in Fig. 5b, c. It is concluded that the secondary Al3Sc particles play a

predominant role on the hypervelocity impact process in addition to the grain size.

The secondary Al3Sc particles have two effects: (1) stabilizing the matrix structure,

and (2) acting as a source of dislocations, which reduces the deformation range and

improves the alloy hardening in the Al-Sc target. As a result, the ability of the alloy

to resist hypervelocity projectile impact is enhanced.

Fig. 5 Dependence between dimensionless crater depth ( pc/dp) and dimensionless impact veloc-

ity (vp/(Ht/ρt)
1/2) (a) and the effect of different particle state on shock wave propagation (b, c)
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To further investigate the response of secondary Al3Sc particles on shock wave

propagation, a hypervelocity impact test of Al-0.7wt.%Sc target annealed at 450 �C
for 30 min was carried out. Fig. 6a shows the relationship between the projectile

velocity (0.6–1.9 km/s) and the Vickers hardness of the target. The dotted line in

Fig. 6a is the original hardness before impact. As can be seen, hardness increases

first and then decreases when impact velocity increases. Hardness achieves the

maximum when the velocity is 1.1 km/s. When the impact velocity is less than

1.7 km/s, hardness is greater than the original hardness of the target. As impact

velocity increased and shockwave enhanced, the coherency between Al3Sc parti-

cles and Al matrix is destroyed, leading to a decrease in the precipitation strength-

ening of Al3Sc particles. Thus, the second phase particles have excellent resistance

to shockwave propagation in a certain velocity range; however, strengthening of the

second phase particles is reduced when impact velocity exceeds a critical value.

Figure 6a, b show the calculated shock pressure and temperature rise during the

hypervelocity impact process. The shock Hugoniot temperature rises from 350 K to

620 K when impact velocity increases and the temperature increment is 347 K,

which promotes the detachment of Al3Sc particles from the Al matrix.

Fig. 6 Relationship between the projectile impact velocity and hardness of the target after impact

(a), shock temperature (b) and shock pressure (c) rise at different impact velocity
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Conclusions

Al-Sc and Al-Ti targets were impacted by hypervelocity projectiles with a velocity

in the range of 0.6–1.9 km/s. The results show that the Al-Sc targets demonstrate a

better ability to resist to hypervelocity impact than the Al-Ti targets. It is concluded

that different microstructures of the Al-Sc and Al-Ti alloys, including different

grain sizes and secondary particles precipitated in the matrix, result in having

greatly different abilities to resist impact. For the Al-Sc targets, the Al-Sc alloy

containing Al3Sc particles with size smaller than 15 nm exhibits the best ability of

resisting high-speed impact. Besides, the Al3Sc particles have excellent resistance

to shockwave propagation at a certain speed range; while, strengthening of particles

is reduced when impact velocity exceeds a critical value.
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Thermal Control and Shield Design

for the Instrumental Module of the X-Ray

Pulsar Navigation Sensor

Fuchang Zuo, Loulou Deng, Liansheng Li, Chunyu Wang, and Yanan Mo

Abstract TheX-ray pulsar navigation sensor represents a focal plane detector with a

controllable operation environment, meeting the operation requirements of the detec-

tor and electronics. The focal plane detector must operate at about�55 �C. The heat
generated by devices with a high heat consumption of the electronics, may result in

performance degradation or even a failure of key devices. The background radiation

of the X-ray detector mainly consists of charged particles (electrons, protons, ions,

etc.) and dispersed cosmic rays (X-ray, γ-ray, etc.), which will result in a background
noise of the detector, lowering the detector sensitivity, deteriorating performance of

the detector and electronics, thus even leading to damages and a failure.

The instrumental module, consisting of the detector, the preamplifier, the colli-

mator, the thermo electric coolers (TECs), the housing and the shielding layer, is

the critical module of the X-ray pulsar navigation sensor. A good thermal control

and shield design must therefore be provided for the instrumental module to

improve the sensitivity and ensure normal operation of the detector, as well as to

provide shielding from stray light, contamination, and background noise.

Firstly, the initial structure of the instrumental module was designed; on this

basis thermal design and thermal analysis were implemented. The temperature

gradient and temperature distribution in the detector instrument and electronics

were obtained. The thermal control measures and materials were selected, which

helped to provide a controllable thermal environment for the detector and electron-

ics. Secondly, shield design was developed in order to reduce the effects of space

background radiation on the detector. The shielding measures for electrons, pro-

tons, ions, and high-energy cosmic X-rays were proposed and appropriate materials

and their thicknesses were selected. Finally, the effectiveness of thermal control

was verified through computer simulation, providing guide lines for the design of

the X-ray pulsar navigation sensor.
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Introduction

The thermal control system is one of the important subsystems. Its function is to

control the temperatures of various electronic instruments and mechanical equip-

ment of the spacecraft in the required range, in order to ensure the normal on-orbit

operation of the spacecraft. The modern spacecraft thermal control subsystems

usually adopt the design schemes of passive thermal control and electric heating

active thermal control [1]. The thermal control subsystem is the key to ensure

normal operation of spacecraft in specific space thermal environments including

high vacuum, darkness, low temperature and various types of radiation [2].

The purpose of thermal control design is to release the adverse heat in the

equipment as much as possible, so the temperature of equipment is kept in a

specified range in its operating environment, ensuring the reliable and safe opera-

tion of the equipment, through optimizing the design of heat flow path, reducing the

thermal resistance between the equipment and the radiation environment, adopting

an effective cooler, as well as a radiator [3].

Thermal control technology includes passive thermal control and active thermal

control. The passive thermal control technology is an open loop control, in which

temperature of the object has no feedback. The structural material, surface coating,

thermal insulation material, phase change material and heat pipe are generally

adopted for the passive thermal control, which is simple and reliable technology,

with a long service life and good economical efficiency. The active thermal control

technology is a closed loop control, in which temperature of the object provides a

feedback for the thermal control mechanism. The shutter, heat pipe, electric heater

and switches are generally used for the active thermal control. This technology can

adjust the heat transfer characteristics of the controlled object in real time. Its

temperature regulation accuracy is high, but the service life and reliability are

restricted.

The focal plane surface detector must operate at about�55 �C. The devices with
high thermal power consumption in the electronics design produce high amounts of

heat. The accumulation of heat will result in performance degradation or even a

failure of key devices. Therefore, thermal control is necessary.

The space background radiation for the X-ray detector consists mainly of

charged particles (electrons, protons, and ions) and dispersed cosmic radiation

(X-ray, γ-ray) that will cause increased levels of background noise of the detector,

reduce the detector sensitivity, degrade the performance of the detector and elec-

tronics, and even lead to damages and a failure. Therefore, to improve the detection

sensitivity, the effect of background radiation must be reduced. The shield is an

important component of the instrumental module of the X-ray pulsar navigation

sensor.
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Instrumental Module Design

The instrumental module of the X-ray pulsar navigation sensor consists of the

detector, the preamplifier, the collimator, the thermal electric cooler, the base

plate, and the housing, as shown in Fig. 1.

Configuration

The focal length of the X-ray pulsar navigation sensor is 1200 mm. The focal plane

detector is placed on a support, as required by the distance to the optics. In a short

distance from the front of the detector, a collimator is mounted to shield the detector

from the radiation background. The preamplifier electronics boards are attached to

the reverse side of the detector support at a minimum distance for direct electrical

connection with the detector. The base plate is mounted below the detector support

separated by four 2-stage thermo electric coolers (TECs), and it plays the role of

heat conduction and radiation background shield at the same time. The TECs cool

the detector support, so that the temperature meets the requirements of detector

operation. The key requirements of the FPA are to provide a radiation, contamina-

tion, thermal and stray light shield for the FPAs. This is accomplished by a 5 mm

thick housing which completely surrounds the detector [4, 5].

Housing Collimator

Base plate Detector Preamplifier Cooler (TEC)

Fig. 1 Instrumental module
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Collimator

The paraboloid-type grazing incidence X-ray optics can reflect X-rays effectively in

their FOV and focus them on the detector which is mounted on the focal plane.

However, in practice, it can also reflect X-rays out of their FOV to the focal plane,

which will then hit the structures and serve as a background noise for the detector.

The collimator having a tube shape mounted in front of the detector can reduce

the effect of non-FOV X-rays, thus improving the detection sensitivity.

Detector Support

The detector is mounted on the support within an aluminum housing. The support,

made of aluminum, is placed on four 2-stage coolers to cool the detector to its

operation temperature. Material with high conductivity is added between the

detector and its support to better conduct the produced heat.

The optimum operation temperature of the detector with respect to radiation

damage in space was determined to be about �55 �C. Measures have been taken to

minimize the power consumption on the detector board and to thermally separate it

from the warmer environment. Accordingly, a thermal design has been developed

to achieve nearly the optimum detector temperature, with a minimized active heat

load of 0.8 W on the detector board.

Preamplifier Electronics

The detector has its dedicated preamplifier electronics. The preamplifier electronics

comprise one printed circuit board (PCB) accommodated in an aluminum housing.

In addition, the drive electronics for the TECs are also supplied on the same PCB.

The detector is connected via its 12 pin connector to the preamplifier electronics

board inside the electronics box. This board provides in addition the electrical

interfaces to other electronic subsystems for signal processing.

Thermal Control Design

The X-ray pulsar navigation sensor being developed includes a detector, which

needs to operate at a temperature below �55 �C in order to avoid the unacceptable

heat noise. This cooling is achieved through a sophisticated thermal design which

cools the detector with a combination of TECs [6].
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This section will describe in detail the thermal design necessary to maintain the

detector at its cold operation temperature while providing the means to reject the

heat generated by the TECs. It will focus on optimized techniques developed to

manage the parasitic loads, including material selection, surface finishes and

thermal insulation. This section will also address analytical techniques developed

to characterize the TEC performance. Finally, thermal simulation and analysis

results will provide the temperature of the key parts.

Thermal design of the focal plane assembly is the research focus due to the

important requirement for the operation temperature of the detector. To cool the

detector to the desired level, an appropriate cooling design is needed. According to

the above environmental characteristics, only passive cooling and active cooling

methods are needed to achieve the cooling demands. TECs are miniaturized solid-

state heat pumps capable of providing localized cooling to devices that require cold

temperatures for proper operation. Throughout the 1990s, TECs have become

relatively common devices in low noise amplifiers, star trackers, and IR (infrared)

sensors.

TECs provide cooling via the Peltier effect, which is cooling that results from the

flow of an electrical current through a junction formed by dissimilar metals. The

Peltier effect is the inverse of the Seebeck effect, the basis for the common

thermocouples. The simplest TEC consists of two semiconductors, one p-type

and one n-type, connected by a metallic conductor. For space application, TECs

have the advantages of simplicity, reliability, compactness, low weight, noiseless,

and absence of vibration. Unlike common heat pumps, these devices have no

moving parts. Their use in space is limited by their relatively low coefficient of

performance, particularly with large hot-to-cold-side temperature differences.

Because of their limited efficiency, they are best suited to situations with modest

heat loads, providing a cold temperature not lower than 150 K, and hot-to-cold-side

temperature differences lower than 100 �C.

Heat Pumped Requirements

Based on the given thermal boundaries of the detector, the quantity of heat pumped

is analyzed. The heat mainly consists of three parts. The first part is the power

dissipation of devices in the preamplifier electronics, Q1 ¼ 140 mW.

The second part is thermal radiation from the package of the focal plane

assembly to the detector,

Q2 ¼ ε σA Tp� Tdetectorð Þ ð1Þ

where ε is the infrared emissivity of the detector surface; Tp is temperature of the

package; ε ¼ 0:5; Tp ¼ 293 K; Tccd ¼ 218 K; Q2 ¼ 430 mW.

The third part is active power dissipation of the detector, including the detector

power and the internal cooler power, Q3 ¼ 3:7 mW þ 1:225 W ¼ 1:229 W.
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The total heat pumped requirements is the sum of Q1, Q2 and Q3:

ΣQ ¼ Q1 þ Q2 þ Q3 ¼ 1:235 W:

Because radiation is the fourth part of heat pumped, reducing the temperature of

the package is crucial to minimize the parasitic loads. A cold shield should be used

as the package to provide for cold environment.

Thermal Control System Design

As shown in Fig. 2, the telescope uses two distinct combined cooling methods to

maintain the detector below its required operation temperature in the environment

describe above. The cooling parts include an active cooling system and a heat

rejection system. Active cooling is achieved by some TECs and relevant control

circuits. The TECs are attached directly to the bottom surface of the detector

mounting structure to lower the temperature. The heat generated by these devices

is removed from the detector housing by a heat rejection system which consists of a

TEC base plate, flexible heat pipes, and radiators. As shown in Fig. 2, the telescope

uses two distinct combined cooling methods to maintain the detector below its

required operation temperature in the environment describe above.

The cooling parts include an active cooling system and a heat rejection system.

Active cooling is achieved by some TECs and relevant control circuits. The TECs

are attached directly to the bottom surface of the detector mounting structure to

lower the temperature. The heat generated by these devices is removed from the

detector housing by a heat rejection system which consists of a TEC base plate,

Detector

2-stage 
TEC

2-stage 
TEC

TEC base plate

PCB
Support

Thermal shield

Be window

Fig. 2 Schematic of

detector thermal control

system
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flexible heat pipes, and radiators. The TEC base plate supports the TECs and serves

as an interface plate between the hot sides of the TECs and the flexible heat pipes.

The flexible heat pipes transport the heat to a dedicated external radiator that is

utilized to reject the heat to space. Thermal resistance from the TECs hot sides to

the radiator is minimized to ensure the sufficient design margin. A cold shield is

needed to be used to provide for colder environment and it will be cooled to a

temperature lower than the housing temperature, with gold finished shield surfaces

to reduce heat radiation to the detector.

Active Cooling System

To improve reliability and to ensure the mechanical stability of the detector, four

TECs are utilized to actively cool the aluminum support of the detector. The heat

pumped requirements is 0.8 W for the detector cooled to �55 �C when the housing

temperature is 20 �C. Based on the loaded performance analysis, the TECs type was

selected. The TECs surface is made from the AlN material which has high thermal

conductivity and a good CTE match with the detector support. Figure 3 shows the

cut view of the detector assembly.

To improve the efficiency of the TECs, thermal resistance should be reduced, the

thermal transfer structure should be optimized, and thermal conductivity of mate-

rials should be improved.

Heat Reject System Design

To reject the waste heat of the TECs, a heat reject system is designed. The system

consists of one base plate, two flexible heat pipes, and one radiator for one set of the

Detector Support

TEC base 
plate

Four 2-stage 
TEC

Preamplifier 
electronics

Fig. 3 Cut view of detector assembly
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focal plane assembly. To reduce thermal resistance, the base plate is made of

molybdenum which has a high thermal conductivity and can match the coefficient

of thermal expansion (CTE) of the detector support and the TEC side ceramics.

Flexible heat pipes are utilized to transfer heat from the base plate to the radiator.

To minimize a mechanical load to the focal plane assembly due to vibration during

launch or in orbit, the heat pipes should be flexible. Two heat pipes are utilized to

achieve this design and to improve the reliability. The thermal resistance from the

hot side of the TEC to the radiator is about 0.8 K/W. The radiator is fixed outside the

instrument module. To minimize the absorbed space heat flux, thermal coating with

a low absorption and a high emissivity is adopted. The radiator is made of

aluminum honey-comb materials.

Thermal Insulation Design

To minimize the parasitic heat load to the focal plane, thermal insulation between

the detector and the housing and the electronics module must be optimized. To

reduce heat radiation from the housing to the detector, the inner surfaces of the

housing are gold-coated to reduce the surface emissivity. The focal electronics such

as the preamplifier and drive modules are placed under the detector support to

reduce radiation from the electronics to the detector. To minimize heat conduction,

a material with low conductivity is added between the electronics and the support.

To minimize the parasitic heat load from the hotter environment to the heat

rejection system which consists of heat pipes and radiators, a multi-layer-insulation

(MLI) is applied on their surface, except for the contact surface and the outer

radiator surface. Furthermore, thermal isolation spacers and screws made of low

thermal conductivity materials are utilized.

Thermal Analysis

The efficiency improvement of the TEC mainly depends on the heat dissipation,

heat transfer, and good structure design.

According to the operation requirements for the detector, the detector support

needs to be cooled to about 20 �C. The overall temperature of the instrument

module can be simulated based on the heat powers of the detector and the pream-

plifier. In addition, based on the cooling target temperature and different hot side

temperatures, power consumption of the TECs can be simulated by a FEM

software.

The simulated temperature distribution of the instrument module with the TEC

cold side temperature of 10 �C and hot side temperature of 50 �C is shown in Fig. 4.
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Figure 4 shows that the cold side temperature of 10 �C can meet the operation

requirements of the detector. However, assuming this temperature, the TECs power

and efficiency at different hot side temperatures are different, as shown in Table 1.

Table 1 shows that as the hot side temperature decreases, the TECs power is

reduced, but the TECs efficiency is improved. When it continues to decrease, it is

not necessary to keep the TECs working and only the cooler operating inside the

detector module can ensure the temperature requirements.
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Fig. 4 Temperature distribution in the instrument module

Table 1 Power estimation of the TECs

Hot side temperature (�C) TECs power (W) TECs efficiency (%)

50 21.07 37.5

40 19.87 44.5

30 18.68 50.8

20 17.47 56.3

11 16.39 60.9
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Radiation Shield Design

The detector used in the instrument module is a photon-counting detector with low

internal noise. Made of a low-radioactivity Si, the detector has an intrinsic internal

noise of only 0.04 counts cm�2 s�1 in the range of 2–150 keV. To benefit from the

low internal noise of these detectors, it is required to suppress other sources of

background radiation, such as stray UV and visible light, diffused X-rays and

γ-rays, particle-induced photons and charged particles. While relatively light-

weight baffle systems can control the non-penetrating radiation, suppressing the

penetrating radiation can require a significant mass in shielding. Furthermore,

adding more mass in shields, although effective in reducing the direct photon

contribution, can increase the induced background due to an extra amount of

material producing more particle interactions, cascades, and activation.

The detector has a small energy resolution and a non-negligible efficiency to

radiation more energetic than 10 keV. Preliminary estimates of the contribution of

diffused cosmic X radiation to the detector counting background showed that it is

necessary to shield against X-rays up to nearly 100 keV, in order to ensure that the

diffused X-ray background and bright sources would not exceed that of the Si

material intrinsic to the detector. For such hard X-rays, much of the instrument

module structure is transparent. Hence, the instrument module incorporates X-ray

baffles and a shielding collimator. In most instances, the X-ray baffles and shield

are nominally tantalum layers of 125 μm, as shown in Fig. 5. The inactive shield

only shields against background sources out of the light way of the optics. The

Detector

2-stage 
TEC

2-stage 
TEC

TEC base plate

PCB
Support

Ta
layer

Be window

X rays

Collimator

Fig. 5 Schematics of

detector radiation shield

system
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background radiation passing through the mirror by reflection is suppressed by a

magnetic diverter, which would be discussed in our future works.

Conclusions

According to the operation requirements for the instrumental module of the X-ray

pulsar navigation sensor, the initial structure of the instrumental module, including

the detector, the preamplifier, the collimator, the TECs, the housing and the

shielding layer, is designed. We focused on the thermal design and the radiation

shield design at the same time. The thermal control measures and materials are

selected, providing a controllable thermal environment for the detector and elec-

tronics. Thermal analysis is implemented to obtain the temperature gradient and

distribution in the detector, electronics and other structures. In addition, a shield

design is developed, in order to reduce the effects of space background radiation on

the detector. The shielding measures for electrons, protons, ions and high-energy

cosmic X-rays are proposed and the appropriate materials and their thicknesses are

selected. The effectiveness of thermal control is verified through computer simu-

lation, providing guide lines for the design of the X-ray pulsar navigation sensor

instrument module.
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Design and Simulation of aMagnetic Diverter

Structure for the X-Ray Detecting System

Liansheng Li, Chunyu Wang, Loulou Deng, Fuchang Zuo, Zhiwu Mei,

and Zhengxin Lv

Abstract Minimization of the charged particle background in the x-ray detecting

system is an important issue. Generally, there are four possible sources of damaging

radiation for x-ray detecting systems, namely: geomagnetically trapped electrons,

galactic cosmic ray particles, solar flare events, and onboard radiation sources that

always cause noise and damage to the performance of the payload of a spacecraft.

In order to alleviate the background noise of the x-ray detecting system, a magnetic

diverter is proposed to shield the electrons. The main idea of this method is, using

the Monte Carlo method, to follow the tracks of all the electrons and determine

whether the electrons collide with the x-ray tube, how they collide, and other

parameters of this collision. The number of deflected electrons can be obtained

by computing all the physical parameters of electrons. As a result, the shielding

efficiency of background noise can be calculated.

Firstly, the electron motion can be classified into the following three types:

(1) electrons hit the detector directly, (2) electrons hit the rest of the area of the

detector plane except for the active area of the detector, and (3) electrons hit the

inner wall of the x-ray detecting system tube. In addition, in accordance with the

relativity principle, the velocity of different electrons with different energies can be

obtained. In order to mimic the actual motion of electrons, the incidence direction,

incidence position and energy of electrons are assumed random.

Secondly, the whole simulation process is divided into two steps. One step is to

simulate the motion of electrons in the x-ray detection system without a magnetic

diverter, obtaining the number of electrons that arrive to the detector plane, except

for the active detector area, and to the inner tube, respectively. The other step is to

simulate the motion of electrons in the x-ray detecting system with a magnetic

diverter and the initial magnetic parameters, calculating the number of electrons

which arrive to the active area of the detector, to the detector plane except for the

active area of the detector, and to the inner tube, respectively. As a result, the total

shielding efficiency can be obtained.
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Finally, in order to reduce the weight of the x-ray detecting system, the structure

of the magnetic diverter has been designed and optimized based on the simulation

results.

Keywords X-ray detection • Background noise • Monte Carlo • Magnetic diverter

Introduction

The space background shielding techniques play an important role in the spacecraft

design. The charged particles (protons, electrons, and heavier ions), X-rays and

γ-rays, naturally present in the cosmic environment, constitute an important back-

ground source for detectors in X-ray detecting systems, when they collide with the

X-ray detector. Similar problems have been encountered in the Chandra, Newton-

XMM, Swift-XRT and SIMBOL-X spacecrafts.

In 1999, soon after the launch of Chandra X-ray Observatory, an increase of the

Charge Transfer Inefficiency was observed on the Advanced CCD Imaging Spec-

trometer, which was caused by a reservoir of high-energy charged particles. It is

proven that the range of soft protons in silicon (0.92 μm for 100 keV protons [1]) is

sufficient for them to traverse the top layers of the CCD and create charge traps in

the sensitive region, which leads to an energy sensitivity degradation. Therefore,

some approaches are adopted in the Chandra to prevent the CCD from a quick

damage. For example, the ACIS is moved out of the focal plane when the particle

flux becomes high. The detector field is obstructed with a transmission grating when

the ACIS is not in use [2, 3], etc. In addition, the Newton-XMM [4, 5] is also

affected by soft protons although it is partially obstructed by the RGS gratings and

the CCDs are coated with protective layers (aluminum, polypropylene and tin for

the EPIC-MOS camera onboard XMM).

To protect the X-ray detector from charged particles, a magnetic diverter for

electrons is used on the Newton-XMM and Swift-XRT. The successful flight and

excellent performance have proven that the employed magnetic fields are able to

shield effectively the detector from the electrons. Specially formed magnetic fields

should be produced according to the design requirements of different spacecraft.

For the Newton-XMM, the electron diverter is composed of permanent magnets

fixed at 12 spider spokes of the mirror module, while the magnetic dipoles are

oriented in the spider plane to produce an azimuthally-directed magnetic induction.

However, the magnets on the swift telescope are bars of 15 mm� 5 mm� 70 mm,

which produce a magnetic field from 110 G in the mid-plane to 30 G at 2 cm from

the mid-plane. It was shown that such systems can effectively shield electrons in a

broad energy range. Of course, the efficiency will decrease gradually with the

increase of the electron kinetic energy, because the magnetic field intensity is

restricted by the size of the magnetic diverter.

It is essential to determine the background radiation of an X-ray astronomy

instrument prior to producing the detailed design of the payload and to assess the
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scientific performance of the experiment. As for the X-ray detecting system, it is

aimed at detecting soft X-rays in the universe and should be exposed to the radiation

belts. The X-rays, high electrons, protons and other particles will exert on or collide

with the X-ray detector. Therefore, they will constitute the major background

sources for the X-ray detector having a sensitivity of up to 150 eV.

In this paper, we describe a magnetic diverter designed to deflect the high-energy

electrons thus decreasing the background radiation of the X-ray detector and

improving its Signal-to-Noise ratio. In order to simulate the relationship between

the magnetic field intensity and shielding efficiency, a new simulation algorithm

based on the Monte Carlo method is proposed. In addition, the simulation results

allowed to optimize the structure of the magnetic diverter. In section “Monte Carlo-

Based Simulation Algorithm”, a Monte Carlo-based simulation algorithm is pro-

posed. Both the structure design and simulation of the magnetic diverter are

implemented and addressed in section “Structural Design and Simulation of the

Magnetic Diverter”. The results and conclusion are summarized in section

“Conclusion”.

Monte Carlo-Based Simulation Algorithm

Simulation Model

In order to simulate the actual collision process, it is necessary to classify the high-

energy electrons coming from all directions into the following three types:

(a) electrons that hit the detector directly, (b) electrons that hit the rest area of the

plane except for the active area of detector, and (c) electrons that hit the inner wall

of the x-ray detecting system tube. The trajectories of the electrons and the

simulation model are shown in Fig. 1.

In this paper, the orbital simulation parameters are taken from Chandra [6,7] and

only electrons (�3 MeV) are considered. During simulation, five simulation

parameters, namely the incidence energy (E2[0–3 MeV]), the incidence position

(Φ2[0–48 mm]), the angle between the incidence point and the X axis (θ2[0–2π]),
the incidence angle (α2[0–π]), and the angle between the projection of the

123

Electrons

Mirror Tube

DetectorFig. 1 Trajectories of the

electrons and the simulation

model
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incidence angle and the X axis (β2[0–2π]) are random parameters and should be

determined.

Proposed Simulation Algorithm

Generally, the whole simulation process is divided into two steps.

Step 1: Without a magnetic diverter structure. Generate 105 electrons randomly;

simulate the motion of the electrons in the x-ray detecting system without

magnetic diverter to obtain the number of electrons which arrive to the detector,

to the rest of the detector plane area except for the active detector area, and to the

inner tube, respectively. Meanwhile, diffusion of space electrons can be

computed.

Step 2: With a magnetic diverter structure. To simulate the motion of the electrons

in the x-ray detecting system with initial magnetic parameters, calculating the

number of electrons which arrive to the detectors, to the rest of the detector plane

area, except for the active detector area, and to the inner tube, respectively. As a

result, the total shielding efficiency can be obtained. In addition, the magnetic

structure can be optimized according to the simulation results.

For a single electron, the trajectory in the XDS can be described as shown in

Fig. 2. The initial position, velocity and other parameters are stored and the actual

trajectory is divided into 1000 steps. We capture the position and velocity of each

electron in time. Meanwhile, the calculations in three dimensions are made and

compared with the boundary conditions to verify whether the electrons fly out of the

magnetic field or collide with the mirror tube. The procedure of this algorithm is

shown in Fig. 3.

Step 1: Initiation. Setting all the simulation parameters and generate 105 electrons

randomly.

Step 2: Marking the initial positions x0 ¼ R cos θ, y0 ¼ R sin θ, z0 ¼ 0ð Þ and

initial velocity (vx ¼ V cos α cos β, vy ¼ V cos α sin β, vz ¼ V sin α).
Step 3: Compute the flight time of each electron.

Case 1: arriving at the detector, the flight time is t1¼ 1.0 m/vz.
Case 2: arriving at the inner wall of the tube, the flight time t2 can be obtained

from the following equation:

x0 þ vxt2ð Þ2 þ y0 þ vyt2
� �2 ¼ R2 ð1Þ

Step 4: Calculate the final position of each electron.

Case1: arriving at the detector and its plane
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xf ¼ x0 þ vx*t1, yf ¼ y0 þ vy*t1, zf ¼ 1:0 m ð2Þ

Case2: arriving at the inner wall of the tube

xf ¼ x0 þ vx*t2, yf ¼ y0 þ vy*t2, zf ¼ z0 þ vz*t2 ð3Þ
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Fig. 2 The trajectory of electrons in the magnetic field

Initialization

Creating 105 electrons randomly

Mark initial position and velocity

Compute the flight time of each electron
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Compute the final position of electrons

Judgement
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Fig. 3 Flowchart of the proposed approach
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Step 5: Verification.

Case1: arriving at the detector

x2t þ y2t � 6:25e �6ð Þm2 ð4Þ

Case2: arriving at the plane that fixing the detector

6:25e �6ð Þm2m2 � x2t þ y2t � 0:002304m2 ð5Þ

Case3: arriving at the inner wall of the tube

x2t þ y2t � 0:002304m2 ð6Þ

Step 6: Calculate the number of electrons in Step 5, respectively.

Structural Design and Simulation of the Magnetic Diverter

Structural Design

Actually, the background of the detector caused by X-rays from other directions can

be avoided by adding a collimator in front of the grazing-incidence mirror. The

related collimator techniques have been proposed and studied for many years,

which is a much matured technique. However, few researches have been putting

an effort to design and simulate a structure to shield the high-energy electrons

efficiently. As a result, we focus on the high-energy electrons and propose an

optimized magnetic diverter to alleviate the background of the detector.

The idea of a magnetic diverter is a hollow cylinder which is made of permanent

magnetic material, the direction of magnetization varies gradually along the cir-

cumferential direction. All the magnetic force lines are circled between the cavity

and the permanent magnetic material, the cavity is a uniform magnetic field. The

magnetic field intensity [8] can be described by Eq. (7).

B ¼ Br � ln r2
r1

� �
ð7Þ

where Br is the remanence, r2 and r1 are the inner and outer radius of the magnetic

diverter, respectively.

However, the practical and feasible way to keep the direction of magnetic force

lines varying continuously is to divide the diverter into a number of small parts

which keep the original variation law. Therefore, the magnetic field intensity can be

reformulated by Eq. (8).
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B ¼ Br � sin 2π=nð Þ
2π=n

� �
� ln r2

r1

� �
ð8Þ

where n is the number of discrete parts of the magnetic diverter. The Nd-Fe-B is

chosen as the material for the magnetic diverter. According to [8] and Eq. (2), we

can see that an increase of the length L and the ratio r2/r1 will enlarge the magnetic

field intensity. Theoretically, the magnetic field intensity of the discrete magnetic

diverter is 90, 97.4 and 99.4% of the original magnetic diverter when it is divided

into 8, 16 and 32 parts, respectively. In this paper, the designed magnetic diverter is

divided into 16 parts (see Fig. 4). A specific dimension optimization will be

discussed and the shielding efficiency of this structure will be simulated in the

next section.

Simulation and Analysis

Based on the formulated simulation model and algorithm, the shielding efficiency

of the designed magnetic diverter was simulated. Fig. 5 is the trajectory simulation

of electrons in the XDS with the magnetic field. The number of electrons arrived to

the detector under different magnetic field strength is shown in Fig. 6. The total

simulation data is listed in Table 1. We can see from above figures and table that the

number of high energy electrons arrived to the detector and to the focal plane has

decreased dramatically, especially with an increase of the length of the magnetic

diverter.

Specifically, without the magnetic diverter, the number of: (1) electrons that hit

the detector directly, (2) electrons that hit the rest area of the plane except for the

area of detector, and (3) electrons that hit the inner wall of the x-ray detecting

system tube are 9,2548, and 97,443, respectively. When the magnetic diverter is

added to the tube, only one electron collides with the focal plane and 0 electrons

arrive at the detector. Obviously, the probability of high energy electrons that arrive

to the detector under the magnetic field is 0.0001, only one tenth of that without any

Fig. 4 The designed

magnetic diverter structure
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Fig. 6 The number of electrons arrived to the detector under different magnetic field strength

Table 1 Monte-Carlo

simulations of high energy

electrons (N¼ 105)
Magnetic diverter

No. of electrons

N0 N1 N2

No 9 2548 97,443

Yes 0 1 99,999
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magnetic diverter. The simulation results show that the magnetic diverter can shield

effectively the background noise caused by high energy electrons.

Figure 6 also shows that shielding efficiency becomes higher with the increase of

the length and the thickness of the magnetic diverter. However, the weight of the

magnetic diverter will become more important with the increase of its dimensions.

In fact, both shielding efficiency and weight are conflicted design targets. There-

fore, the magnetic diverter structure should be optimized during the design process

according to the design requirements and all existing constraints.

In order to determine the relationships between the magnetic field strength (T),
length of the magnetic diverter (L ), and shielding efficiency (η), we designed an

experiment based on the above simulations. The design and simulation parameters

are as follows:

B Tð Þ 2 0:05 : 0:05 : 1½ � 2 L mð Þ 2 0:005 : 0:005 : 0:1½ �, the number of high

energy electrons is n¼ 105. The relationships between the magnetic field strength,

length of the magnetic diverter, and shielding efficiency is shown in Fig. 7. One can

see that electrons arrived to the detector decrease with an increase of the length of

the magnetic diverter when B is a constant. Also, when the length is constant, the

shielding efficiency has the same variation law with an increase of the magnetic

field strength. Fig. 8 is the relationship between the weight, magnetic field strength,

and length of the magnetic diverter. Obviously, the weight of the magnetic diverter

increases gradually when the length and field strength become higher. Assuming

the weight of the designed structure, shielding efficiency, and design requirements

(Wtotal< 3.0 kg), we choose B¼ 0.15 T, L¼ 80 mm as the final design parameters.

The total weight of the magnetic diverter would be 2.7 kg, the inner radius would be

60 mm, and the outer radius would be 70.55 mm.
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Conclusions

For geomagnetically trapped electrons, galactic cosmic ray particles, solar flare

events, and onboard radiation sources that may cause serious damage to the XDS, a

magnetic diverter is proposed to shield the high energy electrons. Firstly, a simu-

lation model that tracks the trajectories of all electrons during the detection process

is formulated. Thereafter, based on the Monte Carlo method, a simulation approach

is proposed, with both the initial simulation parameters and procedures addressed in

detail. The whole simulation process is divided into two steps. The number of

electrons which arrives to the detector, to the rest area of the plane except for the

detector, and to the inner tube are obtained, respectively. As a result, the total

shielding efficiency can be obtained. Finally, taking into consideration the shielding

efficiency, the weight, and other design requirements, the whole structure has been

designed and optimized based on the simulation results. Simulation results show

that the designed magnetic diverter can shield the high energy electrons effectively,

which reduces the damage on the XDS caused by the space background noise.
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Design and Implementation of an On-orbit

Maintenance Method for the Interior

DecorationMaterials in aManned Spacecraft

Habitation Module

Zhe Li, Chuanfeng Wei, Xi Qu, and Hao Zheng

Abstract Maintainability is one of the primary characteristics that a manned

spacecraft should possess. There are lots of interior decoration materials in the

manned spacecraft habitation module. Realization of on-orbit maintenance on

interior decoration materials with the help of astronauts can improve the work

efficiency and life conditions of astronauts significantly, which is very important for

construction of the space station. In this paper, a method of on-orbit maintenance on

interior decoration materials in a manned spacecraft habitation module is proposed

and practically applied to an on-orbit maintenance program on interior decoration

materials. After sufficient verification on the ground, the program was carried out

by astronauts in a manned spacecraft, and it showed that the method is correct and

effective. The method can provide an important reference for the design of on-orbit

maintenance in manned spacecraft.

Keywords On-orbit maintenance • Interior decoration materials • Manned

spacecraft • Habitation module

Introduction

Realization of on-orbit maintenance allows one to simplify the design, improve the

reliability and safety, extend the life-span and reduce the development costs of

manned spacecraft. The Russian and American programs accumulated extensive

experience regarding on-orbit maintenance. For example, the designed life-span of

the RussianMir Space Station was only 5 years, but through the on-orbit maintenance

by cosmonauts, its actual life-span was extended to 15 years [1–4]. China has fully

recognized the importance of on-orbit maintenance and completed a lot of mainte-

nance design work in the ground development phase of manned spacecraft [5–7].
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There is a large number of interior decorative materials in the manned spacecraft

habitation module that provide a comfortable working and living environment for

astronauts. The design of interior decorative materials should meet among other

things the ergonomic requirements. In cases when astronaut’s feedback is indicative
that the interior in an orbiting manned spacecraft has flaws in design or material

selection, carrying out the on-orbit maintenance of the interior decorative materials

is particularly important. In this paper, a method for on-orbit maintenance on

interior decorative materials in a manned spacecraft habitation module is proposed.

According to this method, an on-orbit maintenance project on interior decorative

materials was designed. After ground tests, this project was carried out by astro-

nauts in an actual manned spacecraft environment. The results proved that the

method was correct and effective.

General Requirements of On-orbit Maintenance on Interior

Decorative Materials

According to the characteristics of human activity in a zero gravity environment,

general requirements of on-orbit maintenance on interior decorative materials

include the following six aspects.

1. The interior decorative materials should be of high strength and resistance.

2. The interior decorative materials must meet the flame retardant test require-

ments; the combustion products test requirements, and the harmful gases test

requirements.

3. The interior decorative materials should meet the ergonomics requirements.

4. The interior decorative materials should facilitate the on-orbit operation of

astronauts and the maintenance of other platform devices.

5. The necessary limit measures should be provided to astronauts during the

maintenance process; the operating point of the equipment should be reached

by astronauts; every astronaut’s operation should be provided with an adequate

space.

6. The maintenance tools should be convenient and the maintenance project should

not affect the normal daily routines of astronauts.

Implementation Method of On-orbit Maintenance

on Interior Decorative Materials

Design of the Maintenance Procedure

The on-orbit maintenance procedure on interior decorative materials generally

includes: checking the installation interface in the habitation module by astronauts,
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preparing the maintenance tools, removing the old decorative materials, moving the

new decorative materials from the transfer ship into the manned spacecraft,

installing the new decorative materials, testing the support effect of new decorative

materials to operations of astronauts. Figure 1 shows the flow chart of a mainte-

nance process.

Design of the Maintenance Ergonomics

The bodies of astronauts are in the neutral position in a zero gravity environment.

According to the body parameter data for 90 Chinese fighter pilots and considering

the range of astronaut’s movements, an 170 cm� 70 cm� 70 cm space is required

for one astronaut when he is in the neutral position. The neutral position is shown in

Fig. 2. In the habitation module with limited space, astronauts should keep the

activities restricted when carrying out the maintenance operations.

During the maintenance process, old decorative materials should be cut off, and

there are no foot limit blocks or handrails for the astronauts when they install the

new decorative materials, therefore, waist binding belts should be used. A waist

binding belt consists of one waistband and two binding belts (Fig. 3). The waistband

is tied on astronaut’s waist, and the binding belts tie the waistband to the poles or

beams around the astronauts. Thus the bodies of the astronauts are fixed and both

hands could be used to carry out the maintenance operations.

Maintenance start

removing the old decorative materials that should be maintained

End

moving the new decorative materials from transfer ship to manned spacecraft

testing the new decorative materials support effect to astronauts’ operations

checking the installation interface in the habitation module by astronauts

preparing the maintenance tools

installing the new decorative materials in the manned spacecraft habitation module

Y

N
Dose the installation interface keep same with design state?

Fig. 1 Schematic diagram of equipment maintenance process
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Design of Interior Decorative Materials

Material Selection

According to the experience of astronauts, rigid decorative materials and rigid

handrails give better support effect to the activities of astronauts. The selection of

rigid decorative materials should be considered in the following three aspects:

(1) the weight of the decorative materials should be as low as possible to save

transport resources of the transfer ship; (2) decorative materials should have high

170cm
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36°±19°
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133°±8°
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Fig. 2 Neutral position of

an astronaut

waist belt

binding belt1

nylon fastener tape

binding belt2

nylon fastener tape

nylon fastener tape

nylon fastener tape

nylon fastener tape

nylon fastener tape

Fig. 3 Schematic view of

an astronaut’s binding belt

system
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tensile strength and no plastic deformation; (3) decorative materials must meet the

flame retardant test requirements, the combustion products test requirements, and

the outgassing requirements.

The interior decorative materials in manned spacecraft can be selected as the

materials which have been widely used on commercial aircraft, such as the paper

honeycomb board.

Design of Installation Interface

The design of new interior decorative materials installation interface is the most

important part of the maintenance project. Because the manned spacecraft has been

flying in orbit and it would be impossible to adopt a new installation interface, there

are only two types of installation interfaces that could be used, ones are those that

have been adopted originally but were not used, the others are those left when the

old interior decorative materials were cut off. Special adapter brackets should be

developed in the ground development phase in order to fix the newly decorative

materials on the spacecraft installation interface.

Design of Support Measures

In order to create a comfortable ambience, the new interior decorative materials

should have warm colors, such as white or beige. Foot limit blocks and handrails

should be arranged to reach the body limits of astronauts. The design of new interior

decorative materials laid on the equipment and requiring frequent operation should

be removable or retractable to facilitate the operations.

Design of Maintenance Tools and Estimation
of Maintenance Time

General maintenance operations on interior decorative materials include: removing

the mounting fasteners of new decoration materials in the transfer ship, temporary

lashing of new decorative materials, cutting off the old decorative materials,

protecting the cut interface, installing the mounting fasteners for new decorative

materials in the manned spacecraft. The function of maintenance tools include

mechanical installation and disassembly, cladding, cutting, pasting, etc. In order

to reduce the amount and the weight of the tools, the maintenance tools should be

selected among the universal tools which are taken along by manned spacecraft.

The universal tools of manned spacecraft are listed in Table 1.

To ensure the daily routines of astronauts, a quantitative estimation of the time

required from astronauts for the maintenance operations is very important.
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According to the statistical results, when the same operation is carried out by

astronauts on the ground and on-orbit, the time required on-orbit is about 1.5–2

times longer than the time required on the ground [8].

Ground Test of On-orbit Maintenance

Test Conditions

The test site was arranged in a spacecraft on the ground according with the

spacecraft that needs to be maintained in orbit. The interior decorative materials

which needed to be taken into the spacecraft were fixed in the transfer ship. The test

was carried out by four spacecraft engineers, two were in the spacecraft, and two

were in the transfer ship. Spacecraft engineers have the same body proportions as

the astronauts, and had plenty of operation experience in a manned spacecraft

habitation module. During the test, the ergonomics evaluation was carried out by

the Astronauts System synchronously.

Test Results

Spacecraft engineers completed the on-orbit maintenance operations according to

the maintenance procedure. The installation interface between the interior decora-

tive materials and the manned spacecraft was matched.

Table 1 General tools used in a manned spacecraft

No. Type of tools Name Function

1 Enginery tools Ratchet spanner Mount and dismount inner hexagon

bolt

2 Inner

Hexagon spanner

Mount and dismount inner hexagon

screw

3 Flathead

screwdriver

Mount and dismount slotted screw

4 Opening spanner Mount and dismount nut

5 Pliers Clamp object

6 Multi-tool Cut material, mount and dismount

screw

7 Electrostatic protection

tool

Anti-static wrist

strap

Electrostatic protection

8 Binding tools Band Bind or fix object

3M adhesive tape Paste object
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Spacecraft engineers were fixed in the spacecraft with waist binding belts, so

maintenance operations could be carried out using both hands. The limit measures

were effective.

The visibility and accessibility of maintenance operations were good, and the

operation space was ample. The conclusion about the ergonomics evaluation from

the Astronaut System was qualified.

Spacecraft engineers simulated the routine operation work in spacecraft, and the

results showed that the newly installed decorative materials supported the activities

of the engineers effectively.

The tools configuration was reasonable, and its interface was well matched with

the interior decorative materials. The maintenance operations took about 2.5 h on

the ground, so the on-orbit maintenance operations are expected to take 3.75~ 5 h.

It could be concluded that the method for on-orbit maintenance on interior

decorative materials was correct and it could be implemented on orbit.

On-orbit Implementation

The on-orbit project on maintenance of interior decorative materials was carried out

in a manned spacecraft as follows. With the support from ground engineers, two

astronauts completed the on-orbit maintenance work in 3.8 h that is consistent with

the estimated time. The ground engineers judged that the installation interface

between the interior decorative materials and the manned spacecraft was well

matched as determined by the astronauts. The feedback from the astronauts showed

that the ergonomics of the interior decorative materials were perfect, which

supported the operations of astronauts effectively and eased their living and work-

ing conditions. The on-orbit maintenance project on interior decorative materials

was a success.

Conclusions

A method of on-orbit maintenance on interior decoration materials in the manned

spacecraft habitation module is proposed and elaborated in four aspects: Design of

maintenance procedures; Design of maintenance ergonomics; Design of interior

decorative materials; Design of maintenance tools and estimation of maintenance

time. After sufficient verification on the ground, the maintenance program was

carried out by astronauts in a manned spacecraft, it showed that the method is

correct and effective.
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Leak Detection and Location

of Seals in Spacecraft Structures Based

on a Multi-sensor Data Fusion Method

Ping Hao, Dong-Yong Jia, and Zhao Yin

Abstract During manned long-term missions in orbit, sealed structures have to

meet the challenges of the space environment, such as meteoroids and space debris

impacts, charged particles radiation, temperature cycling, vacuum environment,

etc. Sealed structures and rubber sealing may be damaged by these factors. A sealed

module faces the risk of leaks that can affect the pressure inside the module and

even threaten the safety of the astronauts. Therefore, when performing leak-proof

welding, it is an important precondition to know how to repair the failed structure

and how to detect and locate the leak rapidly.

General leak monitoring methods were surveyed and analyzed and it was

demonstrated that any method, when used alone, can’t be used effectively for

rapid detection and location of leaks in a sealed structure. A multi-sensor data

fusion method is presented that allows diagnosing the leaks and the leakage rate

thus allowing for effective leak detection and location in sealed spacecraft struc-

tures. The leak detection and location system consists of two subsystems: pressure

leak monitor and meteoroid and space debris impact monitor. These two subsys-

tems work continuously to monitor the spacecraft leakage rate and impact damage,

respectively. In addition, an information interface, estimation strategy, and transfer

flow of five subsystems were designed. This method is substantiated by a ground

experiment to confirm that the sealed structure leak reason, location and leakage

rate can be detected accurately and can be applied in welding operations directly.

Keywords Leak detection and location • Structure health estimation • Manned

spacecraft • Seal structure • Multi-sensor data fusion • Structure protection
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Introduction

Since thousands of years ago, it is always a wonderful dream for human beings to

fly off the Earth to develop the outer space peacefully and legitimately. In order to

achieve this dream, many countries have designed the ISS (International Space

Station), which can be used to conduct long term space experiments in orbit.

However, the ISS has to meet the harsh space environment and it is possible that

sealed modules start leaking because on an impact of meteoroids and space debris.

Furthermore, the factors, such as structural deformation, surface oxidation, corro-

sion and irradiation will accelerate structural aging and lead to formation of brittle

zones. Besides, the phenomenon of vacuum outgassing will also embrittle, harden,

and crack the sealing materials. Sealing structures of the ISS have to face the rising

risk of leakage by all these factors. For example, the US space shuttle needs

replacing 1–2 portholes after each flight, with a total number of 80 since 2001

[1]. In 1996, the French electronic reconnaissance satellite “CERISE” was hit by

Ariane rocket debris and the satellite altitude was affected due to the damaged

gravity gradient pole [2]. In 2009, many hypervelocity impact holes were found on

the multilayer thermal insulations of Hubble Space Telescope [3].

Therefore, it is necessary that a leakage monitor operates in real time in sealed

structures in orbit to determine the leak points and the leak causes. The methods to

repair the leak points are proposed from the analysis of monitored data to guarantee

the astronaut’s health and spacecraft safety [4].

Research Overview

Many technical solutions for the space debris sensing, such as the accelerometers,

thermal imagers, calorimeters, fiber impact, resistive film, electromagnetic emis-

sion, optical camera, acoustic emission technics, etc., are proposed based on the

long life manned spacecraft. The acoustic emission is recognized as the most

effective means in the leakage monitor technology in orbit for the reason that it

has the characteristics of a passive, real time, mature technology, with lower

resource occupancy rate, environmental adaptability, and insensitive to structural

damage, etc.

In the 1970s, people began to research the acoustic emission technology for

space applications. Several groups investigated the acoustic emission wave source

of high-speed impact, propagation characteristics, source location and damage

pattern recognition. After the explosion of the space shuttle Columbia, NASA has

accelerated the study of the acoustic emission technology and completed several

experiments in the space shuttle. ESA also has completed the low-temperature and

high-speed impact experiment on the ground to simulate the sense signal of the

debris impact event. The research results showed that the relationship between the

impact acoustic signal and the impact damage mode has a lack of quantitation.
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NASA developed a variety of leak detectors used to locate gas leak sources for

international space station, which can detect and pinpoint the leak sources by

monitoring a fluctuation signal caused by gas leak in the cabin air and from a

structural impact. The typical detectors based on this technology are the handheld

ultrasonic detection system [5] and the wireless ultrasonic detection system

[6, 7]. However, the effect of these detectors is not ideal because they are unable

to locate the leak source effectively in practice [8]. Russia has developed a

handheld extravehicular leak detector and carried out scientific experiments on

“MIR” space station. Then, in 1998, Russia applied the handheld leak monitor to

detect the leak location on “MIR” space station after an impact event. But at

present, the efficiency of monitoring and location of leak sources is low. It always

takes several weeks or even months to confirm the leak point [9].

Now, the mass spectrometer and passive ultrasonic leak detection method are

mature technologies and they have been applied on the space station. Moreover, the

acoustic emission leak detection method has been tested in a ground test experi-

ment, instead of its application in space. All these leak detection methods are

relatively independent and effective in case of a single leak. However, the leak

signal and collected information could not be fused together to allow the evaluation

of the structural health comprehensively.

Leak Monitor System Design

The leak monitor system of orbiting spacecraft is designed as two subsystems: the

leak monitor module and the debris impact sensing module. The pressure and

temperature of the pressure module is monitored by the leak monitor module.

Then, the accurate leak rate is calculated based on the pressure variation which

can be obtained by weighted compensation of related factors in data processing.

The leak information is transferred to host computer and is displayed on the

instrument board to remind the astronaut to locate the leak zone and to repair

it. The interaction between the blocks of the system hardware is shown schemati-

cally in Fig. 1.

System Working Mode of Each Module

The working modes of two modules of the leak monitor system are shown in

Table 1. The leak monitor module and the debris impact sensing module work in

real time. The data obtained by these modules is fused together to calculate the leak

rate and the impact signal. For the reason that the reaction time of the debris module

is faster than the reaction time of the leak monitor module, the impact result should

be judged and confirmed firstly based on the impact signal obtained by the debris

impact module. Thus, when the sealed structure is impacted by high speed debris,
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the structure damage can be detected according to the frequency and amplitude of

the signal obtained by the debris impact module. Then, the damage is calculated and

confirmed again by the pressure variation signal obtained from the leak monitor

module.

Experiment of Leak Detection Module

In order to validate the method of fusion and processing of information from the

two leak detection modules, a comprehensive test of a sealed spacecraft capsule

was simulated. Two types of tests are simulated, including the static leak test

without a wind field and the dynamic leak test with a wind field, as well as two

working conditions, “2–1” and “1–0”. The “2–1” condition refers to inflation of

0.2 MPa, which means that the entry of the leak hole is at the 0.2MPa side and the

exit hole is at the atmospheric condition side.

The condition of “1–0” means that a leak at the atmospheric conditions and

vacuum outside. Five leak holes at different leak rates were opened to simulate a

capsule leak in this comprehensive leak detection test.

Host computer
of leak monitor

system

Pressure
monitor

Temperature
monitor

PVDF
sensor

Hyper
acoustic
sensor

Signal process and
transfer unit

Impact sensing
signal process unit

Leak monitor
module

Debris impact
sensing
module

Host computer
of leak monitor

system

Leak
monitor
system

Fig. 1 Schematic presentation of the leak monitoring system hardware

Table 1 Module function and working mode

Module Regime Function Operation mode Remark

Leak

monitor

Real

time

Pressure leak monitor

and alarm

Working in real

time

automatically

Debris

impact

sensing

Real

time

Space debris impact sig-

nal sensing and location

Working in real

time

automatically

Alarm for large leak

rate of breakdown

hole
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Synthetic atmospheric air at 2 atm pressure (absolute pressure of 200.3 kPa) was

injected into the sealed cabin of spacecraft, and five different leak holes of

0.94� 10�2 Pa.m3/s, 1.0� 10�1 Pa.m3/s, 5.4� 10�1 Pa.m3/s, and 1.01 Pa.m3/s

were opened in the sealed cabin to simulate different leak types of the sealed

cabin and to test the alarm functioning and the performance of the leak detection

and the alarm system. The accuracy of calculating the leak rates can be analyzed by

comparing the rates of standard leak holes.

Figs. 2, 3, 4, 5, 6 and 7 show the leak curves of leak holes with nominal values of

0.94� 10�2 Pa.m3/s, 1.0� 10�1 Pa.m3/s, 5.4� 10�1 Pa.m3/s and 1.01 Pa.m3/s and

the time intervals for representing the curves were randomly selected.

(a) As can be seen from the pressure curve in Fig. 4 with the nominal leak rate of

Pa.m3/s, the system error of measuring pressure is quite large, therefore the

difference between the maximum and minimum is 8–9 Pa and the error is

distributed by a certain law. Theoretical analysis shows that the leak of

0.94� 10�2 Pa.m3/s is close to the minimum leakage rate, which is the

K
P
a

Fig. 2 Pressure curve of

nominal leak rate of

0.94� 10�2 Pa.m3/s

K
P
a

Fig. 3 Pressure curve of

nominal leak rate of

1.0� 10�1 Pa.m3/s

K
P
a

Fig. 4 Pressure curve of

nominal leak rate of

5.4� 10�1 Pa.m3/s

K
P
a

Fig. 5 Pressure curve of

nominal leak rate of

1.01 Pa.m3/s
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sensitivity of this method. According to the error theory, the closer the error

approaches the detection sensitivity, the lower the accuracy of the test results.

(b) As can be seen from the pressure curve in Fig. 5 with the nominal leak rate of

1� 10�1 Pa.m3/s, the leak trend can be attained, but still there are errors

distributed by a certain law. As can be seen from Figs. 6 and 7, pressure curves

of higher leak rates are much more clear and obvious, and the error is much

lower, and the testing results demonstrate that the system software meets the

requirements.

(c) At the beginning of the experiment, the accuracy parameter is set to 6 by the

system software, which means that the initial pressure and the final pressure for

calculating the leak rate differ by 6σ. When the amount of leaking is little (the

volume of the cabin is about 9.4 m3 and the nominal leak rate of the leak hole is

0.94� 10�2 Pa.m3/s), the base pressure caused by environmental temperature

may be higher than the difference between the initial pressure and the final

pressure to allow the calculation of the leak rate. Therefore, the leak rate is

calculated by the software with large variations, which cannot reflect the actual

leak rate. Thus, appropriate parameters need to be set once more to distinguish

the baseline noise and the actual leak rate.

3

2.5

2

1.5

0.5

0

1 2 3 4 5 6 7 8 9 10 11 12 13 14 15 16 17 18 19

1

Fig. 6 Leak rate curves of

leak holes with different

nominal leak

Fig. 7 Removal of a fault

time curve of different leak

holes
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(d) It can be seen from the test data and analysis results in the “1-0” test condition

that leak rates of ~10�1 Pa.m3/s and above 10�1 Pa.m3/s can be detected by the

leak detection system in orbit with an accuracy below 10%. For the leak rates of

~10�2 Pa.m3/s and above 10�2 Pa.m3/s, the accuracy is higher than 10%.

Experiment of Debris Impact Perception and Location

The accuracy of the layout of sensors and the location method was verified in this

experiment by testing the impact location technology which was discussed above.

The hypervelocity impact event is simulated by launching a projectile on the

sealed cabin to produce acoustic emission signals, which are detected by three

broadband sensors located on the sealed cabin structure of spacecraft. Sensors are

connected to NI data sampling equipment and are designated to record the acoustic

emission signals.

The experiment parameter and position of the sensors and the impact location

are shown in Figs. 8 and 9. The first annular weld at the bottom of the cabin and a

vertical annular weld can be considered as a reference line and the crossover point

of two annular welds can be considered as the original point. Two sensors are

positioned on each side of the reference line, 1600 mm away from the original

point, and another sensor is positioned on the reference line in the cabin height

direction. The initial position starts from the bottom reference line, and nine lines

parallel to the reference line in the cabin height direction and eight lines parallel to

the reference line on each side of the cabin are made. There are 73 crossover points

crossed by parallel lines in the area fenced by these three sensors, and the crossover

points are set to be the impact points and the coordinates of these impact points are

shown in Table 2. Acoustic emission signals are produced by launching the

projectile five times onto the impact points. There are 73 groups of acoustic signals,

and each group contains the experimental data collected in five tests.

Fig. 8 Theoretical location

of the module position

experiment
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Thus, a location experiment was carried out in the sealed cabin of manned

spacecraft and the method of impact location was validated in this experiment.

The conclusions are as follows:

1. The speed of acoustic emission signals in the sealed cabin can be considered as a

certain value and it does not change with the movement direction. An appropri-

ate wave speed can be chosen to meet the location requirement.

Fig. 9 Photograph of the

module position experiment

Table 2 Impact point coordinates

No.

Impact point

No.

Impact point

No.

Impact point

No.

Impact point

X Y X Y X Y X Y

1 �1400 200 19 �600 400 37 600 600 55 400 1000

2 �1200 200 20 �400 400 38 800 600 56 600 1000

3 �1000 200 21 �200 400 39 1000 600 57 800 1000

4 �800 200 22 0 400 40 �800 800 58 �600 1200

5 �600 200 23 200 400 41 �600 800 59 �400 1200

6 �400 200 24 400 400 42 �400 800 60 �200 1200

7 �200 200 25 600 400 43 �200 800 61 0 1200

8 0 200 26 800 400 44 0 800 62 200 1200

9 200 200 27 1000 400 45 200 800 63 400 1200

10 400 200 28 1200 400 46 400 800 64 600 1200

11 600 200 29 �1000 600 47 600 800 65 �400 1400

12 800 200 30 �800 600 48 800 800 66 �200 1400

13 1000 200 31 �600 600 49 �800 1000 67 0 1400

14 1200 200 32 �400 600 50 �600 1000 68 200 1400

15 1400 200 33 �200 600 51 �400 1000 69 400 1400

16 �1200 400 34 0 600 52 �200 1000 70 �200 1600

17 �1000 400 35 200 600 53 0 1000 71 0 1600

18 �800 400 36 400 600 54 200 1000 72 200 1600
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2. The virtual wave front method can be applied to locate the acoustic emission

source. The average accuracy of location was quite good in the experiment

carried out to determine the projectile location in the sealed cabin. This stable

method can meet the requirements of location accuracy and stability.

In summary, when a hypervelocity impact on the pressurized cabin of manned

spacecraft occurs, the layout of sensors and the location method can be applied to

locate the position of the impact of space debris.

Conclusions

The leak monitoring technology was successfully validated in a ground experiment

and the following conclusions can be drawn:

1. The leak rate obtained by the leak monitor in this experiment is consistent with

the theoretical data. The system hardware and software can work and match

correctly and reliably, thus satisfying the requirements.

2. The acoustics emission signal velocity in a typical sealed structure can be

considered as a fixed value which doesn’t vary with the direction of propagation.
It can satisfy the requirement of source location if the appropriate velocity is

chosen. Furthermore, the virtual wave front method can be applied in engineer-

ing and generalized to the acoustic emission source location in a typical sealed

structure. This is because this method provides a high position precision and

reliability and it was validated in a shooting location experiment on spacecraft.

3. The leak rate and debris impact signal can be obtained by fusing and processing

the data from the leak monitor module and the debris impact module. Because

the response time of the debris impact module is faster than that of the leak

monitor module, the impact result should be first determined preliminarily from

the degree of the signal strength provided by the debris impact module.
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Simulation Technology for Tissue

Dose Ionizing Radiation in the Manned

Spacecraft Pressurized Cabin

Biao Yang, Dongsheng Yang, and Chuanfeng Wei

Abstract The pressurized cabin of the manned spacecraft provides the places of

working and living for astronauts. It is critical to analyze the tissue dose in the

pressurized cabin, in order to predict quantitatively the hazard for the astronauts due

to the space ionizing radiation. This paper introduces a technical approach to

calculate the tissue dose in a pressurized cabin of manned spacecraft. For a

medium-term-resident manned spacecraft, a three-dimensional simulation model

is established to achieve the magnitude distribution of tissue dose in the pressurized

cabin. The simulation results can be used for the systematic design on radiation

protection of astronauts in a space flight.

Keywords Manned spacecraft • Tissue dose • Radiation

Introduction

Astronauts in the spacecraft flying in the low-Earth orbit will inevitably encounter

space ionizing radiation, mainly arising from charged particles of the radiation belt,

solar particle events, as well as galactic cosmic radiation [1]. These charged

particles with high energy can penetrate the panel of the manned spacecraft and

interact with the tissue of astronauts, causing tissue damage and even inducing

cancer [2–4]. The pressurized cabin of the manned spacecraft provides the places of

working and living for astronauts, in which radiation dose absorbed by human

tissue (named ‘tissue dose’) should be below the Radiation Dose Limits [5]. There-

fore, it is critical to analyze the tissue dose in the pressurized cabin, in order to
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predict quantitatively the hazard for the astronauts due to the space ionizing

radiation.

Three-dimensional radiation dose analysis has been used in satellite engineering,

providing significant data to improve the systematic design on radiation protection

of electronic equipment and materials onboard satellite [6]. However, it is rare to

apply the three-dimensional radiation dose analysis approach on manned spacecraft

for radiation protection of astronauts in China. In the traditional systematic design,

one-dimensional analysis approach based on the solid sphere shielding model is

applied to estimate the tissue dose of astronauts roughly.

The configuration and structure of manned spacecraft is usually complex. In this

regard, the mass shielding in different directions is not uniform. The tissue dose

derived from the solid sphere shielding model could not effectively guide the

systematic design on radiation protection. China is developing long-term-resident

spacecraft. The radiation harm to the astronauts is potentially severe. It is signifi-

cant to develop a three-dimensional simulative technology to calculate the tissue

dose for the astronauts. The result is supposed to help optimize the mass shielding

of spacecraft and provide effectively radiation protection for the astronauts.

In this paper, firstly, a three-dimensional simulation model is developed to

calculate the tissue does in pressurized cabin of manned spacecraft. Then, a

medium-term-resident manned spacecraft is taken as an example. The magnitude

distribution of tissue does is obtained from the simulation model. Finally, it is

shown how to use the result to optimize the systematic design on radiation

protection.

Simulation Model

The flow chart to calculate the three-dimensional tissue dose in a pressurized cabin

is shown in Fig. 1. The steps are summarized below:

(a) Calculate the position of spacecraft expressed in the geomagnetic coordinates

as a function of time based on the orbital elements.

space environment

model

average flux of various

charged particles

tissue does-depth

relationship

Three-dimensional

tissue dose distribution

one-dimensional
solid sphere

shielding model

orbital elements

geomagntic

coordinate

mass shielding

model of

spacecraft

Fig. 1 The flow chart of

three-dimensional tissue

dose calculation

574 B. Yang et al.



(b) Use the space environment model (radiation belt model, solar particle event

model, and galactic cosmic ray model) to obtain the average fluxes of various

charged particles along the orbit.

(c) Get the relationship between the tissue dose and the shielding thickness (i.e. the

tissue dose-depth relationship) based on the one-dimensional solid sphere

shielding model.

(d) Establish the three-dimensional geometry model of mass shielding.

(e) Calculate the magnitude of tissue dose in different directions and obtain the

tissue dose distribution.

Given a medium-term-resident manned spacecraft flying in the low-Earth orbit

at a 340 km altitude and 40� inclination, the simulation model was applied to

calculate the tissue dose. The resident time for the astronauts in the spacecraft is

supposed to be not longer than 30 days. The radiation effect is mainly attributed to

charged particles in the radiation belt. The radiation belt models AP-8 and AE-8 [9–

11] were used during the solar minimum to calculate the mean particle fluxes along

the orbit.

The SHIELDOSE-2 [7] method utilizing the one-dimensional solid sphere

shielding model was used to get the radiation dose vs. depth relationship. The

typical tissue dose in a human is then obtained by multiplying the radiation dose by

the radiation weight factor [8]. The tissue dose vs. depth relationship obtained from

the SHIELDOSE-2 model is shown in Fig. 2. The depth indicates the equivalent

aluminum thickness. The tissue dose represents the radiation dose accumulated

during 30 days and absorbed by human’s tissue.
The spacecraft comprises a pressurized cabin, a transient segment, and a pro-

pulsion cabin. The pressurized cabin consists of a port, a font cone, a cylindrical

section, and a spherical back part. The geometry model is shown in Fig. 3. In the

spacecraft geometry coordinates, the x axis is along the symmetric axes of the

spacecraft, the y and z axes are in the cross section of the spacecraft. Four points in

the pressurized cabin marked as A1, A2, A3, and A4 along the x axis are selected to
calculate the three-dimensional tissue dose. For simplification, the shielding effect
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only of the panel and port is considered. The equivalent aluminum thickness of the

panel and port are shown in Table 1.

Result and Discussion

The simulation results for the tissue dose accumulated during 30 days in four

analysis points are shown in Table 2, including the dose components along each

axis, as well as the total dose. It can be seen that the magnitude of tissue dose is

different in different points. The dose component in different directions of a

particular point is also different. It is remarkably that the component in the +x
direction is larger than that in the �x direction, and smaller than those in the y and
z directions. Since the mass shielding model is symmetrical along the x axis, the

component in the y direction is equal to the one in the z direction. The simulation

results can evidently reflect the inhomogeneities of mass shielding of the spacecraft.

Three types of graphs can be obtained from the simulation results, as shown in

Figs. 4, 5 and 6, representing the magnitude distribution of tissue dose in each

direction (graph Type I), the tissue dose component in each direction (graph Type

II), and the total tissue dose in each analysis point (graph Type III), respectively.

The three-dimensional simulation result is very significant to support the sys-

tematic design on radiation protection. Firstly, from the Type III graph, the total

tissue dose in a particular point is compared to the Radiation Dose Limits for the

A1

pressurized cabin

A2 A3 A4

x

z
y

O

Fig. 3 The geometry of the

manned spacecraft

Table 1 The equivalent aluminum thickness of the panel and port

Spacecraft Equivalent aluminum thickness (mm)

Pressurized cabin Port 3.0

Front cone 3.0

Cylindrical section 2.5

Back spherical part 3.5

Transient cabin 1.5

Propulsion cabin 3.0
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astronauts. A position can be found where the magnitude is larger than the Radi-

ation Dose Limits. Then, the direction can be distinguished where the tissue dose

component is visibly larger than the others from the Type II and Type I graphs.

Finally, optimized design on mass shielding can be conducted efficiently. One point

is that the layout of spacecraft can be adjusted to enhance the intensity of mass

shielding in the direction with a high tissue dose component, without increasing the

total weight of the spacecraft. Another point, materials can be added in the position

of weak mass shielding, if the total tissue dose is still higher than the Radiation

Dose Limits after several rounds of layout optimization.

Fig. 4 Graph I: the tissue dose distribution in each direction

Fig. 5 Graph II: the tissue dose component in each direction
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Summary

A three-dimensional simulation technology was developed to calculate the tissue

dose in the pressurized cabin of manned spacecraft. Taken a medium-term-resident

manned spacecraft as an example, the magnitude distribution of tissue dose was

obtained from the simulation model. The simulation results showed that the layout

and configuration of the spacecraft can be improved to achieve the optimal mass

shielding, making the magnitude of the tissue dose lower than the Radiation Dose

Limits for a pressurized cabin. The simulation approach proposed in this paper is

valuable to optimize the systematic design on radiation protection for astronauts in

a space flight.
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A Study on Control Methods for Thermally

Induced Disturbances of Large Space

Structures

Yanqiang Bi, Xinming Su, Jing Wang, Xiyuan Li, and Dianfu Qie

Abstract Thermally induced structural disturbances are known to affect the alti-

tude dynamics and pointing performance of satellites during eclipse transitions. In

this study the thermally induced disturbances of spacecraft structures and accesso-

ries are analyzed by Finite Element Method based on dynamics and heat-transfer

theory. Passive control methods of thermally induced disturbances presently

include the optimization of surface solar absorptivity, material thermal conductivity

and elasticity in order to make the Boley non-dimensional parameter be far from

1. The methods are reliable, convenient and low-cost, and they have demonstrated

their applicability in numerical simulations. The study will be significant to analyze

a large space structure design.

Keywords Large space structures • Thermally induced disturbances • Control

methods

Introduction

With the development of aerospace technology, large space structures are used

more and more extensively. The large space structures mainly refer to a solar array,

large antenna reflector, long truss, and so on. As the large space structures are

exposed outside of the spacecraft, they will be extensively impacted by the space

environment including solar radiation, radiation to space, radiation reflected from

the Earth, and infrared energy emitted by the Earth [1]. When the temperature field

of a large space structure varies radically, a thermally induced disturbance may take

place under some conditions. Such spacecraft accidents have happened several
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times, among which the most severe one was a Hubble Space Telescope accident.

The metal braced structures of the Hubble Space Telescope vibrated in space that

impacted the normal operation, causing substantial losses. Thus, the research on

methods to countermeasure the thermally induced disturbance is of great impor-

tance. The first theoretical predictions of thermal disturbances were made back in

Boley’s study [2, 3].

Geometrical Model

Thermally induced vibration of a thin-wall tube is calculated to analyze the effect of

application of the thermal control method to vibration. In this analysis the inner

diameter of the tube is 20 mm and the external diameter is 21 mm. The length of the

tube is 18 m. We assume that the tube can bend in the x–y plane only. The geometry

of the tube is shown in Fig. 1.

Calculation Model

Coupled Thermal-Structure Dynamics Equation

Based on the differential equation of small deflection, the equilibrium equation of

the tube can be written as [4, 5]:

EI
∂2υ

∂x2
þ m

∂2υ

∂x2
l� xð Þ þMT x; tð Þ ¼ 0 ð1Þ

where I ¼ πR3h, m is the mass load on the edge of the tube and can be looked at as

the load of satellite, E is the modulus of elasticity of the material, l is the length of

tube, MT is the equivalent load by thermal effect.

tube

x

A

M

M
A-A

z

y

Fig. 1 The geometry of the tube adapted in the calculations
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Equivalent Load of Thermal Effect

If thermal deformation is considered, the strain of any point of the tube can be

expressed as:

εx ¼ σx
E
þ α T � T0ð Þ ð2Þ

where α is the thermal coefficient of expansion, T is temperature of any point, T0 is
the initial temperature. The integral that shows the stress caused by thermal effect

along the cross section and the thermal moment can be obtained as:

MT x; tð Þ ¼
ð
A

αE T x;ϕ; tð Þ � T x;ϕ; t0ð Þ½ �ydA ð3Þ

Temperature Calculation Model

Because the wall of the tube is very thin, temperature gradients across the tube can

be ignored and temperature is considered uniform in the diameter direction. Tem-

perature field inside the tube has a two directional distribution and can be expressed

as T ¼ T y; z; tð Þ. The temperature governing equation is:

ρc
∂T
∂t

� k
∂

R2∂ϕ

∂T
∂ϕ

� �
� ∂
∂x

k
∂T
∂x

� �
þ εσ

Hs
T4 � T4

C

� �� αs
Hs

�q x; y; z; tð Þ ¼ 0 ð4Þ

where t is time, Hs is thickness of the wall, c is thermal capacity, ρ is density, k is
thermal conductivity, ε is emission, αs is solar heat flux absorptance coefficient, σ is

the black body radiation constant, �q x; y; z; tð Þ is the heat flux directed normally to the

wall of the tube, Tc is space temperature at around 4 K.

The solar heat flux is constant but it can be changed with the movement of the

tube, so the temperature could change. This temperature change would cause

deformation of the tube, and this deformation would cause a change too, so

coupling of temperature and movement effects may cause vibration.

Boundary Condition and Initial Condition

The boundary condition is:

υ 0; tð Þ ¼ ∂υ
∂x

0; tð Þ ¼ 0

The initial condition is:
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υ x; 0ð Þ ¼ ∂υ
∂x

x; 0ð Þ ¼ 0

T x; 0ð Þ ¼ T0

Calculation Results and Discussion

Thermal Conductivity Effect on Thermal Vibration

The thermal conductivity effect on thermal vibration is shown in Fig. 2. The ampli-

tude of thermal vibration would decrease if thermal conductivity is increased, and the

load effect will be reduced by this thermal effect. While thermal control is designed,

high thermal conductivity materials can be used to reduce thermal vibration.

Thermal Absorptivity Effect on Thermal Vibration

The thermal absorbance effect on thermal vibration is shown in Fig. 3. The

amplitude of thermal vibration will decrease greatly if thermal absorbance is

decreased. So reducing the thermal absorbance is an efficient method to reduce

possible thermal vibration. While thermal control is designed, the space structure

cannot be covered with any heat insulation material, instead a coating should be

applied, such as white paint with a low thermal absorbance.

Fig. 2 Thermal vibration at different thermal conductivity
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Thermal Capacity Effect on Thermal Vibration

The thermal capacity effect on thermal vibration is shown in Fig. 4. As thermal

capacity increases, thermal deformation becomes smaller, while vibration becomes

Fig. 3 Thermal vibration at different thermal absorptivity

Fig. 4 Thermal vibration at different thermal capacity
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larger. If thermal capacity becomes smaller, the initial vibration will be larger and

thermal deformation will be also larger.

Conclusions

The thermal control method effect on thermal vibration is analyzed by numerical

calculation and a conclusion could be drawn as follows: by increasing thermal

conductivity, reducing solar absorbance, and increasing thermal capacity, thermal

vibration can be made smaller. Among these methods, reducing solar absorbance is

a simple and efficient method.
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A New Method to Evaluate the Adaptability

of Initiating Explosive Used in the

Aro-Pyrotechnic Device in Deep Space

Yaokun Ye, Feng Ding, Jianfeng Man, Nan Yan, and Weituo Li

Abstract In order to find a solution for continuous testing of the physically varying

process of pyrotechnic material decomposition with temperature change, a method is

proposed based on using digital cameras and differential scanning calorimetry (DSC).

A small amount of loose or compacted pyrotechnic material is placed in the crucible

of a DSC system that can continuously heat and cool the sample from room

temperature at a certain heating or cooling rate. Pictures are taken by a high-definition

digital camera to record the physical appearance of the samples that allows monitor-

ing the physical properties of pyrotechnic samples continuously as a function of

temperature. This method is not only simple, universal and safe to operate, but also

provides a new way to analyze the stability of the pyrotechnic composition.

Keywords Pyrotechnic composition • Physical properties • Continuous testing

method • Temperature adaptability

Introduction

Pyrotechnic composition is a dedicated, special energetic material for pyrotechnic

devices, the role of which is to release combustion, deflagration or explosion energy

after rapid chemical reaction by accepting weak stimulation energy from a pyro-

technic transducer element [1–3]. The released energy helps achieve ignition, pass

fire, initiation, booster, extension, for the power and fireworks effects in pyrotech-

nic devices and, therefore, the pyrotechnic materials are widely used for altitude

control, isolation and unlocking, pressing and releasing, as well as in other mech-

anisms of satellites and spacecraft.

Compared to other energetic materials, ignition powder that is one of the most

sensitive energetic materials with very special functions has unique explosion and
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combustion characteristics. Usually, there are three types of chemical reaction

energy outputs: the detonation type, the combustion type, and the pneumatic

force power type. Ignition powder is the most sensitive explosive with high energy

density, excellent self-activating and self-oxidizing system. It belongs to meta-

stable materials, which can lead to explosive reaction even if the outside stimulation

is by low energy.

In the past, the ignition powder devices experienced temperatures in the range of

60 �C. With the rapid development of space technology, deep space probes begin to

face conditions with over 100 �C ambient temperature, requiring higher environ-

mental adaptability for the ignition powder power devices. For the burning powder

devices, the physical and chemical properties of ignition powder are equally

important when varying with the process temperature, because any change in the

ignition powder effects significantly the success of the detectors’ task.
At present, a variety of ignition powder chemical properties depending on

temperature can be tested by Differential Scanning Calorimetry (DSC) or by

other methods, but they do not allow evaluating the change of physical properties,

mainly due to the unique explosion and combustion characteristics of the powder,

which may be dangerous to test personnel. Thus, it becomes a technical difficulty,

as well as an urgent problem to be solved how to test the variety of ignition

powder’s physical properties in a safe, simple, and effective way.

Analysis of Existing Test Methods

The existing continuous testing methods are mainly based on the Differential

Scanning Calorimetry (DSC) methods used to continuously detect the decomposi-

tion reactions of ignition powder taking place with temperature change [4–9]. As

can be seen from Fig. 1, a DSC cell is composed of a lid, a crucible, a heating block

and thermocouples. The test procedure is as follows: weight a small amount of the

sample material and the reference material, place them in the crucibles and cover

the lid, then start the DSC test, while the heating block heats or cools the test sample

and the reference at a pre-set temperature rate of 5 �C/min. The thermocouples

monitor the temperature of the sample and the reference and it is displayed in the

DSC’s terminal interface, which can continuously monitor the decomposition

reactions of the samples with the change of temperature.

The fundamental principle of the existing method is that it measures the relation

between power difference and temperature of the sample and the reference based on

the pre-set heating or cooling process of DSC. When there is temperature difference

between the sample and the reference, it does not record temperature directly, but it

records the compensation power required to compensate for the temperature dif-

ference of the test sample and the reference, meanwhile, the heat flow rate versus

temperature of the test sample is displayed on the terminal screen of the DSC

instrument. The rate of heat flow indicates the absorption and heat release rate of the

sample, which can supervise the initial decomposition temperature, initial
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decomposition time, maximum decomposition temperature, peak temperature time,

and other chemical properties versus temperature change.

This method is primarily used to test the chemical properties of a variety of

pyrotechnic compositions with temperature change. For the pyrotechnic composi-

tion power devices of deep space probes, it is required not only to assess the

chemical properties of the pyrotechnic composition with temperature change, but

also to evaluate the physical properties, however, the DSC method can only reflect

the chemical properties change with temperature.

Design of New Test Method

In order to test the change of pyrotechnic composition with temperature from the

physical morphology changes point of view, this study suggests a design for a new

method. The schematic of the new method is shown in Fig. 2.

According to the proposed method, the lid of the DSC instrument is removed

when the samples are placed in the crucible and pictures of the sample appearance

are taken by a high-definition digital camera, thus, the appearance change is

followed when the sample is continuously heated or cooled at a certain temperature

rate in the DSC instrument that is also continuously testing the physical changes of

the pyrotechnic composition under different temperature conditions.

Fig. 1 DSC method to test

the pyrotechnic powder

decomposition with

temperature. 1 lid;

2 sample; 3 reference;

4 crucible; 5 heating block;

6 thermocouples
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The procedure of the new method can be described as follows:

1. Before experiment: Open the lid of the DSC instrument, weight up to 0.5 mg of

the pyrotechnic sample and the reference in two uncovered crucibles that allows

taking pictures of the sample and the reference by a high-definition digital

camera, and in the same thermal environment as well, therefore, it won’t affect
accuracy of the test data, like the initial decomposition temperature, initial

decomposition time, maximum resolution temperature, time peak, and others,

that the DSC instrument can accurately test. Place a high-definition digital

camera in a confined space environment of the DSC instrument, without venti-

lation, to ensure the thermal environment of the sample and the reference in

strictly at the heating or cooling rate preset by the DSC instrument. It is

important that the maximum heating temperature is set at least 30 �C lower

than the flash point to guarantee the safety of the personnel, but with no

minimum temperature limitation.

2. Preparing an experiment: There are two kinds of pyrotechnic composition states,

the loose state and the compacted state. From the observation of loose samples,

obtain the properties of pyrotechnic composition changing with temperature,

and discover the reaction of the pyrotechnic device under continuously changing

temperature from testing a simulated explosive device with compacted pyro-

technic composition. The optimal weight of the loose sample is 0.5 mg, while the

optimal weight and charge method of the compacted sample should be based on

the type of the pyrotechnic device. In this method, it can accurately test the

physical properties of pyrotechnic composition varying with temperature on one

hand, and test its physical properties inside the pyrotechnic device on the

other hand.

Fig. 2 New method to test

the physical changes of

pyrotechnic composition.

1 high-definition digital

camera; 2 sample;

3 reference; 4 crucible;

5 heating block;

6 thermocouples
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3. Beginning of experiment: Set the heating or cooling rate of the DSC at 5 �C/min

to heat or cool the sample and the reference from the initial temperature. The

5 �C/min preset temperature rate of the heating block is optimal at uniform

heating for the sample and the reference, and also it offers enough time for the

high-definition digital camera operators to take pictures. The temperature of the

samples is displayed on the terminal interface of the DSC, which should be

matched with the relevant pictures in order to compare the difference.

4. Take a picture of the pyrotechnic sample every 10 �C with the high-definition

digital camera and record the temperature on the DSC terminal interface, to

ensure that the taken photographs are in correspondence with the temperature.

Besides, when photographing the sample and the reference, it is important to

achieve the high-definition digital camera precise focus and to keep the focus

and the camera position unchanged, to ensure the photographs would be

comparable.

5. Compare the photographs taken by the digital camera to analyze the variation in

color, volume, particle size, and other physical performance of the pyrotechnic

composition, which can provide the properties change of the pyrotechnic com-

position under difference temperature conditions from the physical point

of view.

In conclusion, the new method which just needs a high-definition digital camera

and the DSC instrument is easy and simple to operate. The test results are based

on physical properties testing and supplemented by chemical testing.

Case Studies

A test was carried out on the primary explosive of an aerospace pyrotechnic device

using the above testing method. The typical test results are as follows:

1. Figure 3 presents the pictures of loose primary explosive physical properties

during a continuous heating process, from which it can be seen that the color

changes little below 110 �C, but it begins to get lighter at 110 �C and a small part

turns brown at 160 �C, then the most part becomes brown at 180 �C, finally the

whole sample turns brown at 200 �C. Therefore, the physical properties of the

loose primary explosive and the change dynamics can be obtained during the

heating process.

2. Figure 4 presents the pictures of compacted primary explosive physical proper-

ties during a continuous heating process. It can be noticed that the color has no

changes below 110 �C, but it starts to change at 110 �C and the surface color

turns light brown at 160 �C, then turns dark brown at 180 �C, accompanied by

some volume expansion, swelling and cracking. As a result, it shows the

physical properties change of the compacted primary explosive in terms of the

color, charge density, appearance, and other physical parameters, which is

related indirectly to difference status of the pyrotechnic device explosive with

temperature change.
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3. Figure 5 is the typical test result of the primary explosive chemical properties

change after a continuous heating process based on the new method. It is obvious

that heating of the primary explosive starts at 110 �C and reaches an endothermic

peak between 160 and 180 �C, which suggests that chemical reaction in the

primary explosive begins, and the first chemical reaction rate peak appears

between 160 and 180 �C. These results allow to discuss the evolution of the

thermodynamic parameters of primary explosive during continuous heating, like

the decomposition temperature, the initial decomposition time, the maximum

decomposition temperature, and the peak temperature time. The chemical

Fig. 3 Appearance change of a loose primary explosive during continuous heating

Fig. 4 Appearance change of a compacted primary explosive during continuous heating
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properties change of the primary explosive with different temperature can also

be discussed from the chemical point of view.

Conclusions

This paper presents a new method which represents a combination of the Differ-

ential Scanning Calorimetry with a high-definition digital camera for testing the

physical properties change of the pyrotechnic composition with temperature. The

new method was applied for testing of a primary explosive and allowed to success-

fully obtain the continuous change of its properties for the loose and compacted

samples.

The results of the experiment showed that this method allows to evaluate the

physical properties change with temperature in an easy, universal, and safe way,

which offers a new method for a stationary analysis of the pyrotechnic composition.
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Re-entry Aerothermal

Environment Simulation of the TPS

of Hypersonic Flight Vehicles

Xinyan Ji, Jing Wang, and Yirong Wang

Abstract The thermal performance, structural integrity, reusability and aerody-

namic stability are important parameters of hypersonic flight vehicles. A simulation

test for the re-entry aerothermal environment is required to verify the thermal

protection system (TPS). The TPS is exposed to an aggressive aerothermal envi-

ronment during the atmospheric re-entry of hypersonic flight vehicles, especially

because temperature of the hot-structure control surface can reach more than

1800 �C. This paper describes an approach to simulate the aerothermal environment

of the actual flight trajectory by testing in a ground-based facility, including a test

setup, aerodynamic heating calculation, heater layout design, thermal boundary

conditions control and temperature measurement methods. The simulation results

meet the desired temperature distribution on the TPS during re-entry. The effec-

tiveness analysis of test conditions and instrumentation is also discussed in this

paper. The study will be significant for TPS materials and structure design of

hypersonic flight vehicles.

Keywords Re-entry • Aerothermal environment • Thermal protection system

Introduction

Simulation of the atmospheric re-entry of hypersonic flight vehicles, by testing in a

ground-based facility, needs to carry out aerodynamic heating modeling of a hot

structure and to use the predicted aerodynamic heating to calculate the transient

temperature response of the test article. The heating system design goal [1] is to

design a test setup to simulate the desired temperature distribution. Before testing, a
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test condition analysis must be performed using the actual boundary conditions, for

example, providing more representative pre-test predictions and better correlation

between the test data and analysis. Finally, it is required to provide valid strain and

temperature data to support the validation of the finite element modeling techniques

and thermal structural analysis.

Hot-Structure Physical Modeling and Thermal Modeling

The C/SiC Ruddervator (RSTA) [2–5] is a hot-structure control surface of the

Reusable Launch Vehicle (RLV) that was designed for thermal analysis and

studying of the test method but it was never tested under the real RLV program.

The RSTA is a truncated version of the full-scale RLV control surface but it

incorporates all major full-scale features, including the metallic spindle, five

major C/SiC quasi-isotropic lay-up components fastened together with, mainly,

C/SiC fasteners, and the face sheets that serve as access panels for the RSTA

assembly. The RSTA surface temperature is in excess of 1800 �C.
Figure 1 shows the C/SiC ruddervator subcomponent test article (RSTA). The

test article is the flight-weight truncated full-scale RLV RSTA and includes five

C/SiC boxes spared with C/SiC fasteners. There is an inconel 718 spindle with

C/SiC torque boxes spared with inconel 718 bolts mounted at 2500 from the center.

Access panels are mounted with Rene 41 screws.

Figure 2 shows the C/SiC RSTA geometry for thermal modeling created in the

thermal analysis software named The Thermal Desktop. The Thermal Desktop is

170cm

1
6
0
cm

1
9
0
cm

200cm

RLV

RSTA

Fig. 1 Location of the

RSTA on an

imaginary RLV
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able to import and analyze FEM models directly, without the typical ad-hoc

“element centroid” conversion process.

Heater (Quartz Lamp) Physical Modeling and Thermal

Modeling

A quartz lamp and/or graphite heaters are selected depending on temperature and

heat flux requirements. A typical quartz lamp is shown in Fig. 3 and the thermal

modeling for this lamp is shown in Fig. 4. In order to achieve a longer heating time

and higher temperature, a multi-zone quartz-lamp heater setup was designed, with

polished aluminum reflectors increasing the heat flux and water (gas) cooled pipes

decreasing the wall temperature of quartz lamps. The maximum temperature of the

typical multi-zone quartz lamp heater is 1430 �C. The modular quartz-lamp heater

is shown in Fig. 5.

Fig. 2 The C/SiC RSTA geometry for thermal modeling

16cm

Quartz Lamp

（400w）

Fig. 3 The quartz lamp
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Thermal Boundary Conditions

Thermal simulation is carried out in a nitrogen-purged atmosphere. Figure 5 shows

the radiative exchange between the test article and test equipment. The edges of this

modular quartz lamp heater radiate to the chamber wall, the lower surface radiates

to the cold-plate. The heater is able to heat efficiently the front surface, the edges, as

well as the inboard/outboard surfaces.

The test setup allows testing in a controlled temperature environment which

includes a heat exchanger, a cold-plate and the heaters. The temperature control

equipment also includes heat sinks and insulated surfaces.

Fig. 4 Quartz lamp thermal modeling

Typical multi-zone quartz-lamp
heater setup

Radiates to
heat sink

Trailing edg eradiates to
chamber wall

Lower surface radiates to
coldplate

Ceramic board
edge reflector

8
cm

16cm

Fig. 5 Modular quartz lamp heater
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The Multi-zone Quartz-Lamp Heater Simulation

The heating layout was planned out and heaters were arranged in zones in the

created multi-zone quartz-lamp heater, simulating the heating process of the

ruddervator subcomponent test article. The heaters were grouped as required to

simulate the modeled and predicted aerodynamic heating distribution. The model-

ing results were used to determine the number of temperature control zones and the

temperature error as a function of the number of temperature control zones, as

shown in Figs. 6 and 7.

Temperature Distribution on
TD Thermal Model

Zone 1

Zone 4

Zone 7

Zone 2 Zone 3

Zone 9

Zone 6

Zone 8

Zone 5

Heater Selection &
Heating Zone Layout

Fig. 6 Typical temperature control zones
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Fig. 7 The number of temperature control zones vs. temperature errors
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Suggestions for Improved Heaters Design

1. Heaters should be arranged in zones

• Group heaters as required to simulate the predicted aerodynamic heating

distribution

• Extend heaters past the edges of the test article to minimize end effects

• Bake out the heaters to minimize the lamp effects end thermal losses

• Custom heater designs are often required for unique heating applications

• Structures with heat sinks or complex shapes may require tailored lamp

spacing, lamp lengths, and/or voltage requirements

2. Specific heat boundary conditions should be created

• Separate zones with radiation barriers to minimize the “cross-talk” effect

• Use barriers around heaters to minimize the edge effects and to reduce natural

and forced convection

• Use reflective plates, ceramic boards, etc.

• Use reflectors to provide heating extended past the test article edges
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